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PREFACE 


The  use  of  simulation  techniques  in  some  form  to  represent  conditions  in  flight  has  been  one  of  the  cornerstones 
of  aeronautical  research  and  development  from  its  inception.  Initially  the  wind-tunnel  was  the  primary  tool  in  such 
testing,  but  in  recent  times  ground-  and  in-flight-  simulation,  flight  demonstrators  including  piloted  aircraft  and  remotely 
piloted  vehicles,  and  analytical  prediction  methods  have  all  been  used  to  represent  in-flight  conditions  in  order  to  predict 
flight  behaviour  in  advance  of  actual  flight  of  the  simulated  project. 

The  question  of  the  extent  to  which  the  simulation,  in  whichever  form  it  is  performed,  truly  represents  the  con¬ 
dition  which  it  is  intended  to  simulate,  has  consequently  always  been  of  primary  concern,  and  it  has  been  addressed 
many  times.  Until  now  this  consideration  has  been  directed  primarily  to  comparison  of  wind-tunnel  and  flight  data, 
and  this  focussed  attention  on  the  need  to  improve  wind-tunnel  simulation.  A  Flight  Mechanics  Panel  meeting  at 
Valloire  in  1(>75  dealt  primarily  with  wind-tunnel/flight  comparisons,  and  this  could  be  said  to  have  raised  as  many 
problems  as  it  solved,  in  both  wind-tunnel  and  flight  test  techniques.  The  Flight  Mechanics  Panel  decided  in  11>X0  that 
the  time  was  ripe  for  a  further  review  of  progress,  this  time  on  a  wider  basis  than  the  Valloire  meeting  and  addressing 
the  spectrum  of  simulation  techniques  now  in  use.  This  led  to  the  symposium,  held  in  Turkey  in  October  1 0 K 2 .  which 
is  reported  in  these  Proceedings. 

The  Symposium  noted  that  there  have  been  major  improvements  in  predictive  capabilities  in  the  last  decade.  Large 
advances  in  wind-tunnel  and  flight  test  instrumentation  and  data  processing  have  provided  better  confidence  in  the  data 
and.  consequently,  improved  comparison  bases.  Even  larger  advances  have  been  made  in  computational  aerodynamics 
and  this  has  provided  the  basis  for  an  efficient  design  tool  for  transport  aircraft.  New1  wind  tunnels  on  both  sides  of  the 
Atlantic  have  significantly  enhanced  prediction  capabilities.  Improved  flight  test  techniques  and  measurement  accuracy 
have  provided  a  powerful  tool  in  support  of  prediction.  However,  in  spite  of  all  these  improvements  there  is  still  a 
problem  in  providing  accurate  and  satisfactory  performance  predictions.  Fxamples  were  cited  which  noted  that  for 
twelve  American  commercial  aircraft,  the  drag  prediction  was  just  as  apt  to  be  high  as  low.  Concern  was  also  expressed 
that  with  the  increasing  sophistication  of  test  and  prediction  techniques,  engineers  may  lose  “track"  of  the  physics  of 
the  process  of  prediction  and  comparison. 

Future  symposia  and/or  specialist  meetings  should  be  conducted  on  a  regular  basis  to  ensure  an  adequate  exchange 
of  information. 


P.POISSON-QUINTON 
Member,  FMP 


F.STOLIKER 
Member.  FMP 
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CONCLUSIONS  OF  THE  FMP  SYMPOSIUM  IN  VALLOIRE  (1975) 
AND  PROGRESS  ON  GROUND/FLIGHT  CORRELATION 


by  Ph.  POISSON-QU INTON,  ONERA,  Fr. 


More  than  seven  years  have  elapsed  since  our  first  Flight  Mechanics  Panel  Symposium  focused 
on  the  review  of  test  techniques  available  at  that  time  both  on  the  ground  and  in  flight  for  the 
development  of  new  aircraft  (ref.  1). 


I)  The  major  conclusions  and  recommandations  derived  from  a  large  number  of  informative  papers  and  from 
discussions  are  summarized  below: 

-  Difficulty  in  defining  the  lowest  test  Reynolds  number  in  a  wind-tunnel  which  gives  flow 
conditions  adequatly  representing  those  of  actual  flight  conditions:  that  is  why  there  is  a  strong 
need  for  tunnel  testing  at  Reynolds  numbersas  close  as  possible  to  the  flight  values; 

-  Many  of  the  problems  ascribed  to  Reynolds  number  effect  are  probably  the  result  of  inadequacies  in 
the  modeling  techniques:  wall  and  support  effects,  flow  quality,  detailed  and  precise  model 
representation,  aeroelastic  deformation  of  the  model  under  large  loads,  choice  of  adequate  rough¬ 
ness  for  boundary  layer  transition  tripping,  etc.; 

-  The  computer  will  play  an  over-increasing  role: 

*  for  monitoring  and  on-line  data  processing  and  analysis  in  ground  facilities  and  in  flight; 

*  for  interpretation,  correction  and  extrapolation  of  wind-tunnel  data; 

*  and  for  theoretical  predictions  used  to  reduce  testing  time  and  cost. 

-  There  is  a  need  for  more  direct  communication  between  the  design  team  and  wind-tunnel/flight 
personnel . . . 

...that  is  why,  7  years  later,  we  are  again  together  to  review  our  progress  on  these  various 
statements,  which  are  still  valid. 

However,  I  shall  try,  in  this  short  introduction,  to  show  you  some  typical  advances  we  have  made 
everywhere  in  the  AGARD  community  to  improve  our  techniques  for  a  better  prediction  of  performance 
and  flying  qualities. 

On  the  other  hand,  we  shall  conclude  this  Symposium  by  a  Round  Table  discussion  centred  on  the 
answers  to  a  five-items  questionnaire  sent  by  the  Technical  Programme  Committee  to  well  known 
specialists  in  the  AGARD  community: 


1  -  What  are  the  advantages/disadvantages  of  different  prediction  techniques? 

2  -  What  portions  of  the  flight  regime  cannot/should  not  be  addressed  by  ground  based  techniques? 

3  -  Are  there  areas  where  analytical  predictions  can  be  better  than  wind-  tunnel  and/or  simulation 

results,  and  vice  versa? 

4  -  Are  there  methods  of  reducing  differences  between  predictions  and  flight  test  results? 

5  -  Are  there  new  prediction  techniques  that  should  be  emphasized? 

The  analysis  of  a  great  number  of  answers  will  be  presented  by  Dr.  John  Williams,  who  is  also  in 
charge  of  writing  the  Technical  Evaluation  Report  of  our  Symposium  (ref.  2). 
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II)  Now,  let's  see  some  examples  of  progress  we  have  made  in  the  major  test  centers  represented  in  this 
symposium : 


II. 1)  A  BETTER  DUPLICATION  OK  THE  REYNOLDS  NUMBER  IN  WIND-TUNNEL  TESTING: 

On  Figure  1 ,  we  have  given  the  various  methods  to  increase  the  test  Reynolds  number  .u  a 
wind-tunnel  and  on  Figure  «? ,  we  have  listed  the  various  facilit  ies  re< -i-nt  ly  developed  for  that 
purpose: 

A )  Tunnels  with  very  large  test-sections : 

-  NASA  has  found  that  the  size  limitation  of  their  Ames  40  x  80  loot  wind-tunnel  primarily 
constrained  fixed-wing  Aircraft  investigations,  while  the  existing  speed  limitation  primar¬ 
ily  constrained  rotary-wing  testing;  to  meet  these  requirements  (ref.  3),  modification  of 
the  40  x  80  ft  tunnel  includes: 


repowering  the  existing  tunnel  (<?7  MW  to  100  MW)  to  attain  higher  speed  in  the  existing 
closed  test  section  (100  m/s  to  150  m/s) 

and  adding  a  new  and  larger  test  section  (80  x  1 20  ft  =  04  x  3‘*  m" ) 
able  to  reach  a  speed  of  50  m/s  and  utilizing  the  same  power  installation. 


The  modified  tunnel  with  its  new  open  circuit  is  sketched  on  Fig  3 ;  furthermore  the 
background  noise  in  the  test-sections  have  been  minimized  by  an  acoustic  treatment  to 
perform  aeroacoustic  research. 
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Figure  2 


MAJOR  EUROPEAN  SUBSONIC  TUNNELS 
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-  A  large  Dutch-German  subsonic  tunnel  (DNW)  has  been  recently  built  in  the  Polders  and  is 
operated  since  1980  by  NLR  and  DFVLR;  3  interchangeable  test  sections  are  available: 
9,5  x  9,5  -  8  x  6  and  6  x  6  with  speeds  ranging  from  60  to  ISO  m/s  ( Fig .  4 ) . 

B)  Testing  of  Full-Scale  Aircraft  parts  (half  wing-fuselage,  fuselage-  engine,  etc.)  are  often 
tested  in  the  ONERA  SI  Modane  sonic  tunnel  (D  =  8  m);  thus  flight  condi tions’ can  be  duplicated 
on  an  actual  wing  before  flight  testing  with  the  full  instrumentation,  as  shown  on  Figure  5 
for  a  DORNIER/ONERA  research  programme  on  an  advanced  wing,  fitted  on  the  Alpha jet  Trainer 
(see  paper  Nr.  4  in  this  Symposium). 

Another  interesting  example  of  the  Flight  Reynolds  number  duplication  (20  x  10^)  is  given  by  a 
special  rig  installed  in  the  8  ft  transonic  tunnel  at  NASA-Langley ,  where  a  large  wing  is 
tested  between  area  ruled  walls  to  validate  the  laminar  flow  control  concept  at  full-scale 
( Figure  6  and  ref.  41. 


Figure  * 


Figure  6 


C)  New  Pressurised  Subsonic  Tunnels  have  been  recently  put  in  operation  by  0!¥£ RA  at  Toulouse-Le 

Fauga  (4,5  x  3,5  m  ,  Pgta  =  4  bars)  and  gy  RAE  at  Farnborough  (5  x  4,2  nr  ,  Pgta  =  3  bars) 

which  permit  to  reach  mor§’  than  Re  =  7.10  on  a  complete  model  with  high  1 i ftssy§tems  and  to 

analyse  separately  Reynolds  and  Macn  numbers  effect  (Fig.  4). 

D)  Finally,  cryogenic  temperatures  in  the  return  circuit  can  be  obtained  by  liquid  nitrogen 

injection  which  permit  to  multiply  the  Reynolds  number  by  a  factor  of  4  for  given  stagnation 
pressure  and  Mach  number  (ref.  6).  This  cryogenic  technology  have  been  recently  developed  both 
in  US  and  in  Europe,  at  first  on  several  transonic  pilot  tunnels  (NASA-TCT,  0NERA-T2),  agd 
then  for  the^new  large  transonic  NTF  tunnel  at  NASA/Langley  (test-section:  2,5  x  2,5  m  , 

Rec  =  120  x  10  at  M  =  1,  see  Fig.  7  ^and  ref.  5)  and  ^for  a  modified  subsonic  tunnel  at  DFVLR/ 
Porz-Wahn  (test-section:  2,4  x  2,4  m  ,  Re  o'  8  x  10  );  an  European  Transcmic  Cryogenic  ETW 
tunnel  is  under  study  by  a  NLR/ONERA/RAE/rfFVLR  team  (test-section  2,2  x  2  m  ,  Re  ~  50  x  10 
at  M  =  0,9).  C 

It  is  interesting  to  s^e,  on  Figure  8,  that  the  strong  influence  of  the  Reynolds  number 
variation,  up  to  40  x  10  ,  has  been  already  demonstrated  by  a  2Dim.  supercritical  wing  testing 
(NASA/DFVLR)  in  the  Langley  cryogenic  pilot  tunnel  and  in  other  facilities. 

But  it  must  be  reminded  some  new  problems,  unique  to  cryogenic  tunnels,  with  their  very  cold 
testing  environment  (120°K  instead  of  300°K!): 

-  New  testing  techniques  and  procedures; 

-  New  model  fabrication  techniques  (metal,  composite...) 

-  New  model  equipment  (forces,  pressures,  accelerometers. . . ) . 

Sophisticated  instrumentation  must  be  developed  for: 

.  a  precise  detection  of  the  boundary  layer  transition,  and 
.  precise  model  thermal  conditioning  and  control. 

It  remains  also  some  old  problems  in  such  pressurized  tunnels: 

.  interference  corrections  for  huge  model-support  systems; 

.  precise  on-line  measurement  of  model  deformations. 
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Figure  7 
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Figure  9 


Figure  $ 


11.2 )  BETTER  APPROACHES  TO  REMOVE  THE  WIND-TUNNEL  WALLS  CONSTRAINTS: 

-  Better  wall  corrections  are  now  calculated  for  both  plain  and  transonic  perforated/slotted  test 
sections  (see  next  paper  Nr.  2,  by  AEDC/ONERA); 

-  But  another  approach  is  the  development  of  "adaptive  walls"  with  a  computer  in  the  loop  to 
monitor  the  wall  deformation  giving  an  "infinite"  environment  around  the  model  (ref.  6),  thus 
avoiding  wall  correction;  furthermore  a  larger  model  chord  can  be  used  for  a  given  test 
section;  such  a  concept  is  already  operational  in  the  ONERA/CERT  T2  tunnel  for  2Dim.  transonic 
t  sting,  (Figure  9)  and  will  be  combined  with  the  cryogenic  technology  in  the  near  future 
(blow-down  operation  with  cold  model  injection  in  the  test  section). 


I I. 3)  INTEGRATION  OF  COMPUTATIONAL  FLUID  DYNAMICS  AND  WIND-TUNNEL  TESTING 

The  increasing  role  of  the  computer  is  certainly  the  most  important  fact  in  the  last  few 
years.  As  shown  on  the  table  of  Figure  10,  the  computer  is  already  used  for  improving  the  test 
operations,  and  to  correct  wind-tunnel  data;  in  the  near  future,  its  role  will  be  extended  for 
CFD  codes  assessment  and  as  a  guide  during  testing  (interactive  CFD). 

The  spectacular  improvement  of  wind-tunnel  efficiency  (measured  in  millions  of  informations  given 
to  the  customers  every  year)  is  illustrated  on  Figure  11  for  the  two  major  tunnels  of  the 
ONERA/Modane  Center,  thanks  to  a  better  computer  integration  for  data  acquisition/reduction 
during  the  last  ten  years. 


I I. 4)  PROGRESS  IN  COMPUTATIONAL  FLUID  DYNAMICS  (C.F.D.): 

The  exponential  progress  in  both  hardwire  and  software  since  twenty  years  will  certainly  open  the 
way  to  very  powerful  "sup  --computers"  <  dioated  to  CFD  in  the  next  twenty  years  (ref.  7). 

This  trend  is  illustrate^  ..  gi’ au  i2 ,  where  we  have  plotted  the  capability  of  Computational 
Fluid  Dynamics  to  solve  n  and  more  sophisticated  equations  for  a  theoretical  approach  of 
Aircraft  Design ,  as  a  function  of  the  computer  development  since  1960  and  for  the  future 
(approximatly  scaled  in  computational  speed,  in  Mflop). 
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figure  12 


Figure  13 


But  there  are  some  important  conditions  for  progress  in  CFD: 

-  Increasing  storage  capacity  of  the  computers  available  on  the  market. 

-  Better  ability  to  generate  coordinate  systems  for  complex  Aircraft  configurations. 

-  Development  of  sophisticated  algorithms  to  solve  the  flow  field  equations,  including  discon¬ 
tinuities  (shock-waves,  vortex  sheets,  strong  separations,...)  by  finite  difference,  finite 
element,  spectral  methods,... 

-  Capability  for  modelling  turbulent  flow  to  be  introduced  in  future  Nav ier-Stokes  approaches 
(Reynolds  averaged,  large  eddy  simulation) 

...and  better  ability  to  visualize  the  computed  results  (quick  analysis,  decision  to  reorient  a 
costly  programme,...). 


I 1.5)  TOWARDS  A  NEW  AERODYNAMIC  DESIGN  METHODOLOGY  FOR  AIRCRAFT: 

Up  to  now,  with  the  present  computer  capability,  the  Aircraft  design  work  is  limited  to  the  study 
of  simplified  models  before  extensive  wind-tunnel  evaluation  of  various  shapes  of  a  new  project; 
and  the  computer  is  extensively  used  for  "identification",  i.e.  to  understand  the  problems  shown 
by  the  wind-tunnel  results  and  to  extrapolate  them  to  flight  conditions. 

In  the  future,  with  the  availability  of  some  "supercomputer"  the  manufacturer  will  certainly  be 
able  to  calculate  an  "optimized"  design  before  wind-tunnel  testing,  for  validation,  on  a 
sophisticated  large  model  in  the  best  facility  available  (cryogenic  capability?). 

This  trend  is  illustrated  on  Figure  13;  but  wind-tunnel  and  computer  approaches  will  still  remain 
balanced  and  complementary  to  develop  an  optimized  new  Aircraft  during  the  next  decade. 
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To  conclude  this  introiiiu  t  ion,  it  seems  I'MU-i.jt.ry  to 
to  help  the  designer  tor*  active  control  technology 
shown  on  Figure  14,  both  ground  testing  and  !'l  ight  t. 
and  tor  validation  of  the  various  applications  of  ASS 

-  Relaxed  at abilities 

-  Manoeuvre  enhancing*  or*  limiting 

-  Airframe  eonf igurat ion  management 

-  Load  alleviation 

-  Structural  nodes  control. 

This  includes  a  very  different  cockpit  installation 
to  be  evaluated  on  sophisticated  ground  and  fligl 
developed  by  NASA-Ames  and  by  the  rrencti  Flight  Test 
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On  the  Flight  Resear»'h  side,  NASA-Pryden  fen  ter  has  recently  operated  very  s  q'h :  s  t  :  cat  e  1 
filleted  Research  Vehicle  (  HI'HV  "HI  MAT”  for  example*  and  Kenot  ly  Augrren  t  ed  Veil ;  c  1  e  '  Fxper  :  "!e'r 
RAV/F-S  Aircraft)  to  study  flying  qualities  and  adaptive  control  with  Active  Control  S\s* 
(Figure  ltU  . 

But  another  very  efficient  way  for  AfT  evaluation  is  the  modification  of  an  existing  product 
A  i  rcra  ft  with  adequate  "  f  1  y-hy-w  i  re"  ,  computers  and  eleett'o  hydraulic  I'tMil  ivhu  tins  was  op. 
by  US-Aip  Force  with  the  P-!0  'VCV ,  the  F-d  iW  and  the  F-lo  iVV  programmes  m  the  seven!  . 
Ttore  recently  several  sophist  irafed  Flight  Research  programmes  have  been  i.iunchod  in  sev*. 
count  ri es : 

.  F-1P4/MHR  and  Alphnjet/KKL  in  Germany 
.  Fxperiment.«al  "fly-by -wire"  Jaguar  in  UK 
.  F-lll/AFTI,  L-1011  and  F-lo'AFTI  in  US 

.  Reduced  Stability  Airbus  and  Relaxed  Stability  foneerde  in  Kuropc. 
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-  On  the  Wind-Tunnel  side,  Figure  17  illustrates  the  main  methods  used  for  ACT  Research: 

.  Tests  on  "rigid"  models  with  active  control  surfaces  to  generate  a  comprehensive  data  base  on 
unsteady  aerodynamics,  mandatory  for  an  ACT  Aircraft  project;  such  a  programme  recently 
performed  by  ONERA/  MBB/VFW/ AEROSPATIALE  in  the  large  31  Modane  Tunnel  is  illustrated  or. 
Figure  IB. 

.  Two  other  approaches:  free-flying  Aircraft  model  catapulted  through  a  local  jet  (to  simulate 
vertical  or  lateral  gust,  French  IMFL  Laboratory',  or  semi-free  model  behind  a  gust  generator 
in  the  test-section  (  DFVLR-Braunschwe  i  g  will  be  described  in  paper  Nr.  17  during  this 

Symposium;  at  ONERA,  we  have  recently  validate  a  gust  generator  system  in  a  pilot-tunnel  for 
future  application  in  the  large  SI  Modane  tunnel  in  view  of  generating,  in  the  front  of  big 
models,  some  prescribed  gusts  up  to  transonic  cruise  regime. 

.  Another  approach  is  used  by  NASA/Langley  with  remotly  piloted  free-  flying  ACT  model  in  their 
full  scale  tunnel  open  section. 

.  Finally,  aeroelastic  models  with  active  flutter  control  system  are  used  since  several  years  ir. 
the  NASA/Langley  TDT  tunnel  and  in  the  ONERA/Modane  32  tunnel  to  validate  adequate  flutter 
control  laws  for  military  Aircraft  (with  dangerous  external  stores'  or  civil  Aircraft  project 
(with  flexible  high  aspect-ratio  wings).  This  approach  is  also  used  in  flight  on  RPEV  by 
NASA-Dryden  (see  paper  Nr.  20  during  this  Symposium). 
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Calspan  Field  Services,  Inc. 
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and 

X.  Vaucheret  and  X.  Bouis 

Office  National  d'Etudes  et  de  Recherches  Aerospatiales 
ChStillon  sous-Bagneux 
Hauts-de-Seine,  France 


SUMMARY 

In  response  to  the  increased  complexity  and  cost  of  testing,  wind  tunnel  operators 
are  doing  many  things  to  improve  test  effectiveness.  This  paper  describes  several  recent 
innovations  designed  to  increase  the  amount  of  information  obtained  during  a  test,  to  re¬ 
duce  information  unit  cost,  and  to  improve  data  quality. 


INTRODUCTION 

During  the  past  few  years  the  complexity  of  wind  tunnel  tests  has  increased  dramat¬ 
ically.  In  the  larger  facilities,  it  is  exceptional  to  conduct  a  test  with  only  a  single 
six-component  balance  and  a  base  pressure  measurement.  It  is  not  now  uncommon  to  install 
a  wind  tunnel  model  with  two  or  more  balances  and  make  a  few  hundred  pressure  measure¬ 
ments  at  the  same  time.  It  is  not  surprising  that  ONERA's  experience,  Fig.  1,  shows  that 
the  amount  of  steady-state  data  acquired  in  ONERA  tunnels  SIMA  and  S2MA  has  increased  by 
1000  percent  in  the  past  decade.  As  a  result  of  this  activity,  wind  tunnel  operators 
have  been  encouraged  by  their  customers  to  improve  test  effectiveness.  The  operators  are 
responding  along  three  fronts  (1)  increasing  the  amount  of  information,  as  opposed  to 
data,  which  can  be  obtained  in  ground  test  facilities,  (2)  reducing  test  costs  per  data 
unit,  and  (3)  improving  data  quality.  These  goals  are  interrelated,  but  their  evaluation 
is  generally  difficult  because  a  good  measure  of  test  effectiveness  applicable  to  a  wide 
range  of  test  types  has  not  been  found.  However,  the  lack  of  an  effective  measure  is  not 
a  deterrent  to  progress.  Efforts  to  increase  the  amount  of  information  have  led  to  im¬ 
proved  test  techniques,  improved  model  and  environmental  simulation,  and  new  and  improved 
instrumentation  systems.  Efforts  to  reduce  costs  have  taken  several  approaches:  develop¬ 
ing  methods  of  ( a 3  obtaining  only  the  required  information  rather  than  full  data  matrices, 
(b)  taking  data  faster,  (c)  testing  at  the  lowest  possible  Reynolds  number,  and  (d)  using 
computations  to  plan,  correct,  verify,  extrapolate,  interpolate,  and  interpret  test  data. 
Efforts  to  improve  the  data  quality  are  being  directed  toward  (a)  improving  tunnel  flow- 
uniformity,  (b)  reducing  and  correcting  for  support  interference,  (c)  reducing  and  cor¬ 
recting  for  wall  interference,  (d)  improving  simulation  techniques,  and  (e)  improving 
measurement  techniques  and  accuracy.  A  potpourri  of  the  results  from  several  of  these 
efforts  chosen  either  from  AEDC  or  ONERA  experience  are  discussed  herein. 

PROPULSION  SYSTEM  SIMULATION  FOR  TRANSPORT  CONFIGURATIONS 

Today  about  half  of  the  direct  operating  costs  of  civilian  transport  aircraft  are 
spent  for  fuel.  This  fact  has  induced  the  aerodynamicist  to  embark  upon  a  tremendous  ef¬ 
fort  to  reduce  cruise  drag.  A  large  drag  contributor,  and  one  which  can  be  reduced,  is 
the  engine  "installation"  drag  which  depends  upon  the  shape  of  the  engine  nacelle  and 
pylon,  its  placement  with  respect  to  the  wing,  and  the  interaction  of  the  jet  efflux  with 
the  surrounding  flow  field.  Two  methods  are  being  used  currently  at  ONERA  to  simulate 
engines  and  their  jets  -  blown  nacelles  and  turb ine -powered  simulators  (TPS).  A  typical 
TPS  installation  is  shown  in  Fig.  2. 

The  force  accounting  system  used  by  ONERA  with  the  two  techniques  is  depicted  in  Fig. 3.  A  flowthrough 
configuration  must  be  tested  with  the  blown  nacelle  technique  to  obtain  the  inlet  drag  increment  between 
the  flowthrough  and  faired  inlet  configurations  as  well.  The  TPS  eliminates  the  main  part  of  this  incre¬ 
ment  by  simulating  the  fan  inlet  mass  flow  and  the  total  exhaust  flow.  In  that  case,  flowthrough  confi¬ 
gurations  *re  still  used  to  measure  the  smaller  difference  between  the  drag  of  the  TPS  inlet  (adapted 
to  the  fan  mass  flow)  and  the  drag  of  the  real  aircraft  inlet  (adapted  to  the  total  engine  mass  flow). 

There  are  two  factors  that  are  critical  to  the  success  of  each  technique.  First, 
the  thrust  calibrations  must  be  done  accurately  at  the  altitude  pressure  of  the  wind  tun¬ 
nel  tests.  Second,  the  high-pressure  air  must  be  ducted  around  the  balance  to  provide 
repeatable  interactions  which  can  be  removed  through  calibrated  correction  tares.  Be¬ 
cause  of  the  piping/balance  interactions,  the  techniques  are  generally  used  with  half¬ 
span  models  and  external  balances  wherein  sufficient  space  exists  external  to  the  model 


*  The  research  reported  herein  was  performed  by  the  Arnold  Engineering  Development  Center,  Air  Force 
systems  Command  and  by  Office  National  d'Etudes  et  de  Recherches  Abrospatiales  (FRANCE). (U.S.  work  and 
analysis  for  this  research  were  done  by  personnel  of  Calspan  Field  Services,  Inc.,  operating  contractor  of 
the  aerospace  flight  dynamics  facilities  at  AEDC).  Further  reproduction  is  authorized  to  satisfy  needs  of 
the  U.S.  and  French  Governments. 
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to  duct  the  high-pressure  air  around  the  balance.  A  typical  installation  is  shown  in 
fig.  4,  which  is  an  illustration  of  a  transport  aircraft  configuration  in  the  SIMA  tunnel 
at  Modano.  Figure  S  gives  two  examples  of  data  repeatability  within  a  test  program. 

The  qual ity  of  these  results,  improved  by  repeating  some  tests  and  statistical  surveys, 
allows  the  ranking  of  model  configurations  differing  by  less  than  one  percent  of  drag  at 
the  cruise  condition. 

FNG1SF  AIRFRAME  I  NTEGRA  1'  ION  TEST  I  Nil  FOR  COMBAT  AIRCRAFT 

Dassault  and  ON FRA  have  worked  out  a  combat  aircraft  model  design  and  measuring  sys¬ 
tem  to  give  reliable  determination  of  improvements  to  (1)  internal  duct  performance  and 
stability,  especially  at  high  incidence  and  transonic  conditions,  and  (2)  thrust -minus  - 
drag  at  supersonic  conditions.  Both  kinds  of  tests  are  done  on  the  same  model  (about 
1/4-scale)  in  SIMA  at  high  incidence  and  in  S2MA  for  the  supersonic  conditions.  Figure  6 
shows  the  principle  of  the  model  design.  The  forebody  including  the  inlet  is  metric;  the 
loads  are  measured  by  a  s ix -component  balance.  The  forebody  is  linked  to  the  rear  por¬ 
tion  of  the  model  bv  rubber  seals  that  provide  the  necessary  air  tightness.  Mass  flow 
and  pressure  recovery  are  measured  at  the  compressor  face  and  are  used  in  an  engine  math 
model  to  calculate  thrust.  Thus,  it  is  possible  to  compare  forebody  configurations  on 
the  basis  of  thrust -minus-drag .  This  procedure  reduces  the  amount  of  testing  previously 
needed  for  such  comparisons  and  improves  the  reliability  of  the  results.  The  drag  coeffi¬ 
cient  repeatability  is  approximately  40.0002. 

CONSTANT  1’ARAMF  TER  TFSTINC, 

One  of  the  most  obvious  ways  to  reduce  testing  costs  is  to  reduce  the  amount  of 
data  required  to  obtain  the  desired  information.  A  method  of  doing  this  is  to  place  a 
model  and  support  system  under  computer  control  such  that  the  model  may  be  tested  at  a 
constant  value  of  some  aerodynamic  parameter.^  The  advantage  of  such  a  test  technique  is 
shown  by  the  example  in  Fig.  7.  The  traditional  method  for  determining  optimum  cruise 
Mach  number  entails  taking  as  many  as  180  data  points  per  configuration  to  establish  the 
incidence  versus  Mach  number  at  constant  lift  coefficient  from  which  the  cruise  drag  co¬ 
efficient  versus  Mach  number  is  derived.  However,  under  computer  control,  one  may  test 
at  a  constant  value  of  lift  coefficient  and  obtain  the  same  information  with  only  20 
points;  Mach  number  is  varied  manually  or  by  the  computer  if  the  tunnel  is  automated.  In 
addition,  if  the  model  contains  remotely  movable  control  surfaces,  the  constant  lift  co¬ 
efficient  data  can  easily  be  obtained  at  trimmed  conditions  corresponding  to  one  or  more 
center-of -gravity  locations.  With  the  use  of  the  online  plotting  capability  available  in 
many  tunnels,  the  optimum  cruise  Mach  number  can  be  identified  almost  immediately,  saving 
all  the  posttest  data  analysis  time  required  when  using  the  traditional  method.  Thus, 
using  the  constant  parameter  method,  configuration  variables  can  be  evaluated  much  more 
economically.  Of  course,  once  a  configuration  is  found  which  satisfies  the  design  re¬ 
quirements  a  complete  set  of  static  stability  data  can  be  obtained  for  the  final  configu- 
rat  ion . 

The  constant  parameter  technique  has  been  very  effectively  employed  in  full-scale'’ 
tests  with  operating  engines  such  as  the  one  shown  in  Fig.  8.  Data  were  desired  at  five 
flight  conditions,  each  spanning  the  flight  vehicle  weight  and  center-of -gravi ty  range. 

A  schematic  of  the  control  system  is  shown  in  Fig.  9.  The  vehicle  contained  a  six- 
component  balance  and  five  remotely  controlled  parameters:  the  engine  throttle  and  four 
control  surfaces.  The  PDP-15  computer  serves  as  the  data  acquisition  system  that  passes 
engineering  unit  data  to  the  facility  computer.  The  facility  computer  contains  the  trim 
control  algorithms  and  computes  the  command  functions  for  the  independent  variables  which 
are  passed  either  to  the  PDP-15  or  an  independent  controller  which  sets  model  attitude. 

The  constant  parameter  system  was  set  up  so  that  all  moments  were  held  at  zero  about  a 
specified  center  of  gravity.  The  engine  throttle  was  automatically  controlled  so  that 
vehicle  thrust -minus -drag  was  either  zero  or  some  specified  value.  Corrections  for  strut 
interference  and  tunnel  flow  angularity  were  included  in  the  control  algorithm.  After 
the  computer  had  set  a  point  which  corresponded  to  steady  flight  at  a  given  Mach  number, 
attitude,  vehicle  weight,  and  center- o f- gravity  location,  a  full  set  of  data  was  auto¬ 
matically  taken  to  define  completely  the  vehicle  performance  at  that  point.  It  was  esti¬ 
mated  the  cost  of  the  program  was  between  15  and  25  percent  of  that  required  by  tradi¬ 
tional  methods. 

OPTIMIZING  PARAMETERS 

A  natural  outgrowth  of  constant  parameter  testing  is  the  development  of  a  technique 
to  optimize  a  given  aerodynamic  parameter  by  computer  manipulation  of  the  available  con¬ 
trol  surfaces.  The  optimization  concept  consists  of  automatically  adjusting  a  model  con¬ 
figuration  parameter  (wing  flap  or  slat  deflection,  horizontal  tail  angle,  canard  angle, 
etc.)  to  maximize  a  designated  merit  function  (lift,  drag,  etc.)  subject  to  various,  im¬ 
posed  constraints  (constant  1 i ft ,  constant  drag,  structural  limits,  etc.).  A  program  to 
demonstrate  the  technique^  utilized  four  independent  model  variables  -  leading-  and 
trailing-edge  flap  angles,  horizontal  tail  angle,  and  angle  of  attack  -  to  minimize  drag 
for  a  constant  value  of  lift  coefficient,  to  maximize  lift  for  a  given  value  of  drag,  and 
to  maximize  lift-to-drag  ratio  for  a  given  drag. 

The  optimization  program  operates  in  two  distinct  modes  termed  "incremental”  and 
"simultaneous."  The  optimization  process  indicated  in  Fig.  10  begins  with  the  incre¬ 
mental  mode  wherein  at  a  given  Mach  number  and  altitude  condition  each  independent  vari¬ 
able  is  perturbed  from  its  initial  setting  to  generate  gradient  influence  vectors  of  the 
function  to  be  optimized  and  any  specified  constraints,  for  example,  optimize  lift-to-drag 
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ratio  and  constrain  drag  coefficient.  After  the  gradient  vectors  are  established,  the 
gradient  projection  algorithm  calculates  the  independent  variable  directions  for  either 
minimizing  the  specified  merit  function  or  satisfying  the  constraint.  The  simultaneous 
mode  then  systematically  drives  all  independent  variables  in  the  proper  direction  at  rela¬ 
tive  increments  for  a  sequence  of  11  test  points.  The  sequence  is  aborted  if  any  of  the 
constraints  is  violated  by  more  than  a  prescribed  tolerance.  Upon  completion  of  the 
sequence,  the  computer  selects  the  best  of  the  simultaneous  mode  points,  repositions  the 
independent  variables  to  that  condition,  and  repeats  the  incremental  mode.  The  incre¬ 
mental-simultaneous  cycle  continues  to  convergence.  An  example  of  a  convergence  sequence 
is  shown  in  Fig.  11  in  which  lift-to-drag  ratio  is  maximized,  constraining  drag  coeffi¬ 
cient  to  0.22  ±  0.006.  The  optimization  used  three  independent  variables:  pitch  angle, 
leading-edge  flap  angle,  and  trail ing-edge  flap  angle. 

The  most  complicated  optimization  done  to  date  was  accomplished  on  the  Self- 
Optimizing  Flexible  Technology  (SOFT)  wing  program. 5  The  SOFT  wing  model,  Fig.  12,  had 
12  independent  variables  which  controlled  the  wing  camber,  thickness  and  twist  distribu¬ 
tions  along  the  span,  pitch  angle,  and  tail  angle  in  a  manner  to  optimize  specified  merit 
functions  while  satisfying  specified  constraints  as  a  function  of  flight  conditions.  The 
wing  was  constructed  using  a  steel  center  span  and  a  flexible  steel  and  fiberglass  skin 
attached  to  12  individually  controlled  hydraulic  actuators.  The  12  actuators  were  de¬ 
signed  to  vary  the  leading-edge  radius  and  the  wing  contour  at  the  15- ,  25-,  65-,  and  80- 
percent  chord  lines.  However,  in  practice  the  leading-edge  radius  was  not  changed  to 
avoid  excessive  stress  in  the  skin.  A  hydraulic  actuator  was  also  used  to  control  the 
horizontal  tail  so  that  tests  could  be  conducted  with  the  vehicle  continually  trimmed. 

An  example  of  a  series  of  iterations  to  minimize  drag  with  lift  coefficient  constrained 
to  0.25  and  pitching  moment  to  zero  is  shown  in  Fig.  13  along  with  the  drag  polars  of  the 
basic  and  optimum  wing  contours.  A  drag  reduction  of  0.0026  was  achieved  at  the  lift  co¬ 
efficient  value  of  0.25. 

PHOTOGRAMMETRIC  DEVELOPMENT  AND  APPLICATION 

Airfoil  deflections  caused  by  airloads  were  expected  to  be  larger  than  normal  for 
the  SOFT  wing  model  because  of  designed  flexibility  of  the  wing.  In  addition,  proper  in¬ 
terpretation  of  the  data  required  that  the  wing  contour  be  measured  under  load.  The  only 
practical  means  to  accomplish  this  was  through  the  use  of  a  photogrammetric  technique 
wherein  stereophotographs  of  the  model  were  taken  of  the  optimum  contours  during  testing 
and  processed  offline  to  obtain  the  actual  airfoil  shape,  wing  twist,  and  dihedral. 

The  photogrammetric  analysis  system  developed  at  AEDC^  uses  70-mm  Hasselblad 
cameras  and  a  Keffel  6  Esser  DSC-3/80®  analytical  stereocompiler  interfaced  to  the  AEDC 
computer  system.  A  light  system  has  been  devised  which  will  project  an  orthogonal  grid 
onto  a  featureless  model  to  aid  in  reading  the  film.  A  photograph  of  a  body  used  in 
verification  of  the  system,  illuminated  with  the  orthogonal  grid,  is  shown  in  Fig.  14. 

The  model  was  photographed  from  eight  positions.  The  data  were  read,  merged  into  a  three- 
dimensional  representation  of  the  model  and  displayed  on  an  interactive  graphics  system, 
Fig.  15,  which  is  used  for  quickly  checking  the  results.  As  part  of  the  system  verifica¬ 
tion,  the  stereophotographs  were  read  by  three  operators  and  compared  with  precise  meas¬ 
urements  of  the  body.  A  measurement  accuracy  which  varied  from  i0.13  to  ±0.25  mm  was 
obtained . 

A  portabl e- computer  interfaced  digital  theodolite  system.  Fig.  16,  is  being  devel¬ 
oped  which  will  be  used  to  measure  control  point  locations  on  a  given  test  article.  Con¬ 
trol  points  are  points  of  known  locations  which  are  used  to  ensure  data  accuracy.  When 
the  theodolites,  which  are  a  known  distance  apart,  are  vectored  to  a  given  point  in  space, 
a  computer  program  will  compute  its  location  with  respect  to  the  mounting  bar  and  trans¬ 
form  the  coordinates  into  any  other  desired  axis  system. 

In  addition  to  use  in  the  SOFT  wing  program,  the  stereophotographic  system  has  been 
used  to  measure  twist  and  dihedral  of  a  full-scale  cruise  missile  wing,  deflection  of  a 
cryogenic  space  shuttle  tank  under  airload,  and  ice  buildup  on  the  leading  edge  of  an  air¬ 
foil.  The  icing  test  posed  a  peculiar  problem.  At  some  test  conditions  glaze  ice  (clear) 
formed  which  did  not  have  enough  opacity  to  cause  the  projected  orthogonal  grid  to  be 
visible  at  the  ice  surface.  Fortunately,  however,  the  ice  buildup  was  very  irregular  and 
contained  enough  features  so  that  good  results  could  be  obtained  by  a  skilled  operator. 

Two  future  applications  appear  very  promising.  The  stereophotographic  system  can 
be  used  to  obtain  as-built,  test  model  coordinates  which  can  be  fed  directly  to  a  compu¬ 
tational  fluid-dynamics  grid  generation  program.  Work  is  underway  to  develop  the  soft¬ 
ware  for  this  application.  The  second  application  is  to  obtain  coordinates  of  ablating 
or  eroding  reentry  vehicles  under  test  in  either  ballistic  ranges  or  arc  heaters. 

CONTINUOUS  CAPTIVE  TRAJECTORY  SYSTEM 

The  captive  trajectory  system  (CTS)  installed  in  the  AEDC  4-ft  transonic  Aerodynamic 
Wind  Tunnel  (4T)  provides  the  capability  to  determine  the  separation  trajectory  of  a 
store  as  it  moves  away  from  its  aircraft.  The  system  uses  a  computer-controlled  six- 
degree-of- freedom  mechanism  to  position  the  store  at  the  appropriate  place  in  the  flow 
field.  A  typical  CTS  installation  is  shown  in  Fig.  17.  The  store  model  contains  a  five- 
or  six-component  balance  with  balance  diameters  as  small  as  4.8  and  7.6  mm,  respectively. 
Trajectories  beginning  from  the  captive  position  are  generated  by  the  computer  solving 
the  equations  of  motion  to  predict  a  position  change  based  on  the  measured  store  loads. 

The  "move  and  pause"  technique  based  upon  position  control  has  been  used  at  AEDC  since 
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19 68.  The  system  automatically  moves  the  store  to  the  predicted  position,  pauses,  com- 
pares  the  new  position  with  the  predicted  value  and,  if  within  tolerance,  makes  a  new 
prediction . 


In  1978,  motivated  by  increased  testing  costs,  a  research  program  was  undertaken  at 
AliDC  to  speed  the  trajectory  generation  process.  That  effort  has  produced  a  velocity- 
controlled  system  that  provides  continuous  store  motion  and  a  significant  decrease  in 
test  time.  The  increased  productivity  was  accomplished  by  moving  from  a  single-user, 
single-task  computer  system  (circa  1 9 5 5 j  to  a  multilevel,  hierarchial  ,  distributed  pro¬ 
cessing  system, /  shown  in  Fig.  18,  which  applies  processing  power  at  the  point  it  is 
needed.  The  distributed  process  network  is  attractive  because  of  the  decrease  in  cost 
and  the  increase  in  processing  power  of  small  computer  systems.  In  the  generic  system 
depicted  in  Fig.  18  the  center  computer  (level  1)  provides  archival  data  storage,  data 
editing,  and  analysis  capability  through  interactive  graphics  and  a  large  processing 
capability  for  mathematical  modeling  of  aerodynamic  phenomena.  The  facility  computer 
(level  2)  is  a  medium-size  machine  whose  function  is  to  provide  the  management,  coordina¬ 
tion,  and  direction  of  testing  events  and  to  perform  the  primary  data  calculations  and 
display  functions.  The  third  and  fourth  level  machines  are  various  mini-  and  microcom¬ 
puter  systems  dedicated  to  a  single  function.  The  typical  minicomputer  at  the  third 
level  is  a  siral 1  -  to -medium- s i ze  machine  with  perhaps  256K  bytes  of  16-bit  main  memory  and 
10M  bytes  of  remote  disk  storage.  These  systems  have  multichannel  analog  and  digital  in¬ 
put  systems  through  which  raw  data  are  obtained.  Information  can  be  output  through 
digital -to-analog  converters  for  test  article  or  test  environmental  control  functions. 

The  third  level  computers,  through  computational  speed  and  restricted  functions,  provide 
essentially  real-time  control  and  data  display  functions.  The  fourth  level  of  the  dis¬ 
tributed  network  utilizes  8-bit  microprocessors.  They  provide  instrumentation  and  process 
status,  alarm  monitoring,  dedicated  control,  and  data  acquisition  functions. 

That  portion  of  a  distributed  processing  network  concerned  with  trajectory  genera¬ 
tion  is  shown  in  Fig.  19.  The  complete  data  set  for  a  given  test  is  kept  on  file  in  the 
central  computer  until  the  final  test  report  is  completed.  During  that  time  the  data  are 
available  for  editing,  recomputation,  and  plotting  through  the  interactive  graphics  ter¬ 
minals.  The  facility  computer  contains  the  test  management  software  required  to  coordi¬ 
nate  the  testing  process  and  all  of  the  initialization  information  required  for  the  tra¬ 
jectories.  In  addition,  it  performs  some  post - 1 raj ectory  data  processing  and  passes  the 
total  data  information,  online,  to  the  central  archival  storage. 

The  trajectory  generation  processor  performs  the  real-time  trajectory  generation 
function.  Test  conditions,  updated  twice  per  second,  are  obtained  upon  request  from  the 
Digital  Multiplexer  and  Control  System,  which  also  contains  operator- selected  parameters 
and  serves  as  the  aircraft  controller.  The  Digital  Data  Acquisition  System  provides  en¬ 
gineering  unit  store  loads  and  position  information  acquired  at  100  Hz  and  passed  through 
an  autoregression  digital  filter  that  maintains  a  continuous  average  (over  one-half 
second)  of  the  data.  The  real-time  graphics  system  allows  the  progress  of  the  trajectory 
to  be  monitored  as  it  is  generated  and  provides  near- real - 1 ime  transfer  of  the  data  to 
the  facility  computer.  The  system  is  interactive  which  allows  local  selection  of  param¬ 
eters  to  be  displayed.  The  CTS  control  system  is  a  network  of  seven  dedicated  micro¬ 
processors  that  accept  position  or  velocity  commands  for  each  of  the  six-degree-of- free¬ 
dom  mechanisms  and  controls  the  drive  motors  to  maintain  the  commanded  parameters. 

Implementation  of  velocity  control  required  modifications  to  the  software  pre¬ 
viously  used  to  control  position.  Trajectory  positions  have  been  predicted  by  integrat¬ 
ing  the  acceleration  vectors  determined  from  the  measured  store  forces  and  moments.  Of 
course,  the  component  velocity  vectors  can  be  calculated  from  the  same  information.  The 
calculated  velocity  components  are  modified  so  that  (1)  the  CTS  rig  movement  in  the  six 
directions  is  in  a  coordinated  time  scale  and  (2)  one  of  the  six  drive  motors  is  operat¬ 
ing  near  its  maximum  speed.  In  the  maximum  efficiency  mode,  the  time  scale  is  changed 
along  the  length  of  the  trajectory  so  that  both  of  the  above  constraints  arc  always 
satisfied.  Some  of  the  other  program  options  available  are  pivoting  two-stage  fuel  tank 
release,  missile  rail  launch;  aircraft  pull-up  or  push-over  maneuvers;  aircraft  banked 
and/or  diving  flight  attitudes;  calculated  add-on  aerodynamic  coefficients,  to  simulate 
drogue  chute  deployment,  for  example;  and  active  autopilot  guidance  and  control  system 
s imulation . 

The  data  acquisition  cycle  is  initiated  when  the  store  passes  through  the  last  pre¬ 
dicted  trajectory  position.  The  trajectory  calculations  and  communication  requirements 
between  the  several  processors  require  a  finite  amount  of  time,  Fig.  20.  The  time  re¬ 
quired  depends  upon  which  of  various  program  options  are  exercised,  but  ranges  between 
0.1  and  0.5  sec.  During  that  time  the  CTS  rig  will  have  moved  some  distance,  AS,  from 
the  last  predicted  position.  In  order  to  compensate  for  the  error  that  could  be  intro¬ 
duced,  the  new  position  vector  is  calculated  from  the  actual  position  at  the  time  the 
command  is  given,  Sx,  rather  than  the  old  predicted  value,  Sj ,  i  =  1,2,3,...  in  Fig.  20. 
This  procedure  tends  to  eliminate  an  accumulated  position  error  in  the  system. 

Verification  tests  have  been  conducted  by  comparing  trajectories  obtained  at  the 
same  conditions  utilizing  both  the  continuous  and  move-pause  modes.  Figure  21  shows  such 
a  comparison.  In  most  instances,  the  parameters  describing  the  trajectories,  particular¬ 
ly  the  distance  coordinates,  are  identical  as  shown  in  Fig.  21a.  Discrepancies  which  do 
occur  are  generally  in  the  angular  directions.  Figure  21b  shows  one  of  the  worst  agree¬ 
ments,  which  is  approximately  0.5  deg  in  store  pitch  angle  over  a  sm,.ll  portion  of  the 
trajectory.  Although  the  full-scale  time  for  the  two  trajectories  is,  of  course,  identi¬ 
cal,  the  actual  time  required  for  the  '-ontinuous  mode  is  up  to  a  factor  of  seven  shorter 
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(depending  upon  the  trajectory)  than  that  required  for  the  move-pause  mode.  The  decrease 
in  time  for  a  trajectory  translates  into  an  average  increase  in  trajectories  per  air-on 
hour  from  4.5  in  1977  to  16  in  1981.  In  one  instance,  a  rate  of  almost  29  trajectories 
per  air-on  hour  was  obtained,  indicating  the  potential  for  additional  improvements  in  the 
ave  rage . 

FLOW- FIELD  MEASUREMENTS 

Improvements  to  calculation  methods  and  research  on  new  wing  shapes  require  a  better 
knowledge  of  the  flow  fields  about  aerodynamic  configurations  than  is  provided  by  measure 
ments  of  surface  pressures  and  gross  loads.  The  computer-controlled  CTS  mechanisms  pro¬ 
vide  an  excellent  tool  to  obtain  the  desired  information.  An  installation  of  a  five- 
degree-of- freedom  mechanism  in  SIMA  is  shown  in  Fig.  22.  Various  sensing  probes  from 
standard  wake  rakes  to  hot  wires  to  five-hole  directional  sensors  may  be  attached  to  the 
mechanism  and  measurements  taken  at  precise  locations  under  computer  control.  Figure  23 
shows  an  example  of  a  cross-flow  velocity  vector  map  obtained  in  essentially  real  time  in 
S2MA  using  a  five-hole  probe.  The  probe  gave  at  each  location  a  very  accurate  measure  of  the  flow 
magnitude  and  direction.  The  data  were  used  for  comparison  with  tneoretical  calculations. 


In  other  instances,  flow-field  measurements  outside  the  range  of  classical  tools 
may  be  obtained  with  laser  anemometry.  Figure  24  shows  the  vorticity  distribution  just 
downstream  of  a  two-dimensional  profile  obtained  in  S3MA.®  These  data  were  also  used  for 
comparison  with  theoretical  calculations. 

INSTRUMENTATION  IMPROVEMENTS 

Store  Position  -  The  quality  of  CTS  trajectories  has  been  increased  by  an  improve¬ 
ment  in  the  alignment  of  the  store  in  the  captive  position.  The  previous  technique  used 
a  touch  wire  contained  in  the  carriage  device  to  indicate  when  the  store  was  in  the  car¬ 
riage  position.  The  disadvantage  of  the  touch  wire  is  that  it  only  provides  alignment  in 
the  vertical  direction  and  the  touch  wire  load  into  the  store  causes  an  error  in  the  ini¬ 
tial  (carriage  position)  loads.  Recent  developments  have  replaced  the  touch  wire  with  a 
diode  light  source  and  a  phototransistor  detector  shown  in  Fig.  25.  The  diode  emits  in¬ 
frared  radiation  whose  reflection  from  the  store  is  detected  by  the  sensor.  The  strength 
of  the  reflected  radiation  is  inversely  proportional  to  the  separation  distance.  A  typi¬ 
cal  calibration  curve  is  shown  in  Fig.  26.  Because  of  the  double-valued  calibration 
function,  software  is  used  to  detect  the  sign  change  in  the  rate  of  change  of  voltage 
with  position  as  a  safety  feature  in  addition  to  the  normal  electrical  "grounding"  safety 
feature  which  stops  all  rig  movement  if  any  part  of  the  CTS  rig  or  store  encounters  the 
aircraft  model.  The  maximum  useful  working  distance  between  the  store  and  sensor  is 
about  5  mm.  The  minimum  working  distance  can  be  as  small  as  0.5  mm  if  the  sensor  is  re¬ 
cessed  a  millimeter  or  so  into  the  pylon.  The  primary  advantages  of  the  optical  sensor 
are  (1)  there  is  no  carriage  preload  into  the  store,  (2)  the  sensor  size  is  small  (ap¬ 
proximately  4x5  mm),  (3)  the  sensor  has  good  stability  and  repeatability,  (4)  the  in¬ 
frared  detector  is  insensitive  to  the  tunnel  environment,  and  (5)  the  sensor  cost  is  low 
($4  each) . 

Recently,  alignment  has  been  improved  by  adding  a  small  torous  target  on  the  store 
to  provide  axial  (x)  and  lateral  (y)  alignment.  The  target  consists  of  a  black  annulus 
which  absorbs  the  infrared  and  a  silver  center  which  provides  sufficient  reflected  radia¬ 
tion  for  the  detector.  A  typical  calibration  curve  is  shown  in  Fig.  27.  It  should  be 
possible  to  improve  the  1 -mm  x,y  position  accuracy  by  reducing  the  size  of  the  target's 
reflective  center.  Tests  demonstrating  the  effectiveness  of  the  device  and  thus  the  im¬ 
proved  accuracy  in  setting  the  store  to  the  carriage  position  have  been  conducted. 

Elect ro -Opt ica 1  Interferometer  -  The  application  of  e lcc t ro -opt ical  devices  to  the 
measurement  of  model  angle  of  attack  or  component  deformation  has  also  been  demonstrated. 
The  technique  does  require  small  retroreflectors  to  be  mounted  flush  with  the  model  sur¬ 
face.  The  measurements  are  made  with  a  two-beam  laser  interferometer^  shown  schematical¬ 
ly  in  Fig.  28.  Linearly  polarized  light  from  a  5-mw  helium-neon  laser  is  passed  through 
a  half-wave  plate  to  adjust  the  polarization  angle  for  efficient  transmission  through  the 
downstream  prisms.  The  light  beam  then  passes  through  a  34-MHz  Bragg  cell  where  it  is 
split  by  diffraction  into  two  nearly  equal  intensity  beams.  In  addition,  the  first-order 
beam  is  increased  in  frequency  by  34  MHz  while  the  zeroth-order  beam  remains  unchanged  in 
frequency.  Both  beams  are  reflected  to  a  beam-separating  lens  system.  The  first-order 
beam  is  passed  through  a  biref ringement  (Wollaston)  prism  and  reflected  onto  a  retrore- 
flector  located  on  the  model  or  onto  a  stationary  surface  that  is  used  as  the  reference 
beam.  The  zeroth-order  beam  is  passed  through  a  49-MHz  Bragg  cell  to  provide  an  object 
beam  which  has  been  shifted  IS  MHz  from  the  reference  beam  and  which  still  has  nearly 
half  its  original  intensity.  Using  two  Bragg  cells  to  obtain  the  desired  15-MHz  optical 
carrier  provides  sufficient  separation  between  the  optical  carrier  frequency  and  the  RF 
signals  driving  the  Bragg  cells  to  allow  the  signal  band  (carrier  i  signal  frequency)  to 
be  processed  without  disturbing  crosstalk  from  the  Bragg  cell  drivers.  The  beam  which 
has  been  shifted  49  MHz  is  reflected  to  a  Gian-Air  prism  and  onto  a  second  retroref lector 
The  two  pairs  of  quarter-wave  length  plates  and  the  birefringement  prisms  separate  the 
outgoing  beams  from  the  returning  beams.  The  returning  beams  are  deflected  to  the  vari¬ 
able  beam  splitter  where  they  are  combined  and  reflected  to  the  photodiode. 

Optical  heterodyning  the  two  beams  at  the  photodiode  can  be  considered  as  establish 
ing  moving  virtual  interference  fringes  of  period  A / 2  normal  to  the  propagation  vector  of 
the  beams  incident  on  the  retroreflectors.  Thus,  if  the  retroreflectors  are  stationary 
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the  photodiode  will  output  a  15-MHz  carrier  signal.  As  a  re t roref 1 ector  moves,  its  ve¬ 
locity  will  cause  the  virtual  fringe  frequency  to  increase  or  decrease  depending  upon  the 
direction  of  motion.  Thus,  the  frequency  change  can  be  integrated  with  respect  to  time, 
applying  appropriate  constants,  to  obtain  a  displacement  or  differentiated  with  respect 
to  time  to  obtain  an  acceleration. 

Application  of  the  technique  has  been  demonstrated  in  the  AliDC  Transonic  Wind  Tun¬ 
nel  (16T).10  The  laser  optics  and  detection  electronics  were  housed  in  a  special  environ 
mental  box  bolted  to  the  top  of  the  test  section.  The  environmental  box  was  isolated 
from  the  acoustic  and  vibration  conditions  of  the  tunnel  and  cooled  with  a  nitrogen  purge 
to  dissipate  the  heat  from  the  laser  and  electronics.  As  indicated  in  Fig.  29  the  model 
rotation  point  is  some  distance  behind  the  retroref lector  location,  causing  the  retrore- 
flector  to  move  downstream  up  to  10  cm  as  the  model  is  pitched.  To  compensate  for  this 
movement  and  provide  maximum  signal  strength,  the  optics  package  within  the  environmental 
box  was  rotated  by  a  precision,  computer-cont rol led  actuator  as  a  function  of  sting  angle 
Although  not  demonstrated,  the  ±2-deg  rotation  of  the  optics  package  would  theoretically 
allow  tracking  of  the  model  up  to  SI  deg. 

Data  processing  is  accomplished  with  a  microprocessor  which  also  corrects  for  the 
movement  of  the  optics  package  as  it  tracks  the  retroref lectors .  For  the  demonstration 
experiment,  ret roref lectors  5  mm  in  diameter  and  about  S  mm  deep  were  imbedded  in  the 
fuselage  of  a  1.2-m-long  model  operating  over  a  pitch  range  from  -4  to  35  deg.  The 
retroref lectors  were  9  cm  apart.  The  resolution  of  the  system  is  0.001  deg.  Shown  in 
Fig.  30  is  the  difference  between  offline  measurements  with  the  interferometer  and  a  pre¬ 
cision  inclinometer  and  between  the  interferometer  and  the  conventional  angl e -o f - at t ack 
calculation  using  sting  and  balance  readings.  The  inclinometer  and  interferometer  read¬ 
ings  agree  to  within  +0.002  to  -0.00S,  whereas  comparison  of  the  values  from  the  inter¬ 
ferometer  and  the  conventional  method  is  worse  by  a  factor  of  up  to  20.  During  the  on¬ 
line  demonstration,  the  interferometer  experienced  a  signal  interruption  which,  because 
the  interferometer  provides  a  relative  rather  than  absolute  measurement,  in  essence  re¬ 
zeroes  the  measurement.  Since  the  model  did  not  contain  a  bubble  pack  there  was  no  way 
to  establish  a  known  reference  without  coming  offline. 

The  deficiency  of  signal  loss  has  not  been  easily  overcome.  Nevertheless,  the  in¬ 
strument  has  been  successfully  used  in  two  other  testing  applications.  In  the  first  in¬ 
stance,  the  dynamic  displacement  of  a  sample  of  the  thermal  protective  tile  on  the  Space 
Shuttle  was  measured  during  a  wind  tunnel  test.  The  tile  samples  were  subjected  to  a 
dynamic  environment  by  the  flow  over  the  cavity  around  the  liquid  oxygen  line  into  the 
Shuttle.  The  interferometer  can  measure  displacements  as  low  as  0.1  micron  at  a  maximum 
frequency  of  30  MHz. 

The  second  application  was  the  measurement,  during  the  separation  dynamics,  of  the 
first  50  msec  of  a  missile  staging  event  in  the  !2-ft  vacuum  chamber.  The  two  stages 
were  mounted  on  an  I-beam  system.  Fig.  31,  which  permitted  each  to  move  at  the  initiation 
of  separation.  Two  interferometers  were  used,  each  measuring  the  displacement  of  the 
respective  stage  center  of  mass  from  a  stationary  reference  point  on  the  optics  package. 
Simulation  of  the  separation  event  indicated  that  the  reference  point  moved  less  than 
0.013  mm  during  the  event.  Cornercubc  retroref lectors  1  cm  in  diameter  were  used  on  each 
stage.  The  separation  event  was  initiated  by  firing  a  short  duration  sol  id -propel  1  ant 
rocket  motor  in  the  upper  stage. 

Typical  data  from  the  upper  stage  are  shown  in  Fig.  32.  The  sharp  slope  change  in 
the  velocity  and  acceleration  data  occurring  at  40  msec  was  caused  by  the  stage  en¬ 
countering  honeycomb  deceleration  material.  Thirty  tests  were  accomplished  without  a 
single  instrument  failure.  Additional  applications  for  the  laser  interferometer  arc 
limited  only  by  the  imagination  of  the  users. 

Inlet  Distortion  Instrumentation  and  Data  Requirements  -  Both  the  steady  and  un- 
steady  pressure  recovery  and  distortion  patterns  of  the  airflow  intakes  arc  normally  mea¬ 
sured  with  rakes  containing  about  40  pressure  probes.  The  unsteady  pressure  transducers 
used  in  this  application  arc  necessarily  small  to  minimize  duct  blockage.  However,  they 
are  also  highly  temperature  sensitive  which,  while  not  affecting  their  ability  to  measure 
the  dynamic  pressure  component,  docs  make  them  unsuitable  to  measure  the  steady  pressure 
component.  As  a  result,  either  dual  probes  must  be  installed  in  the  inlet,  which  doubles 
the  blockage,  or  tests  must  be  conducted  twice, 11*12  once  for  the  mean  pressure  and  once 
for  the  dynamic  component.  This  problem  has  been  alleviated  at  ONERA  by  temperature  com¬ 
pensating  the  dynamic  transducers  following  an  original  method  worked  out  in  cooperation 
with  the  Kulitc  Corporation.  A  photograph  of  a  20-cm-diam,  43-inlet  duct  dynamic  probe 
array  (37  totals,  6  statics)  showing  some  of  the  43  temperature  compensation  networks  is 
presented  in  Fig.  33.  The  quality  of  the  compensation  brings  the  transducers  to  an  accu¬ 
racy  comparable  with  steady-state  transducers  used  with  Scanival ves®. 

In  the  mid-1970's  engineers  concerned  with  inlet-engine  compatibility  were  asking 
for  t  ime -dependent  pressure  maps  showing  maximum  instantaneous  distortion  patterns.  An 
example  is  shown  in  Fig.  34.  Frequencies  of  interest  corresponded  to  the  compressor  rpm, 
i.c.,  about  l  kHz  for  0.25-scale  models.  Today,  frequencies  of  16  kHz  sampled  for  several 
seconds  arc  being  requested.  For  a  typical  50-channel  system  this  leads  to  data  acquisi¬ 
tion  rates  of  800,000  measurements  per  second.  Two  minutes  of  data  recorded  at  this  rate 
yield  as  many  data  words  as  are  recorded  for  steady-state  tests  in  a  whole  year  of  tunnel 
operation.  A  recording  and  pulse-coded  modulation  coding  system  to  satisfy  this  need  is 
in  service  at  the  ONHRA  facilities.  However,  not  all  of  the  problems  raised  by  handling 
such  enormous  amounts  of  data  have  been  solved. 


AUTOMATIC  MODEL/DATA/TUNNEl  CONTROL 


In  the  last  decade  development  of  mini-  and  microcomputers  and  progress  in  data  ac¬ 
quisition  systems  have  provided  very  efficient  tools  to  improve  wind  tunnel  efficiency  to 
reduce  costs  in  spite  of  energy  cost  increases.  In  most  of  the  large  test  centers,  a 
wide  range  of  methods  has  been  worked  out  to  accelerate  wind  tunnel  runs  and  very  often 
increase  the  quality  of  the  data. 

One  technique,  which  has  been  in  operation  for  more  than  10  years,  consists  of  ac¬ 
quiring  data  while  the  model  is  continuously  moving,  generally  through  a  pitch  polar. 
Taking  some  care  with  analog  and/or  digital  filtering,  one  gets  polars  at  pitch  rates  of 
several  degrees  per  second  in  supersonic  wind  tunnels  and  between  0.2  and  0.6  degrees  per 
second  in  large  transonic  wind  tunnels.  That  method  requires  that  every  measurement 
(strain  gage,  pressure  orifice,  probe,  etc.)  be  connected  to  an  independent  measurement 
channel.  That  is  not  possible  at  the  moment  for  large  models  having  more  than  several 
tens  of  pressure  orifices.  A  recently  developed  multiport,  semiconductor  pressure  trans¬ 
ducer  will  probably  remove  this  limitation.  Experiments  have  been  made  in  this  way  in 
S2MA  with  a  32-channel  multiport  transducer  which  has  given  correct  pressure  distribu¬ 
tions  during  a  pitch  polar  at  a  rate  of  0.2  degree  per  second. 

A  second  technique,  strongly  associated  with  minicomputer  development,  is  indicated 
in  Fig.  35.  Evolving  from  the  "pitch-pause"  method,  automated  data  systems  began  in  1971 
at  AEDC  with  the  Automatic  Model  Attitude  Positioning  and  Data  Acquisition  System.  The 
system  became  rather  sophisticated  at  ONERA's  S3MA  by  1973  with  the  addition  of  angle-of- 
attack  positioning,  pressure  rake  position  control,  and  some  measurement  quality  checking 
Automatic  control  of  all  wind  tunnel  activities  is  still  improving  with  the  ultimate  aim 

of  complete  automation  of  the  entire  tunnel  operation,  model  operation,  and  data  acquisi¬ 

tion  processes.  The  system  depicted  in  Fig.  35  functions  as  follows: 

•The  wind  tunnel  run  program  is  stored  in  advance  in  a  dedicated  computer  in  the 
form  of  a  series  of  interactive  tables  specifying  model  attitude,  control  surface  deflec¬ 
tion,  Mach  number,  Reynolds  number,  etc.  However,  the  operator  is  allowed  to  intervene 
to  modify  any  table  at  any  time  from  an  interactive  keyboard. 

•  Pe rmiss ible  dev iat ions  of  all  set  parameters  are  also  specified,  for  example, 

AM  =  0.002,  and  automatically  checked  by  the  computer  before  each  data  point  is  acquired. 

In  addition,  allowable  rates  of  change  of  dependent  parameters  may  be  specified  to  ensure 
that  steady-state  data  are  being  acquired,  for  example,  ap/At  =  ilO  Pa/sec. 

•The  sequence  is  begun  by  the  operator  who  selects  the  beginning  table  and  starts 
the  cycle.  The  automatic  system  reads  the  first  table  values,  adjusts  the  aerodynamic 
and  mechanical  parameters,  initiates  the  data  acquisition  cycle  when  all  specified  param¬ 
eters  are  within  tolerance,  checks  the  validity  of  some  measurements  before  they  are  ac¬ 
quired,  displays  enough  engineering  unit  information  in  real  time  to  allow  the  test  team 
to  stay  informed  of  the  status  of  critical  parameters,  transfers  the  data  to  another, 
generally  larger,  computer  for  complete  processing,  and  cycles  to  the  next  value  of  the 
independent  test  variable. 

•Safety  of  the  system  is  also  ensured  by  the  minicomputer  which  monitors  critical 
parameters,  e.g.,  forces,  moments,  angles,  etc.,  to  ensure  that  specified  limits  are  not 
exceeded . 

The  automation  of  testing  has  two  major  benefits.  First,  the  automatic  system  op¬ 
erates  at  maximum  speed  all  the  time,  whereas  a  human  operator  can  sustain  such  speed  for 
only  a  few  minutes.  Time  and  energy  savings  for  a  complete  tunnel  run  is  between  10  and 
40  percent.  In  some  particular  tests,  such  as  an  ONERA  power  plant  simulation  which  is 
limited  by  air  storage  capacity,  as  much  data  are  realized  in  one  run  as  were  previously 
acquired  in  two  runs.  Second,  the  data  are  much  more  repeatable  because  the  computer  is 
able  to  hold  much  tighter  tolerances  on  all  independent  parameters  and  ensure  steady- 
state  values  of  many  dependent  measurements. 

AUTOMATIC  CHECKING  OF  MEASURING  UNITS 

The  improvement  of  testing  techniques  and  the  appearance  of  powerful  digital  means 
for  data  acquisition  has  resulted  in  a  regular  increase  in  the  number  of  measuring  chan¬ 
nels  used  during  tests.  13  For  example,  within  10  years  the  number  of  channels  in  the 
SIMA  and  S2MA  tunnels  has  increased  from  an  average  of  20  to  45  to  over  100.  Although  it 
is  possible  for  an  operator  to  check  rather  rapidly,  once  a  day,  the  quality  of  a  few 
tens  of  measuring  channels,  the  operation  is  quite  lengthy  for  a  hundred  channels  if  an 
accuracy  of  a  few  parts  in  ten  thousand  is  required  as  well.  Moreover,  experience  has 
shown  that  some  failures  of  analog- to-digital  converters  would  lead  to  isolated  unrealis¬ 
tic  readings  that  would  be  difficult  to  detect  without  the  help  of  computer  tools.  Thus, 
with  a  view  toward  improving  the  measurement  accuracy,  accelerating  the  tests,  and  de¬ 
tecting  errors  or  failures  in  measuring  units,  hardware  and  software  have  been  imple¬ 
mented  in  the  main  facilities  at  AEDC  and  ONERA. 

The  problem  of  checking  measurement  devices  is  that  of  rapid  detection  of  a  possibl 
difficulty  in  a  system  composed  of  several  hundred  instruments  (Fig.  36).  An  overall 
checking  method  which  consists  of  applying  known  physical  values,  whether  static  or  dy¬ 
namic  (forces,  pressures,  etc.),  to  the  measurement  device  is  obviously  effective  and  fre 
quently  used,  but  it  is  often  difficult  to  implement  and,  consequently,  limited  most  of 
the  time  to  a  few  elementary  tests:  pressure  steps  on  transducers,  polars  without  wind, 


and  verification  of  the  zeros  on  the  balances.  These  tests  have,  however,  the  merit  of 
revealing  most  of  the  failures  occurring  at  the  level  of  transducers  and  their  wiring. 

With  consideration  for  the  extent  of  the  instrumentation  implemented,  the  technique 
discussed  below  is  more  restricted  in  purpose  but  more  ambitious  in  the  precision  sought: 
the  point  is  to  provide  rapidly  the  written  proof  that  the  fixed  parts  of  the  measuring 
units,  viz,  amplifiers,  filters,  mul t ipl exer -convert er (s) ,  various  connections  and  wir¬ 
ings,  are  in  the  correct  state  required  by  the  test  and  provide  an  overall  accuracy  of 
±2  x  10"*  of  full  scale.  As  the  transducer  supply  voltage  is  automatically  checked  In- 
other  means,  the  search  for  failure  is  shorter,  being  restricted  to  only  the  transducers 
and  their  wiring.  Furthermore,  any  doubts  that  may  appear  concerning  the  state  of  the 
measuring  unit  long  after  a  test  has  been  completed  will  have  no  foundation  if  the  checks 
described  below  are  made. 

Figure  37  presents  a  diagram  of  the  general  principle  of  the  ONFRA  checking  method 
illustrated  with  a  standard  analog  channel.  In  addition  to  the  most  direct  "path”  be¬ 
tween  the  transducer  and  the  computer  and  the  decoupling  amplifiers,  there  are  voltage 
and  function  generators  controlled  by  the  data  acquisition  minicomputer  and  capable,  via 
a  "low  level  switch",  of  sending  calibration  signals  instead  of  transducer  signals 
through  the  amplifiers  and  other  data  acquisition  components.  A  simplified  channel,  with¬ 
out  amplifier  or  filter,  allows  direct  access  to  the  mul t ipl exer -converter .  The  general 
principle  of  the  checks  consists  in  comparing  a  theoretical  signal  controlled  by  the 
minicomputer  with  the  signal  measured  by  the  mul t ipl exer-converter  with  an  accuracy  on 
the  order  of  1  x  10“*.  This  is  made  possible  by  the  quality  of  the  instruments,  and 
above  all  by  that  of  the  "low  level  switch"  which  does  not  introduce  any  contact  voltages 
higher  than  one  microvolt. 

The  checking  method  presently  functions  as  follows: 

•  A/D  multiplexer-converter  -  The  device  is  calibrated  by  automatically  applying 
voltages  in  100  steps  between  ±10  volts.  Ten  of  the  steps  occur  very  close  to  zero.  Not 
only  do  these  fine  increments  ensure  that  zero  crossing  occurs  properly,  but  they  also 
ensure  that  the  low  order  bits  are  functioning  properly  at  the  higher  voltage  values.  A 
mean  value  is  calculated  from  32  readings  at  each  step.  The  entire  process  requires 
about  four  minutes. 

•Correct  gain  and  cutoff  frequency  -  Both  the  amplifier  gain  and  filter  cutoff  fre¬ 
quency,  which  are  set  manually,  are  rapidly  checked  by  applying  a  step  voltage  to  the 
measuring  channel  and  monitoring  the  instantaneous  signal  value  at  several  chosen  times 
after  the  step  initiation.  The  complete  procedure  takes  about  one  minute. 

•Zero,  gain,  and  linearity  of  the  measuring  unit  -  Eight  voltages  are  applied  to  the 
measuring  unit.  After  allowing  time  for  the  filters  to  respond,  an  average  value  is 
calculated  from  the  32  samples  at  each  step  and  compared  with  expected  values.  The  value 
is  considered  correct  if  it  does  not  deviate  from  the  expected  value  by  more  than  ±2  mv 
(10  v  full  scale)  except  around  zero  where  only  ±1  mv  is  allowable.  Because  32  samples 
are  taken  it  is  also  possible  to  have  an  idea  of  the  noise  on  each  channel.  An  error 
message  is  emitted  if  the  peak-to-peak  deviation  reaches  5  mv.  The  duration  of  this 
check  depends  upon  the  filter  cutoff  frequency.  For  a  1-Hz  low-pass  filter,  the  check 
lasts  about  six  minutes. 

The  complete  checking  procedure  takes  nearly  15  minutes  or  longer  if  heavy  filter¬ 
ing  is  required.  It  has  been  proposed  to  have  the  checking  procedure  initiated  automat¬ 
ically  by  the  clock  before  the  arrival  of  the  wind  tunnel  staff.  Subsequent  checks  would 
be  performed  during  the  operating  shift  if  any  doubt  appears  during  the  test  unit  opera¬ 
tion. 


REPEATABILITY  OF  THE  TESTS  DATA 

Wind  tunnel  operators  must  constantly  strive  to  privide  test  data  that  is  not  only  accuratebut  also  more  relia¬ 
ble.  At  first,  the  repeatability  of  polars  during  the  same  test  period  is  essential.  Cut  during  the  develop¬ 
ment  of  an  aircraft  family,  the  manufacturer  often  uses  a  calibration  model  as  a  reference  during  several 
testing  programs  which  can  extend  over  several  years  :  wind  tunnel  tests  data  must  then  satisfy  a  long 
term  repea tabi 1 i ty . 

Some  improvements  of  the  data  repeatability  have  been  obtained  in  the  transonic  test  section  in  the 
0NERA  S2  Modane  wind  tunnel.  The  horizontal  walls  of  the  test  section  are  perforated  and  equiped  with  per¬ 
forated  sliding  plates  inside  the  plenum  chamber  (figure  38)  which  allows  for  porosity  adjustement. 

Chiefly  in  the  subsonic  range  and  for  the  maximum  porosity  (geometrical  porosity  6  ' ) ,  the  repeata¬ 
bility  of  the  data  was  deficient.  For  example,  four  contiguous  polar  curves  at  Mach  0.5  gave  deviations  of 
5.3  lO'11  for  CD  (figure  39).  Such  discrepancies  are  too  large  for  transport  aircraft  project  evaluation 
which  requires  about  2.10  for  CD  as  typical  specification 

In  the  closed  wall  configuration,  the  repeatability  is  clearly  better  (figure  39)  :  1.5  lO”5  for  CD. 

Such  walls  perform  to  the  above  specification  but,  unfortunately,  involve  too  large  a  wall  interference 
as  opposed  to  the  perforated  configuration  giving  negligible  constraints. 

Spectral  analysis  of  both  CN  and  CA  coefficients  recorded  during  four  minute  intervals  shows  a  large 
disparity  for  the  two  wall  configurations  (figure  40),  increasing  towards  low  frequency  end  of  the  spectrum. 

For  the  closed  walls,  the  amplitudes  of  CN  and  CA  are  very  near  those  recorded  without  wind.  Thus  the 
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repeatability  deficiences  were  due  to  very  low  frequency  phenomena  induced  by  a  non-linear  characteristic 
of  the  perforated  walls  :  static  pressures  on  the  walls  and  total  pressures  inside  the  perforations  exhi¬ 
bited  pressure  variations  (with  long  periods)  when  the  difference  between  test  section  and  plenum 
chamber  pressures  were  negligible. 

For  the  case  of  the  maximum  porosity  walls,  a  numerical  filtering,  at  very  low  cutting  frequency, 
was  applied  to  the  data.  This  method  improved  the  repeatability  by  a  factor  of  two  (figure  39)  but  still 
does  not  meet  the  criteria.  As  a  result  the  angle  of  attack  sweeping  speed  during  the  tests  must  be  redu- 


But  thanks  to  a  reduction  of  the  porosity,  by  sliding  the  translation  plates,  the  CL  variances  are 
quickly  improved  (figure  41).  For  the  value  of  the  geometrical  porosity  2.9X  the  CL  variation  is  reduced 
to  the  value  obtained  for  closed  walls.  Under  these  conditions,  the  repeatability  for  four  contiguous 
polar  curves  are  now  1.5  10'^  for  CD.  The  lift  gradient  deviations  are  reduced  by  5times  (figure  42);  the 
wall  interference  is  tolerable  (2.5  X  in  CL^) . 

This  example  shows  the  effects  of  improvements  in  the  flow  quality  on  the  repeatability  of  the 
data  provided  to  the  customers. 


CORRECTIONS  APPLIED  TO  WIND  TUNNEL  DATA 

Generaly,  the  model  size  is  chosen  as  large  as  possible  to  obtain  large  Reynolds  number.  On  the  other  hand, 
the  support  system  size  increases  with  the  aerodynamic  loads;  accordingly  the  determination  of  equivalent 
data  corresponding  to  "unconfined"  flow,  without  support  needs  some  corrections. 

The  sting  interferences  can  be  deduced  from  measurements  of  local  pressures,  at  the  fuselage  loca¬ 
tion,  with  and  without  the  sting  to  take  account  into  the  flow  quality.  Figure  43  shows  the  pressures  in¬ 
duced  by  a  "Z"  sting  used  in  the  S2  Modane  wind  tunnel  for  a  transport  aircraft  model  in  longitudinal 
configuration.  Theoretical  calculations  can  give  the  overall  field  of  the  support  (intensity  and  orienta¬ 
tion).  For  this  purpose,  Aerospatiale  [16]  has  developed  computer  programs  based  on  subcritical  potentiel 
calculation  in  inviscid  flow  using  a  method  of  singularities  distributed  on  panels  with  compressibly  cor¬ 
rection.  Such  theoritical  data  are  in  good  agreement  with  experimental  measurements  (figure  43). 

The  current  computer  capacity  allows  caculations  of  sophisticated  mounting  schemes  ,  as  illustrated 
on  figure  44,  for  the  analysis  of  the  drag  interference  due  to  a  "Z"  sting  on  a  fuselage  afterbody.  By 
comparison  with  the  Kp  distribution,  without  the  "Z"  sting,  such  calculations  allow  an  optimization  of  the 
mounting  for  minimum  Interference.  The  interference  of  the  two-stings  on  the  fuselage  shown  on  figure  45 
are  very  small  (aKp  <  0.01). 

Another  example  is  relative  to  the  study  of  the  longitudinal  location  of  the  "Z"  sting  in  the  rear 
part  of  the  fuselage  :  a  rearward  location  gives  a  small  interaction  localized  on  the  afterbody,  whereas 
a  forward  location  of  the  sting  modifies  the  whole  fuselage  field. 

Even  with  the  optimized  sting  location,  the  buoyancy  correction  remains  important  ;  for  the  con¬ 
figurations  shown  on  figure  43  the  CD  for  Mach  0.8  must  be  corrected  by  16.10 

The  downwash  at  the  horizontal  tail,  due  to  the  sting  effect  must  be  known  to  obtain  the  true  tail 
setting;  Up  to  now  this  correction  is  obtained  by  a  theoritical  approach. 

Wall  interferences  usually  involve  corrections  for  conventional  test  sections.  The  knowledge  of  the 
perturbation  velocities  (axial  and  vertical)  induced  by  the  walls  gives  the  corrected  Mach  number  and 
local  angle  of  attack  distributions  along  wing,  tail  and  fuselage.  By  integration,  these  local  corrections 
give  the  overall  correstions  to  the  aerodynamic  coefficients  and^.  Much  better  wall  corrections  can  be 
applied  since  the  development  of  sophisticated  computer  programs.  A  recent  AGARD/FDP  meeting,  in  London 
(may  1982)  has  devoted  two  sessions  for  the  wall  effects  in  conventional  test  sections  and  one  session 
for  the  new  adaptive  walls  concept  [17]. 

At  0NERA,  new  approches  are  in  progress  [18]  to  increase  the  accuracy  of  the  wall  corrections, 
especially  for  large  transport  aircraft  models  in  the  transonic  SI  and  S2MA  wind  tunnels.  The  mathemati¬ 
cal  description  of  the  model  has  been  improved  by  increasing  the  number  of  singularities  and  by  taking 
into  account  their  exact  location  inside  the  test  section  :  this  parameter  is  more  important  for  large 
angles  of  attack  of  fighter  models.  Moreover,  the  mathematical  modeling  includes  the  model  support  sys¬ 
tem. 

A  sufficient  theoritical  description  is  verified  by  measurements  of  the  wall  pressures  for  closed 
wall  testing  :  the  comparison  between  measured  and  calculated  distributions  shows  (figure  45)  a  poor  a- 
greement  with  only  one  doublet  representing  the  model  volume;  a  good  agreement  is  limited  to  the  first 
part  of  the  fuselage  with  20  doublets  representing  the  model  volume;  but  with  15  more  doublets  for  the 
sting,  the  agreement  becomes  satisfactory  all  along  the  walls  in  front  of  the  model.  For  the  lifting 
term,  described  by  a  vortex  sheet,  the  comparison  deals  with  the  measured  and  calculated  gradient  of 
Mach  number  between  top  and  bottom  walls  versus  CL.  Figure  46  shows  the  good  agreement  obtained  on  two 
orthogonal  sections  (X,  Y  *  0). 

Formerly,  the  porosity  factor  laws  were  deducted,  for  a  test  section  from  reference  tests  in  a  clo¬ 
sed  wall  section  or  in  a  very  large  tunnel,  with  the  same  model;  but  now,  the  porosity  distributions, 
along  the  walls,  are  obtained  "in  situ"  from  a  comparison  between  measured  and  calculated  pressure  distri¬ 
butions. 

For  2  Dim.  testings,  the  wall  corrections  are  calculated  directly  from  the  model  "signature"  on 
the  walls,  avoiding  the  using  of  porosity  factor  [19]. 
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For  3  Dim.  testings,  the  formulation  of  the  same  method  exists,  but  is  not  yet  applied  for  routine 
testa;  an  indirect  method  is  studied  through  the  expliclte  evaluation  of  the  porosity  factor  distri¬ 
bution  on  the  walls.  Some  investigations  on  uniform  porosity  concept  are  in  progress  in  SI  and  S2MA 

tunnels.  Using  a  parametric  calculation  of  the  blockage  and  lift  "signatures"  on  the  walls,  versus 
the  porosity  factor,  a  comparison  with  the  measured  distributions  has  been  obtained  in  the  S3MA  wind 
tunnel  equiped  with  perforated  walls.  The  above  assumption  of  the  uniform  porosity  concept  is  confirmed 
as  shown  on  figure  47  and  48,  at  least  for  this  case. 

The  corrected  data  accuracy  depends  directly  on  the  sophistication  of  this  mathematic  modeling. 

Up  to  now,  some  parts  of  the  model,  like  nacelles,  separated  regions  for  ventilated  walls,  etc..,  are  not 
taken  into  account  in  the  mathematical  description  of  the  aircraft  model,  due  to  computing  difficulties 
and/or  excessive  time  requirements. 

TEST  DATA  COMPARISONS 

The  usual  way  to  evaluate  test  data  accuracy  remains  the  comparisons  of  various  test,  obtained  from; 

-  data  on  the  same  model  in  the  same  wind  tunnel  with  various  configurations  (plain,  slotted,  perforated) 

-  data  on  the  same  model  in  several  wind  tunnels  with  various  test  section  sizes, 

-  data  on  similar  models  in  several  wind  tunnels. 

Of  course,  a  correlation  between  wind  tunnel  and  flight  data  will  be  the  ultimate  objective. 

In  this  view,  a  program  was  initiated  in  1969  by  ONERA  [2o]  to  test  a  serie  of  similar  calibra¬ 
tion  models,  representative  of  a  transport  aircraft  in  various  transonic  tunnels  in  seven  countries.  A 
paper,  limited  to  the  results  obtained  with  the  largest  model  (M5)  in  six  establishments  (AEDC,  NAE, 

NASA  Ames,  NLR,  ONERA,  RAE)  was  presented  at  the  AGARD/FMP  Meeting  in  Paris  in  1977  [21],  Figures  49, 

50  recall  some  of  these  comparisons  on  the  aerodynamic  forces  and  on  mean  chord  pressure  distributions. 

For  development  tests,  ONERA  has  in  operation  :  three  tunnels  at  Modane  (SI,  S2,  S3MA) ,  one  at 
FAUGA  (FI)  and  one  at  TOULOUSE  (T2) ;  thus  many  correlations  are  available  between  data  obtained  in  these 
tunnels  on  the  same  or  similar  models. 

In  two-dimensional  flow,  the  recent  operation  of  the  T2  tunnel  with  adaptive  walls  (221  allows 
an  interesting  comparison  with  the  data  on  the  same  supercritical  CAST  7  wing  section  obtained  in  S3MA  tun¬ 
nel  equiped  with  conventional  perforated  or  plain  walls.  The  CL,  ^  curves,  obtained  at  S3MA  with  closed 
and  perforated  walls  are  very  different  before  wall  corrections.  Applying  these  corrections,  a  good 
agreement  is  obtained.  Furthermore  those  S3MA  results  (figure  51)  correlated  very  well  with  the  T2  data. 
Although  the  wall  signatures  are  very  different  for  the  three  test  section  configurations,  the  pressure 
distributions  on  the  profile  are  very  quite  similar  (figure  52).  The  advantage  of  adaptive  walls  is  ob¬ 
vious,  because  the  ratio  between  the  profil  chord  and  the  tunnel  height  in  T2  is  twice  the  value  used 
in  S3MA. 


In  three  dimensional  flow,  a  comparison  of  data  obtained  in  FI  and  SIMA  tunnels  on  a  fighter  mo¬ 
del  (figure  53)  shows  a  good  agreement  even  at  very  large  angles  of  attack,  up  to  35  degrees.  Some  other 
correlations  are  not  so  encouraging,  especially  with  separated  flow  (figure  54)  even  before  the  vortex 
bursting  [23 J. 

Figure  55  gives  a  comparison  between  the  Fl  tunnel  data  on  a  l/10th  scale  model  of  the  MERCURE  100 
aircraft  and  the  flight  data  provided  by  the  DASSAULT  company.  For  cruise  and  take-off  configurations, 
the  agreement  is  very  good.  For  the  landing  configuration  tests  were  made  with  the  undercarriage  up  in  Fl 
and  down  in  flight  :  but  the  trimmed  polar  curves  are  still  parallel  for  the  take-off  configuration  as 
lnd icated . 

Such  correlations  give  confidence  in  wind  tunnel  predictions  but  they  need  a  permanent  effort 
from  wind  tunnel  operator  to  improve  the  test  methodologies  and  specific  contributions  from  the  manufac¬ 
turers. 


CONCLUDING  REMARKS 

This  paper  does  not  give  an  exhaustive  review  of  recent  innovations  in  wind-tunnel  operation.  For 
exemple,  Acroelast icity  and  Active  control,  to  be  discussed  by  other  authors  in  their  symposium,  have 
been  omitted  as  well  as  discussions  of  cryogenics  and  adaptive  walls  tunnels  and  on-line  wall  interference 
assessment  in  conventional  tunnels  which  are  today  not  ready  for  customers.  Progress  in  test  ef f eet iveness 
has  taken  so  many  approaches  that  a  full  survey  would  look  like  a  windtunnel  operator  handbook.  However 
the  authors  endeavoured  to  illustrate  the  trends  along  the  "three  fronts"  : 

-  increasing  the  amount  of  information, 

-  reducing  test  costs  per  data  unit,  and 

-  improving  data  quality. 

These  permanent  challenges  arise  from  the  evolutionary  requirements  of  flying  vehicles.  Figure  56 
sketches  some  of  the  relations  between  customers  needs  and  test  improvements.  These  improvements  make  up 
a  fundamental  aspect  of  wind-tunnel  work,  strongly  supported...  and  seldom  challenged,.,  by  computer  pro¬ 
grams.  Future  progress  will  continue  the  integration  of  computational  power  with  improved  test  techniques 
to  yield  and  optimal  wind  tunnel  system  to  maximize  test  effectiveness. 
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Figure  14.  Stereo  Photographic  Pair  o 
Calibration  Body  and  Grid 
Overlay 


Figure  13.  Convergent  Process  to  Minimize 
Drag,  Specified  Lift 


Figure  15.  Computer  Graphic  Display  of  Calibration  Body 


Figure  16.  Digital  Theodolite  Measurement  System 


Figure  17.  CTS  Installation  Photograph  Showing  Multiple 
locations  of  the  Released  Store 
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Figure  18. 
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Figure  22.  Flow  Field  Survey  Mechanism  in  SIMA 
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Figure  23.  Typical  Crossflow  Velocity  Vector  Figure  24.  Vorticity  in  the  Wake  of  a 

Measurements  in  S2MA,  M*.  =  0.274,  2-D  Profile  Obtained  by  Laser 

a  »  19  deg.  Re  «  2.3  x  10^  Anemometry,  S3MA 


Figure  25.  Illustration  of  CTS  Store  Model  in  Carriage 
Position  and  Optical  Sensor  in  Pylon 
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Figure  26.  Typical  Optical  Sensor  Output  Figure  27.  Typical  Optical  Sensor  Signal 
Signal  with  Variations  in  with  Lateral  Variations  in 

Vertical  Position  of  Store  the  Store  Position 
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Figure  29.  Model  Pivot  Point  Forward  Motion  with  Angle  Setting 
of  Sting  Support  System 
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Figure  30. 
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Figure  36.  Typical  Data  Acquisition  (1981) 
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Figure  43  -  Sting  interference  - 

Comparison  theory-experiment 


Figure  44  -  Support  interference 
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Figure  45  -  Model  and  sting  signatures  on  the  test 
section  walls,  blockage  terms 
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Figure  47  -  >rosity  factor  Q'  determination  from 
wall  signatures,  blockage  terms. 
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Figure  48  -  Porosity  factor  Q  determination  from  wall  signatures, 
lifting  terms 
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Figure  19  -  Wind  tunnel  comparison  - 

ONERA  calibration  model  M5, 
aerodynamic  coefficients 
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Figure  50  *  Wind  tunnel  comparison  -  ONERA  calibration  model  M5, 
mean  chord  pressure  distribution 
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Figure  51  -  2D  wind  tunnel  comparison  : 

CAST  7  profile ,  lift  curves. 


Figure  52  -  2D  wind  tunnel  comparison  :  CAST  7 
profile,  pressure  distribution  and 
wall  signatures 
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Figure  53  -  3D  wind  tunnel  comparison  -  fighter  model 
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SUMMARY 


A  systematic  approach  of  integrating  the  best  of  ground  tests,  flight  simulators,  and  flight  tests  was 
developed  and  used  for  aerothermodynamic  flight  envelope  expansion  for  the  Space  Shuttle  Orbiter.  Equations 
and  parameters  were  selected  which  were  appropriate  for  the  flight  simulator  at  the  Air  Force  Flight  Test 
Center  (AFFTC)  and  also  for  the  reduction  of  flight  data  from  imbedded  thermocouples.  Transient  flight  test 
maneuvers  were  designed  using  the  simulator  and  suggested  to  the  National  Aeronautics  and  Space  Administration 
(NASA)  at  the  Johnson  Space  Center.  Parameters  were  estimated  from  flight  thermocouple  data  during  the  ma¬ 
neuvers  by  a  new  data  reduction  technique.  The  parameters  were  compared  with  simulator  parameters  which  were 
based  on  ground  test  data  and  theory.  The  objective,  however,  was  envelope  expansion  and  not  data  comparison. 
Simulator  parameters  were  appropriately  and  quickly  updated  before  the  next  flight  test.  The  new  flight  data 
reduction  technique  could  also  be  valuable  in  analyzing  wind  tunnel  thermocouple  data  to  reduce  test  time. 


INTRODUCTION 


A  systematic  approach  of  integrating  ground  tests,  flight  simulators,  and  flight  tests  is  described.  The 
first  step  in  this  approach  consists  of  integrating  predictions  and  ground  test  data  for  the  heat  transfer  to 
critical  points  on  the  Orbiter  Thermal  Protection  System  (TPS)  into  the  flight  simulator.  The  data  must  be 
scaled  to  flight  conditions  and  appropriate  simulator  equations  and  parameters  selected  prior  to  use  in  a  real 
time  man-in-the-loop  simulator.  Next,  the  simulator  is  used  for  flight  planning,  parametric  studies,  and  de¬ 
sign  of  transient  flight  test  maneuvers  which  will  enhance  flight  test  data  reduction  and  envelope  expansion. 
After  the  flight  test,  best  estimates  of  simulator  parameters  are  obtained  by  a  new  data  reduction  technique 
for  imbedded  thermocouples  which  is  based  on  systems  identification  theory. 

Time  history  comparisons  or  comparisons  at  a  particular  time  often  result  in  difficulty.  The  parameters 
that  caused  variations  between  predicted  and  flight  time  histories  can  not  be  identified  readily  by  comparing 
time  histories.  With  the  new  technique ,  parameters  which  would  cause  variations  are  estimated  during  transients 
and  compared  directly  with  simulator  parameters,  which  were  based  on  predictions  and  ground  test  data.  If  ap¬ 
propriate,  simulator  parameters  are  updated  with  perhaps  some  conservatism  in  mind.  These  steps  are  repeated 
with  subsequent  flights,  and  the  data  base  is  enhanced  by  flight  data.  Envelope  expansion  may  be  accomplished 
with  transient  test  maneuvers,  while  never  committing  the  Orbiter  to  a  more  severe  environment  for  any  signif¬ 
icant  duration. 

Predictions  and  ground  test  data  from  various  sources  must  be  incorporated  into  one  simulator  data  base. 
Ground  tests  are  normally  not  exactly  at  flight  conditions,  and  data  must  be  corrected  and  extrapolated. 
Methods  of  accomplishing  this  are  often  numerous  and  vary  in  complexity,  and  is  not  a  topic  for  this  paper. 

The  best  available  data  was  used  and  was  often  constrained  by  timeliness  and  by  conservatism  to  insure  flight 
safety.  Simplified  equations  for  the  aerodynamic  heat  rate  to  the  Orbiter  TPS,  which  were  used  for  flight 
planning  by  NASA,  were  used  for  some  locations. 1 >2  wind  tunnel  data  for  the  ratio  of  the  film  transfer  coef¬ 
ficient  to  a  reference  coefficient  on  a  sphere  were  used  directly  for  the  upper  surface  especially,  A  data 
base  evolved  with  improvements  for  the  ratio  of  heat  rate  to  a  reference  heat  rate  on  a  sphere  with  the  var¬ 
iables  of  angle  of  attack,  sideslip,  Reynolds  number,  elevon  deflection,  flap  deflection,  and  Mach  number. 

The  simulator  equations  for  aerodynamic  heat  rate  were  essentially  based  on  linear  interpolation  of  the 
tabulated  ratios.  This  data  base  can  be  related  to  the  aerodynamic  data  base  where,  for  example,  stability 
and  control  derivatives  are  assumed  to  be  linear  locally,  and  tabulated  as  functions  of  the  appropriate  var¬ 
iables.  A  similar  assumption  for  the  heating  results  in  derivatives  for  the  heat  rate  with  respect  to  each 
variable  which  are  referred  to  as  heating  parameters. 

Since  the  TPS  is  an  excellent  insulator  and  radiator,  the  surface  temperature  could  be  approximated  by 
assuming  that  the  radiation  is  in  equilibrium  with  the  forced  convective  heating. ^*2  Equilibrium  is  not  as¬ 
sumed,  however.  The  heat  rate  is  assumed  to  be  independent  of  the  wall  temperature,  and  a  one-dimensional 
assumption  through  the  tile  from  the  surface  to  the  structure  accounts  for  conduction.  The  temperatures  at 
discrete  nodes  or  elements  through  the  TPS  are  obtained  from  the  solution  of  differential  equations  which  re¬ 
sult  from  an  energy  balance.  An  implicit  finite  difference  or  finite  element  solution  technique  is  used.^ 

The  one-dimensional  assumption  is  also  appropriate  for  the  flight  data  reduction  method  and  for  simulating  the 
response  of  imbedded  thermocouples. 
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The  simulator  at  AFFTC  was  used  to  study  the  response  of  existing  thermocouples  which  were  imbedded  in 
the  TPS.  Numerous  thermocouples  were  located  near  the  surface  of  the  TPS  just  beneath  the  surface  coating, 
as  well  as  others  through  the  TPS  to  the  structure.  During  some  maneuvers  which  are  normally  used  for  per¬ 
formance,  the  simulated  responses  of  the  thermocouples  were  significant.  Transient  maneuvers  were  then  de¬ 
signed  which  would  enhance  data  reduction  and  envelope  expansion. ^  Estimation  of  stability  and  control  der¬ 
ivatives  from  data  during  transient  maneuvers  is  a  standard  technique  at  the  AFFTC. The  technique  has  also 
been  used  for  the  Orbiter.  ^  Aerodynamic  instrumentation  is  designed  specifically  for  parameter  estimation, 
and  provides  a  measurement  for  each  state  variable. 

The  estimation  of  heating  parameters  is  more  difficult,  but  is  possible  with  current  methods  from  systems 
identification  theory.®  Other  parameters  in  the  one-dimensional  thermal  equations  can  also  be  estimated,  and 
are  referred  to  as  thermal  parameters.  Thus,  the  thermocouple  installation  and  thermal  equations  can  be  ver¬ 
ified  and  possibly  corrected.  Confidence  will  be  higher  in  the  heating  parameters  than  in  convent ional  methods, 
which  do  not  take  advantage  of  transients . ^ ^  In  addition,  only  data  during  the  maneuvers  have  to  be  ana¬ 
lyzed  . 


The  primary  purpose  of  the  transient  maneuvers,  however,  is  safe  envelope  expansion.  The  ranging  capa¬ 
bility  of  a  lifting  reentry  vehicle  such  as  the  Orbiter  varies  considerably  with  angle  of  attack.  Current 
constraints  are  based  primarily  on  heating.  The  angle  of  attack  can  be  varied  during  a  transient  maneuver  oi 
approximately  thirty  seconds  duration  which  is  referred  to  as  a  Push-Over-Pul ) -Up  (POPU).  The  angle  of  attack 
envelope  can  be  expanded  or  placards  identified  from  analysis  of  a  POPU.  Limits  on  the  aft  center  of  gravity 
are  also  based  on  heating  constraints  for  the  deflection  of  the  elevon  and  flap.  A  similar  transient  maneuver 
during  which  the  flap  deflection  is  varied  is  referred  to  as  a  fLap  maneuver.  The  elevon  deflects  in  an  op¬ 
posing  direction  to  maintain  vehicle  trim.  Limits  on  the  lateral  center  of  gravity  are  also  based  on  heating 
constraints  for  sideslip,  but  a  maneuver  of  sufficient  duration  has  not  been  designed.  The  data  reduction 
method  has  been  developed  to  take  advantage  of  the  transients,  as  opposed  to  other  techniques  which  do  not. 


The  data  reduction  method  is  referred  to  as  HEATEST  for  HEATing  ESTimation.  A  digital  computer  has  been 
programmed  for  HEATEST,  One-dimensional  differential  equations  are  solved  numerically  to  propagate  the  tem¬ 
perature,  the  sensitivity  of  the  temperature  to  each  parameter,  and  the  covariance  of  the  temperature  to  the 
next  discrete  time  at  each  discrete  node  through  the  TPS.  Whenever  a  thermocouple  sample  is  available,  the 
temperature,  sensitivity,  and  covariance  are  updated  by  an  extended  Kalman  filter.  At  the  end  of  the  tran¬ 
sient  maneuver,  or  for  any  time  segment,  parameters  are  updated  by  a  gradient  algorithm  to  maximize  a  maximum 
likelihood  function  for  each  parameter.  These  parameters  may  be  the  magnitude  of  the  heating  rate  ratio, 
heating  derivatives  or  variations,  and  thermal  parameters  such  as  effective  thermocouple  depth,  emissivity, 
and  conductivity  factor.  Selected  parameters  are  estimated  for  each  sequential  time  segment,  thus  allowing 
nonlinearity  in  heating  parameters  over  longer  durations. 

Originally,  feasibility  of  HEATEST  was  demonstrated  with  simulated  thermocouple  data,  wind  tunnel  thermo¬ 
couple  data,  and  limited  first  flight  thermocouple  data  with  no  maneuvers.^*8  Some  of  these  results  are  pre¬ 
sented.  Further  development  and  modifications  have  been  made  in  HEATEST  to  improve  capability  and  efficiency. 
The  present  HEATEST  program  was  used  to  reduce  thermocouple  data  from  the  second  Space  Shuttle  flight  (STS-2) 
in  which  a  POPU  was  performed  at  Mac h  20,  Three  flap  maneuvers  were  performed  at  Mach  21,  17,  and  14.  Results 
from  the  first  two  maneuvers,  at  Mach  21-20,  are  presented.  Variations  in  the  heat  rate  ratio  and  temperatures 
are  emphasized  and  not  magnitudes.  Although  heat  rate  magnitudes  did  not  agree  always  with  simulator  data  or 
ground  test  data,  derivatives  or  variations  did  agree  at  many  locations. 


SIMULATOR  EQUATIONS 


Both  the  flight  simulator  and  the  data  reduction  program  (HEATEST)  require  suitable  simulation  equations 
for  Che  aerothermodynamic  performance  of  the  TPS.  These  equations  and  their  parameters  are  referred  to  in 
systems  identification  theory  as  the  model.  Since  the  Orbiter  TPS  has  a  low  conductivity  and  most  of  the  heat 
is  radiated  from  the  TPS,  the  heating  rate  at  the  surface  is  assumed  to  be  independent  of  the  surface  tempera¬ 
ture,  Therefore,  the  heat  rate  or  heating  model  can  be  calculated  and  then  input  to  the  one-dimensional  equa¬ 
tions  or  thermal  model. 


The  heating  rate  depends  upon  the  vehicle  trajectory  and  the  atmosphere.  This  dependence  is  partially 
accounted  for  by  nondimensionalizing  the  heat  rate  by  a  reference  heating  rate  on  a  one  foot  radius  sphere  . 
The  reference  heating  (q^)  lot  the  Orbiter  is  given  emperically  by 
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where  o  is  Che  Ste f an-Boltzmann  constant  (4.761  x  10  >,  e  is  emissivity,  p  is  the  stmospheric  density,  V 

is  the  relative  velocity,  and  T  is  the  atmospheric  temperature.  The  English  Engineering  System  of  units  is 
used  where  the  heat  rate  is  in  British  Thermal  Units  per  second  per  foot  squared.  Other  choices  for  reference 
heating  could  be  used. 

The  ratio  of  the  heating  rate  (q)  to  the  reference  heating  rate  (qr)  was  assumed  locally  to  be  a  linear 
function  of  the  form 
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where  q0  is  the  magnitude  or  intercept  at  the  reference  conditions  specified  by  the  zero  subscript  on  each 
variable.  The  subscripts  on  the  heat  ing  rat  io  (q)  represent  partial  derivatives  or  slopes  with  respect  to  each 
variable.  The  variables  are  angle  of  attack  («),  sideslip  (B)»  logarithm  to  the  base  ten  of  the  Reynolds  num¬ 
ber  (RE)  based  on  characteristic  length,  elevon  deflection  angle  (6e)>  flap  deflection  angle  (6bf)»  and  Mach 
number  (M^) .  The  variation  in  heat  rate  ratio  (Aq)  from  the  reference  conditions  is  given  by  cq .  (2b)  where  the 
magnitude  is  subtracted.  To  emphasize  a  comparison  with  trends  and  not  magnitude  during  a  maneuver,  Aq  and 
the  variations  in  temperature  are  used  for  comparisons.  For  a  short  time  duration  or  time  segment,  these  par¬ 
ameters  or  derivatives  are  assumed  constant.  The  heating  ratio  q  can  be  tabulated  as  a  function  of  all  the 
variables,  or  each  parameter  can  be  tabulated  as  a  function  of  appropriate  variables.  The  simple  form  of  Eq. 

2  allows  flexibility  and  generality  to  allow  corrections  or  updates  to  an  ae jothermodynamic  data  base,  as  well 
as  being  similar  to  wind  tunnel  data  formats.  The  derivatives  are  also  appropriate  for  estimation  techniques. 

Once  the  heat  rate  to  the  TPS  surface  is  specified,  temperature  through  the  tile  can  be  calculated  by 
solving  the  system  of  ordinary  differential  equations  which  result  from  a  one-dimensional  energy  balance  ^ sim¬ 
ilar  to  the  partial  differential  heat  equation).  A  typical  TPS  cross  section  for  Reusable-Sur face-Insulat ion 
(RSI)  is  shown  in  Fig.  1.  The  TPS  was  split  into  small  elements  of  length  (Ax)  for  a  total  of  L  node  points. 
Blocks  A  through  D  represent  different  materials  with  thermal  properties  which  vary  with  local  temperature  and 
pressure.  ^  The  convective  heat  rate  (q)  is  input  to  the  surface  node  (i=l).  The  surface  radiates  heat  away 
and  conducts  a  small  amount  into  the  TPS  through  the  thin  coating  of  thickness  Ax^  or  Ax^.  The  surface  therm¬ 
ocouple  is  normally  located  at  the  second  node  (i«2).  The  interior  of  block  B  with  effective  thickness  (Axi>) 
is  divided  into  elements  of  equal  thickness  (Ax£).  If  additional  thermocouples  are  embedded,  the  distance 
between  each  is  divided  into  elements  of  equal  thickness  so  that  a  node  corresponds  to  the  thermocouple  loca¬ 
tion.  In  block  C,  the  RSI  is  bonded  by  Room-Temperature-Vulcanizing  (RTV)  adhesive  to  a  nomex  felt  Strain- 
Isolation-Pad  (SIP)  which  is  bonded  to  the  structure  by  RTV.  In  block  D,  the  effective  structural  thickness 
and  heat  sink  complete  the  one-dimensional  cross  section  where  an  adiabatic  wall  is  assumed. 


An  ordinary  differential  equation  for  the  temperature  ( Ui )  at  the  ith  node  point  was  obtained  from  an 
energy  balance  for  each  element.  A  system  of  L  nonlinear  differential  equations  results  and  is  of  the  follow¬ 
ing  form 
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where  C  is  the  material  specific  heat,  p  is  material  density,  and  K  is  the  material  conductivity.  Coefficients 
with  subscripts  which  are  less  than  one  or  greater  than  L  are  zero.  The  radiation  and  heat  rate  terms  are 
also  zero  except  at  the  surface  and  backface  nodes.  The  radiation  sink  temperature  (Uo  and  U^+i)  must  be 
specified  at  the  surface  and  backface  node.  The  emissivities  on  the  plus  or  minus  side  of  the  element  (c^  + 
and  G£-)  were  zero  except  at  the  surface,  backface,  and  honeycomb  nodes. 

Given  an  initial  condition  (Ut),  Eq.  (3)  can  be  solved  numerically  by  approximating  the  time  derivative 
with  a  first  order  backward  difference  given  by 
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where  At  is  the  time  step.  The  resulting  system  of  implicit  difference  equations  or  matrix  equation  must  be 
solved  simultaneously.  The  surface  node  equation  with  the  highly  nonlinear  radiation  term  was  solved  with  a 
Newton-Ralphson  iteration  and  extrapolation  scheme.  A  tridiagonal  algorithm  was  used  for  the  simultaneous 
solution  of  the  remaining  difference  equations. 

Numerical  solution  of  Eq.  (3)  resulted  in  an  accurate  simulation  of  surface  and  bondline  temperatures. 
Time  steps  and  spatial  step  sizes  were  reduced  to  investigate  accuracy.  A  spatial  step  of  .00125  it  (.25cm) 
insured  accuracy.  Time  steps  up  to  one  second  were  acceptable.  Larger  time  steps  could  be  used  if  transients 
were  not  significant. 


FLIGHT  TEST  MANEUVERS 


Flight  test  maneuvers  which  began  on  the  second  Space  Shuttle  flight  were  designed  primarily  for  envelope 
expansion  and  placard  removal.*  The  AFFTC  simulator  was  used  to  evaluate  test  maneuvers  and  propose  changes 
which  enhance  aerothermodynamic  data  reduction  for  envelope  expansion.  Two  types  of  transient  maneuvers  for 
angle  of  attack  and  center  of  gravity  envelope  expansion  were  optimized  for  aerothermodynamics ,  and  integrated 
with  requirements  or  concerns  of  other  disciplines. 
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A  transient  maneuver  in  angle  of  attack  (POPU)  is  normally  performed  to  obtain  lift  ,  drag,  and 
vehicle  trim  as  a  function  of  angle  of  attack.  The  maneuver  consists  of  manually  pitching  the  Orbiter  down 
at  a  prescribed  pitch  rate  to  a  selected  minimum  angle  of  attack,  pitching  up  to  a  selected  maximum  angle  of 
attack,  and  then  pitching  down  to  the  original  or  commanded  angle  of  attack.  The  original  trajectory  is  es¬ 
sentially  uncharged  if  the  time  duration  is  short  enough  or  the  drag  error  is  small  due  to  the  balanced  man¬ 
euver.  Predicted  trends  and  variations  in  heat  rate  are  verified  by  flight  test  data,  or  updated  before  com¬ 
mitting  to  lower  or  higher  angles  of  attack  for  long  duration  during  future  operational  missions,  especially 
from  the  Western  Test  Range. 

Simulator  studies  of  the  maneuvers  confirmed  that  most  surface  thermocouples  in  high-temperature  and  low- 
temperature  RSI  (HRSI  and  LRSI  respect ively)  would  respond  during  maneuvers.  The  response  for  a  surface  ther¬ 
mocouple  in  the  nomex  felt  flexible  RSI (FRSI)  on  the  upper  surface  needed  a  longer  duration  maneuver  because 
of  a  difference  in  coating  properties.  Five  second  duration  holds  at  the  selected  minimum  and  maximum  angles 
of  attack  were  proposed  to  improve  FRSI  thermocouple  response.  Variations  in  heat  rate  with  angle  of  attack 
(heating  derivative,  qa)  can  be  estimated  from  thermocouple  measurements  while  other  variables  are  nearly  con¬ 
stant.  Rapid  and  safe  envelope  expansion  is  accomplished  over  several  flights  by  gradually  decreasing  and  in¬ 
creasing  the  selected  angles  of  attack. 

A  flap  maneuver  is  similar  except  the  flap  and  elevon  deflection  angles  are  varied  instead  of  angle  of 
attack.  Variations  of  heat  rate  with  flap  and  elevon  deflection  angles  )  can  be  identified  from  the 

thermocouple  measurements  while  other  variables  are  nearly  constant.  The  Angle  6?  attack  does  vary  some  dur¬ 
ing  the  flap  maneuver,  and  it  may  be  possible  to  identify  qa  simultaneously.  Although  the  derivative  ( q* )  can 
be  identified,  envelope  expansion  to  lower  or  higher  angles  is  not  accomplished.  A  roll  doublet  can  also  be 
performed  while  the  flap  is  down  and  elevon  is  up  to  estimate  aileron  control  derivatives.  Since  flap  and  el¬ 
evon  deflections  depend  on  the  center  of  gravity,  envelope  expansion  to  forward  and  aft  center  of  gravity 
limits  can  possibly  be  verified  without  chaneinv  the  renter  of  eravity. 

A  flap  maneuver,  roll  doublet,  pitch  doublet,  and  POPE  were  integrated  into  one  sequence.  This  integrat¬ 
ed  maneuver  is  advantageous  since  most  heating,  stability,  and  control  derivatives  can  be  estimated  at  a 
fairly  constant  Mach  number  or  Reynolds  number.  Several  integrated  maneuvers  would  ideally  be  performed  at 
approximately  Mach  21,  18,  14,  and  8.  Each  Mach  number  corresponds  to  a  Reynolds  number  on  a  given  flight. 
Therefore  variations  in  the  derivatives  with  Reynolds  number,  not  the  derivative  3log(RK)»  are  obtained  from 
a  set  of  maneuvers. 

The  derivative  <liog(RE)  can  be  estimated  between  maneuvers  or  during  maneuvers,  but  normally  requires  a 
long  time  duration  because  of  the  small  change  in  Reynolds  number  during  a  maneuver.  Flow  transition  causes  a 
dramatic  increase  in  this  derivative,  and  then  a  dramatic  decrease  when  fully  turbulent.  This  transient 
phenomenon  should  not  be  misinterpreted.  If  transition  occurs  during  a  maneuver,  it  causes  problems  in  inter¬ 
preting  results.  If  interpreted  correctly,  it  indicates  sensitivity  to  transition  in  one  of  the  variables, 
especially  if  the  flow  returns  to  a  laminar  state.  For  envelope  expansion,  the  understanding  of  transition 
onset  is  improved  however. 

Estimation  of  thermal  parameters  also  becomes  possible  during  a  transient  maneuver.  Although  numerous 
parameters  could  be  selected,  only  parameters  which  affect  the  heating  derivatives  were  selected.  These  ther¬ 
mal  parameters  currently  include  an  effective  thermocouple  depth  or  coating  thickness  (AxA),  the  surface  emis- 
sivity  (e),  and  a  conduct ivity  factor  (4>g)  for  the  RSI  conductivity  in  block  B.  A  vector  of  all  parameters 
'">  is  chosen  Co  be  0  -  [  q0  q„  q6  qlog(RE)  qSe  ^6bf  Axft  e  l-gj  (5) 

The  vector  in  general  is  of  length  K.  In  subscript  form,  each  parameter  is  referred  to  as  0^  where  k«l,2,..,, 
K.  The  primary  purpose  of  the  data  reduction  program  is  to  obtain  best  estimates  of  these  simulator  parameters 
during  transient  flight  test  maneuvers. 


FLIGHT  TEST  DATA  REDUCTION 


The  next  requirement  of  the  systematic  approach  is  to  estimate  from  flight  data  the  same  parameters  which 
are  inherent  in  the  simulator  equations.  Systems  identification  theory  was  used.*^  Since  all  states  (temper¬ 
atures  at  nodes)  are  not  measured,  best  estimates  of  the  temperature  at  each  node  are  obtained  by  an  extended 
Kalman  filter  or  estimator.  Best  estimates  of  parameters  are  then  obtained  by  maximizing  a  maximum  likelihood 
function.  The  solution  algorithm  and  program,  which  was  originally  developed  by  the  authors  at  the  AFFTC,  is 
referred  to  as  HEATEST.  A  simplified  flow  diagram  for  HEATEST  is  shown  in  Fig.  2.  Each  of  the  blocks  will  be 
summarized . 

Initial  conditions  (IC)  for  HEATEST  are  required  for  the  solution  of  Eq.  (3)  in  the  MODELS  block.  In  al- 
dition,  initial  conditions  for  the  sensitivity  and  covariance  of  the  temperatures  are  required.  These  may  be 
specified  in  several  ways. 

An  initial  condition  for  the  temperature  vector  (U)  at  a  maneuver  start  time  tQ  (or  time  segment  start 
time)  is  given  by 


u(to)  -  Ut  +  Tl(x)  (6) 

where  is  the  initial  temperature  vector  and  the  initial  error  (xj)  was  assumed  to  be  a  zero  mean  Gaussian 
process  with  an  initial  covariance  matrix  P  with  components 
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(7) 


The  error  model  for  the  stochastic  process  (x)  was  assumed  to  be  stationary  and  spatially  distributed  with 
zero  mean  and  covariance  and  given  by 
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R..  -  exp(-  I  RC£/<t>tr) 

j  £-i 

(8a) 

RC*  -  Pi  ct  *\2/k> 

(8b) 

where  RC  is  a  time  constant  analogous  to  circuit  theory.  The  initial  model  error  covariance  matrix  (Q),  which 
will  be  used  later,  uses  the  same  spatial  correlation  and  is  given  by 
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where  UEq  is  an  equilibrium  temperature  calculated  from  q  assuming  no  conduction.  The  constants  <ttr,  ; ic »  *bn» 
and  $me  are  related  respectively  to  the  spatial  correlation  between  nodes,  to  deviation  in  init ial  tempera¬ 
tures,  to  deviation  in  heating  rate  at  the  boundary,  and  to  deviation  in  heat  flux  in  the  TPS  due  to  model 
error.  If  conduction  dominates  at  the  surface  instead  of  radiation,  perhaps  q  should  replace  UEq. 

The  initial  temperature  vector  Uj  is  specified  by  one  of  three  ways.  The  temperature  distribution  is 
specified  by  some  profile  such  as  a  constant  based  on  on-orbit  conditions.  Initial  conditions  at  the  begin¬ 
ning  of  a  time  segment  may  be  specified  from  the  output  of  a  previous  sequential  time  segment.  The  third  way, 
which  is  more  efficient,  is  based  on  the  radiation  equilibrium  assumption  and  an  empirically  determined  RC 
time  constant.  The  circuit  analogy  is  used  to  calculate  an  equilibrium  temperature 
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g  -  1/  [ 1-exp ( -At /RC)]  (10b) 

where  Y^  is  the  surface  thermocouple  measurement.  The  heat  rate  is  calculated  from  UEq  assuming  radiation 

equilibrium  and  input  to  the  same  algorithm  used  to  propagate  temperatures  on  the  simulator  (Eq.  3).  This  pro¬ 
cedure  works  well  for  the  TPS  for  the  purpose  of  generating  an  approximate  initial  condition  for  temperature. 

The  initial  condition  for  the  sensitivity  (l^)  of  the  temperature  to  each  parameter  (0^)  is  assumed  to  be 
zero.  The  subscript  denotes  partial  differentiation.  For  sequential  time  segments  the  sensitivities  at  the 
end  of  the  previous  segment  are  used. 


The  temperature,  covariance,  and  sensitivities  are  propagated  to  the  next  time  step  using  differential 
equations  for  the  TPS  in  the  MODELS  block.  The  temperature  is  propagated  by  Eq.  (3)  using  the  same  numerical 
solution  technique  as  the  simulator  to  obtain  an  apriori  expectation,  U(tn~).  The  minus  denotes  the  expected 
temperature  prior  to  availability  of  a  measurement,  whereas  a  plus  denotes  an  updated  temperature  after  com¬ 
parison  with  a  measurement.  Differential  equations  for  the  sensitivities  were  derived  by  taking  partial  de¬ 
rivatives  of  Eq.  (3)  with  respect  to  each  parameter  (0k)»  and  quasilinearizing  nonlinear  terms.  The  resulting 
equations  are  of  the  form 
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Ck  U6k  +  Dk 


(11) 


where  is  a  coefficient  matrix  (LxL)  and  Dj<  a  vector. 

Eq.  (11)  is  solved  readily  for  each  parameter  since  is  a  tridiagonal  matrix.  For  the  covariance,  Eq. 
(3)  was  first  quasilinear ized  to  the  form 


U  A  U  +  B  +  W(t)  (12) 

where  A  is  a  coefficient  matrix  (LxL)  and  B  a  vector.  The  white  stationary  Gaussian  process  W(t)  has  zero 
mean  and  a  covariance  matrix  Q.  Th<’  propagated  or  a  priori  covariance  P(tn“)  was  approximated  by  the  differ¬ 
ence  equation  t 

n 

P(t  ")  -  $<At)  P(t  /)  <PT(AC)  +  /  <MA-t  ,  )Q  «TU-t  ,)dX  (13a) 

n  n-1  )  n-l  n- i 

t  . 

<MAt)  »  exp  (AAt)  (13b) 

The  transition  matrix  #  and  integral  were  calculated  by  Taylor  series  expansion  and  is  perhaps  the  most  inef¬ 
ficient  part  of  HEATEST  which  needs  improvement. 

The  temperature,  covariance,  and  sensitivities  are  propagated  in  the  MODELS  block  until  a  thermocouple 
measurement  is  available.  The  temperature,  covariance,  and  sensitivities  are  then  updated  based  on  the 
measurements  by  the  Kalman  filter  in  the  KALMAN  UPDATE  block.  The  location  of  the  total  of  M  thermocouples  is 
identified  by  the  measurement  equation 


Y(tn)  .  H  U(tn)  ♦  Vn 

where  Y  is  the  vector  of  M  measurements  and  H  is  an  MxL  matrix  defined  by 


H  .  »  1  if  U.  corresponds  to  Y  and 
mi  l  r  m 
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H  .  ■  0  if  U.  does  not  correspond  to  Y  . 
mi  i  m 

The  error  was  assumed  to  be  a  white  stationary  process  with  zero  mean  and  covariance 

R  -  <t  2  Y  2  (15) 

m  meas  m 

for  each  measurement.  The  constant  $>^35  Is  related  to  the  deviation  in  the  thermocouple  measurement.  The  up¬ 
dated  temperature  or  a  posteriori  expectation  U(tn*)  is  calculated  by 

U(t  +)  -  Uft  ")  +  G  E( t  )  (16a) 

n  n  n 


G  -  P(t  ”)  HTfH  P(t  -)HT  +  R  1 
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E  -  Y(t  )  -  H  U(t  “)  (16c) 

n  n 

where  G  is  the  Kalman  gain  and  E  the  residual  error.  The  updated  covariance  and  sensitivities  are  calculated 
by 

P(t  +)  -  [i-GH]  P(t  ")  [i-Gh]T  ♦  G  R  GT  (17) 

n  L  J  n  L  J  m 

\(tn+)  "  t1'™]  <18) 

In  summary,  the  expected  temperature,  covariance,  and  sensitivities  are  propagated  in  the  MODELS  block 
for  each  trajectory  and  thermocouple  sample  time  as  the  TIME  LOOP.  Updates  occur  in  the  KALMAN  UPDATE  only 
when  a  thermocouple  measurement  is  available.  This  TIME  LOOP  is  continued  until  the  end  of  the  maneuver  or 
time  segment. 


At  the  end  of  a  time  segment,  the  parameters  (0^)  ate  updated  in  the  PARAMETER  UPDATE  block.  A  maximum 
likelihood  criteria  was  preferred  because  of  experience  in  estimation  of  stability  derivatives . ^  The  likeli¬ 
hood  function  (F)  was  specified  to  be  the  natural  logarithm  of  the  joint  probability  density  function  of  the 
temperature  which  is  dependent  on  0  and  the  measurements  Y.  The  maximum  of  F  was  satisfied  by  equating  the 
gradients  to  zero.  The  maximum  with  respect  to  U  is  satisfied  by  the  best  estimated  temperature 


U*  -  D(t^) 


(19) 


if  u<0  is  the  temperature  generated  with  best  estimates  of  the  parameters  (9*).  9*  is  obtained  by  the  grad¬ 

ient  algorithm 

0*  -  e-[32F/ae2]  sF/ae  -  e+j_1s  (20) 

where  J  is  an  approximation  for  the  Jacobian  (3  F/39  )  which  is  referred  to  as  the  (KxK)  conditional  informa¬ 
tion  matrix  and  is  given  in  component  form  by 
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which  corresponds  to  an  ensemble  average  over  the  time  interval  of  the  maneuver.  The  gradient  of  F  is  approx¬ 
imated  by 

N 

S.  -  J  II.  (t  ")  HT[H  P(t  -)HT  +  R  l"1  C Y( t  )-H  Uft  ■)]  (22) 
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where  S  is  referred  to  as  the  "score". 


After  selected  parameters  are  updated,  the  ITERATION  LOOP  is  continued  for  a  fixed  number  of  iterations 
to  obtain  best  estimates  of  the  parameters.  The  Cramer-Rao  bound  is  calculated  from  J”  and  provides  a  measure 
of  the  uncertainty  in  the  parameter  estimate.  After  the  last  PARAMETER  UPDATE,  both  the  apriori  temperatures 
and  the  best  estimated  temperature  are  obtained  by  completing  the  TIME  LOOP  again.  Deviation  in  the  tempera¬ 
ture  is  obtained  from  the  covariance.  The  average  residual  error  is  also  computed  as  an  indicator  of  the 
"match"  with  the  thermocouple  data. 


RESULTS 


Results  with  three  data  sources  are  presented.  During  initial  development,  thermocouple  measurements  dur¬ 
ing  transient  maneuvers  were  simulated  by  the  AFFTC  and  distorted  with  noise  and  known  parameter  variations  to 
demonstrate  feasibility.  Transient  maneuvers  were  also  performed  in  a  Mach  14  wind  tunnel  test  by  Air  Force 
Wright  Aeronautical  Laboratories  (AFWAL)  in  cooperation  with  AFFTC  with  TPS  test  articles  and  flight  thermo¬ 
couples.  Limited  telemetry  data  were  avai lable  from  the  first  Space  Shuttle  test  flight  (STS-1),  and  no  maneu¬ 
vers  were  performed.  One  integrated  maneuver  and  two  flap  maneuvers  were  performed  on  the  second  flight  (STS- 
2).  Ho  maneuvers  of  interest  to  aerothermodynamics  were  performed  on  the  third  flight  (STS-3).  One  case  [roe 
the  simulated  data  and  one  from  the  wind  tunnel  data  are  presented.  Results  from  the  first  integrateu  flignt 
test  maneuver  at  Mach  21  durinv  STS-2  are  presented  from  three  locations  on  the  Orbitcr .  These  locations  in¬ 
cluded  lower  centerline,  lower  outboard  elevon,  and  Orbital-Maneuvering-System  <OMS)  pod  on  the  upper  surface 
and  include  flight  surface  thermocouples  only. 

Simulated  Thermocouple  Data 

Thermocouple  data  were  first  simulated  on  the  AFFTC  simulator.  A  location  on  the  lower  surface  centerline 
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at  seventy-five  percent  characteristic  length  (X/L  -  .75)  was  chosen.  A  POPU  at  Mach  18  and  Reynolds  number 
(RE)  of  two  million  was  simulated.  The  flow  was  predicted  to  be  laminar  and  the  heat  rate  only  a  function  of 
a.  Data  were  distorted  with  eight  bit  word  resolution  and  sampled  once  per  second  corresponding  to  the  flight 
recorder , 

The  simulated  thermocouple  samples  along  with  the  best  estimated  temperature  from  HEATEST  at  that  node 
are  shown  in  Fig.  3  corresponding  to  case  1.  The  estimated  heating  ratio,  as  computed  from  parameter  esti¬ 
mates,  is  compared  to  the  actual  simulator  model  in  Fig.  4.  The  derivative  with  respect  to  the  angle  of  at¬ 
tack  (q  )  is  changed  in  the  simulator  model  in  case  2,  and  the  heating  ratio  successfully  estimated  as  shown. 

A  bias  in  the  magnitude  (<J0)  in  case  3  was  correctly  estimated.  Another  POPU,  to  a  lower  angle  of  attack  in 
case  8  was  also  estimated  correctly. 

Other  cases  were  also  simulated.*4  Thermocouple  depth  was  estimated  correctly  with  very  little  error. 
Emissivity  was  estimated  correctly  only  if  two  thermocouples  were  near  the  surface.  Random  noise  with  large 
deviation  caused  little  difficulty.  A  thermal  conductivity  factor  was  also  estimated  in  one  case. 

Four  cases  with  initial  condition  error,  heating  model  nonlinearity,  atmospheric  density  error,  and  time 
skew  between  angle  of  attack  and  thermocouple  samples  were  of  concern.^  A  new  method  for  an  approximate  IC 
is  used  now.  Model  error  was  investigate!  with  a  simulated  POPU  at  Mach  8.  The  heating  model  assumed  tur¬ 
bulent  flow  and  the  simulateu  (ieaiinfo  varies  with  Reynolds  number.  The  estimated  derivative  in  a-gle  of 
attack  was  correct  as  shown  in  Fig.  5  although  a  "model  error"  due  to  Reynolds  number  change  is  present.  A 
uerivative  for  Reynolds  number  is  now  available  and  can  also  be  estimated.  Heating  ’"odel  nonlinearity  must 
be  handled,  however,  on  a  case  by  case  basis  by  time  segmentation  which  has  been  added  to  HEATEST,  or  by 
model  changes.  In  systems  identification,  "model  error"  is  a  major  concern  and  problem.  Atmospheric 
density  error  causes  a  bias  in  the  heating  ratio  as  in  other  techniques,  and  can  not  be  identified  by 
HEATEST.  Therefore,  a  Best-Est imated-Tra jectory  (BET)  and  atmosphere  from  NASA  Langley  Research  Center  was 
used  when  available  and  for  results  presented  in  tiiis  paper.  The  time  skew  concern  has  not  been  resolved 
and  causes  major  difficulty  in  estimation  of  thermal  parameters.  For  a  thermocouple  sample  leading  by  one- 
second,  estimates  for  effective  thermocouple  depth  are  negative,  physically  unrealistic,  and  the  numerical 
solution  of  Eq .  (3)  divergent.  A  lag  of  one  second  results  in  a  large  estimate  for  the  depth  and  larger 
heating  derivatives,  but  fortunately,  deviations,  bounds,  and  residual  error  are  larger  than  in  other  cases. 

A  time  skew  of  less  than  a  quarter  second  caused  no  difficulty  and  is  probably  related  to  the  time  constant 
or  tne  coating  depth. 

Wind  Tunnel  Data 

Thermocouple  data  was  also  obtained  during  a  wind  tunnel  test  conducted  by  AFWAL  just  prior  to  STS-1. 
Three  test  articles  consisted  of  a  thin  skin  stainless  steel  plate,  a  HRSI  tile,  and  FRSI  material.  The  de¬ 
flection  angle  of  a  flat  plate  with  these  articles  was  varied  to  simulate  flight  test  maneuvers.  A  shock  gen¬ 
erator  was  also  used  to  simulate  flow  attachment  or  shock  interaction  for  a  short  time  duration.  A  water 
cooled  plate  in  the  top  of  the  test  section  maintained  at  least  a  partially  known  radiation  sink  temperature. 
Data  from  numerous  steady  state  and  transient  runs  were  obtained.  Unfortunately,  because  of  the  availability 
of  flight  data,  only  one  case  has  been  analyzed  presently. 

Wind  tunnel  data  for  one  long  transient  maneuver  with  the  HRSI  tile  were  input  to  HEATEST.  Time  histor¬ 
ies  of  the  deflection  angle,  thermocouple  samples,  and  best  estimated  temperature  are  shown  in  Fig.  6.  Due  to 
tunnel  start  and  limited  run  time,  achieving  equilibrium  similar  to  flight  conditions  was  difficult  and  con¬ 
duction  effects  are  large  .  An  initial  condition  error  at  the  beginning  of  the  time  history  resulted  since 
the  initial  condition  generation  and  sequential  time  segment  options  in  HEATEST  were  not  available  then. 
Therefore,  only  one  time  segment  could  be  analyzed.  The  film  transfer  coefficient  ratio  from  parameter  esti¬ 
mates  is  compared  with  theory  and  thin  skin  results  rrom  three  steady  state  runs  in  Fig.  7.  The  reference 
coefficient  is  based  on  Eckert  flat  plate  theory  at  zero  deflection.  The  HEATEST  results  for  HRSI  from  a 
transient  maneuver  has  the  same  slope  or  derivative,  but  is  lower  in  magnitude.  Since  equilibrium  was  appar¬ 
ently  reached  at  four  degrees  deflection,  the  heating  magnitude  was  verified  to  be  correct.  Two  equilibrium 
calculations  using  first  the  temperature  of  the  water  cooled  plate  and  then  absolute  zero  for  ^  radiation 
sink  temperature  agree  with  HEATEST  results.  The  equilibrium  calculations  should  be  slight  1y  lower  due  to 
conduction,  a  nonisothermal  wall  could  be  the  cause  of  the  lower  magnitude,  similar  to  error  in  calorimeters. 
The  steel  plate  leading  edge  has  a  cold  wall  and  the  HRSI  has  a  discontinuous  increase  in  wall  temperature. 
Eckert  *3  reported  that  such  a  discontinuity  could  cause  as  much  as  a  forty  percent  decrease*  Further  inves¬ 
tigation  of  the  wind  tunnel  data  and  the  nonisothermal  wall  effect  is  required. 

Lower  Centerline  Flight  Thermocouple  Data 

STS-2  flight  thermocouple  data  at  numerous  locations  on  the  lower  surface  were  input  to  HEATEST.  A 
centerline  location  at  X/L*.7  was  typical  of  lower  surface  locations.  A  time  history  of  the  angle  of  attack, 
thermocouple  measurements,  and  apriori  temperature  during  the  POPU  at  Mach  20  and  flight  Reynolds  number  of 
approximately  1.5  million  is  shown  in  Fig.  8.  The  thermocouple  response  was  similar  to  the  response  in  Fig. 

3.  Only  variations  in  the  temperature  and  heat  rate  due  to  the  maneuver  are  presented.  For  purposes  of  en¬ 
velope  expansion,  the  variations  are  more  important.  Any  discrepancy  in  magnitude  between  flight  and  ground 
data  is  outside  the  scope  of  this  paper. 

Experience  has  shown  that  a  comparison  with  the  apriori  temperature  instead  of  the  best  estimated  temper¬ 
ature  demonstrates  more  sensitivity  or  error  to  incorrect  parameter  estimates,  and  is  therefore  used  in  com¬ 
parisons.  As  seen  in  Fig.  8,  a  good  "match  "  was  obtained.  The  variation  in  the  heating  rate  (Aq)  from  the 
reference  angle  of  attack  («o.40  degrees)  with  the  best  est imated  parameters  is  compared  'n  Fig.  9  with  simu¬ 
lator  model  variations  which  were  based  on  wind  tunnel  data  .  Estimated  parameters  and  uncertainty  bounds 
are  given  in  Table  1.  The  best  estimated  derivative  or  slope  is  slightly  higher  between  40  and  45  degrees 
angle  of  attack,  but  lower  between  35  and  40  due  to  a  small  nonlinearity.  When  the  uncertainty  bound  in  the 
derivative  is  shown,  there  is  good  agreement. 

The  thermal  parameter  estimate  for  effective  thermocouple  depth  (AxA». 00167  ft.  or  .05  cm)  is  higher  than 
the  simulator  and  data  book  value  (.001  ft  or  .03  cm).  The  conductivity  factor  (<t>g».904)  is  lower  than  the 


3A-8 


simulator  value  (1).  The  estimate  for  $>B  was  sensitive  to  the  spatial  correlation  constant  (<+>tr )  and  should 
be  disregarded.  Due  to  the  five  second  duration  holds,  \  $  does  not  significantly  affect  results.  This  i/u& 
conurted  by  a  parametric  study. 


Control  Surface  Flight  Thermocouple  Data 

Analysis  of  locations  on  the  control  surfaces  presents  a  difficult  problem  due  to  numerous  variables, 
trading  between  derivatives,  and  nonlinearity.  All  parameters  could  not  be  estimated  simultaneously  as 
hoped  for.  Time  segments  had  to  be  chosen  appropriately  to  limit  the  range  of  a  variable.  In  some  ^ases,  a 
variable  changes  rapidly  and  nonlinearity  can  not  be  avoided.  The  elevon  falls  in  this  category.  The  change 
in  heat  rate  for  negative  deflection  angles  is  smaller  than  for  large  positive  deflection  angles  for  example. 

The  lower  outboard  elevon  near  the  edge  is  one  of  the  more  critical  heating  locations  on  the  elevon. 

STS-2  flight  thermocouple  measurements  on  the  elevon  during  the  POPU  and  flap  maneuvers  were  input  to  HEATEST. 
Time  histories  of  the  flap  deflection,  elevon  deflection,  angle  of  attack,  thermocouple  measurements,  and  a- 
priori  temperature  are  shown  in  Fig.  10.  The  derivative,  was  fixed  at  .0045  during  the  POPU  because  of 

trading  with  q  .  Parameter  estimates  and  uncertainty  bounds  are  given  in  Table  1.  1  he  variation  in  hcatinw 

ratio  (Aq)  witfi  angle  of  attack  and  elevon  deflection  at  the  reference  conditions  (0^=40,  £eo"0)  is  shown  in 
Fig.  11.  The  change  with  elevon  deflection  is  apparently  nonlinear  around  five  degrees  and  zero  degrees.  Time 
segment  1  between  approximately  three  to  seven  degrees  deflection  has  a  large  uncertainty.  Another  time  seg¬ 
ment  avoids  most  of  the  nonlinearity  and  has  a  lower  uncertainty.  The  agreement  with  the  simplified  model  is 
good  up  to  five  degrees  deflection.  One  data  point  for  the  heat  rate  variation  between  STS-3  aid  ST5-2  ie..ds 
to  confirm  the  results  also. 


STS-2  flight  thermocouple  measurements  on  the  flap  during  the  POPU  and  flap  maneuver  were  input  to  HEAT¬ 
EST  also.  Parameters  which  have  been  estimated  include  Ax^>  qcc,  5log(RE)>  ^5e»  anc*  56bf  The  heating  varies 
with  angle  of  attack,  Reynolds  number,  elevon  deflection,  and  flap  deflection.  The  parameters  could  not  be 
identified  simultaneously  apparently  because  of  nonlinearity  in  angle  of  attack,  flap  deflection,  and  even 
elevon  deflection.  The  Reynolds  number  derivative  must  be  estimated  over  a  large  time  segment  in  which  the 
Reynolds  number  changes  significantly.  The  derivatives  '*  *  angle  of  attack  and  flap  deflection  were  consider¬ 
ably  higher  than  the  simplified  model.  Further  analysis  is  required  for  the  flap. 

Upper  Surface  Flight  Thermocouple  Data 

The  most  significant  result  of  the  POPU  was  on  the  side  of  the  OMS  pod  which  is  on  the  upper  surface.  A 
time  history  of  a  thermocouple  mounted  in  FRSI  on  the  OMS  pod  is  shown  in  Fig.  12.  The  large  and  unexpected 
increase  in  temperature  above  the  design  temperature  limit  was  not  predicted  by  the  simulator  models  at  this 
Reynolds  number.  Flow  impingement  on  the  OMS  pod  was  expected  around  thirty  degrees  instead  of  thirty-seven 
degrees  as  shown  by  the  large  negative  slope  in  Fig.  13.  Because  of  nonlinearity,  the  POPU  maneuver  and  a 
bank  reversal  following  the  POPU  were  divided  into  four  time  segments  as  shown  in  Fig.  12.  A  three  second 
lag  in  the  thermocouple  samples  was  assumed  since  no  data  correlation  could  be  obtained  otherwise  and  was  not 
consistent  with  other  OMS  pod  thermocouples.  This  was  also  the  only  way  to  eliminate  hysteresis  even  when 
the  effective  thermocouple  depth  (AxA)  was  estimated.  The  depth  was  estimated  in  both  time  segments  2  and  3 
to  be  approximately  .00167  ft  (.05  cm).  A  thick  coating  was  anticipated  because  of  repairs  in  this  area.  The 
sideslip  derivative  was  estimated  in  time  segments  3  and  4.  These  parameter  estimates  were  then  used  in  time 
segments  1  and  2  to  refine  angle  of  attack  derivatives  for  example.  Uncertainty  bounds  are  fairly  large  be¬ 
cause  of  nonlinearity.  The  uncertainty  in  the  angle  of  attack  derivative  in  time  segment  4  is  smaller  because 
of  the  smaller  change  in  angle  of  attack.  Confidence  in  these  estimates  would  be  very  high  if  there  were  no 
time  skew. 

Although  there  was  concern  for  the  OMS  pod  before  the  maneuver,  results  from  the  POPU  confirm  it.  The 
value  of  the  transient  maneuvers  for  envelope  expansion  is  demonstrated  even  without  data  reduction  by  exam¬ 
ining  Fig.  12.  With  data  reduction,  a  basis  for  either  a  placard  or  redesign  of  this  small  area  is  estab¬ 
lished.  More  maneuvers  are  needed  to  estimate  the  variations  at  lower  angles  of  attack  and  at  other  Reynolds 
numbers . 
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Table  1.  Heating  and  Thermal  Parameters  Best  Estimates  and  Bounds  for  STS -2  Flight  Test  Maneuvers 
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±.0006 

1. 
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Figure  1.  TPS  Model  Cross  Section 
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Figure  3.  Simulated  Thermocouple  Data  with  8  Bit  Word 
(Mach  18  Pushover-Pullup  Maneuver) 


Figure  2.  Simplified  Heatest  Flow  Diagram 
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Figure  4.  Heating  Estimates  for  Simulated  Thermocouple 
Data  at  Mach  18 
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Figure  5.  Heating  Estimates  for  Simulated  Thermocouple 
Data  at  Mach  8  Pushover-Pullup  Maneuver 


Figure  6.  Wind  Tunnel  Thermocouple  Data  for  Transient 
Maneuver  (Mach  14. 25) 
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Figure  7.  Heating  Estimate  for  Wind  Tunnel  Thermocouple 
Data  (Transient  Maneuver! 
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Figure  8.  Lower  Centerline  fx/L 7i  Flight  Thermocouple 
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Figure  9.  Heating  Estimates  for  Lower  Centerline  (x/L=.  7) 
from  STS -2  Flight  Thermocouple  Data  (Mach  20 
Pushover-Pullup  Maneuver) 
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Figure  10.  Elevon  Tip  STS -2  Flight  Thermocouple  Data 

(Mach  21  Flap  and  Pushover-Pullup  Maneuveri 
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Figure  11.  Heating  Estimates  for  Outboard  Elevon  fromSTS-2  Flight  Thermocouple  Data  (Mach  21  Flap  and  Pushover-Pullup  Maneuver) 
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PREDICTED  AND  FLIGHT  TEST  RESULTS  OF  THE  PERFORMANCE 
AND  STABILITY  AND  CONTROL  OF  THE  SPACE  SHUTTLE 
FROM  REENTRY  TO  LANDING 
by 
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USA 


SUMMARY 


This  paper  presents  aerodynamic  performance  and  stability  data  obtained  from  the  first  three  reentries 
of  the  Space  Shuttle  Orbiter.  Flight  results  are  compared  to  predicted  data  from  Mach  25  to  Mach  0.4. 
Differences  between  flight  and  predicted  data  as  well  as  probable  causes  for  the  discrepancies  are  given. 
Comparisons  between  simulator  and  flight  results  are  also  presented. 

LIST  OF  ABBREVIATIONS  AND  SYMBOLS 


AFFTC  Air  Force  Flight  Test  Center 

C,  axial  force  coefficient 

A 

Cp  drag  force  coefficient 

lift  force  coefficient 

rolling  moment  coefficient 

C  pitching  moment  coefficient 

m 

C  basic  pitching  moment  coefficient 

m 

o 

normal  force  coefficient 
C^  yawing  moment  coefficient 

fps  feet  per  second 

IMU  Inertial  Measurement  Unit 

L/D  lift-to-drag  ratio 

MMLE  modified  maximum  likelihood  estimator 

m./m  yaw  jet  massif low  ratio 

j  (8.296  x  IQ’6  V^J 

NASA  National  Aeronautics  and  Space 

Administration 

PJI  pitch  jet  interaction  effects 


psf 

pounds  per  square  foot 

q 

pitch  rate,  deg/sec 

9. 

2 

dynamic  pressure,  Ibs/ft 

RJI 

roll  jet  interaction  effects 

STS-1,2,3 

Shuttle  flights  1,  2,  and  3 

V 

CO 

viscous  interaction  parameter 

YJI 

yaw  jet  interaction  effects 

a 

angle  of  attack,  degrees 

6 

sideslip  angle,  degrees 

6a 

aileron  deflection,  degrees 

6BF 

bodyflap  deflection,  degrees 

6e 

elevator  deflection,  degrees 

6r 

rudder  deflection,  degrees 

$./<fr 
j  530 

roll  jet  mass  flow  ratio  (.1543/q) 

A 

prefix  meaning  increment 

Subscripts: 

q,  RJI,  YJI 

,  a,  S,  partial  derivatives  with 

6a,  6BF,  6e. 

,  6r  respect  to  the  subscripted 

variables 

INTRODUCTION 

The  United  States  Space  Shuttle  Orbiter  offers  a  unique  opportunity  to  correlate  ground  and  flight 
test  data  for  a  manned  maneuvering  aerodynamic  vehicle  over  a  wide  range  of  hypersonic  velocities.  Thus 
for  the  first  time  ground  aerodynamic  prediction  techniques  can  be  evaluated  for  extremely  high  velocities. 
In  addition,  the  evaluation  can  be  conducted  using  state-of-the-art  ground  and  flight  techniques.  The 
Shuttle  wind  tunnel  test  program  was  one  of  the  largest  ever  conducted,  incorporating  high-fidelity  test 
facilities  and  wind  tunnel  models.  Instrumentation  sensors  and  reentry  flight  test  maneuvers  were  specif¬ 
ically  designed  for  the  Orbiter  to  obtain  high  quality  flight  results.  Analytical  computer  programs  which 
have  been  proven  reliable  on  numerous  flight  test  programs  in  the  past  were  used  to  extract  the  flight 
data.  It  is  therefore  felt  that  a  meaningful  comparison  of  predicted  and  flight  aerodynamic  data  can  be 
made  throughout  the  Orbiter* s  reentry  envelope. 

In  addition  to  verifying  ground  test  facilities  and  analytical  prediction  techniques,  flight-derived 
aerodynamic  data  can  be  used  to  update  the  predicted  data  base,  expand  the  flight  envelope,  update  crew 
training  and  engineering  simulators,  and  improve  the  flight  control  system  design.  The  flight  data  can 
also  be  used  to  verify  aerodynamic  and  center  of  gravity  placards,  which,  for  the  Orbiter,  have  been  based 
on  predicted  data  using  rather  large  uncertainties.  Hopefully,  some  of  these  placards  can  be  removed  or 
made  less  restrictive. 

This  paper  compares  flight-determined  lift,  drag,  and  stability  and  control  derivatives  to  preflight 
predicted  data  for  the  initial  three  reentries  of  the  Space  Shuttle  Orbiter.  Data  from  Mach  24.6  (328,000 
feet  altitude)  to  Mach  0.4  (3,000  feet  altitude)  are  presented.  Estimated  uncertainties  will  be  given  for 
both  predicted  and  flight  data.  Differences  between  predicted  and  flight  data,  and  the  resulting  effect 
upon  the  Orbiter* s  performance  and  stability,  will  be  described.  Comparisons  between  ground  based  simula¬ 
tor  and  flight  data  will  also  be  given. 

SYSTEM  DEFINITION 

The  Space  Shuttle  Orbiter  is  a  highly  maneuverable  vehicle  with  a  double  delta  planform  which  performs 
a  gliding  reentry  from  orbital  velocities  to  a  horizontal  landing  on  conventional  runways.  The  dimensions 
of  the  Orbiter  are  given  in  Figure  1.  A  blend  of  reaction  control  Jets  and  aerodynamic  control  surfaces 
are  used  during  reentry  to  maintain  stability  and  control.  Above  an  altitude  of  400,000  feet  (defined  as 
entry  interface),  stability  and  control  in  the  pitch,  roll,  and  yaw  axes  is  provided  by  forward  reaction 


control  jets  located  in  the  nose  of  the  vehicle  and  aft  jets  located  in  the  orbital  maneuvering  system 

pods  at  the  base  of  the  vertical  tail  and  above  the  wing.  The  forward  jets  are  deactivated  shortly  before 

400,000  feet,  while  the  aft  jets  remain  active.  The  aft  roll  axis  jets  are  deactivated  early  in  the 

reentry  as  the  dynamic  pressure  increases  through  10  psf  (Mach  -  24.5,  Altitude  *  260,000  feet).  The  aft 
pitch  axis  Jets  are  deactivated  at  20  psf.  The  aft  yaw  axis  jets  remain  active  throughout  the  reentrv 
until  Mach  1  to  provide  additional  lateral-directional  stability  and  control.  Aerodynamic  control  surfaces 
consist  of  full  span  elevens  at  the  trailing  edge  of  the  wing  which  move  symmetrically  for  pitch  control 
and  differentially  for  roll  control,  a  bodyflap  at  the  aft  centerline  of  the  lower  surface  which  is  used 
for  longitudinal  trim,  and  a  split  rudder  on  the  vertical  tail  which  moves  symmetrically  for  yaw  control 
and  differentially  as  a  speedbrake  for  energy  modulation.  The  elevons  are  activated  at  a  dynamic  pressure 
of  2  psf  (290,000  feet)  for  pitch  and  roll  control.  The  rudder  is  not  activated  until  Mach  3.5  for  tran¬ 
sonic  yaw  control. 

The  Orbiter' s  aluminum  substructure  is  covered  with  a  reusable,  lightweight  insulating  material  to 
protect  it  from  the  high  aerodynamic  heating  experienced  during  reentry. 

REENTRY  PROFILE 

Figure  2  shows  time  histories  of  various  parameters  for  the  reentry  of  the  second  Orbiter  flight 
(STS-2).  The  reentry  profile  was  similar  for  the  first  and  third  flights.  The  most  notable  exception  was 
the  elevator  bias  which  was  deflected  more  downward  on  STS-3  to  obtain  elevator  and  aileron  effectiveness 
as  a  function  of  bias  position. 

The  high  Mach  number  portion  of  the  reentry  is  flown  at  a  constant  40  degrees  angle  of  attack  to  min¬ 
imize  upper  surface  aerodynamic  heating.  Energy  modulation  is  performed  by  changing  bank  angle  rather 
than  angle  of  attack.  The  bank  angle  is  reversed  periodically  to  minimize  crossrange  error. 

WIND  TUNNEL  PROGRAM 

The  uniqueness  of  the  Shuttle's  first  flight  was  that  it  encompassed  the  entire  Mach  and  altitude 
envelope  without  the  benefit  of  a  flight  test  buildup  program.  It  was  therefore  mandatory  that  the  best 
possible  aerodynamic  predictions  be  obtained  prior  to  the  first  flight  so  that  the  uncertainty  in  the 
aerodynamics,  and  associated  effects  upon  flight  safety,  be  minimized. 

One  of  the  largest  wind  tunnel  programs  in  history  was  conducted  for  the  Space  Shuttle  (Reference  1). 
Over  27,000  occupancy  hours  were  spent  obtaining  performance  and  stability  and  control  characteristics  for 
the  Orbiter  from  virtually  every  major  wind  tunnel  facility  in  the  United  States  (Figure  3).  A  signifi¬ 
cant  amount  of  this  time  was  spent  testing  the  final  flight  configuration.  Two  high  fidelity  wind  tunnel 
models  were  constructed  and  tested  to  permit  accurate  modeling  of  all  aerodynamic  surfaces  and  simulation 
of  all  aerodynamically  relevant  cavities,  gaps,  and  protuberances. 

Figure  4  depicts  the  range  of  Mach  and  Reynolds  numbers  tested  in  the  various  facilities.  Most 
testing  was  performed  at  Mach  8  and  below.  There  were  a  few  tests  conducted  above  Mach  8  from  which  viscous 
interaction  effects  were  obtained.  Theoretical  estimates  at  high  altitudes  (above  300,000  feet)  were  added 
to  the  basic  wind  tunnel  data  base  to  account  for  low  density  effects.  Also,  theoretical  estimates  of 
aeroelastic  effects  were  incorporated  at  higher  dynamic  pressures,  primarily  in  the  transonic  and  subsonic 
regions.  Real  gas  effects,  which  would  primarily  occur  in  the  150,000  to  270,000  feet  altitude  range,  were 
not  accounted  for  in  the  predicted  data.  Thus,  the  data  referred  to  as  "predicted"  data  in  this  report 
consists  primarily  of  an  extensive  wind  tunnel  data  base  up  to  Mach  8,  a  limited  number  of  wind  tunnel 
tests  above  Mach  8  to  obtain  viscous  interaction  effects  and  high  Mach  effects,  and  theoretical  estimates 
of  low  density  and  aeroelastic  effects  (Reference  2).  None  of  the  flight  data  contained  in  this  report 
were  obtained  above  300,000  feet,  therefore,  low  density  effects  were  not  applicable.  Also,  aeroelastic 
effects  for  most  of  the  data  presented  were  small  in  relation  to  the  rigid  wind  tunnel  data.  Nevertheless 
the  data  must  be  referred  to  as  "predicted"  rather  than  wind  tunnel  data  due  to  the  extensive  engineering 
interpretation  that  was  applied  to  the  basic  wind  tunnel  data  to  account  for  such  things  as  extrapolation 
of  Reynolds  number  effects,  differences  between  tunnels  and  models,  inaccuracies  in  models,  and  linear 
interpolation  between  test  conditions. 

SIMULATOR  MECHANIZATION 

The  U.S.  Air  Force  at  the  Air  Force  Flight  Test  Center  (AFFTC)  developed  an  Orbiter  simulation  to  aid 
in  its  flight  test  evaluation.  The  simulator  consists  of  a  six-degree-of-f reedora,  fixed-base,  man-in-the- 
loop  system  designed  to  perform  engineering  analyses  of  the  Orbiter's  reentry  and  landing  flight  phase. 

The  simulation  was  designed  to  be  as  simple  and  flexible  as  possible  without  Incurring  loss  of  accuracy. 

It  was  structured  to  allow  rapid  updates  so  that  system  changes,  aerodynamic  updates,  and  flight-derived 
data  could  be  implemented  and  evaluated  in  a  short  time  period.  The  enormous  aerodynamic  data  base  of  the 
Orbiter  was  reduced  as  much  as  possible  without  losing  accuracy  at  trim  flight  conditions.  In  fact,  care 
was  taken  to  include  nonlinear  effects  representing  small  displacements  about  trim.  Orbiter  systems  were 
also  simulated  In  the  most  simplified  and  flexible  manner  possible  without  loss  of  accuracy.  Simplifica¬ 
tion  was  acceptable  for  the  AFFTC  simulation  since  it  was  used  to  perform  an  Independent  Air  Force  analysis 
and  was  not  part  of  the  official  Shuttle  verification  or  training  process. 

The  AFFTC  simulator  was  used  to  perform  numerous  preflight  and  postflight  aerodynamic  performance, 
handling  qualities,  aerothermodynamlcs ,  and  systems  analyses.  Results  of  these  studies  were  made  available 
to  NASA  Shuttle  project  personnel  as  "off-line"  simulator  analyses.  It  was  also  used  to  develop  and  design 
the  flight  test  maneuvers  performed  during  reentry  to  obtain  aerodynamic  performance,  stability  and  control, 
and  heating  data  from  flight.  The  results  obtained  from  these  maneuvers  will  be  the  main  topic  of  this 
report. 

The  unique  nature  of  the  Shuttle  mission  required  that  the  first  flight  be  performed  without  the 
benefit  of  a  flight  test  buildup  program.  For  this  reason,  preflight  simulator  studies  conducted  by  the 
National  Aeronautics  and  Space  Administration  (NASA)  and  the  vehicle  contractor  were  performed  using  rather 
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severe  uncertainties  in  the  predicted  aerodynamics  to  establish  flight  "placards"  for  the  Orbiter.  These 
uncertainties  were  referred  to  as  "variations"  in  the  Shuttle  program,  and  were  obtained  by  comparing  the 
differences  between  flight  and  predicted  data  on  previous  aircraft  and  lifting  body  flight  test  programs. 
They  are  referred  to  as  "predicted  data  uncertainties"  in  this  report.  One  of  the  main  objectives  for 
obtaining  accurate  aerodynamic  data  from  flight  is  to  verify,  and  hopefully  reduce,  the  flight  placards 
based  on  "variations". 

In  the  official  verification  process  of  the  Orbiter  design,  aerodynamic  differences  obtained  between 
the  numerous  wind  tunnel  tests  which  have  been  conducted  were  used  to  flight  qualify  the  vehicle.  These 
differences  were  referred  to  as  "tolerances"  in  the  Shuttle  program.  In  some  instances,  the  magnitude  of 
these  tolerances  approached  the  magnitude  of  the  variations.  It  is  therefore  hopeful  that  the  acquisition 
of  accurate  flight  data  could  also  reduce  the  tolerance  values  used  in  the  official  flight  verification 
of  the  Orbiter. 

FLIGHT  DATA  SOURCES 

The  Orbiter  flight  data  presented  in  this  report  were  obtained  from  measurements  made  in  the  onboard 
instrumentation  system.  This  system  contains  high  sample  rate  and  high  resolution  linear  accelerometers, 
rate  gyros,  angular  accelerometers,  and  rudder  and  elevon  surface  position  indicators.  The  system  also 
computes  the  parameters  required  to  define  flight  conditions  and  vehicle  Euler  angles. 

There  are  presently  no  external  sources  on  the  Orbiter  for  measuring  the  standard  air  data  parameters 
at  hypersonic  speeds.  At  velocities  greater  than  2500  fps,  velocity,  angle  of  attack,  and  angle  of  side¬ 
slip  are  computed  from  linear  accelerations  and  angular  displacements  measured  by  an  Inertial  Measurement 
Unit  (IMU).  Mach  number  is  computed  as  velocity  divided  by  1000.  Dynamic  pressure  is  computed  using  a 
predicted  estimate  of  drag  coefficient  and  the  measured  value  of  drag  acceleration  from  the  IMU. 

Below  Mach  3.5,  external  side  probes  were  deployed  and  measured  the  pressures  required  to  compute 
Mach  number,  dynamic  pressure,  angle  of  attack,  and  angle  of  sideslip. 

Vehicle  weights  and  longitudinal  and  lateral  center  of  gravity  values  for  STS-1  and  STS-2  were  based 
on  measurements  obtained  at  the  AFFTC  Weight  and  Balance  Facility  shortly  after  landing.  A  post  flight 
weighing  was  not  performed  for  STS-3.  Moments  of  inertia  and  vertical  center  of  gravity  values  were 
obtained  by  analytical  "bookkeeping"  methods, 

FLIGHT  TEST  MANEUVERS 

Three  types  of  test  maneuvers  specifically  designed  for  obtaining  aerodynamic  data  were  performed 
during  Orbiter  reentries:  (1)  pushover-puLlup  maneuvers  to  obtain  longitudinal  performance  data  as  a 
function  of  angle  of  attack,  (2)  bodyflap  sweeps  to  obtain  bodyflap  effectiveness,  and  (3)  longitudinal 
and  lateral-directional  control  pulses  to  obtain  stability  and  control  derivatives.  All  three  maneuvers 
were  designed  on  ground  based  simulators  and  practiced  extensively  by  the  flight  crews  prior  to  flight. 

In  addition  to  providing  longitudinal  performance  and  surface  effectiveness  data,  the  pushover-pullup 
maneuver  and  bodyflap  sweeps  provided  aerodynamic  heating  data  as  a  function  of  angle  of  attack  and  control 
surface  position.  This  data  was  analyzed  through  the  use  of  a  special  program  developed  at  the  AFFTC  and 
is  the  subject  of  another  report  in  this  symposium. 

The  Orbiter  lift,  drag,  and  longitudinal  trim  data  were  obtained  from  both  quasi-steady  state  and 
dynamic  flight  test  conditions.  The  quasi-steady  state  data  were  obtained  for  all  flights  at  constant 
Mach  and  angle  of  attack  conditions  throughout  the  reentry  profile.  The  dynamic  performance  test  maneuver 
(pushover-pullup)  had  been  used  successfully  on  previous  unpowered  glide  vehicle  research  programs  and  was 
preferred  over  other  maneuvers  because  it  provided  a  significant  amount  of  data  in  a  relatively  short  time. 
The  maneuver  allows  longitudinal  performance  data  to  be  obtained  as  a  function  of  angle  of  attack  under 
transient  conditions  before  committing  to  a  steady  state  flight  profile.  This  maneuver  was  performed 
manually  and  consisted  of  a  sweep  in  angle  of  attack  of  +5  to  10  degrees  above  and  below  the  normal  angle 
of  attack.  The  piloting  task  was  to  perform  the  maneuver  slow  enough  to  avoid  large  pitch  accelerations 
and  consequently  remain  near  trim,  but  fast  enough  to  minimize  the  change  in  Mach  number.  Typically  this 
maneuver  took  approximately  30-40  seconds  to  complete  and  resulted  in  a  minimal  perturbation  of  the 
reentry  trajectory. 

The  most  effective  maneuver  for  obtaining  accurate  stability  and  control  derivatives  from  flight  data 
is  a  pulse  doublet  maneuver.  In  this  maneuver,  control  inputs  are  executed  at  the  highest  rate  possible 
that  provides  sufficient  vehicle  motion.  The  control  doublet  is  followed  by  a  few  seconds  of  "free"  oscil¬ 
lation.  The  control  derivatives  are  extracted  primarily  from  the  initial  control  input  and  the  stability 
derivatives  are  obtained  during  the  "free"  oscillation.  The  principle  of  the  maneuver  19  to  perform  the 
control  inputs  quickly  so  that  the  effects  of  the  control  derivatives  and  stability  derivatives  are 
Isolated.  This  provides  unique  information  to  the  derivative  extraction  program  and  allows  more  accurate 
estimations  to  be  obtained. 

FLIGHT  DATA  ANALYSIS  METHODS 

Lift,  drag,  and  longitudinal  trim  data  were  computed  from  flight  test  through  the  use  of  a  Flight  Test 
Performance  Data  Extraction  program.  This  program  required  high  resolution  body  axis  accelerometers  to 
compute  performance  data.  Since  the  Orbiter  is  a  gliding  vehicle,  there  were  not  any  thrust  terms  that 
had  to  be  considered. 

During  a  pushover-pullup  maneuver,  the  pitch  rate  Is  sustained  by  an  elevator  deflection  which  also 
contributes  to  lift  and  drag.  Therefore,  the  flight-derived  lift,  drag,  and  elevator  deflection  were 
corrected  to  zero  pitch  rate  and  pitch  acceleration  to  obtain  trimmed  (equilibrium  flight)  data.  These 
data  were  also  corrected  to  a  standard  center  of  gravity  position  for  comparison  with  the  predicted  data. 
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The  performance  data  were  corrected  and  standardized  using  predicted  values  for  elevator  effectiveness 
(C  ,  C  ,  and  C  )  and  predicted  pitch  damping  coefficient  data  (C  ). 
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Stability  and  control  derivatives  were  extracted  from  flight  data  through  the  use  of  a  Modified  Maxi¬ 
mum  Likelihood  Estimator  (MMLE)  program  (Reference  3).  This  program  has  been  extensively  used  on  numerous 
aircraft  and  lifting  body  vehicles  in  the  past,  and  has  produced  reliable  and  accurate  results.  The  pro¬ 
gram  models  a  vehicle’s  characteristics  through  the  use  of  an  appropriate  set  of  aerodynamic  equations  of 
motion,  containing  unknown  derivatives.  The  flight  derivatives  of  the  vehicle  are  obtained  by  varying  the 
unknown  derivatives  until  the  error  between  the  analytical  and  flight  response  is  minimized. 

In  addition  to  providing  an  estimate  of  the  value  of  the  derivatives,  the  program  also  computes  an 
estimation  of  the  accuracy  of  each  derivative.  These  accuracy  estimations  can  be  invaluable  in  assessing 
the  quality  of  the  results.  However,  the  final  assessment  of  accuracy  should  be  obtained  from  the 
repeatability  of  the  results  as  a  function  of  a  particular  flight  parameter  such  as  Mach  number  or  angle 
of  attack. 

There  was  originally  some  concern  as  to  whether  the  Orbiter’s  derivatives  could  be  accurately 
extracted  from  flight  data  due  to  the  sluggish  nature  and  slow  response  characteristics  of  the  vehicle  to 
control  stimuli.  These  concerns  were  dismissed  during  the  Approach  and  Landing  Test  program  which  was 
conducted  from  1977  to  1978  with  the  Orbiter  Vehicle.  Figure  5  compares  Orbiter  flight  data  for  two  major 
derivatives  obtained  during  this  program  with  wind  tunnel  data.  The  solid  line  shown  in  the  Figure  is  an 
average  value  of  several  wind  tunnel  tests  conducted  prior  to  the  start  of  the  program,  and  represents  the 
best  estimate  of  each  derivative  at  that  time.  The  circles  represent  the  results  of  the  MMLE  program. 

The  triangles  represent  wind  tunnel  results  obtained  after  the  program  at  the  precise  flight  conditions 
and  vehicle  configuration  at  which  the  MMLE  results  were  obtained.  As  can  be  seen,  the  MMLE  results  agree 
extremely  well  with  these  wind  tunnel  results  (Reference  4). 

COMPARISON  OF  FLIGHT  AND  PREDICTED  DATA 

Aerodynamic  data  obtained  from  flight  are  compared  to  "predicted”  data  in  this  section.  Performance 
and  longitudinal  trim  data  were  obtained  from  pushover-pullup  maneuvers,  bodyflap  sweeps  and  quasi-steady 
state  flight  conditions  over  a  Mach  number  range  of  0.38  to  24.0.  A  pushover-pullup  maneuver  was  performed 
during  the  second  Orbiter  flight  (STS-2)  at  an  average  Mach  number  of  20  and  provided  data  encompassing  an 
angle  of  attack  range  of  34.8  to  45.7  degrees.  Also,  during  this  flight,  a  guidance-induced  pitch  maneuver 
at  0.4  Mach  number  provided  excellent  subsonic  data  covering  an  angle  of  attack  range  of  4.6  to  12.9 
degrees.  A  speedbrake  sweep  at  0.5  Mach  number  provided  surface  effectiveness  data. 

The  performance  and  longitudinal  trim  data  are  presented  as  a  function  of  angle  of  attack  at  an  aver¬ 
age  Mach  number  during  the  dynamic  maneuver  and/or  average  value  of  the  viscous  interaction  term  (VJ  when 

applicable.  The  speedbrake  effectiveness  data  are  plotted  as  a  function  of  surface  deflection.  The  data 
from  the  bodyflap  sweeps  are  presented  as  trim  elevator  deflection  as  a  function  of  bodyflap  position. 

These  data  will  show  the  combined  effectiveness  of  these  two  pitch  control  surfaces.  (A  pitch  pulse  was 
performed  to  isolate  the  elevator  effectiveness.) 

The  predicted  performance  and  longitudinal  trim  data  are  for  a  rigid  Orbiter  and  are  presented  in  the 
Figures  of  this  report  as  solid  lines.  Uncertainties  in  the  predicted  data  are  presented  as  dashed  lines 
above  and  below  the  predicted  data. 

Flight  and  predicted  stability  and  control  derivatives  are  presented  primarily  as  a  function  of  Mach 
number.  Some  data  are  presented  as  a  function  of  dynamic  pressure  or  reaction  control  jet  mass  flow  ratio 
at  high  velocities  where  Mach  number  does  not  change  rapidly.  This  form  of  presentation  is  for  convenience 
only  and  can  be  misleading  in  some  instances  when  other  variables  such  as  angle  of  attack  are  also 
changing.  Since  the  Orbiter’s  reentry  profile  for  the  parameters  which  affect  derivative  results  was  very 
similar  for  the  first  three  flights,  predicted  data  for  STS-2  only  will  be  presented  in  the  Figures.  Esti¬ 
mations  of  uncertainties  for  the  flight  derivatives  and  predicted  data  are  presented.  Flight  data  uncer¬ 
tainties  are  presented  as  vertical  bars  about  the  derivative  value.  Predicted  data  uncertainties  are 
presented  as  dashed  lines  about  the  solid  line  representing  the  predicted  value. 

Maneuvers  have  been  performed  and  derivative  results  obtained  down  to  approximately  Mach  1  in  the 
program  thus  far.  Subsonic  maneuvers  have  not  been  performed  because  this  data  was  obtained  in  the 
Approach  and  Landing  Test  program  conducted  in  1977  with  the  Orbiter  Vehicle  launched  from  a  747  carrier 
aircraft.  Subsonic  results  obtained  from  this  program  are  contained  in  Reference  5. 

Since  the  effects  of  rotary  derivatives  were  small  for  the  maneuvers  presented  in  this  report,  their 
values  were  held  at  predicted  values  in  all  analyses  and  are  not  presented.  All  stability  derivative  data 
are  presented  at  the  flight  center  of  gravity. 

LONGITUDINAL  PERFORMANCE 

The  supersonic  and  hypersonic  lift-to-drag  ratio  (L/D)  data  obtained  from  the  first  two  Orbiter 
flights  are  compared  with  predictions  in  Figure  6.  The  data  are  presented  as  a  function  of  Mach  number 
because  the  angle  of  attack  at  any  particular  Mach  number  during  the  reentry  was  constant  (except  for  the 
pushover-pullup  at  Mach  20).  However,  the  increase  in  L/D  between  Mach  15  and  5  was  due  to  the  angle  of 
attack  decrease  from  40  degrees  to  20  degrees  rather  than  the  Mach  number  change.  (The  predicted  L/D 
curve  does  not  change  as  a  function  of  Mach  number  in  this  Mach  regime.)  Note  the  close  agreement  between 
flight  and  predicted  L/D  for  Mach  numbers  greater  than  1.0. 

The  L/D  data  extracted  from  the  pushover-pullup  at  Mach  number  of  20  are  shown  in  Figure  7.  These 
data  also  showed  excellent  agreement  with  predictions.  The  lift  and  drag  coefficient  data  obtained  from 
this  maneuver  are  presented  in  Figure  8.  Both  and  Cp  are  slightly  less  than  predicted  but  within  the 
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uncertainty  of  the  predicted  data.  The  good  correlation  between  flight  and  predicted  CD  was  not  surpris¬ 
ing  because  the  onboard  computation  of  dynamic  pressure  (q)  used  in  the  performance  program  contains  an 
estimation  of  the  curve.  The  uncertainty  in  determining  q”  will  remain  a  problem  until  a  hypersonic  air 

data  system  is  installed  in  later  versions  of  the  Orbiter.  The  excellent  correlation  in  L/D  is  not  an 
issue  as  far  as  q"  is  concerned  since  L/D  is  independent  of  q". 

The  subsonic  L/D  data  computed  from  the  guidance-induced  pitch  maneuver  are  presented  in  Figure  9. 

The  higher  than  predicted  L/D  out  of  ground  effect  is  due  primarily  to  the  lower  than  predicted  drag 
coefficient  (Figure  10).  The  flight  data  values  of  in  Figure  10  were  very  close  to  predictions.  Pre¬ 

liminary  flight  test  data  also  indicated  that  the  L/D  in  ground  effect  is  also  higher  than  predicted.  The 
higher  subsonic  performance  required  some  refinements  to  the  landing  approach  (revised  glide  slope  aim 
points)  in  order  to  touch  down  at  the  desired  point  on  the  runway. 

The  trimmed  flight  data  from  the  speedbrake  sweep  at  0.5  Mach  number  were  corrected  to  a  common  ele¬ 

vator  deflection  (6  degrees)  to  obtain  the  normal  and  axial  force  coefficient  (C.,  and  CA)  increments  due 

N  A 

solely  to  the  speedbrake.  This  correction  accounted  for  the  contribution  of  Cv,  and  C.  due  to  elevator 

N  A 

which  was  deflected  to  counteract  the  longitudinal  trim  change  from  th"  speedbrake.  These  data  were  cor¬ 
rected  to  a  common  angle  of  attack  (6  degrees).  The  resultant  corrected  increments  were  plotted  as  a 

function  of  speedbrake  deflection  in  Figure  11.  These  data  indicate  that  the  speedbrake  effectiveness  was 
slightly  greater  than  predicted  for  deflections  above  50  degrees.  The  normal  force  decrement  due  to 
speedbrake  was  less  than  predicted.  Note  that  both  of  these  increments  are  dependent  upon  the  values  for 
the  longitudinal  derivatives  that  were  used  to  correct  the  flight  data  to  the  standard  elevator  and  angle 
of  attack.  Predicted  values  were  used  for  these  derivatives  and  will  be  updated  whenever  flight  test  data 
become  available. 

The  Orbiter  flight  control  software  logic  contains  a  bodyf lap-elevator  interconnect  designed  to  main¬ 
tain  the  elevator  on  a  predefined  schedule  as  a  function  of  Mach  number  by  automatic  trimming  of  the  body- 
flap.  A  significant  error  in  longitudinal  trim  in  the  hypersonic  Mach  regime  was  apparent  on  all  three 
Orbiter  reentries.  For  example,  during  STS-1  the  trim  bodyf lap  was  16  degrees  rather  than  7  degrees  at 
velocities  greater  than  17,000  fps  (Figure  12).  Analysis  of  the  bodyf lap  sweeps  and  the  pitch  pulse 
performed  during  the  second  Orbiter  reentry  established  that  the  major  contributor  to  the  trim  error  was 
an  error  in  the  basic  pitching  curve,  C  ,  rather  than  an  error  in  elevator  or  bodyflap  effectiveness. 
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Figure  13  contains  trim  data  obtained  during  the  bodyflap  sweep  at  a  Mach  number  of  21.  Note  that  the 
slope  of  the  flight  test  data  is  similar  to,  or  slightly  greater  than  predicted.  Also,  the  data  obtained 
from  the  pitch  pulse  at  Mach  20.6  indicated  that  the  elevator  effectiveness  C  ,  was  close  to  predicted 
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(refer  to  Longitudinal  Derivatives  section).  The  trim  elevator  data  obtained  from  the  pushover-pullup  at 
Mach  20  showed  that  the  Orbiter  was  statically  stable  and  the  slope  indicated  that  the  combined  elevator 
effectiveness/pitch  static  stability  was  close  to  predictions  (Figure  14).  Thus,  the  foregoing  tends  to 
confirm  that  the  mispredicted  longitudinal  trim  at  high  Mach  number  is  attributable  to  an  error  in  basic 
pitching  moment. 

The  subsonic  longitudinal  trim  data  in  Figure  15  extracted  from  the  guidance-induced  pitch  maneuver 
confirm  the  negative  static  margin  that  was  predicted  at  Mach  numbers  less  than  0.8  for  a  center  of  gravity 
of  66.7  percent.  These  data  also  show  more  positive  elevator  deflections  than  predicted  and  the  slope 
appears  to  be  slightly  more  negative.  This  could  be  due  to  a  small  error  in  the  basic  pitching  moment, 
the  elevator  effectiveness  or  the  static  stability  predictions.  Additional  flight  tests  will  be  required 
to  identify  the  error  source. 

In  summary,  at  the  angles  of  attack  tested  so  far  in  the  Orbiter  program,  the  supersonic/hypersonic 
lif t-to-drag  ratio  is  the  same  as  predicted.  The  subsonic  L/D  is  greater  than  predicted  due  to  a  mispre¬ 
diction  in  drag  coefficient.  The  hypersonic  longitudinal  trim  was  significantly  different  from  predictions 
due  to  an  error  in  the  basic  pitching  moment  curve.  The  static  longitudinal  stability  was  the  same  as 
predicted  at  the  hypersonic  Mach  numbers  where  test  data  were  available.  Based  on  the  limited  flight  test 
data,  the  static  stability  at  subsonic  Mach  numbers  may  be  slightly  less  than  predicted. 

LATERAL-DIRECTIONAL  DERIVATIVES 

Lateral-directional  derivative  results  obtained  from  pulse  doublet  maneuvers  during  STS-2  and  STS-3 
are  contained  in  Figures  16  through  21.  Uncertainty  estimates  for  the  predicted  and  flight  data  are  also 
shown.  The  predicted  data  is  represented  by  a  solid  line,  while  the  short  dashed  line  represents  a  fairing 
of  the  flight  data. 

The  dihedral  effect  (C-  )  is  presented  in  Figure  16.  The  consistency  of  the  flight  results  as  a  func- 
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tion  of  Mach  number,  and  the  flight  uncertainty  estimates,  were  considerably  smaller  than  the  uncertainty 
of  the  predicted  data  for  most  maneuvers,  indicating  high  confidence  in  the  flight  results.  Flight  data 
showed  a  tendency  to  vary  with  Mach  number  above  Mach  10,  which  was  inconsistent  with  the  predicted  data. 

The  flight  results  were  considerably  lower  than  predicted  at  very  high  Mach  numbers.  Note  that  even 
though  the  uncertainty  estimates  computed  by  the  MMLE  program  were  large  for  the  first  two  maneuvers  at 
high  Mach  numbers,  the  derivative  values  were  reasonable  and  consistent  with  other  results.  These  maneuvers 
were  performed  at  very  low  dynamic  pressures  of  4  and  8  psf.  Below  Mach  3,  flight  results  for  Cp  were 

more  negative  than  predicted.  Although  results  were  fairly  consistent  with  Mach  number,  an  important 
criterion  for  assessing  accuracy,  the  uncertainty  estimates  were  quite  large.  Possible  causes  for  these 
large  uncertainties  are  nonlinear  effects  with  control  surface  deflection,  rapidly  changing  Mach  number/ 
derivative  value  in  this  flight  regime,  and  wind  shears  which  are  not  modeled  in  the  MMLE  program.  The 
Orbiter  has  exhibited  a  small  amplitude  lateral-directional  oscillation  in  the  transonic  region  on  its 
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first  three  flights,  and  it  is  felt  that  the  higher  than  predicted  dihedral  effect  is  a  contributor  to 
this  oscillation.  This  oscillation  will  be  discussed  further  through  this  report. 

Flight  results  for  the  directional  stability  derivative  (C  )  were  close  to  predicted  throughout  the-  Mach 

range.  Results  obtained  on  flight  3  using  high  resolution  instrumentation  were  extremely  consistent  with 
Mach  number  and  indicated  a  slightly  more  stable  value  above  Mach  8.  (High  resolution  instrumentation  was 
not  available  on  STS-2  due  to  an  onboard  tape  recorder  failure.)  The  irregular  shape  in  the  predicted 
data  between  Mach  8  and  3  represents  results  obtained  from  wind  tunnel  tests  conducted  at  small  amplitude- 
sideslip  deflections.  Flight  results  (also  at  small  sideslip  deflections)  agree  very  well  with  these  pre¬ 
dictions. 

Aileron  derivatives  are  shown  in  Figures  17  and  18.  Aileron  derivatives  are  a  strong  function  of 
elevator  bias  position.  The  first  three  reentries  were  made  with  different  elevator  schedules  at  high 
Mach  numbers:  approximately  -1,  1,  and  3  degrees  for  STS-1,  STS-2,  and  STS- 3  respectively.  Therefore  for 
uniformity  and  ease  of  presentation,  STS-3  derivative  results  shown  in  Figure  17  have  been  corrected  to 
the  STS-2  reentry  elevator  position  using  predicted  values  for  these  effects.  In  order  that  these  effects 
may  be  evaluated,  aileron  derivatives  are  presented  as  a  function  of  elevator  position  in  Figure  18. 

Flight  values  for  the  aileron  effectiveness  derivative  (C.  )  were  slightly  higher  than  predicted 
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above  Mach  12.  In  addition,  the  slope  of  C.  versus  elevator  position  also  appears  to  be  higher  than 
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predicted.  The  MMLE  program  could  not  extract  aileron  derivatives  accurately  for  the  maneuver  performed 
at  the  highest  Mach  number  shown  (dynamic  pressure  =  4  psf).  Their  values  were  therefore  held  constant 
during  the  analysis  of  this  maneuver.  Flight  values  for  C-  were  generally  lower  than  predicted  between 
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Mach  3  and  1.  Low  aileron  effectiveness  is  felt  to  be  another  cause  of  the  small  amplitude  lateral- 
directional  oscillation  which  occurs  in  this  flight  regime.  When  this  oscillation  was  analyzed  with  the 
MMLE  program,  the  Cp  value  obtained  at  Mach  1.6  was  considerably  lower  than  predicted  (.00075  per  degree)  if 
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atmospheric  wind  shears  were  not  accounted  for.  Wind  shears  were  then  accounted  for  in  the  MMLE  program 
using  the  sideslip  angle  obtained  from  differential  pressure  measurements  of  the  external  side  probes  and 
the  inertially  computed  sideslip  angle.  The  difference  between  these  two  measurements  was  differentiated 
and  programmed  into  the  MMLE  program  as  a  forcing  function  in  the  rate  of  change  of  sideslip  equation. 

When  wind  effects  were  included,  the  resulting  value  of  C.  increased  and  was  much  closer  to  predicted. 
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The  results  of  this  analysis  should  not  be  considered  conclusive  however.  Accurate  results  are  often 
difficult  to  obtain  for  this  type  of  maneuver.  Values  of  other  derivatives  (especially  C.  )  obtained 

from  this  analysis  remain  questionable.  Pressure  lags  associated  with  the  side  probe  system  were  not 
accounted  for  and  could  have  significant  impact  on  the  results.  Nevertheless,  the  analysis  does  indicate 
that  wind  shears  need  to  be  accounted  for  and  could  be  a  contributing  factor  to  the  low  frequency  oscilla¬ 
tion  observed  in  flight. 

Flight  values  of  C  agreed  well  with  predictions  for  most  STS-2  maneuvers.  A  few  values  below  Mach 
6a 

3  were  more  positive  than  predicted,  but  their  uncertainty  estimates  were  large.  STS-3  values,  obtained 
for  a  more  downward  elevator  deflection  and  using  the  higher  resolution  instrumentation,  were  more  nega¬ 
tive  than  predicted  at  high  Mach  numbers.  Flight  values  of  C  are  difficult  to  obtain  accurately  for 
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most  airplanes.  The  large  uncertainty  estimates  shown  indicate  the  potential  inaccuracies  in  the  values 

of  C  for  the  Orbiter. 
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Rudder  derivatives  are  shown  in  Figure  19.  The  rudder  is  only  active  from  Mach  3.5  to  landing. 

Flight  results  agreed  very  well  with  predicted  data  for  the  pulse  doublet  maneuvers. 

Since  the  aft  reaction  control  jets  are  located  above  the  wing  at  the  base  of  the  vertical  tail  of 
the  Orbiter,  the  plume  produced  when  the  jets  are  fired  can  interact  with  the  flow  field  over  the  vehicle 
and  alter  the  basic  aerodynamic  forces  and  moments.  These  effects  are  referred  to  as  jet  interaction 
effects,  and  are  presented  in  derivative  form  in  this  report.  Jet  interaction  effects  are  presented  as  a 
function  of  mass  flow  ratio,  a  parameter  used  to  extrapolate  Mach  10  wind  tunnel  data  to  higher  Mach 
numbers.  (Jet  interaction  effects  were  not  obtained  at  Mach  numbers  greater  than  10  in  wind  tunnel  tests.) 

The  derivative  values  presented  are  a  measure  of  the  jet  plume  interaction  with  the  aerodynamic  flow  onlv, 
and  do  not  contain  the  basic  thrust  and  moment  components  of  the  jets. 

Interaction  effects  for  the  yaw  jets  are  presented  as  a  function  of  Mach  number  below  Mach  12  and  as 
a  function  of  yaw  Jet  mass  flow  ratio  above  Mach  12  In  Figure  20.  Flight  values  of  the  roll  due  to  yaw  let 
interaction  effect  (C.  )  were  significantly  less  than  predicted  at  high  values  of  mass  flow  ratio.  The 
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flight  results  are  very  consistent  as  a  function  of  mass  flow  ratio,  and  the  scatter  in  the  data  is  much 
smaller  than  the  uncertainty  levels  of  the  predicted  data.  The  uncertainty  levels  of  the  flight  results 
are  also  small.  Thus  a  high  degree  of  confidence  is  placed  in  the  flight  results.  The  error  in  the  predicted 
value  of  C.  was  the  major  cause  of  a  large  amplitude,  lightlv  damped  lateral-direct ional  oscillation 
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which  occurred  during  the  Initial  bank  maneuver  performed  on  STS-1  at  a  mass  flow  ratio  of  .015  (dynamic 
pressure  of  14  psf).  This  oscillation  will  be  discussed  further  In  the  following  sections  of  this  report. 
Flight  results  obtained  for  the  yaw  due  to  yaw  jet  Interaction  effect  (C  )  were  somewhat  greater  (more 
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negative)  than  predicted.  The  difference  is  much  smaller  than  what  was  obtained  for 
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however.  STS-3 
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results  were  more  consistent  as  a  function  of  mass  flow  ratio  than  STS-2  results.  Therefore,  more  empha¬ 
sis  was  placed  on  the  STS- 3  results  when  fairing  the  flight  data. 

Roll  jet  interaction  derivatives  are  presented  in  Figure  21  as  a  function  of  roll  jet  mass  flow  ratio. 
Results  were  obtained  from  two  pulse  maneuvers  performed  on  STS-2  prior  to  deactivation  of  the  roll  jets  at 
a  dynamic  pressure  of  10  psf.  The  MMLE  program  is  modeled  to  obtain  independent  values  for  up  and  down 
firing  jet  interaction  effects.  However,  simultaneous  firing  of  up  and  down  jets  to  produce  roll  during 
the  flight  maneuvers  prevented  the  extraction  of  separate  interaction  effects.  The  results  are  therefore 
presented  as  a  total  rolling  and  yawing  moment  coefficient  produced  by  one  up  and  one  down  firing  jet. 

Flight  uncertainty  estimates  are  not  presented  since  they  are  not  computed  by  the  MMLE  program  for  the 
total  interaction  effect.  Flight  roll  due  to  roll  jet  interaction  effects  (C.  )  were  less  than  predicted, 
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while  yaw  due  to  roll  jet  interaction  effects  (C  )  were  about  the  same  value  as  predicted. 


LONGITUDINAL  DERIVATIVES 

Longitudinal  pulse  doublet  maneuvers  have  been  performed  at  high  Mach  numbers  only  in  the  program  thus 
far.  Elevator  and  angle  of  attack  derivatives,  and  pitch  jet  interaction  effects  were  obtained  from  these 
maneuvers.  Bodyflap  effectiveness  data  were  obtained  from  bodyflap  sweeps  performed  on  STS-2  above  Mach  10. 

Elevator  and  angle  of  attack  derivatives  are  shown  in  Figure  22.  Elevator  effectiveness  is  very  non¬ 
linear  as  a  function  of  eleven  deflection  angle.  The  flight  value  of  the  derivative  obtained  is  a  linear 
average  for  the  deflection  range  traversed  by  the  surface  during  the  maneuver.  The  irregular  shape  of  the 
predicted  data  reflects  the  nonlinearity  of  the  derivative  and  the  different  surface  deflection  range 
during  each  maneuver.  Flight  values  of  elevator  effectiveness  were  close  to  predicted  for  all  maneuvers 
analyzed.  Elevator  effectiveness  derivatives  were  obtained  with  some  degree  of  certainty  at  a  dynamic 
pressure  as  low  as  2  psf.  Flight  angle  of  attack  derivatives  were  much  more  difficult  to  obtain  at  low 
dynamic  pressures  due  to  the  small  and  sluggish  attitude  response  of  the  Orbiter  to  pulse  stimuli  at  these 
flight  conditions.  They  were  held  at  predicted  values  during  the  analyses  of  the  three  maneuvers  at  the 
lowest  dynamic  pressures. 

Pitch  jet  interaction  derivatives  are  plotted  in  Figure  23  as  a  function  of  the  pitch  jet  mass  flow 
ratio.  The  pitch  jets  are  deactivated  at  dynamic  pressures  greater  than  20  psf,  and  were  therefore  not 
fired  during  the  Mach  20.6  doublet  on  STS-2  and  the  Mach  21.3  doublet  on  STS-3.  The  derivative  values 
shown  are  a  measure  of  the  jet  plume  interaction  with  the  aerodynamic  flow  only  and  do  not  contain  the 
basic  thrust  and  moment  component  of  the  jets.  For  reasons  similar  to  those  presented  in  the  roll  jet 
discussion,  only  the  total  interaction  effect  for  up  and  down  firing  jets  was  obtained.  Flight  uncertainty 
estimates  are  not  presented  since  they  are  not  computed  by  the  MMLE  program  for  the  total  interaction 
effect.  Pitch  jet  interaction  effects  were  close  to  predicted  values  for  the  two  maneuvers  at  the  lowest 
mass  ratios  (highest  dynamic  pressures),  but  were  lower  than  predicted  at  the  two  highest  mass  flow  ratio 
maneuvers.  Results  obtained  at  the  high  mass  flow  ratios  were  felt  to  be  degraded  duo  to  the  loss  of  the 
high  resolution  instrumentation  on  STS-2. 

Bodyflap  derivatives  are  presented  in  Figure  23.  Bodyflap  effectiveness  was  slightly  greater  than 
predicted  over  the  hypersonic  Mach  range  analyzed.  Bodyflap  derivatives  were  obtained  from  slow  moving 
bodyflap  sweeps.  (The  maximum  rate  at  which  the  bodyflap  can  move  is  three  degrees  per  second.)  The  slow 
nature  of  the  maneuver  is  not  desirable  for  derivative  extraction,  and  the  accuracy  of  the  bodyflap  deriv¬ 
atives  is  therefore  somewhat  uncertain.  In  order  to  improve  the  accuracy  of  the  bodyflap  results,  elevator 
derivatives  were  held  fixed  at  values  obtained  from  pulse  maneuvers  during  the  analysis  of  the  bodyflap 
sweeps. 

FLIGHT  AND  PREDICTED  DATA  DIFFERENCES 

This  section  summarizes  the  major  differences  found  to  date  between  the  flight  and  predicted  data  base 
of  the  Orbiter.  Possible  causes  for  the  differences  will  be  presented. 

HYPERSONIC  LONGITUDINAL  TRIM 

The  flight  longitudinal  trim  of  the  Orbiter  was  significantly  different  than  predicted  above 
Mach  8.  Flight  values  of  elevator  and  bodyflap  effectiveness  (C  and  C  )  obtained  from  pulse  maneu- 
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vers  and  bodyflap  sweeps  were  close  to  predictions  in  this  region.  The  reason  for  the  trim  discrepancy 

is  therefore  an  error  in  the  predicted  value  of  the  basic  pitching  moment  (C  )  of  the  vehicle  rather  than 
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an  error  in  control  surface  effectiveness.  A  pitch  up  C  increment  of  +.023  must  be  applied  to  the  pre- 
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dieted  data  to  duplicate  the  flight  longitudinal  trim  characteristics  above  Mach  18. 

The  primary  cause  of  the  error  in  the  predicted  hypersonic  values  of  C  is  felt  to  be  real  gas 
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effects.  Real  gas  effects  are  the  aerodynamic  effects  resulting  from  deviations  of  real  air  thermodynamic 
properties  from  ideal  gas  with  constant  specific  heat.  These  effects  were  not  fully  simulated  in  wind  tun¬ 
nel  tests  and  were  not  accounted  for  In  the  predicted  aerodynamic  data  base  of  t hi  Orbiter.  Real  gas 
effects  are  most  significant  between  150,000  and  270,000  feet.  Recent  analytical  studies  (currently 
unpublished)  performed  by  the  Arnold  Engineering  Development  Center  indicate  real  gas  effects  could  pro¬ 
duce  a  pitch  up  Increment  of  .024  above  Mach  18,  which  is  very  close  to  the  difference  between  flight  and 
predicted  results.  Real  gas  effects  would  also  produce  less  lift  force,  which  is  consistent  with  flight 
results. 
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Hie  remaining  small  difference  between  flight  and  predicted  values  of  C  could  be  caused  by 
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viscous  interaction  and  high  Mach  number  effects.  These  effects  are  thought  to  be  small  in  comparison  to 
real  gas  effects  however,  and  tend  to  cancel  each  other. 

Hie  most  significant  effect  of  the  error  In  the  prediction  of  hypersonic  trim  will  be  increased 
heating  on  the  bodyflap  and/or  eleven  due  to  tiie  more  downward  deflection  required.  Additional  downward 
deflection,  and  increased  heating,  would  be  required  for  more  aft  Longitudinal  centers  of  gravity.  How¬ 
ever,  it  appears  that  heating  margins  are  adequate  to  achieve  the  most  aft  center  of  gravity  required  in 
the  Shuttle  program. 

REACTION  CONTROL  JET  INTERACTION  EFFECTS 

The  larger  than  predicted  lateral-directional  oscillation  during  the  first  bank  maneuver  on  STS-1 
was  the  result  of  over  predicting  the  rolling  moment  produced  by  the  interaction  of  the  exhaust  plume  of 
the  yaw  reaction  control  jets  with  the  aerodynamic  flow  over  the  upper  surface  of  the  wing.  Reaction  con¬ 
trol  Jet  plume  interaction  effects  were  obtained  from  three  wind  tunnel  tests  (Reference  6).  Yaw  jet 
interaction  data  were  found  to  be  primarily  a  function  of  the  mass  flow  ratio  of  the  jet  plume  to  free- 
stream  air  (nij/m^),  and  angle  of  attack.  Mass  flow  ratio  is  a  function  of  freestream  velocity  and  dynamic 

pressure.  Flight  angle  of  attack  conditions  were  duplicated  in  the  wind  tunnel  hut  mass  flow  ratios  were 
not.  The  lowest  dynamic  pressure  possible  during  wind  tunnel  testing  was  75  psf  at  Mach  10.3.  The  dynamic 
pressure  during  the  first  bank  reversal  was  14  psf  at  Mach  24.4.  Therefore  jet  interaction  effects  as  a 
function  of  mass  flow  ratio  measured  in  the  tunnel  were  extrapolated  to  high  Mach,  low  dynamic  pressure 
flight  conditions.  The  extrapolation  proved  to  be  invalid  due  to  differences  between  the  wing  wake 
boundaries  at  the  wind  tunnel  and  flight  test  conditions.  The  wing  wake  boundary  of  the  model  was  stronger 
and  more  confining  due  to  the  high  static  pressure  levels  that  must  be  maintained  in  the  wind  tunnel.  The 
stronger  wake  boundary  was  more  resistant  to  jet  gas  diffusion,  which  tended  to  produce  more  of  a  rolling 
moment  interaction  effect  than  what  was  experienced  at  high  altitude,  low  dynamic  pressure  flight  condi¬ 
tions.  Jet  interaction  effects  obtained  from  flight  were  close  to  predicted  values  at  Mach  20  (dynamic 
pressure  =  48  psf)  and  below. 

The  first  bank  maneuver  on  STS-1  was  performed  in  the  automatic  flight  control  system  mode.  On 
subsequent  flights,  the  maneuver  was  performed  manually  by  the  commander  at  a  slower  roll  rate  to  avoid 
the  large  oscillation.  A  flight  control  system  modification  will  be  made  on  STS-5  which  should  provide 
adequate  control  in  both  the  automatic  and  manual  modes  during  the  first  hank  maneuver. 

SUBSONIC  PERFORMANCE 

The  subsonic  lift-to-drag  ratio  data  obtained  from  flight  test  at  subsonic  Mach  numbers  was 
greater  than  predicted.  The  major  contributor  to  this  Increased  L/D  was  a  reduction  In  drag  coefficient. 

The  primary  cause  of  this  error  in  C^  is  thought  to  be  an  overprediction  of  the  drag  due  to  surface 

irregularities  in  Thermal  Protection  System  (TPS).  The  drag  increment  (.0038)  to  account  for  TPS  gaps  and 
steps  was  hased  on  theoretical  calculations  and  was  not  verified  with  wind  tunnel  tests. 

TRANSONIC  STABILITY 

The  small  amplitude  lateral-directional  oscillation  which  has  occurred  near  Mach  1.6  during  the 
first  three  reentries  may  be  the  result  of  decreased  lateral-directional  stability  due  to  lower  than  pre¬ 
dicted  aileron  effectiveness  ( C p  ),  higher  than  predicted  dihedral  effect  (C,  ),  and  more  positive  vaw 
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due  to  aileron  (C  ).  Atmospheric  wind  shears  may  also  have  been  a  contributing  factor  to  the  oscillation. 
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The  uncertainty  of  the  flight  derivatives  obtained  in  this  region  thus  far  has  been  large.  Recent  post 
flight  wind  tunnel  tests  have  been  conducted  in  which  data  for  small  sideslip  angles  and  control  surface 
deflections  have  been  obtained  to  check  for  nonlinear  effects.  The  data  obtained  was  linear,  and  the  pre- 
flight  predictions  were  substantiated. 

The  bodyflap  was  deflected  to  its  upper  limit  at  Mach  1.6  during  flight.  Thus  more  forward 
longitudinal  center  of  gravity  movement  would  require  the  elevator  to  be  deflected  further  up  to  maintain 
the  desired  trim  angle  of  attack.  An  increased  up  elevator  deflection  would  decrease  C.  somewhat,  which 
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could  in  turn  degrade  the  lateral-directional  stability.  The  transonic  oscillation  could  therefore 
restrict  the  forward  center  of  gravity  limit  of  the  Orbiter  until  it  is  eliminated  by  a  flight  control 
system  modification  or  other  means. 

HIGH  MACH  NUMBER  DERIVATIVES 

Two  primary  lateral-directional  aerodynamic  derivatives,  C'  and  C,  ,  have  been  inaccurately 

£  6a 

predicted  above  Mach  12.  Predicted  results  estimated  those  derivatives  to  be  essentially  invariant  with 
Mach  number  above  Mach  12.  Flight  results  for  C.  decreased  with  increasing  Mach  number  and  were  consid- 

8 

erabiy  lower  than  predicted  at  Mach  24.  Flight  results  for  were  higher  than  predicted  at  high  Mach 

\5a 

numbers.  Thus  It  appears  that  Mach  number,  viscous  interaction,  real  gas,  or  low  density  effects  have  not 
been  properly  accounted  for  in  the  prediction  of  these  derivatives.  The  cause  of  the  discrepancy  is  not 
known  at  the  time  of  this  writing. 

The  differences  in  C’c  and  C0  at  high  Mach  numbers  have  had  little  effect  on  the  Orb  iter’s 
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stability  thus  far.  One  reason  for  this  is  that  the  Orbiter's  high  gain,  command  augmentation  flight 


control  system,  which  presently  relies  heavily  on  reaction  control  jets  for  stability,  tends  to  mask  most 
variations  which  may  occur  in  aerodynamic  derivatives.  If  the  flight  control  system  is  redesigned  in  the 
future  to  rely  less  on  reaction  control  jets  (to  reduce  fuel  and  weight  requirements),  these  aerodynamic 
differences  will  be  more  evident.  If  lower  angle  of  attack  reentries  are  performed  in  the  future  to 
achieve  higher  lift-to-drag  ratios,  the  reduced  value  of  Cp  and  corresponding  decreased  value  of  dynamic 

B 

directional  stability,  could  be  of  concern. 

SIMULATOR  UPDATES  AND  ANALYSES 

This  section  presents  updates  made  to  the  AFFTC  Orbiter  simulation  to  incorporate  the  major  differ¬ 
ences  found  between  flight  and  predicted  aerodynamic  data.  As  such,  it  contains  a  summary  of  the  differ¬ 
ences  between  flight  and  predicted  data  which  have  had  the  most  significant  effect  upon  the  Orbiter's 
aerodynamic  performance  and  stability  and  control  characteristics. 

In  the  hypersonic  Mach  regime,  a  significant  error  in  longitudinal  trim  was  observed  during  each  of 
t\\e  Orbiter  reentries.  The  major  contributor  to  this  error  was  a  shift  in  the  basic  pitching  moment 

curve.  The  simulator  at  the  AFFTC  was  updated  with  a  C  shift  based  on  STS-1  and  STS-2  flight  data.  The 

m 

o 

magnitude  of  this  shift  was  0.023  for  velocities  greater  than  18,000  fps.  Figure  24  compares  the  trim 
‘elevator  and  bodyflap  deflections  from  the  updated  simulator  with  STS-3  flight  data.  The  close  agreement 
between  flight  and  simulator  predicted  data  confirms  the  validity  of  the  pitching  moment  correction. 

The  lightly  damped  lateral-directional  oscillation  during  the  first  bank  maneuver  on  STS-1  occurred 
at  a  Mach  number  of  24.4,  a  dynamic  pressure  of  14  psf,  and  an  angle  of  attack  of  40  degrees.  Figure  25 
contains  time  histories  of  the  preflight  predicted  response  and  the  flight  response  for  this  maneuver. 
Initially,  the  AFFTC  simulator  was  used  to  determine  the  cause  of  the  oscillation  by  manually  varying  the 
significant  stability  and  control  derivatives  until  a  reasonable  representation  of  the  flight  test  history 
was  obtained.  Within  hours  after  the  flight  data  was  received,  results  obtained  from  this  manual  matching 

technique  concluded  that  an  error  in  the  prediction  of  the  roll  due  to  yaw  jet  interaction  effect  was  the 

primary  cause  of  the  oscillation.  These  conclusions  were  later  confirmed  by  results  obtained  from  the 
MMLE  derivative  matching  program.  A  simulator  time  history  of  the  first  bank  maneuver  using  flight  results 
obtained  from  the  MMLE  program  is  contained  in  Figure  25. 

A  control  system  modification  which  i-  '.orporates  an  inertially  computed  sideslip  feedback  will  be  made 
on  STS- 5  to  improve  the  Orbiter's  lateral-directional  characteristics  during  the  first  bank  maneuver.  A 
simulator  time  history  of  this  maneuver  using  the  sideslip  feedback  modification  and  flight-derived  stabil¬ 
ity  and  control  derivatives  is  contained  in  Figure  26. 

Figure  27  compares  a  time  history  of  flight  data  obtained  during  the  second  bank  maneuver  (first  bank 
reversal)  with  a  simulator  time  history  using  predicted  aerodynamic  data.  The  maneuver  was  performed  at  a 
Mach  number  of  18.3,  dynamic  pressure  of  58,  and  an  angle  of  attack  of  40  degrees.  The  flight  and  simula¬ 
tor  results  match  well,  indicating  the  predicted  data  adequately  represented  the  flight  data  at  these  con¬ 
ditions.  Flight  data  extracted  during  this  maneuver  using  the  MMLE  program  indicated  that  the  value  of 
the  roll  due  to  yaw  jet  interaction  effect  was  indeed  close  to  predictions. 

Stability  derivatives  extracted  from  flight  in  the  region  where  the  small  lateral-directional  oscilla¬ 
tion  has  occurred  (Mach  1.4  to  2.0)  have  contained  a  considerable  amount  of  uncertainty.  The  exact  cause 
of  the  oscillation  is  therefore  uncertain  at  this  time.  A  study  was  conducted  on  the  AFFTC  simulator  to 
attempt  to  duplicate  the  transonic  oscillation  seen  in  flight.  No  tendency  to  oscillate  was  seen  using 
predicted  derivatives,  even  when  the  simulator  was  pulsed  (Figure  28).  When  the  simulator  was  updated 
using  the  flight  fairings  of  Figures  16  and  17,  a  tendency  to  oscillate  at  the  same  frequency  which  occurred 
in  flight  was  observed.  However,  the  oscillation  was  not  sustained.  When  Cp  was  reduced  further  to  a 
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value  of  .00075  per  degree  (low  confidence  value  obtained  by  analyzing  the  STS-1  oscillation  without 
including  wind  shears),  the  simulator  oscillated  at  a  frequency  and  amplitude  which  was  similar  to  the 
flight  oscillation. 

The  oscillation  appears  to  be  caused  by  low  lateral-directional  stability.  External  disturbances  such 
as  wind  shears  are  probably  driving  the  oscillation.  Primary  cause  of  the  oscillation  is  felt  to  be  a  low 
total  roll  axis  gain  (C.  plus  roll  axis  flight  control  system  gain).  Some  proof  of  this  is  provided  bv 

<5a 

the  fact  that  the  oscillation  always  damps  out  in  flight  at  a  Mach  number  of  1.4  where  the  value  of  C. 
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increases  rapidly  (Figure  17).  Thus  is  appears  that  the  oscillation  may  be  damped  by  increasing  the  roll 
axis  gain  of  the  flight  control  system. 

The  AFFTC  simulator  was  used  to  evaluate  the  effects  of  a  roll  axis  flight  control  system  gain  increase. 
The  simulator  was  altered  using  the  flight  fairings  of  Figures  16  and  17  for  C0  and  C  ,  and  a  value 

*6  nia 

.00075  per  degree  for  C.  to  provide  a  steady  oscillation.  The  simulator  was  operated  in  the  five-degree- 
*6a 

of-freedom  mode  (velocity  and  altitude  held  constant).  The  yaw  jets  were  deactivated  in  the  simulator,  and 
a  slightly  divergent  oscillation  resulted  (Figure  29).  When  the  roll  axis  flight  control  system  gain  was 
doubled,  the  oscillation  damped.  An  increased  roll  axis  flight  control  system  gain  is  being  strongly  con¬ 
sidered  to  improve  the  transonic  flight  characteristics  of  the  Orbiter. 

CONCLUDING  REMARKS 


Aerodynamic  performance  and  stability  data  have  been  successfully  obtained  from  the  first  three  reen¬ 
tries  of  the  United  States  Space  Shuttle  Orbiter.  Generally  good  correlation  was  achieved  between  flight 
results  and  the  Orbiter's  predicted  data  base.  Some  differences  did  occur,  primarily  at  high  Mach  numbers 


and  altitudes.  The  basic  longitudinal  pitching  moment  of  the  Orbiter  was  significantly  different  than 
predicted  above  Mach  8.  The  difference  is  thought  to  be  caused  by  real  gas  effects  at  high  altitudes. 

The  interaction  of  the  yaw  reaction  control  jets  with  the  aerodynamic  flow  field  was  overpredicted  at  low 
dynamic  pressures,  and  caused  a  lightly  damped  oscillation  during  a  bank  maneuver  performed  early  in  the 
reentry.  The  overprediction  was  due  to  incorrect  extrapolation  from  wind  tunnel  test  conditions  to  very 
low  dynamic  pressure  flight  conditions. 

It  is  hoped  that  this  report  has  provided  a  meaningful  comparison  of  flight  and  predicted  aerodynamic 
data  over  an  extremely  large  flight  envelope.  The  intent  has  not  been  to  critique  or  criticize  ground 
test  facilities,  but  rather  to  feed  back  information  which  might  be  useful  in  improving  the  overall  data 
prediction  and  acquisition  process. 
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FIGURE  11  -  SUBSONIC  SPEEDBRAKE  EFFECTIVENESS 
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FIGURE  16  -  SIDESLIP  DERIVATIVES 
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FIGURE  19  -  RUDDER  DERIVATIVES 
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FIGURE  21  -  ROLL  JET  INTERACTION  DERIVATIVES 
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FIGURE  22  -  ANGLE  OF  ATTACK  AND  ELEVATOR  DERIVATIVES 
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FIGURE  28  -  TRANSONIC  OSCILLATION 
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FIGURE  29  -  FLIGHT  CONTROL  SYSTEM  MODIFICATION  FOR  TRANSONIC  OSCILLATION 
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SUMMARY: 

The  paper  compares  wind  tunnel  and  flight  results  obtained  in  an  experimental  program  with  a  transonic 
wing  (TST)  on  an  Alpha-Jet  as  test  vehicle.  The  comparison  is  concentrated  on  lift,  drag  and  buffet  data. 

In  addition  to  the  analysis  of  ground  and  flight  data  for  the  TST  flight  data  for  the  transonic  wing  and 
the  standard  wing  are  briefly  compared. 


1.  INTRODUCTION 

At  Dornier  an  experimental  flight  test  program  is  currently  being  completed,  which  consists  of  the  design, 
manufacturing  and  flight  testing  of  a  transonic  wing  with  manoeuvre  flaps  on  the  Alpha-Jet  as  test 
vehicle  (Fig.  1).  The  purpose  of  this  TST-program  (Transsonischer  Tragflugel  »  Transonic  Wing)  is: 

o  to  show  the  improvements  in  performance  and  manoeuvrability  obtainable  by  a  transonic  wing  on  a 
subsonic/transonic  fighter  aircraft, 

o  to  develop  and  assess  the  theoretical  and  experimental  methods  required  for  the  design  of  future 
transonic  aircraft. 

As  pointed  out  in  previous  publications  (/I /,  /2/)  the  following  main  points  of  interest  had  to  be  in¬ 
vestigated: 

-  3-Q-effects  on  moderate  aspect-ratio  wings 

-  performance  of  a  transonic  wing  in  a  broad  CL*M-region 

-  effectiveness  of  manoeuvre  flaps  on  a  transonic  wing 

-  the  behaviour  at  and  beyond  the  buffet  boundary. 

The  program  is  sponsored  by  the  German  Ministry  of  Defense  (BMVg).  It  started  1974  with  a  first  contract 
within  the  BMVg-KEL-program  to  Dornier  as  prime  contractor  and  VFW-Fokker  as  subcontractor.  In  1975  it 
was  joined  by  ONERA.  The  DFVLR  supported  the  program  by  a  series  of  wind  tunnel  tests.  The  agencies  par¬ 
ticipating  in  the  program  and  their  main  contributions  are  shown  in  Fig.  2. 

After  the  design  and  manufacturing  of  the  wing  and  its  installation  in  an  Alpha-Jet  were  completed  flight 
testing  began  in  December  1980  as  a  joint  effort  of  Dornier  and  the  German  Flight  Test  Center  (E-Stelle  61 
and  BWB  AFB  LG  IV  at  Manching).  Approximately  110  flights  have  been  performed  so  far  and  the  flight  test 
program  is  essentially  finished. 

Due  to  its  character  as  an  experimental  program  the  TST-program  allowed  the  generation  of  ground  and 
flight  data,  which  are  considerably  more  detailed  than  the  data  obtainable  during  standard  project  de¬ 
velopments.  Before  a  correlation  of  these  data  is  discussed  in  the  following  chapters  and  in  the  next 
paper  /3/  a  brief  description  of  the  TST  design  and  the  differences  to  the  standard  wing  of  the  Alpha-Jet 
will  be  repeated  from  reference  /2/. 


2.  DESIGN  DESCRIPTION 

The  choice  of  the  wing  design  parameters  (sweep  angle,  planform,  thickness)  was  limited  by  the  following 

restrictions: 

o  Cost  and  airplane  availability  considerations  allowed  only  a  replacement  of  the  wing  and  no  further  mo¬ 
difications.  Since  the  tail  could  not  be  modified,  the  wing  planform  (sweep  angle)  had  to  be  kept  con¬ 
stant  (Fig.  3). 

o  An  Increased  drag-rise  Mach  number  could  not  be  fully  utilized  for  stationary  manoeuvres  due  to  thrust 
restrictions.  Therefore,  a  thicker  profile  was  selected  which  could  be  generated  without  changing  the 
existing  wing  spar.  (This  profile  leads  to  approximately  the  same  drag-rise  at  small  lift  coefficients 
as  the  standard  profile). 


Based  on  these  considerations,  the  TST  experimental  wing  shows  the  following  differences  to  the  wing  of 
the  standard  Alpha-Jet: 


4A-: 


o  Transonic  profiles 

(thickness,  approximately  20  *  increased) 

o  Extended  wing  leading  edge 
(to  improve  area  distribution) 

o  Manoeuvre  flaps 

(consisting  of  slats  and  25  *  single-slotted  fowler-flaps) 


Fig.  4  shows  a  comparison  of  the  new  TST-profile  with  the  profile  (modified  RAE  103)  of  the  standard 
Alpha-Jet.  With  a  thickness  of  12,4  %  at  the  root  and  10,3  %  at  the  tip  it  is  approximately  20  %  thicker 
than  the  standard  profile.  It  is  designed  such  that  the  drag-rise  Mach  number  is  not  decreased  at  low 
lift  coefficients  and  increased  at  high  C^-values. 

The  various  slat  and  flap  positions  are  described  in  Figures  5  and  6.  The  standard  Alpha-Jet  has  no  slat 
and  30  %  single-slotted  landing  flaps  with  a  fixed  hinge-line.  In  the  =  32°-position  both  flaps  have 
the  same  extension  of  the  wing  planform.  (*/v  =  slat  deflection,  =  flap  deflection). 

On  the  current  experimental  flight  tested  wing  the  flaps  and  slats  cannot  be  moved  in  flight.  Due  to  fun¬ 
ding  restrictions  it  was  decided  to  use  fixed  flap  positions,  which  can  be  changed  on  the  ground  cor¬ 
responding  to  the  five  positions  shown  in  Figures  4-6. 


3.  THEORETICAL  CALCULATIONS 

The  transonic  wing  was  developed  by  a  combined  theoretical  and  experimental  procedure  which  utilized  the 
following  theoretical  methods: 

o  2-D  viscous  calculations  based  on  direct  and  inverse  transonic  small  disturbance  (TSP)  methods  com¬ 
bined  with  2D-integral  boundary  layer  methods. 

o  2-D  and  3-D  subsonic  panel  methods. 

o  3-D  transonic  small  perturbation  (TSP)  and  full  potential  equations  (FPE)  methods  and  3D-boundary 
layer  analysis. 

After  the  design  freeze  of  the  TST  improved  transonic  computational  techniques  were  developed  consisting 
of  mesh  generators  for  complex  shapes  and  accurate  full  potential  and  Euler  solvers. 

A  major  part  of  the  progress  can  be  attributed  to  a  considerably  more  detailed  and  realistic  representa¬ 
tion  of  the  body  geometry. 

A  comparison  of  theoretical  pressure  distributions  with  wind  tunnel  and  flight  test  data  will  be  presented 
in  the  following  paper  13/ . 


4.  WIND  TUNNEL  TESTS 

Figures  7  and  8  present  an  overview  of  the  wind  tunnel  tests  performed  with  TST-models.  Following  tests 
with  2D  profile  models  a  1:5  low  speed  model  and  a  1:10  high  speed  model  were  tested  in  different  test 
periods  with  certain  model  modifications  between  the  tests. 

After  the  design  of  the  configurations  was  frozen  in  1977  additional  wind  tunnel  tests  were  carried  out 
which  added  significantly  to  the  body  of  data  available  for  comparison  with  flight  data. 

In  1980  the  original  half-wing  of  the  TST  mounted  on  a  partial  dummy  of  the  Alpha-Jet  fuselage  was  tested 
by  ONERA  in  the  SI  wind  tunnel  in  Modane  at  flight  Reynolds  numbers  (Fig.  9).  These  tests  were  performed 

in  order  to  reduce  the  uncertainty  about  the  effects  of  high  Reynolds  numbers  on  the  aerodynamic  coeffi¬ 

cients  and  thus  reduce  the  required  amount  of  flight  testing.  The  "model"  was  equipped  with  the  same  in¬ 
strumentation  as  the  identical  wing  on  the  test  aircraft,  which  is  described  in  more  detail  in  section  5. 
The  pressure  distributions  and  wake  measurements  obtained  in  the  SI  tunnel  are  compared  with  flight  data 
in  reference  / 3/ .  A  direct  comparison  of  total  force  coefficients  is  not  possible  because  only  the  wing 

was  attached  to  the  wall -balance.  However  local  load  measurements  on  the  wing  with  manoeuvre  flaps  were 

performed  up  to  the  structural  limit  of  the  wing. 

Further  tests  with  the  1:10  model  in  the  16T-AE0C-tunnel  are  part  of  a  data  exchange  agreement. 

The  comparison  of  wind  tunnel  and  flight  total  force  coefficients  will  therefore  be  based  mainly  on  the 
results  obtained  with  the  1:10  high  speed  model  in  the  ONERA  S2  and  NLR  HST  wind  tunnels  at  a  Reynolds 
number  (based  on  aerodynamic  mean  chord)  of  Re  =  2,5  •  10®  (S2)  and  Re  =  2,8  •  10®  (HST)  with  a  wind  tunnel 
blockage  (cross  section  of  model  divided  by  cross  section  of  test  section)  of  1,2  %  in  both  cases.  In  the 

HST-test  transition  was  free,  whereas  in  the  S2-test  free  transition  and  a  transition  fixed  at  10  %  chord 

on  the  upper  and  lower  surface  (with  0,1  m  Ballotini)  were  investigated.  In  both  wind  tunnels  the  model 
was  supported  by  a  rear  sting  which  was  straight  in  the  S2  (Fig.  10)  and  cranked  in  the  HST.  The  inlets  of 

the  model  were  open  and  allowed  a  given  mass  flow  corresponding  to  a  typical  flight  condition. 

In  addition  to  total  forces  pressure  distributions  in  5  wing  sections  and  for  buffet  analysis,  in  particu¬ 
lar,  wing  root  bending  moments,  unsteady  pressures  (kulites)  and  accelerations  were  measured  during  the 
S2  tests. 
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5.  FLIGHT  TESTS 

As  already  mentioned  in  section  1  flight  testing  with  the  TST  began  in  December  1980.  Today  the  flight 
program  is  essentially  completed  with  approximately  110  flights  flown  by  5  pilots.  The  flignt  testing  was 
a  joint  effort  of  Dornier  and  the  German  Flight  Test  Center  E-61  at  Manching.  After  the  flight  envelopes 
were  opened  by  Dornier  the  aircraft  was  transferred  to  E-61  where  70  *  of  the  flights  were  performed.  The 
flights  (Fig.  11)  were  concentrated  on  the  five  configurations  shown  in  Fig.  4-6  and  a  single  additional 
flight  for  the  configuration  y  =  0  retracted,  ^  =  5°  (@)  in  Fig.  11). 

Test  Instrumentation 


The  right-hand  wing  of  the  experimental  aircraft,  which  was  already  tested  in  the  Sl-tunnel,  is  equipped 
with  the  following  devices: 

-  static  pressure  tubes  at  4  sections 
(48  pressures  in  each  section) 

-  20  kulite  dynamic  pressure  probes  in  4  sections  (Fig.  12) 

(Due  to  restrictions  of  the  FM-unit  only  7  kutites  could  be  operated  in  flight  (Fig.  30).  The 
positions  were  selected  on  the  basis  of  the  Sl-tunnel -resul ts) . 

-  22  strain  gages  for  buffet  and  load  analysis 

(2  additional  strain  gages  were  installed  at  the  horizontal  stabilizer)  (Fig.  13) 

-  5  accelerometers  for  buffet  and  structural  analysis  (Fig.  13) 

-  a  rotating  ONERA-Pitot  rake  for  wake  measurements  at  the  trailing  edge  (discussed  in  /3/) 

(This  rake  was  not  permanently  installed). 

An  additional  accelerometer  was  mounted  at  the  pilot  seat  in  some  of  the  flights. 

The  data  described  above  and  the  complete  flight  conditions  of  the  aircraft  were  registered  on  a  magnetic 
tape  on  board  of  the  aircraft.  In  addition  the  data  most  important  for  controlling  and  monitoring  the 
flight  were  transferred  to  the  ground  by  telemetry. 


Drag  Polars  (based  on  /^/  -  111) 


The  main  interest  of  the  flight  testing  was  directed  towards  the  performance  of  the  new  wing  especially 
in  comparison  to  the  standard  Alpha-Jet.  Wing  performance  evaluation  from  flight  tests  is  a  delicate 
problem  and  needs  large  effort  in  test  instrumentation,  calibration,  data  acquisition  and  reduction. 

The  evaluation  procedure  used  at  Dornier  is  prescribed  in  Fig.  14.  Due  to  the  required  high  accuracy  of 
the  results  special  preparations  have  been  carried  out  to  be  sure  of  the  quality  of  the  flight  test  and 
engine  data.  The  basic  data  for  the  performance  evaluation  were  generated  by  sets  of  stationary,  quasi¬ 
stationary  and  instationary  manoeuvres,  which  lead  directly  to  performance  characteristics  as  maximum 
stationary  horizontal  speeds  and  load  factors,  climb  rates  and  specific  range  values  directly  computed 
with  the  aid  of  the  measured  fuel  consumption.  The  evaluation  process  was  directed  towards  the  lift  and 
drag  polar  curve  as  the  most  general  result,  which  can  easily  be  compared  with  other  data. 

To  have  the  best  approximation  of  all  evaluated  values  the  individual  results  have  been  used  to  define 
the  typical  parameters  of  a  mathematical  description  of  the  polar  curves  in  the  following  form: 


Lift  Polar: 


C  •  C,  ♦  *^L 

L  Lo  ST 


I*  normal  state 


*  iCL  sep  U) 
[-separation  corr.-»| 


Drag  Polar:  Cp  -  ♦  K,  (cL  -  C^J 


♦  K,  fiC, 


sep 


(«) 


(C^  •  lift  coefficient,  Cq  *  drag  coefficient,  *^  =  angle  of  attack) 


Fig.  15  gives  an  example  of  the  correlation  of  the  flight  test  data  with  the  mathematical  approximation  of 
the  lift  curve  for  the  configuration  with  retracted  flaps  and  slats.  Fig.  16  to  20  show  the  same  compari¬ 
son  in  the  case  of  the  drag  polars  for  all  flown  flap  configurations.  These  results  are  based  on  stationary 
manoeuvres. 

Another  important  aspect  to  the  performance  of  the  wing  is  the  maximum  attainable  lift  coefficient  ( Ci max) . 
which  is  depending  on  the  deceleration  rate,  altitude,  cg-position  and  power  setting.  Furthermore  It  is 
important  to  properly  define  the  flight  characteristics,  which  have  to  be  used  to  find  the  exact  instant, 
when  the  maximum  lift  is  reached.  In  our  case  this  was  defined  as  the  moment,  where  the  pilot  firstly  used 
the  rudder  to  keep  the  aircraft  on  course.  The  reference  deceleration  rate  was  averaged  between  this  point 
and  the  instant  of  1.1  ^ . 


_  i 
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Fig.  21  shows  the  results  of  the  CLmax-evaluation  as  a  function  of  the  deceleration  rate,  the  influence  of 
which  is  higher  for  the  flap  configurations.  The  reference  values  to  be  used  are  those  for  1  kts/sec 
deceleration. 

Parallel  to  Oornier  the  German  Flight  Test  Center  (BWB  AFB  LG  IV)  did  their  own  evaluation  using  compar¬ 
able  /&/  and  special  methods  as  the  MCA  (mass  consumption  acceleration)  method  /9/.  Also  parallel  to  this 
effort  the  DFVLR  tried  to  investigate  the  polar  data  by  evaluating  the  dynamic  roller  coaster  manoeuvres 
with  the  aid  of  a  Maximum  Likelihood  Estimation  Technique  /10/ .  Fig.  22  shows  a  comparison  of  the  investi¬ 
gations  done  by  Oornier,  AFB  LG  IV  and  DFVLR  for  two  typical  Mach  numbers.  It  can  be  seen,  that  the 
results  are  nearly  identical.  Therefore  it  can  be  concluded  that  the  flight  test  results  have  a  high  level 
of  accuracy. 


Buffet  Results  (based  on  /ll/  -  /13/) 


The  buffet  criteria  used  in  evaluating  the  flight  test  results  are  summarized  in  Fig.  23.  They  will  be 
explained  by  discussing  the  following  figures  for  the  clean  configuration  (flaps  and  slats  retracted). 

At  buffet  onset  the  pilot  feels  the  onset  of  flow  disturbances  which,  however,  do  not  impair  the  flight. 

The  pilot's  "top"  based  on  this  definition  is  compared  in  Fig.  24  with  the  0.2  g  rms-value  of  the  wing 
tip  accelerometer  (acceleration  normal  to  the  wing  surface)  and  in  Fig.  25  with  the  beginning  of  the 
oscillation  of  the  rms-signal  of  the  BRX-accelerometer  (acceleration  in  x  direction  measured  at  aircraft 
center  of  gravity).  Both  sets  of  data  agree  well  with  the  pilot's  tops. 

The  pilot's  tops  for  "moderate  buffet"  are  related  to  light  roll  oscillations  of  the  aircraft  which  affect 
tracking  without  constituting  a  tracking  limit.  An  evaluation  of  the  recorded  data  showed  that  the  best 
correlation  could  be  reached  by  comparing  the  pilot's  statements  with  +  10°/sec  roll  oscillation  (Fig.  26). 

For  "heavy  buffet"  relatively  few  flight  data  are  available  and  a  definite  correlation  of  pilot's  impres¬ 
sion  and  a  simple  evaluation  of  the  recorded  flight  data  was  not  possible.  The  pilot's  top  for  "heavy 
buffet"  means  here  that  control  inputs  are  required  for  stabilizing  the  aircraft  and  that  tracking  is 
nearly  impossible. 

The  mean  values  of  the  different  buffet  levels  for  the  clean  configuration  are  summarized  in  Fig.  27. 

At  the  end  of  the  flight  test  program  some  additional  flights  were  carried  out  in  the  clean  configuration 
with  an  accelerometer  installed  at  the  pilot's  seat.  Between  these  tests  and  the  first  tests  in  the  clean 
configuration,  on  which  the  results  described  above  are  based,  the  pilots  had  logged  approximately 
80  hours  on  the  TST  in  different  configurations .  The  increased  familarity  of  the  pilots  with  the  aircraft 
resulted  in  significantly  higher  buffet  lines.  In  Fig.  28  the  results  of  the  first  flights  -  compared 
with  the  results  of  three  recent  additional  flights. 

It  shows,  that  the  buffet  onset  curves  are  almost  identical.  They  correlate  well  with  the  first  kink  in 
the  rms-signal  at  the  pilot's  seat. 

The  more  recent  curves  for  moderate  and  heavy  buffet  lie  at  higher  Mach  numbers  considerably  above  the 
initial  curves.  The  heavy  buffet  curve  is  again  solely  based  on  pilot's  tops  whereas  the  moderate  buffet 
curve  is  based  on  pilot's  tops  and  the  VRX  =  *  10°/sec  roll  criterion.  The  shift  of  the  VRX-data  indicates 

that  the  influence  of  the  pilot  on  the  roll  oscillation  cannot  be  neglected  and  that  it  depends  on  the 

familarity  of  the  pilot  with  the  aircraft. 

The  moderate  buffet  level  as  defined  above  can  roughly  be  correlated  to  a  0.2  g  rms-value  of  the  accelero¬ 
meter  at  the  pilot's  seat  (BRSZ).  With  increasing  lift  coefficient  the  BRSZ-signal  increased  at  some  Mach 

numbers  but  remained  constant  at  others  such  that  a  reasonable  correlation  with  the  "heavy  buffet"  top  of 
the  pilots  is  not  possible. 

In  summarizing  the  results  for  the  clean  configuration  it  can  be  stated  that 

-  the  buffet  onset  curve  is  relatively  well  defined  and  reproducible 

-  the  curves  for  higher  buffet  levels  are  less  well  defined  and  more  dependent  on  the  experience  of  the 
pilot  with  the  special  aircraft  and  on  his  personal  impression.  Flights  for  the  determination  of  higher 
buffet  levels  should  therefore  be  performed  only  after  the  pilots  had  a  chance  to  gain  sufficient  ex¬ 
perience  with  the  configuration.  Especially  for  "heavy  buffet"  a  reasonable  correlation  of  pilot's  im¬ 
pression  and  recorded  flight  data  is  difficult  to  achieve. 

The  observations  are  in  general  agreement  with  / 14/ . 

Similar  evaluations  based  on  the  same  criteria  were  performed  for  the  remaining  four  configurations.  The 
mean  values  of  the  buffet  onset  results  plotted  in  Fig.  29  clearly  show  the  influence  of  flaps  and  slats 
on  buffet  onset. 

Finally  an  attempt  has  been  made  to  correlate  the  Kul ite-signals  with  various  buffet  leves.  For  the  Kulites 
in  the  shaded  region  of  Fig.  30  a  rms-signal  has  been  recorded  which  increased  beyond  the  corresponding 
basic  level  as  an  indication  of  disturbed  flow.  The  boundaries  of  the  disturbed  region  cannot  be  determined 
accurately  because  only  a  limited  number  of  Kulites  could  be  operated  in  flight  due  to  limitations  of  the 
FM-unit.  Fig.  30  has  to  be  regarded  as  a  preliminary  result.  An  additional  and  more  detailed  evaluation  of 
the  Kul ite-signals  with  increased  sensitivity  of  the  corresponding  FM-channels  will  be  carried  out  by 
ONERA. 
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6.  COMPARISON  Of  FLIGHT  AND  WIND  TUNNEL  RESULTS 
Lift  and  Drag  Coefficient 


In  this  section  some  of  the  results  described  in  the  previous  two  chapters  will  be  compared. 

Figs.  31  -  34  show  the  drag  polars  of  the  trimmed  aircraft  for  4  different  configurations.  The  flight  data 
correspond  to  the  mean  values  taken  from  Figs.  16  -  20.  The  ground  data  were  generated  in  the  0NERA-S2 
wind  tunnel  at  a  Reynolds  number  of  Re  =  2.5  •  10°  with  free  transition.  Thev  are  not  corrected  for 

Reynolds  number-  or  wall  interference  effects.  The  latter  is  very  small  in  the  S2  for  this  configuration. 
The  agreement  of  CL  (Cp)  between  ground  and  flight  data  is  good. 

In  Fig.  35  the  minimum  drag  coefficient  is  given  versus  Mach  number.  A  comparison  of  data  with  fixed  and 
free  transition  shows  that  the  Cj^^-values  measured  with  fi;.ed  transition  are  in  better  agreement  with 

flight  data.  In  both  cases  the  drag  rise  Mach  number  is  well  predicted  by  the  wind  tunnel. 

For  free  transition  the  coefficients  obtained  from  S2  and  HST-tests  were  almost  identical.  The  S2-data 
plotted  here  are  therefore  also  representative  for  the  HST-results. 

By  comparing  the  ground  and  flight  polar  curves  it  has  to  be  kept  in  mind  that  the  plotting  of  both  curves 
requires  some  interpolations  (e.g.  for  constant  Mach  number)  and  that  both  curves  have  a  certain  scatter 
which  is  difficult  to  determine  quantitatively. 

The  lift  curve  slopes  measured  in  the  windtunnels  are  lower  than  the  flight  data  (Fig.  36). 

In  Fig.  37  the  maximum  lift  coefficients  for  the  clean  and  for  the  landing  configuration  obtained  in  dif¬ 
ferent  wind  tunnels  at  a  Reynolds  number  of  Re  =  1  •  10°  are  compared  with  flight  data  at  Re  =  9  •  10°. 

The  three  wind  tunnels  give  essentially  identical  results.  Due  to  Reynolds  number  effects  the  maximum 
trimmed  lift  coefficients  reached  in  flight  are  higher  by  approximately  8  %  for  the  clean  configuration 
and  approximately  20  %  for  the  landing  configuration. 


Buffet 


The  extraction  of  buffet  data  from  wind  tunnel  tests  is  a  difficult  task  which  is  generally  limited  to  the 
determination  of  buffet  onset  as  the  following  results  will  confirm. 

In  Fig.  38  the  rms-values  of  the  wing  root  bending  moment  Op  are  plotted  as  function  of  the  angle  of 
attack  oc  for  different  Mach  numbers.  The  data  were  obtained  in  the  S2-wind  tunnel  with  the  1:10  model  in 
clean  configuration  with  free  and  fixed  transition.  On  each  curve  the  corresponding  flight  test  results 
from  Fig.  27  for  various  buffet  levels  are  indicated.  A  comparison  of  Cp  with  the  flight  data  shows,  that 
the  first  kink  of  the  Cp(<x  )-curve  agrees  well  with  the  flight  test  results  for  buffet  onset,  whereas  a 
definite  correlation  between  the  wing  root  bending  moment  of  the  wind  tunnel  model  and  higher  buffet 
levels  observed  in  flight  is  not  yet  possible.  The  flight  data  show  that  the  TST  can  penetrate  well  beyond 
the  point  where  the  Cp-signal  reaches  its  maximum  value  before  heavy  buffet  is  reached.  The  discrepancy 
can  partially  be  explained  by  the  different  structural  response  of  wind  tunnel  model  and  actual  aircraft. 

Similar  results  are  obtained  for  the  configuration  =  0°  out,  =  5°.  According  to  Fig.  39  the  first 
kink  of  the  Cp-signal  again  agrees  well  with  the  flignt  results  for  buffet  onset. 

A  relatively  good  correlation  /15/  with  flight  data  for  buffet  onset  is  also  obtained  (Fig.  40)  for  that 
wind  tunnel  lift  coefficient  which  corresponds  to  an  angle  of  attack  0.5°  beyond  the  break  angle  of  attacx 

oc  br»  where  ofbr  is  defined  as  that  angle  of  attack  where  Cl  (  <K  )  becomes  non-linear. 

Correlations  for  moderate  buffet  are  more  difficult.  For  the  TST-conf iguration  the  flight  test  data  for 
moderate  buffet  showed  reasonable  agreement  with  the  following  wind  tunnel  results: 

-  (CL)  moderate  buffet  =  (cL)break  +  0,1 

-  (Cl)  moderate  buffet  =  Cl,  where  the  rms-value  of  the  wing  root  bending  moment  reaches  twice  the 

value  it  has  at  small  angles  of  attack  (basic  value). 

However,  these  correlations  differ  for  different  configurations,  wind  tunnels  and  models  and  a  general 
application  is  not  justified. 


7.  COMPARISON  TST  -  STANDARD  WING 

In  this  final  chapter  a  short  comparison  of  flight  test  results  for  the  experimental  TST -wing  with  manoeuvre 
flaps  and  the  standard  wing  of  the  Alpha-Jet  is  discussed. 


Drag  Polars  and  Buffet 


The  drag  polars  Ci  (Cn)  plotted  in  Fig.  41  show  that  corresponding  to  the  design  goals  of  the  TST  the  drag 
reduction  of  the  TST  increases  with  increasing  lift  coefficient  and  increasing  Mach  number. 

From  Fig.  42  the  influence  of  the  transonic  wing  and  the  manoeuvre  flaps  on  buffet  onset  can  be  deduced. 
According  to  flight  test  results  the  increase  in  buffet  intensity  with  increasing  lift  coefficient  is  con¬ 
siderably  smaller  for  the  transonic  wing.  The  difference  of  the  curves  for  TST  and  standard  wing  at  higher 
buffet  levels  (e.g.  tracking  limit)  is  therefore  larger  than  the  difference  at  buffet  onset  shown  In  Fig.  42. 
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By  assessing  the  results  of  Fig.  41  and  42  it  has  to  be  kept  in  mind  that  the  TST-profile  is  20  %  thicker 
than  the  profile  of  the  standard  wing.  Additional  improvements  with  respect  to  drag  and  buffet  could  be 
realized  by  using  a  transonic  profile  with  the  same  thickness  as  the  standard  profile.  The  thicker  profile, 
however,  allows  larger  internal  fuel  tanks  in  the  wing  and  a  correspondingly  increased  range. 

The  maximum  lift  coefficients  of  both  wings  are  compared  in  Fig.  43.  For  the  clean  configuration  the 
Cl  max-values  are  almost  identical,  whereas  the  configuration  with  fully  extended  flaps  and  slats  has  a 
considerably  higher  maximum  lift  than  the  standard  wing  with  fully  extended  flaps.  The  increase  in  Cl  ,„ax 
is  mainly  due  to  the  slat  on  the  TST.  Similar  to  the  Alpha-Jet  the  stall  behaviour  for  both  configurations 
is  very  good  with  early  stall  warning,  symmetrical  stall  and  full  control  in  the  stall  region. 


8.  CONCLUSION 

The  comparison  of  wind  tunnel  and  flight  data  described  in  the  previous  sections  allows  the  following  ex¬ 
clusions  for  the  TST : 

o  The  drag  polars  CL  (Cp)  agree  surprisingly  well 

o  A  reasonable  prediction  of  buffet  onset  can  be  derived  from  wind  tunnel  tests.  However,  a  reliable 
wind  tunnel  prediction  of  higher  buffet  levels  is  not  yet  possible. 

A  comparison  of  flight  test  results  for  TST  and  standard  wing  shows  that  the  transonic  wing  with  manoeuvre 
flaps  offers  substantial  improvements  in  performance  and  manoeuvrability. 
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GROUND  /  FLIGHT  CORRELATION  ON  THE  ALPHA-JET 
EXPERIMENTAL  AIRCRAFT  WITH  A  TRANSONIC  WING 

A  Comparison  of  the  Wing  Pressure  Distribution 
and  Local  Wake  Survey  from  Analytical, 

Wind  Tunnel  and  Flight  Results 

by 


H.  Buers 

Dornier  GmbH,  Germany 

V.  Schmitt,  J.  Lerat 
ONERA,  France 


SUMMARY 

Pressure  Distributions  at  four  sections  of  a  transonic  wing  on  a  combat  aircraft  have  been  measured  in 
different  wind  tunnels  and  in  flight.  The  results  are  compared  with  each  other  and  with  theoretical  data. 

In  addition,  wind  tunnel  and  flight  test  wake  results  obtained  from  a  rotating  pitot-tube  are  presented. 
NOMENCLATURE 

c  chord  length 

CD  drag  coefficient 

lift  coefficient 

Cp  pressure  coefficient  (p  -  p^)/q 

C*  critical  pressure  coefficient 

P  static  pressure 

Pt  total  pressure 

q  dynamic  pressure 

z  vertical  distance  from  wing  reference  plane 

a  angle  of  attack 

S  angle  of  side  si  ip 

Re  Reynoldsnumber  based  on  aerodynamic  chord 

Ma  Machnumber 

Subscripts 

s  rotating  pitot  (s:  sonde  de  silage) 

w  wake 

Abreviations 


51 

52 


ONERA  Wind  Tunnel  SI  (Soufflerie  I)  at  Modane 
ONERA  Wind  Tunnel  S2  (Soufflerie  2)  at  Modane 
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1.  INTRODUCTION 

The  flight  tests  with  the  Dornier  TST  experimental  aircraft  are  the  final  step  of  a  program  covering  tne 
design  of  a  wing  for  a  future  subsonic  combat  aircraft  with  improved  performance  and  behaviour  in  the 
transonic  flight  region.  The  main  task  for  the  new  wing  was  the  development  of  a  new  transonic  Dasic  air¬ 
foil  and  its  modification  for  the  tip  and  root  sections  of  a  real  three-dimensional  winq,  combined  witn  the 
design  of  a  highly  effective  manoeuvre-flap  system.  Therefore  great  emphasis  was  placed  on  the  pressure 
distributions  of  the  wing  during  all  steps  of  the  program.  The  1:10  High  Speed  Model  as  well  as  tne  ngnt 
hand  wing  of  the  experimental  aircraft  were  equipped  with  pressure  tubes  to  learn  as  much  as  possible  about 
Machnumber-,  angle  of  attack-  and  Reynoldsnumber-effects  on  the  airfoil  qualities. 

Reference  / 1/ ,  /2/,  give  background  information  on  the  TST-program,  the  design  description,  „ne  different 
program  steps  and  the  total  aircraft  performance  from  the  flight  tests. 

This  paper  informs  about  pressure  distributions  in  flight  test,  which  reveal  the  influence  of  Machnumber 
and  angle  of  attack  in  the  transonic  flight  envelope.  An  attempt  is  made  to  show  Reynol dsnumoer  effect. 
Additional  wake  investigations  by  means  of  an  ONERA  designed  rotating  Pitot  tube  are  presented.  The  pitot 
delivers  informations  about  the  wake  characteristics  and,  in  particular,  shows  the  existence  of  shock  wa¬ 
ves  on  the  wing.  From  the  wake  the  local  drag  rise  boundary  is  determined. 

Some  flight  test  results  are  compared  with  measurements,  obtained  in  the  ONERA  wind  tunnel  SI  ana  SZ  (Mo- 
dane).  The  problems  involved  with  such  a  comparison  are  discussed. 

Finally,  recent  progress  of  numerical  prediction  methods  for  complex  geometries  is  demonstrated  by  a  com¬ 
parison  of  calculated  pressure  distribution  with  ftight  test  results. 


2.  MEASURING  EQUIPMENT  AND  TEST  PROCEDURE 

2.1  Test  Set-up  for  Pressure  Distribution  and  Wake  Survey  in  Flight 

For  comparison  with  wind  tunnel  results  the  TST  experimental  aircraft  is  equipped  with  static  pressure  tu¬ 
bes  at  four  wing  sections.  Fig.  1  shows  the  wing  planform  and  gives  the  spanwise  stations,  where  tne  pres¬ 
sure  distributions  were  measured.  Several  flights  were  conducted  with  a  rotating  pitot  / 3/ ,  attached  close 
to  the  trailing  edge  flap  for  wake  survey  as  shown  in  Fig.  2.  The  location  of  the  rotating  pitot  is  also 
indicated  in  Fig.  1.  The  pitot  probe  is  installed  in  such  a  way  that  the  local  wakes  of  the  sections  c  ana 
3  can  be  investigated.  During  the  revolution  of  the  pitot  the  total  and  the  static  pressure  are  measured 
by  means  of  two  pressure  transducers.  A  potentiometer  qives  the  probe  position. 

Fig.  3  gives  the  chordwise  location  of  the  pressure  tubes  at  the  four  sections.  All  pressures  of  each  sec¬ 
tion  where  ledviaa  scanivalve  to  the  pressure  transduce:.  The  static  and  dynamic  reference  pressure  val¬ 
ues  were  taken  from  probes  at  the  forward  fuselage.  It  requires  5  seconds  to  record  a  complete  pressure 
distribution  on  the  data  tape. 

2.2  Pressure  Distribution  in  Flight  Test  Procedure 

Of  course  it  is  more  difficult  to  measure  pressure  distributions  in  flight  than  in  the  wind  tunnel  ,  because 
it  is  difficult  to  keep  the  flight  conditions  steady  for  a  sufficiently  long  time.  The  TST-tests  were  com¬ 
plicated  by  the  fact,  that  the  actual  configuration  is  a  rather  light  aircraft  without  fuel  storage  in  the 
wing  and  without  external  stores;  therefore,  to  achieve  higher  lift  coefficients,  it  was  necessary  to  fly 
turns  with  higher  load  factors.  Another  point  which  affected  the  accuracy  of  the  pressure  distributions  is 
the  aircraft  pitch  control  system,  which  was  not  optimized  for  the  new  configuration.  The  TST  control  sys¬ 
tem  is  rather  sensitive  at  higher  transonic  Machnumbers. 

In  spite  of  these  difficulties  the  achieved  quality  of  the  pressure  distributions  is  rather  good  / 4 / ,  as 
demonstrated  in  Fig.  4  and  S.  Fig.  4  shows  the  variation  of  the  Machnumber  and  the  angle  of  attack  during 
the  5  seconds  of  one  scani-run.  One  test  point  was  at  Mach  .71  with  a  loadfactor  of  n  =  1.0  and  the  other 
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test  took  place  at  Mach  .83  and  was  a  turn  with  n  =  3.2. 

Fig.  5  demonstrates  the  effect  of  Machnumber  and  angle  of  attack  variations  on  the  pressure  distributions. 
The  average  variations  A  j  of  angle  of  attack  and  a  Ma  of  Machnumber  of  the  analysed  pressure  distributions 
do  not  exceed: 

A  Ma  =  0.006 

.  n  .-o  flight 

These  values  have  to  be  compared  with  those  from  the  wind  tunnel  tests.  In  1980  for  example  in  the  SI  witn 
the  1:1  half-model  using  the  real  TST-wing,  the  average  Mach  variation  was  of  the  same  order  as  in  tne 
flight  test.  The  angle  of  attack  variation,  however,  was  evaluated  as  less  than  .05  degrees.  On  the  other 
hand,  for  the  much  more  classical  tests  in  the  S2  with  the  1:10  complete  model  in  1977,  better  average 
values  were  achieved: 

Ma  =  0.0005 

o  S2 

A  u  =  0.02° 

During  the  wind  tunnel  tests  one  scani-run  took  about  15  seconds. 

Of  course  there  were  further  parameters  observed  to  judge  the  .est  qualities. 


2.3  Wake  Survey  -  Data  Processing 

The  rotating  pitot  is  operated  for  two  or  three  revolutions  during  very  well  stabilized  performance  tests 
(load  factor  =  1.0).  The  angular  speed  of  the  pitot  is  lC°/sec. 

This  kind  of  test  must  be  performed  under  very  steady  conditions:  the  wake  survey  takes  between  two  and 
ten  seconds  where  acceptable  variations  must  remain  below: 

A  Ma  =  +  0.001;  a  ,  --  +  0,1° 

The  reliability  of  these  measurements  in  flight  is  shown  in  Fig.  6,  where  two  wakes  obtained  at  the  same 
Machnumber  are  compared. 

A  total  of  about  fifty  wake  surveys  were  performed  and  processed  in  the  course  of  these  test  flignts. 


3.  FLIGHT  TEST  RESULTS 

3.1  Pressure  Distributions  at  the  Design  Point 

One  of  the  design  requirements  of  the  TST  was  a  buffet  free  lift  coefficient  of  CL  -  0.4  at  Mr.cn  U.oi.  In 
Fig.  7  the  pressure  distribution  is  plotted  for  this  flight  condition.  Typical  of  the  new  transonic  air¬ 
foil  generation  is  the  nearly  constant  pressure  coefficient  in  the  supersonic  flow  region  on  tne  upper 
wing  surface.  The  pre-shock  Machnumber  at  the  four  sections  is  about  Ma  =  1.2.  The  pressure  rise  is  act'ie- 
ved  by  a  compression  shock  at  a  chordwise  location  of  60  inboard  to  40  outboard.  This  test  point  i 
about  1°  in  angle  of  attack  below  the  buffet  onset  boundary. 

3.2  Off-Design  Behaviour 

The  off -design  qualities  of  the  TST  wing  are  demonstrated  by  the  effects  of  Machnumber  and  angle  of  attach 
on  the  wing  pressure  distribution.  Since  these  effects  are  nearly  the  same  in  all  four  St  turns,  only  tne 
results  for  section  3  are  discussed. 

Fig.  8  points  out  the  effect  of  Machnumbe  •  on  the  pressure  distribution.  With  increasing  Machnumber  tne 
supersonic  flow  region  moves  towards  the  trailing  edge.  The  flat  camber  of  tne  upper  surface  of  tne  for¬ 
ward  part  of  the  wing  prevents  high  pre-shock  Machnumbers  and  severe  dragrise. 

The  effect  of  angle  of  attack  on  the  pressure  distribution  at  desiqn  Machnumber  .83  is  demonstrated  in  Fig. 
8  from  i  =  o.8°  up  to  3.9°,  that  is  from  a  lift  coefficient  of  --  0.1  up  to  a  lift  coefficient  just.  Le- 
fore  buffet  onset. 
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The  rear  part  of  the  wing  is  hardly  affected  by  increasing  angle  of  attack.  The  supersonic  region  on  the 
lower  side  of  the  wing,  which  is  terminated  by  a  shock  wave,  disappears  with  increasing  alpha.  On  the  up¬ 
per  surface  there  is  at  first  an  extension  of  the  supersonic  flow  towards  the  trailing  edge  up  to  about  2° 
of  angle  of  attack  and  for  higher  incidence  the  Cp^-values  grow  by  a  nearly  constant  a  Cp  in  the  super¬ 
critical  flow  field. 

3.3  Reynoldsnumber  Effects  in  Flight  Tests 

In  the  case  of  transonic  airfoils  attention  must  be  paid  to  the  effect  of  Reynoldsnumber.  Although  the 
major  effect  was  expected  following  the  change  from  S2  wind  tunnel  to  SI  and  flight  conditions,  where  Re 
changes  from  2.5  x  10®  to  about  25  x  10®,  interesting  differences  were  also  discovered  in  Reynoldsnumber 
variation  during  the  flight  tests. 

Of  course  it  is  not  easy  to  separate  the  pure  Reynolds  effect  in  flight,  because  it  is  very  difficult  to 
achieve  the  same  conditions  at  two  test  points.  There  often  is  an  overlay  of  Machnumber, angle  of  attack 
and  load  factor  influences. 

Fig.  10  compares  the  pressure  distribution  at  Mach  0.83  for  Re  =  23  x  10®  and  Re  =  10.9  x  10®.  The  subcri- 
tical  flow  on  the  lower  surface  is  scarcely  affected.  Remarkable  differences  are  detected  on  the  upper 
surface  of  the  inner  part  of  the  wing,  represented  by  sections  1  and  2.  In  the  supersonic  flow  field  lower 
pressure  coefficients  are  achieved  at  the  higher  Reynoldsnumber.  From  other  tests  it  could  be  derived,  that 
these  differences  are  higher  than  those  expected  from  the  variation  of  the  Machnumber  and  angle  of  attack 
during  the  scani-run.  The  outer  part  of  the  wing  shows  variation  in  Cp  due  to  Reynoldsnumber,  which  is 
within  the  test  accuracy.  Though  the  difference  in  loadfactor  between  the  two  test  points  runs  up  to  2.5 
g‘s,  there  seems  to  be  only  a  little  change  in  wing  torsion,  because  this  would  lead  to  differences  in  the 
effective  angle  of  attack  and  thus  vary  also  the  pressure  on  the  lower  surface. 

3.4  Wake  Measurements 

Measurement  of  the  wake  total  pressure  is  made  at  a  loadfactor  of  n  =  1.0  and  the  tests  were  performed  at 
the  same  Reynolds-  and  Machnumbers  as  in  the  SI  wind  tunnel  tests. 

Lift  coefficients  achieved  in  flight  were  very  low  for  stable  horizontal  flight  of  the  altitude  correspond¬ 
ing  to  SI  tests.  Therefore  it  was  not  possible  to  check  the  wake  at  the  design  point. 

Fig.  11  shows  the  shape  of  the  pressure  distribution  at  section  2  and  3  at  the  design  Machnumber,  but  the 
CL  for  n  =  1.0  is  only  0.1.  Shock  waves  on  both  upper  and  lower  side  can  be  seen,  whereby  the  pressure  loss 
at  section  2  is  bigger  than  at  section  3.  The  differences  in  depth  between  the  two  wakes  are  explained  by 
different  distances  between  pitot  and  trailing  edge  at  section  2  and  3. 

Fig.  12  shows  evaluation  of  the  wakes  for  Machnumbers  =  .725,  0.835  and  0.851  at  section  3.  The  wake 
thickening  with  increasing  Machnumber  indicates  the  growth  of  the  shock  waves,  especially  on  the  lower  sur¬ 
face  at  these  low  angles  of  attack. 

The  drag  evaluation,  derived  from  the  wake,  against  Machnumber  is  shown  in  Fig.  13  for  both  sections,  fol¬ 
lowing  the  envelope: 

0.53  <  Ma  <  0.851 
10.1  <  Re  .  10®  <  24 
0,10  <  CL  <  0.16 


According  to  this  result,  the  section  3  profile  has  slightly  higher  drag  than  section  2.  Nevertheless  the 
drag  divergence  Machnumber  is  approximately  the  same  at  both  sections  at  Mach  .835. 
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4.  COMPARISON  OF  FLIGHT-  AND  WIND-TUNNEL-RESULTS 

4.1  Pressure  Distribution 

The  comparison  of  the  flight  pressure  distributions  with  ground  test  results  at  first  requires  some  details 
about  the  different  test  conditions  in  flight  and  in  the  wind  tunnel.  The  basic  test  series,  as  indicated 
in  / 1/  took  place  in  the  S2  tunnel,  where  the  1:10  complete  model  was  mainly  tested  at  a  Reynoldsnumber  of 
2.5  x  10^  with  free  transition.  The  clean  model  was  fabricated  with  a  perfect  wing  surface;  there  were  no 
gaps  or  steps  from  the  flap  system.  Flow  visualization  indicated  very  large  parts  with  laminar  boundary 
layer  on  the  wing.  Some  tests  were  conducted  with  fixed  transition  at  10  %  chord.  In  all  these  S2  tests 
wall  corrections  /5/  were  found  to  be  negligible. 

A  very  important  test  serie  was  carried  out  in  the  SI  tunnel,  where  the  original  right  hand  wing  was 
checked  as  a  half-model  at  flight  Reynoldsnumbers.  Of  course  the  surface  of  the  original  wing  is  not  as 
smooth  as  the  1:10  wing.  For  example  there  are  irregulations  from  rivets  and  metal  joints,  and  gaps  and 
steps  from  the  flap  system  even  in  retracted  position. 

In  order  to  reduce  blockage  effects  to  acceptable  limits  the  fuselage  dummy  had  to  be  slightly  truncated 
in  spanwise  direction;  nevertheless  the  blockage  rate  of  2,7  %  was  nearly  twice  that  of  the  usual  values. 
The  calculated  global  wall  corrections  are  rather  small,  for  example  at  the  design  point: 

*  Mac  -  ^corrected  '  MaTest  =  '  0'005 
A  ac  “corrected  ”  “Test  '  "  °'25 

A  recent  attempt  to  determine  local  wall  corrections  is  under  progress. 

An  overview  of  Reynoldsnumbers  achieved  in  the  flight  envelope  and  in  the  wind  tunnel  tests  is  given  in 
Fig.  14. 

The  comparison  of  pressure  distribution  between  flight  and  wind  tunnel  tests  has  to  be  made  at  the  same 
Machnumber  and  angle  of  attack.  Due  to  flight  test  procedure  it  is  nearly  impossible  to  realize  that  con¬ 
dition;  more  or  less  important  differences  have  to  be  admitted  and  taken  into  account  in  the  analysis  of 

resul ts. 

Another  point  that  one  must  consider  comes  from  the  plot  presentation  of  the  test.  The  distance  between 
two  pressure  tubes  at  the  wing  sections  is  in  the  range  of  about  5  %  of  chord  length  and  the  measured 
pressure-coefficients  are  combined  linearly.  Thus  smaller  local  effects  might  be  overvalued. 

The  following  figures  compare  flight  and  wind  tunnel  results  at  Mach  .71  and  .83. 

The  first  result  plotted  in  Fig.  15  a  -  d  concerns  the  subcritical  case  at  Ma  .71  and  angle  of  attack  of 
3°.  The  flight  pressure  distribution  was  measured  at  a  loadfactor  of  n  =  2.8.  In  general  the  agreement 
between  wind  tunnel  and  flight  is  quite  good.  Main  differences  occur  at  all  sections  at  the  supercritical 

suction  peak  on  the  upper  surface  near  the  leading  edge,  where  the  flight  exhibits  higher  negative  CD* 

values.  In  spite  of  the  big  differences  in  Reynoldsnumber  between  S 2  and  flight,  there  is  better  agree¬ 
ment  between  S2  and  flight  than  between  SI  and  flight. 

The  differences  between  free  and  fixed  transition  are  small  and  nearly  limited  to  the  location  of  the 
bal lotini-strip. 

At  the  design  point,  which  was  checked  in  flight  with  a  loadfactor  of  n  =  1.5,  the  results  from  S2  and 
flight  agree  reasonably  well,  as  demonstrated  inFig.  16  a  -  d.  The  differences  are  mainly  located  in  the 
supersonic  flow  field  on  the  upper  surface.  More  important  differences  appear  between  flight  test  and  SI. 
The  local  Machnumbers  on  the  upper  side  in  the  whole  supersonic  region  are  smaller  in  the  SI.  The  diffe¬ 
rences  diminish  from  wing  root  to  wing  tip  and  it  is  supposed  that  they  originate  from  the  fuselage  repre¬ 
sentation  in  the  SI  together  with  floor  boundary  layer  effects. 

At  this  Machnumber  the  transition  free  tests  from  S2  provide  better  agreement  with  the  flight  test,  though 
the  Interaction  between  shock  wave  and  laminar  boundary  layer  on  the  upper  surface  induces  a  laminar  sepa¬ 
ration  bubble,  which  leads  to  a  light  compression  upstream  of  the  shock.  The  principal  effect  of  the  fixed 
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transition  test  is  the  change  in  shock  position,  which  moves  upstream  with  the  fixing  of  the  transition. 

In  comparison  with  S2  tests,  the  original  wing  test  at  the  higher  Reynoldsnumber  achieved  neither  in  SI 
nor  in  flight  significant  change  of  rear  loading.  This  indicates  that  viscous  effects  are  not  very  signi¬ 
ficant  on  the  TST  wing. 

4.2  Wake  Shapes  and  Drag 

Wake  measurement  comparison  is  confined  to  SI  wind  tunnel  and  flight  test  with  the  full  scale  wing  ana 
the  rotating  pitot,  because  no  wake  investigations  took  place  in  the  S2  wind  tunnel. 

Mach-  and  Reynoldsnumber  are  the  same;  the  only  difference  lies  in  the  angle  of  attack. 

Fig.  17  shows  a  comparison  of  section  3  wake  at  Mach  .59  and  .77.  The  wind  tunnel  wakes  are  slightly 
thicker  than  those  in  flight. 

Fig.  18  shows  the  evaluation  of  wake  drag  versus  Machnumber  at  the  same  section  3  at  constant  angle  of 
attack.  According  to  the  initial  analysis,  it  seems  that  the  drag  is  somewhat  smaller  in  flight  than  in  the 
wind  tunnel  up  to  the  divergence  point.  There  may  be  larger  differences  in  angle  of  attack  for  this  compa¬ 
rison,  but  this  cannot  be  the  reason  for  these  differences  which  are  still  unexplained.  On  the  other  hand 
one  notices,  that  the  dragrise  Machnumber  is  nearly  identical  in  both  cases. 


5.  COMPARISON  OF  CALCULATED  AND  FLIGHT  PRESSURE  DISTRIBUTION 

In  Fig.  19  a  -  b  the  flight  test  results  are  compared  with  calculated  pressure  distributions  for  two  wing 
sections  /6/,  /7/,  The  results  of  two  calculation  methods  are  presented.  The  first  method  is  based  on  the 
Transonic  Small  Disturbance  (TSP)  theory  and  was  performed  during  the  design  phase.  The  other  theoretical 
pressure  distributions  result  from  more  recent  calculations,  solving  the  full  potential  equation  for  tran¬ 
sonic  flow  in  finite  volume  formulation,  using  a  contour  conformal  mesh  generation  for  arbitrary  wing-body 
configurations.  Details  can  be  found  in  Ref.  /8/  and  /9/.  Both  calculations  have  been  made  without  correc¬ 
tions  for  lift  or  Machnumber  and  without  viscous  effects. 

The  more  favorable  results  of  the  recent  calculations  are  obvious.  The  main  improvement  was  found  to  be 
based  on  the  better  representation  of  body  and  wing  fuselage  intersection.  There  is  reasonably  good  agree¬ 
ment  with  the  flight  results  with  regard  to  the  complicated  shape  of  the  TST. 


6.  CONCLUSION 

The  comparison  of  ground  and  flight  test  results  in  the  TST  program  showed  reasonably  good  agreement  of 
the  pressure  distributions  at  subsonic  and  transonic  Machnumbers  up  to  buffet  onset  boundaries.  An  effect 
of  Reynoldsnumber  between  wind  tunnel  tests  at  Re  *  2.5  x  10®  and  flight  tests  could  not  be  clearly  identi¬ 
fied.  For  this  aircraft  the  dimension  of  Reynoldsnumber  effect  seems  to  be  of  the  same  order  as  some 
other  effects,  as  there  are: 

•  accuracy  of  the  test  results 

•  geometrical  differences  and  different 
elastic  deformation  between  model  and 
real  wing 


•  wind  tunnel  corrections 
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FLIGHT  AND  WIND-TUNNEL  CORRELATION  OF 
BOUNDARY-LAYER  TRANSITION  ON  THE  AEDC  TRANSITION  CONE 
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SUMMARY 

Transition  and  fluctuating  surface-pressure  data  were  acquired  on  a  10°  included  angle  cone,  using  the  same 
instrumentation  and  technique  over  a  wide  range  of  Mach  and  Reynolds  numbers  in  23  wind  tunnels  and  in  flight. 
Transition  was  detected  with  a  traversing  pitot-pressure  probe  in  contact  with  the  surface.  The  surface-pressure 
fluctuations  were  measured  with  microphones  set  flush  in  the  cone  surface.  Good  correlation  of  end-of-transition 
Reynolds  number  Re^.  was  obtained  between  data  from  the  lower-disturbance  wind  tunnels  and  flight  up  to  a 

boundary-layer  edge  Mach  number,  =1.2.  Above  =  1.2,  however,  this  correlation  deteriorates,  with  the 
flight  Rej,  being  25  to  30%  higher  than  the  wind  tunnel  Re  j  at  Af  =  1.6.  The  end-of-transition  Reynolds  number 
correlated  within  ±20%  with  the  surface-pressure  fluctuations,  according  to  the  equation 


Broad  peaks  in  the  power  spectral  density  distributions  indicated  that  Tollmien-Schlichting  waves  were  the 
probable  cause  of  transition  in  flight  and  in  some  of  the  wind  tunnels. 

NOMENCLATURE 


F 

nondimensional  peak  center  frequency  , 

T 

temperature,  K  (°R) 

(2  */Ve)/Ue2 

V 

velocity,  m/sec  (ft/sec) 

f 

frequency ,  Hz 

U/v 

unit  Reynolds  number,  per  m  (per  ft) 

cx<n 

power  spectral  density  function 

XT 

end-of-transition  location,  cm  (in) 

n 

1962  standard  atmosphere  pressure 
altitude ,  m  (ft) 

Xt 

onset-of-transition  location,  cm  (in) 

L 

length  of  cone  with  extension,  113.0  cm 
(44.5  in) 

X 

distance  along  a  cone  ray  from  the  cone 
apex ,  cm  (in) 

M 

Mach  number 

a 

cone  angle  of  attack  with  respect  to  air- 
stream  ,  deg 

P 

2  2 
pressure,  N/m  (lb/ft  ) 

p 

cone  sideslip  angle  with  respect  to  air- 
stream  ,  deg 

P' 

fluctuating  pressure ,  N/m  (lb/ft  ) 

V 

2  2 

kinematic  viscosity ,  m  /sec  (ft  /sec) 

“JPs4 

average  static  root-mean-square  fluctuating 

2  2 
pressure,  N/m  (lb/ft  ) 

<p 

cone  azimuthal  angle  relative  to  cone  top 
center  ray  (Fig.  1(b)).  deg 

Q 

ReT 

2  2 

dynamic  pressure  ,  N/m  (lb/ft  ) 

end-of-transition  Reynolds  number 

Subscripts: 

aw  adiabatic  wall 

e  boundary-layer  edge 

ReT' 

end-of-transition  Reynolds  number  not 
corrected  to  adiabatic  temperature 

max 

maximum 

Ref 

onset-of-transition  Reynolds  number 

p 

traversing  pitot 

Rex 

Reynolds  number  based  on  length  from  cone 
apex 

f 

w 

total 

at  wall 

♦Formerly  with  ARO,  Inc.  .  Arnold  Air  Force  Station,  Tennessee  37388,  U.S.A. 
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a  in  pitch  plane 

p  in  sideslip  plane 

1  at  forward  microphone  on  cone  surface 

(x  =  45.7  cm  (18  in) ) 

1.0  INTRODUCTION 

The  importance  of  Reynolds  number  in  scaling  aerodynamic-model  test  results  from  wind  tunnels  to  full-scale 
flight  vehicles  is  well  known ,  and  the  data  from  the  small  models  have  to  be  suitably  adjusted  for  Reynolds  number 
effects.  Because  these  adjustments  are  usually  based  on  simple  extrapolations  or  ratios  of  Reynolds  number,  they 
introduce  some  errors.  The  viscous  effects  on  the  boundary -layer  growth  on  a  body  are  cumulative  and  can  create 
boundary -layer/shock  interactions  or  separations  at  transonic  and  supersonic  speeds  that  differ  significantly  with 
the  scale-up  from  model  to  full-scale  vehicles.  The  location  at  which  the  boundary  layer  changes  from  laminar  to 
turbulent  flow  influences  boundary-layer  growth  and  has  a  significant  effect  on  these  interactions  and  separations. 
Hence,  the  transition  Reynolds  number  based  on  the  point  of  transition  and  on  the  unit  Reynolds  number  is  a  key 
parameter  in  the  overall  similitude  of  flow  . 

As  pointed  out  by  Potter  and  Whitfield  (Ref.  1) ,  one  cannot  expect  a  constant  value  of  transition  Reynolds 
number  relative  to  a  characteristic  length  Reynolds  number  when  scaling  trnnsition-sensitive  data.  As  noted  by 
Morkovin  (Ref.  2),  there  are  no  clear-cut  rules  to  ensure  that  the  transition  locations  predicted  for  general  body 
shapes  will  be  accurate.  A  common  practice  in  wind-tunnel  testing  is  to  force  transition  with  artificial  trip  devices, 
particularly  when  there  is  a  large  mismatch  in  model  and  full-scale  Reynolds  numbers.  The  fixing  of  transition 
provides  a  gross  approximation  of  the  flow ,  even  though  the  discrete  characteristics  of  the  boundary  layer  on  the 
model  may  not  be  the  same  as  on  the  full-scale  vehicle.  The  usual  correction  is  to  subtract  out  the  skin  friction  of 
the  model,  using  a  flat-plate  friction  law  for  the  wind-tunnel  Reynolds  number,  then  adding  back  the  skin  friction 
for  the  full-scale  vehicle  at  flight  Reynolds  numbers. 

Treon  et  al.  (Ref.  3)  have  shown,  however,  significant  differences  in  data  for  the  identical  model,  Mach 
numbers,  and  Reynolds  numbers  in  three  different  wind  tunnels  because  of  flow  quality.  In  addition.  Mabey 
(Ref.  4)  has  also  shown  that  flow  unsteadiness  can  affect  both  static  and  dynamic  test  results.  Three  pertinent 
factors  are  involved  in  wind-tunnel  flow  quality:  uniformity  of  free  stream  velocity,  uniformity  of  streamlines  or 
flow  angle,  and  free-stream  disturbance  level. 

During  the  past  decade,  a  comprehensive  series  of  tests  in  the  United  States  and  western  Europe  have  been 
performed  to  investigate  the  effects  of  free-stream  disturbances  on  boundary-layer  transition  and  Reynolds 
number  scaling.  In  a  cooperative  effort  by  the  U.S.  Air  Force.  National  Aeronautics  and  Space  Administration. 

U.S.  Navy,  the  Calspan  Corp.  ,  and  the  governments  of  the  United  Kingdom,  France,  and  the  Netherlands,  the  flow 
disturbance  levels  of  23  wind  tunnels  (Table  1)  and  in  flight  have  been  documented.  A  sharp,  slender,  smooth 
cone,  known  as  the  Arnold  Engineering  Development  Center  (AEI)C)  10°  Transition  Cone,  was  used.  Throughout 
the  program,  care  was  exercised  to  maintain  the  model  in  the  same  unblemished  condition.  The  results  obtained 
testify  to  the  diligence  exercised  by  the  many  test  personnel  who  participated  in  this  investigation.  The  flight  - 
test  program  was  performed  by  the  Dryden  Flight  Research  Facility,  Edwards,  California.  The  results  of  the 
test  program  were  enhanced  because  the  experiments  could  be  repeated-sometimes  as  long  as  8  years  later— in 
wind  tunnels  (at  AEDC  and  Ames  Research  Center)  whose  configurations  were  unchanged.  Likewise,  selected 
flight -test  points  were  repeated  weeks  apart. 

The  tests  reported  here  were  conducted  under  the  scrutiny  and  beneficial  guidance  of  the  U  .S.  Transition 
Study  Group,  Prof.  Eli  Reshotko,  Chairman.  To  a  great  extent,  the  credibility  of  the  results  is  attributable  to  the 
critiques,  advice,  and  guidance  sought  and  received  on  a  continuous  basis  from  this  group  since  1974. 

The  wind-tunnel  data  from  this  investigation  were  published  by  the  individuals  and  organizations  involved 
in  Refs.  5  to  10  and  arc  summarized  in  Ref.  11.  The  flight  data  were  reported  in  Ref.  12.  The  correlations 
between  wind-tunnel  data  and  flight  data  were  reported  in  Refs.  13  and  14.  Many  of  these  data  were  used  in  an 
independent  review  reported  in  Ref.  15. 

2.0  APPROACH 

Transition  and  pressure  fluctuation  data  were  acquired  using  a  simple  conical  body  and  instrumentation  over  a 
wide  range  of  Reynolds  and  Mach  numbers  at  zero  incidence  and  adiabatic  wall  conditions  in  a  number  of  wind 
tunnels  and  in  flight.  The  body  shape  chosen  was  the  AEDC  Transition  Cone,  a  sharp,  slender  cone  with  a  semi¬ 
apex  angle  of  5°.  With  the  exception  of  the  flow  over  a  fiat  plate,  the  flow  over  a  slender  cone  al  zero  incidence 
is  the  simplest  known.  At  subsonic  speeds,  the  flow  experiences  only  a  small  axial  favorable  pressure  gradient 
and  virtually  a  zero  pressure  gradient  at  supersonic  speeds  after  shock  attachment.  In  addition,  the  cone  does  not 
have  the  end  effects  of  a  flat  plate  that  result  from  the  finite  span  of  the  plate .  it  is  relatively  easier  to  manufacture . 
and,  because  it  does  not  generate  much  lift  at  low  incidence,  it  is  better  suited  to  flight  test. 

The  same  instrumentation  and  techniques  were  used  to  detect  the  onset  and  the  end  of  transition  and  to  docu¬ 
ment  the  pressure  fluctuations  in  the  wind  tunnels  and  in  flight.  A  traversing  pitot- pressure  probe  in  contact  with 
the  surface  was  used  to  detect  the  onset  and  end  of  transition.  The  pressure  fluctuations  at  the  cone  surface  were 
measured  with  microphones  set  flush  in  the  cone.  The  microphone- measured  results  approximate  those  of  free- 
stream  conditions  only  when  the  boundary  layer  is  laminar. 


2  at  aft  microphone  on  cone  surface 

(x-  -  66.0  cm  (26  in)) 

“  free  stream 
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3.0  TEST  APPARATUS 

The  AEDC  10°  Transition  Cone  (Fig.  1)  was  used  for  all  transition  and  surface-pressure  fluctuation  measure¬ 
ments.  The  cone  had  a  semivertex  angle  of  5°  and  an  apex  bluntness  less  than  0.10  mm  (0.004  in)  in  equivalent 
diameter.  The  cone  was  made  of  stainless  steel,  highly  polished,  with  a  surface  finish  of  0.25  pm  (10  pin)  or 
better.  It  was  91.4  cm  (36 .00  in)  long,  with  a  cone  extension  that  extended  the  length  to  1 13.0  cm  (44.50  in). 

Transition  was  detected  along  the  0°  ray  (Fig,  1),  using  a  traversing  pitot-pressure  probe  (Fig.  2)  in  contact 
with  the  surface.  A  0.238-cm-  (0.094-in-)  diameter  semiconductor  strain-gage  transducer  was  close-coupled 
and  mounted  inside  the  probe  . 

The  surface-pressure  fluctuations  were  measured,  using  two  flush-mounted  microphones  at  distances  of 
45.7  cm  (18.0  in)  and  66.0  cm  (26.0  in)  aft  of  the  cone  apex  and  at  azimuthal  angles  of  <p  =  225°  and  180°,  respect¬ 
ively  (Figs.  1  and  3).  Condenser  microphones,  0.635  cm  (0.25  in)  in  diameter,  were  used  for  most  of  the  wind- 
tunnel  tests  and  for  the  low -speed  portion  of  the  flight  test.  For  the  high-speed  portion  of  the  flight  tests, 
0.238-cm-  (0.094-in-)  diameter  semiconductor  sirain-gage-type  microphones  were  used  because  of  the  higher 
recovery  temperatures  that  were  reached.  Overlapping  data  from  the  two  types  of  microphones  confirmed  that 
there  was  no  appreciable  difference  in  response  over  a  bandwidth  from  200  Hz  to  20  kHz  for  the  flight  tests.  Some 
corrections  to  the  condenser  microphone  data  at  frequencies  above  40  kHz  were  required  in  the  wind  tunnel  at 
low  ambient  pressure.  For  the  flight  test  only,  a  semiconductor  strain-gage-type  microphone,  mounted  on  the 
knee  of  the  traversing  mechanism,  measured  the  pressure  fluctuations  in  the  free  stream,  as  shown  in  Fig.  4. 

The  cone  temperature  was  determined  from  an  iron-constantan  thermocouple  epoxied  in  a  small  hole  on  the 
lower  centerline  ray  at  x/L  =  0.80.  When  transition  was  measured  on  the  cone,  the  thermocouple  would  be  in  a 
turbulent  boundary  layer  and  a  turbulent  recovery  factor  would  be  applicable. 

For  the  flight  tests  and  for  some  wind-tunnel  tests,  a  hemispherical  head-sensing  probe  (Fig.  1)  was 
mounted  below  and  behind  the  cone  apex  to  measure  airspeed,  free-stream  static  pressure,  and  flow  incidence. 

A  ring  of  orifices,  4.7  probe  diameters  aft  of  the  probe  tip,  were  used  to  determine  free-stream  static  pressure. 

The  free-stream  static  pressure  was  combined  with  the  impact  pressure  from  the  orifice  at  the  stagnation  point  to 
calculate  Mach  number .  Two  pairs  of  orifices  in  the  pitch  and  yaw  planes ,  40°  from  the  stagnation  point ,  were 
used  to  determine  angle  of  attack  and  angle  of  sideslip  ,  respectively  . 

4.0  PROCEDURE 

4.1  Flight  Test 

For  the  flight  tests ,  the  cone  was  mounted  on  the  noseboom  of  an  F-15  aircraft  (Fig.  5) .  In  order  to  obtain 
results  that  could  be  correlated,  the  flight  and  wind-tunnel  data  had  to  be  obtained  at  flow  conditions  as  nearly 
identical  as  possible .  This  required  that  the  pilot  fly  the  airplane  at  a  constant  airspeed  and  altitude ,  keeping  the 
cone  at  zero  incidence  and  at  adiabatic  conditions.  An  in-flight  calibration  of  the  hemispherical  head-sensing 
probe  for  airspeed  and  altitude  was  made,  using  the  pacer  method  (Ref.  16)  at  subsonic  speeds  and  radar  tracking 
(Refs.  17  and  18)  at  subsonic  and  supersonic  speeds.  The  probe  was  calibrated  for  angle  of  attack  and  angle  of 
sideslip  in  several  wind  tunnels.  Both  the  airspeed  and  incidence  calibrations  are  given  in  Ref.  12.  The 
inclination  of  the  cone  sting  with  respect  to  the  aircraft  centerline  was  preset  before  flight  to  compensate  for  the 
expected  aircraft  trim  angle  of  attack.  Aim  test-point  conditions  (Mach  number,  altitude,  and  trim  angle  of  attack) 
were  specified,  and  the  pilot  adjusted  the  airspeed  to  center  the  cone  angle- of- attack  indicator  to  zero. 

The  cone  angle  of  sideslip  was  zeroed,  using  the  rudders.  Upper  atmospheric  temperature  data  from  early 
morning  radiosonde  balloons  were  used  to  calculate  the  aim  cone  adiabatic  wall  conditions.  For  Mach  numbers  of 

1.2  and  above,  the  cone  had  to  be  preconditioned  on  the  ground  with  a  hot-air  heater  (Fig.  6).  The  cone  was 
heated  for  about  1  hr,  to  a  temperature  of  105°  C  to  115°  C  (220°  F  to  240°  F).  The  heater  was  removed  just  before 
takeoff,  and  the  aircraft  climb  schedule  was  adjusted  so  that  the  cone  would  be  at  the  predetermined  adiabatic- 
wall  temperature  when  the  aircraft  reached  the  aim  test  conditions.  Data  from  the  aircraft  and  cone  were  monitored 
continuously  in  real  time  on  strip  charts  and  video  displays,  and  the  information  was  relayed  to  the  pilot.  For  the 
lower  Mach  numbers,  it  was  sometimes  necessary  to  cool  the  cone.  This  was  done  by  flying  the  aircraft  at  a  higher 
altitude  and  lower  temperature  than  the  test  point  until  the  desired  cone  adiabatic-wall  temperature  was  reached. 

A  history  of  the  free-stream  conditions  during  a  typical  pitot-probe  traverse  is  shown  in  Fig.  7.  As  can  be 
seen,  the  conditions  were  quite  stable,  with  angle  of  attack  and  angle  of  sideslip  within  ±0.2°.  A  pitot-probe 
traverse  during  the  same  test  conditions  is  shown  in  Fig.  8.  The  onset  of  transition  Xf  was  defined,  as  it  was  for 

the  wind-tunnel  data,  as  the  location  at  which  the  minimum  pitot  pressure  occurred.  Likewise,  the  end  of  transi¬ 
tion  Xj.  was  defined  as  the  location  at  which  the  maximum  pitot  pressure  occurred.  Both  these  locations  are  shown 

in  Fig.  8. 

The  flight-test  matrix  is  shown  in  Fig.  9.  The  flight  data  are  grouped  by  the  different  aircraft  trim  angles  that 
were  flown  and  correspond  to  nominal  dynamic  pressures.  Test  points  at  the  same  trim  angle  correspond  approxi¬ 
mately  to  the  curves  of  constant  unit  Reynolds  number,  (//v.  Also  shown  in  Fig.  9  is  the  equivalent  combined 
envelope  for  the  wind-tunnel  data  of  this  study.  As  can  be  seen  .  the  flight  data  encompass  most  of  the  wind-tunnel 
test  data ,  up  to  a  Mach  number  of  2 .0 . 

4.2  Wind  Tunnel  Tests 

Every  procedural  consideration  described  for  the  flight  test  was  present  in  the  wind-tunnel  tests,  except  that 
the  problems  associated  with  obtaining  test  conditions  were  much  simpler.  The  cone  had  to  be  at  zero  incidence 
and  adiabatic-wall  temperature.  No  thermal  preconditioning  was  necessary  ,  for  the  temperature  excursions 
were  not  nearly  so  severe,  and  there  was  ample  time  to  wait  for  the  cone  to  reach  thermal  equilibrium  with  the 
flow.  Some  wait  between  data  points  was  necessary  for  Tw/T  to  approach  1 .0,  following  a  large  Marh  number 
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change.  Usually  ,  the  sequence  of  tost  points  could  be  planned  to  progress  through  small  incremental  changes  in 
Mach  number.  Most  wind  tunnels  could  hold  total  temperature  constant  within  13°  C  (±5°  F)  on  a  given  test  point. 
The  best  sequencing  of  points  was  to  change  at  constant  Af^  in  a  variable-density  tunnel  by  changing  p( 

at  constant  T  .  In  atmospheric  tunnels ,  one  can  only  change  Af^  . 

A  bigger  problem  in  the  wind  tunnels  was  defining  the  incidence  ungle.  In  some  cases,  negligible  flow  angu 
larity  was  assumed  and  the  cone  was  simply  aligned  carefully  to  the  test  section  centerline.  In  other  cases,  flow 
angularity  was  known  or  suspected  and  a  set  of  aerodynamic  centering  calibrations  was  performed  at  each  Mach 
number,  using  the  transition  variation  with  incidence  angle  when  the  pitot  probe  trace  was  90°  relative  to  the 
windward  stagnation  ray .  This  was  accomplished  using  the  model  pitch,  yaw  ,  and  roll  capabilities  of  a  given 
wind  tunnel  to  define  vertical  and  horizontal  components  of  the  stream  angle.  The  largest  stream  angle  found 
was  1.5°. 

In  general,  data  were  acquired  for  a  matrix  of  Mach  numbers  and  Reynolds  numbers  covering  the  full  oper¬ 
ating  envelope  of  a  given  wind  tunnel.  The  normal  test-section  ventilation  procedures  were  followed  for  each 
transonic  tunnel  near  Al^  =1.0.  The  minimum  transonic  wind-tunnel  test  section  size  was  4  by  4  ft ,  so  wall 

interference  attributable  to  transonic  blockage  phenomena  was  not  considered  to  be  a  significant  problem.  Long 
sting-support  systems  were  used  in  trunsonic  tunnels  to  minimize  support-system  blockage  and  radiated  aero¬ 
dynamic  noise  influence.  The  sting-supported  cone  vibrations  were  generally  at  frequencies  less  than  about 
10  Hz  and  of  amplitudes  small  enough  that  no  coherent  oscillations  could  be  found  in  the  pitot  pressure  that  could 
be  identified  as  vibratory-motion  related. 

Measurements  of  relative  humidity  in  wind  tunnels  are  not  usually  reliable.  The  criterion  generally  used  for 
acquiring  data  in  these  experiments  was  not  to  proceed  if  there  was  visible  fogging.  However,  in  some  cases 
when  dew  points  were  above  about  -23°  C  (-10°  F)  at  Al^  >  1.8.  indicated  by  available  instrumentation,  pre¬ 
cautions  were  taken  to  verify  that  the  indicated  Af^  and  L’^/v^  were  within  the  wind-tunnel  calibration. 

5.0  RESULTS 

5.1  Laminar  Instability 

Indications  of  laminar  instabilities  in  the  boundary  layer  were  found  in  the  microphone  power  spectral  density 
distributions  during  the  flight  test.  For  purposes  of  illustration,  the  spectra  obtained  at  two  test  points  from  all 
three  microphone  signals  (free-stream  impact,  forward-cone,  and  aft-cone)  are  shown  in  Fig.  10.  In  Fig.  10(a), 
the  forward-cone  microphone  was  under  transitional  flow  and  the  aft-cone  microphone  was  under  fully  developed 
turbulent  flow .  In  fig.  10(b) ,  ‘.he  forward-cone  microphone  was  under  laminar  flow  and  the  aft-cone  microphone 
was  under  transitional  flow.  In  all  cases  when  the  boundary  layer  was  laminar  or  transitional,  there  was  a  brood 
peak  in  the  pressure-fluctuation  spectra,  similar  to  those  shown  in  Fig.  10.  The  nondimensional  frequency  at 
which  the  peak  occurs  is  denoted  by  F  in  Fig.  10;  the  subscripts  1  and  2  refer  to  the  forward-  and  aft-cone  micro¬ 
phones  ,  respectively . 

Power  spectral  densities  recorded  from  several  flights  at  the  same  nominal  Mach  numbers  but  at  different 
Reynolds  numbers  are  shown  in  Fig.  11(a)  and  (b) .  The  dominant  feature  in  these  cone  boundary-layer  spectra 
is  the  peak,  which  decreases  in  frequency  and  increases  in  power  as  Re  increases  at  a  given  Alg.  Finally,  at  the 

location  near  the  end  of  transition,  the  peak  disappears  into  the  smooth,  broadband  spectrum  characteristic 
of  a  turbulent  boundary  layer . 

The  spectral  peaks  appeared  to  exhibit  a  prescribed  behavior  in  terms  of  the  variation  of  absolute  frequency 

2  2 

f  with  Mg.  as  shown  in  Fig.  12  for  a  dynamic  pressure  of  14.4  kN/m  (300  lb/ft  ).  The  peak  center-frequencies 
increase  as  increases.  A  ratio  of  the  frequencies  when  peaks  occurred  in  the  spectra  from  both  micro¬ 

phones  at  a  given  flight  condition,  was  approximately  the  inverse  of  the  ratio  of  the  distance  from  the  cone  apex, 

(•*2  IL)I  (Xj/L)  ,  and  therefore  the  inverse  of  the  microphone  Reynolds  number,  Re  /Re^  .  Hence,  the  peak 

frequencies  are  functions  of  both  Re  and  Af  .  2  1 

x  e 

The  nondimensional  peak  center-frequencies  are  shown  in  Fig.  13,  plotted  as  a  function  of  (Re  )® they 

show  a  clear  dependence  on  Reynolds  number  and  Mach  number.  The  data  agree  well  with  recent  calculations  by 
Mack,  since  his  publication  of  Ref.  19  adjusted  by  the  usual  cone-planar  similarity  rule  (where  the  Reynolds 
number  on  a  cone  is  3  times  that  on  a  flat  plate)  .  The  calculations  by  Mack  are  for  the  first-mode  laminar  insta¬ 
bility ,  that  is,  Tollmien-Schliehting  waves,  and  the  calculations  agree  with  the  characteristics  of  the  spectra;  thus. 
Tollmien-Schlichting  waves  are  probably  the  cause  of  transition . 

A  reexamination  of  the  wind-tunnel  power  spectral  distributions  after  the  flight  test  revealed  indications  of 
Tollmien-Schlichting  instabilities  in  two  Langley  wind  tunnels,  the  4-  by  4-ft  supersonic  pressure  tunnel  and  the 

Unitary  Plan  Wind  Tunnel,  where  the  pressure  fluctuation  levels , ,  were  the  lowest  measured.  Microphone 

spectra  for  the  4-  by  4-ft  supersonic  pressure  tunnel  at  Langley  Research  Center  for  a  Mach  number  of  1.61  are 
shown  in  Fig.  14,  These  data  are  either  for  a  laminar  or  transitional  boundary  layer.  Broad  peaks  in  the  spectra. 

similar  to  those  observed  in  flight,  are  evident  for  the  forward  microphone  at  Re^  =  4.41  X  10®  and  at 

Re  =  4.26  X  10®  for  the  aft  microphone.  * 
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5.2  Flight  Transition  Reynolds  Number 
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In  preparation  for  the  flight  tests ,  the  effect  of  incidence  on  transition  location  was  determined  in  various 
NASA  wind  tunnels  (Fig.  15)  .  Note  that  at  small  negative  angles  of  uttack ,  with  the  surface  pitot  probe  on  the 
windward  ray,  the  effect  is  small  for  Mach  numbers  between  0.6  and  2.2.  The  effect  of  sideslip  can  be  signifi¬ 
cant  at  angles  greater  than  0.25°. 

During  the  flight  tests ,  it  was  possible  to  control  the  temperature  of  the  transition  cone  within  ±6%  of  the 
adiabatic- wall  temperature,  T  ,  for  about  90%  of  the  test  points,  using  the  techniques  described  in  Sec.  4.1 

(Flight  Test) .  Even  this  small  deviation  in  temperature  had  a  large  influence  on  transition  location,  however,  as 
shown  in  Fig.  16.  The  data  have  been  grouped  by  Mach  number  and  nondimensionalized  by  the  transition 
Reynolds  number  corrected  to  adiabatic-wall  temperature  determined  from  fairings  of  the  flight  data  for  each 
nominal  Mach  number.  The  sensitivity  of  transition  Reynolds  number  to  heut  transfer  appears  to  have  been 
essentially  independent  of  Mach  number  and  proportional  to  the  temperature  ratio  T  /Tqw.  The  trend  of  the 

data  in  Fig.  16  shows  a  strong  heat-transfer  influence  on  transition,  delayed  transition  occurring  when  the 
boundary  layer  was  cooled  <  1.0),  earlier  transition  occurring  when  the  boundary  layer  was  heated 

(T  /Tow  >  1.0) .  Also  shown  in  Fig.  16  are  data  obtained  during  a  rapid  excursion  of  total  temperature  at 

M  =  1 .2  in  the  4-ft  transonic  (4T)  wind  tunnel  at  AEDC  .  These  wind  tunnel  results  show  the  same  trend  as  the 
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flight  data.  According  to  the  theoretical  flat-plate  e  method  from  Ref.  20,  the  onset  of  transition  at  a  Mach 
number  of  0.85  also  follows  the  trend  of  the  flight  data.  A  curve  was  fitted  through  the  flight  data  and  used  for 
correcting  nonadiabatic  data  to  adiabatic  conditions . 

The  end-of-transition  Reynolds  numbers  measured  in  flight,  corrected  to  adiabatic-wall  temperatures,  are 
shown  as  functions  of  local  Mach  number  in  Fig.  17.  This  figure  includes  82  test  points  (39  of  which  were 
acquired  at  supersonic  speeds)  gathered  from  27  flights  over  2  1/2  months.  The  data  form  a  nearly  linear  band 
for  both  the  end-of-transition  and  the  onset-of-transition  Reynolds  numbers.  Both  were  strong  functions  of  Mach 
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number.  End-of-transition  Reynolds  numbers  runged  from  about  3.5  X  10°  at  a  Mach  number  of  0.5  to  above 
|* 

9.0  X  10  at  Mach  numbers  above  1 .6.  Actual  measurements  of  X( .  X  ,  and  the  corresponding  flight  conditions 
are  tabulated  in  Ref.  12,  together  with  the  corrected  values  of  end-of-transition  Reynolds  number  Re y,  and 
onset-of-transition  Reynolds  number  Re(.  Figure  18  shows  that  the  ratio  of  onset-of-transition  Reynolds  number 

to  end-of-transition  Reynolds  number  is  independent  of  Mach  number  and  dynamic  pressure  and  has  a  mean  value 
of  0.86.  Most  of  the  data  are  within  ±5%  of  this  mean  value. 

Transition  Reynolds  number  was  plotted  as  a  function  of  unit  Reynolds  number  in  Fig.  19  for  nominal  Mach 
numbers  to  determine  whether  the  present  data  had  the  unit  Reynolds  number  effect  shown  for  higher  Mach 
numbers  in  Refs.  11,  21,  and  22.  Even  at  Mach  numbers  at  which  there  were  substantial  data  over  a  wide  range 
of  unit  Reynolds  numbers  at  adiabatic  conditions,  the  data  are  inconclusive. 

5.3  Flight  Disturbance  Environment 

Naturally  growing  Tollmien-Schlichting  waves  can  be  detected  only  in  a  low -disturbance ,  free-stream  environ¬ 
ment.  As  shown  by  the  overall  pressure  fluctuations  from  the  free-stream  impact  microphone  (Fig.  20) ,  the  level 
of  pressure  fluctuations  in  the  flight  environment  was  very  low .  The  pressure  fluctuations  in  flight  varied  from 
about  0.16%  at  the  lower  Mach  numbers  to  0.017%  near  Mach  2,  when  normalized  by  t:,3  free-stream  dynamic 
pressure  q^.  The  different  flags  on  the  symbols,  which  denote  flights  made  on  different  days,  indicate  the  day- 

to-day  variations  in  the  atmosphere.  The  pressure  fluctuations  do  not  seem  to  be  dominated  by  engine  noise, 
although  some  discrete  tones  appeared  randomly  in  the  spectra,  some  of  which  may  have  come  from  the  engine 
inlets ,  fans ,  or  compressors . 

The  cone  surface  static-pressure  fluctuations  in  the  boundary  layer  were  sensed  by  the  surface  microphones 
set  flush  in  the  cone.  When  the  cone  boundary  layer  was  turbulent,  the  cone-surface  microphones  recorded 
pressure  fluctuations  in  the  near-field  turbulent  boundary  layer.  When  the  boundary  layer  was  transitional,  the 
amplification  of  the  low  end  of  the  frequency  spectrum  during  transition  produced  large  overall  values  of  indicated 
pressure  fluctuation.  Only  under  laminar  conditions  could  the  cone-surface  microphones  measure  pressure 
fluctuations  imposed  from  the  free  stream,  and  those  measurements  were  altered  by  the  laminar  boundary -layer 
receptivity.  As  the  spectral  data  in  Figs.  10  and  11  show  ,  the  laminar  boundary  layer  selectively  amplifies 
certain  frequencies  in  the  spectrum ,  increasing  some  of  the  values  sensed  by  the  microphone . 


The  cone-surface  static-pressure  fluctuations  in  the  laminar  boundary  layer  arc  shown  normalized  by 
q ^  in  Fig.  21  as  a  function  of  .  As  shown ,  the  laminar  pressure  fluctuations  decrease  with  increasing  Al(  .  A 
comparison  of  Figs.  20  and  21  shows  that  at  the  highest  the  cone-surface  pressure  fluctuation  is  essentially 

the  same  as  the  free-stream  impact-pressure  fluctuation.  The  differences  between  the  cone- surface  and  free- 
stream  impact-pressure  fluctuation  amplitudes  increase  as  Mp  decreases.  As  before,  the  different  flags  on  the 

symbols  (Fig.  20)  denote  flights  on  different  days  to  indicate  day-to-day  variations.  The  open  symbols  denote 
data  acquired  with  the  semiconductor  strain-gage-type  microphones  used  nt  the  higher  Mach  numbers  and  higher 
temperatures.  The  solid  symbols  denote  data  acquired  with  condenser  microphones  like  those  used  in  most  of  the 
wind  tunnels.  The  data  from  both  types  of  microphones  agree  well.  The  laminar  and  transitional  spectra 
measured  by  both  sets  of  microphones  had  the  same  characteristics,  verifying  that  the  peaks  were  associated  with 
the  boundary  layer  and  that  they  were  not  anomalies  introduced  by  the  sensors. 
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5.4  Correlation  of  Wind  Tunnel  and  Flight  Data 

The  wind  tunnels  used  in  these  experiments  were  classified  into  four  groups ,  based  on  their  distinguishing 
geometry: 

Group  1:  Slotted  or  solid-wall  transonic  und  subsonic  tunnels 
Group  2:  Perforated-wall  transonic  tunnels 
Group  3:  Two -dimensional -nozzle  supersonic  tunnels 
Group  4:  Sliding-block-nozzle  supersonic  tunnels 

The  pressure  fluctuation  levels  measured  under  the  laminar  boundary  layer  on  the  cone  from  the  wind  tunnels 
are  shown  in  Fig.  22.  Also  shown  is  an  envelope  for  the  flight  pressure  fluctuation  data  from  Fig.  21.  The 
dashed  curve  in  Fig.  22  is  a  relationship  from  Lowson  (Ref.  23)  for  estimating  the  pressure  fluctuations  at  the 
wall  beneath  an  attached  turbulent  boundary  layer.  The  microphones  on  the  cone  sense  pressure  fluctuations 
from  all  sources,  including  the  wind-tunnel  walls.  As  shown  in  Fig.  22(a),  essentially  all  the  data  from  the  lower 
disturbance  tunnels  (groups  1,3,  and  4)  are  below  this  curve.  However,  the  flow  disturbance  measured  in  the 
lower  disturbance  tunnels  was  about  twice  that  measured  in  flight.  For  the  higher  disturbance  tunnels  (group  2, 
Fig.  22(b)),  the  flow  disturbance  is  greater  than  Lowson's  curve  and  approximately  an  order  of  magnitude  greater 
than  the  flight  data . 

The  end-of-transition  Reynolds  number  Re_  is  presented  in  Fig.  23  for  the  group  1,3,  and  4  wind  tunnels. 

The  wind-tunnel  data  have  been  extrapolated  for  nominal  unit  Reynolds  numbers  of  6.6  X  10  /m  (2.0  X  10°/ft) , 

9 .8  X  10®/m  (3. OX  10® /ft),  and  13. IX  10® /m  (4. OX  10® /ft).  There  is  a  14%  increase  in  Re ^  for  unit  Reynolds 

numbers  between  6.6  X  10®/m  (2.0  X  10®/ft)  and  13.1  X  10®/m  (4.0  X  10®/ft)  at  supersonic  speeds  in  the  wind 
tunnels.  The  end-of-transition  Reynolds  numbers  from  the  lower  disturbance  tunnels  (groups  1,3,  and  4)  agree 
well  with  the  flight  data  up  to  =  1.2.  Above  =  1.2,  the  correlation  deteriorates,  and  at  Al^  =  1.6  the  flight 

Rej.  is  25%  to  30%  higher  than  the  wind-tunnel  Re^..  For  the  higher  disturbance  tunnels  (group  2) ,  shown  in 
Fig.  24,  there  is  a  very  poor  correlation  between  wind-tunnel  and  flight  end-of-transition  Reynolds  numbers. 

The  onset-of-transition  Reynolds  numbers  from  the  lower  disturbance  wind  tunnels  is  shown  in  Fig.  25.  The 
flight  data  from  Fig.  17(b)  are  shown  by  the  envelope.  At  subsonic  speeds,  the  data  from  the  Naval  Ship 
Research  and  Development  Center  (NSR&DC)  tunnel  showed  good  correlation  with  the  flight  data.  The  onset-of- 
transition  Reynolds  numbers  from  the  Langley  16-ft  transonic  dynamics  tunnel  (NASA/Langley  16  TDT)  were  lower 
than  those  of  most  of  the  flight  data.  Unfortunately,  onset  of  transition  from  the  several  other  lower  disturbance 
tunnels  at  transonic  speed  was  either  poorly  defined  by  the  surface  pitot-pressure-probe  technique  or  lost  because 
of  poor  pitot-probe  contact  with  the  cone  surface. 

The  ratio  of  onset-of-transition  Reynolds  number  to  end-of-transition  Reynolds  numbers  is  shown  in  Fig.  26  for 
the  wind  tunnels.  The  flight  data  are  represented  by  the  fairings.  The  wind-tunnel  ratios  of  onset-of-transition  to 

end-of-transition  Reynolds  numbers  are  less  than  those  in  flight  at  unit  Reynolds  numbers  of  6.6  X  10  /m 

(2.0  X  10®/ft)  and  9.8  X  10®/m  (3.0  X  10®/ft)  between  Mach  numbers  of  0.5  to  2.0.  At  a  unit  Reynolds  number  of 
fi  6 

13.1  X  10  /m  (4.0  X  10  /ft)  the  correlation  between  flight  and  wind  tunnel  data  is  much  better.  This  unit  Reynolds 
number  effect  was  not  observed  in  flight ,  even  though  it  covered  approximately  the  same  Reynolds  number  range . 

The  end-of-transition  Reynolds  number  as  a  function  of  the  flow  disturbance  levels  from  wind  tunnel  and  flight 
data  are  presented  in  Fig.  27.  This  figure  includes  data  from  all  Mach  numbers  and  unit  Reynolds  numbers.  The 
end-of-transition  Reynolds  number  correlated  within  ±20%  with  the  surface  fluctuating  root-mean-square  pressure 
level  according  to  the  equation 


6.0  CONCLUDING  REMARKS 


Transition  und  fluctuating  pressure  data  were  acquired  on  a  standard  body  (AEDC  Transition  Cone) ,  using 
the  same  instrumentation  and  technique  over  a  wide  range  of  Mach  and  Reynolds  numbers  in  23  wind  tunnels  and 
in  flight.  The  cone  was  held  at  near  zero  incidence  and  heat  transfer.  Transition  was  detected  with  a  traversing 
pitot -pressure  probe  in  contact  with  the  surface.  The  pressure  fluctuations  at  the  cone  surface  were  measured 
with  microphones  set  flush  in  the  cone  surface. 


There  was  good  correlation  between  end-of-transition  Reynolds  numbers  Re^,  obtained  in  the  lower  disturbance 
wind  tunnels  and  those  obtained  in  flight ,  up  to  about  M  =1.2.  Above  M  =1.2,  the  correlation  deteriorates .  with 
the  flight  Rej  being  25%  to  30%  higher  than  the  wind  tunnel  Re^,  at  Af  =  1.6.  For  the  higher  disturbance  tunnels, 
there  was  very  poor  correlation  between  tunnel  and  flight  Re^,.  The  end-of-transition  Reynolds  number  correlated 
within  ±20%  with  the  surface-fluctuating  root-mean-square  pressure  level,  according  to  the  equation 
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Broad  peaks  in  the  spectra  indicated  tnat  Tollmien-Schlichting  waves  were  the  probable  cause  of  transition 
in  flight  and  at  least  in  some  of  the  wind  funnels .  The  flow  disturbance  measured  beneath  the  laminar  boundary 
layer  on  the  cone  in  the  lower  disturbance  tunnels  was  about  twice  that  measured  in  flight.  In  the  higher  dis¬ 
turbance  tunnels ,  it  was  approximately  an  order  of  magnitude  greater  than  the  flight  data . 

The  flight  data  showed  a  strong  heat-transfer  influence  on  transition,  a  delayed  transition  occurring  when 
the  boundary  layer  was  cooled,  and  an  earlier  transition  occurring  when  the  boundary  layer  was  heated. 
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Figure  1.  Transition  cone  and  insfrumen(ation . 
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Figure  6.  Transition  cone  being  heated  at  end  of  runway  before  flight. 
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Figure  7.  History  of  cone  free-stream  conditions  during  a  typical  pitot-probe 
traverse . 
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Figure  8.  Typical  pitot-probe  pressures  as  a  function  of  probe  location. 


Figure  9.  Transition  cone  flight-test  matrix  and  equivalent  wind-tunnel  envelope 


Figure  10.  Microphone  power  spectral  density  distribution. 
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Figure  12.  Variation  of  laminar  or  transitional 
spectral  peak  frequency  with  local  Mach  number; 

q^  *=  14.4  kN/m2  (  300  lb/ft2). 
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Figure  IS.  Summary  of  the  effect  of  model  incidence  angle  (a  and  P)  on  transition. 
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Figure  16.  Variation  in  flight-determined  transition  Reynolds  number 
with  wall  temperature  and  comparison  with  theoretical  and  wind- 
tunnel  results. 
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Figure  23.  Concluded . 
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Figure  24.  End -of -transition  obtained  in 
group  2  wind  tunnels. 
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Figure  25.  Onset-of-transition  Reynolds  number  from  lower 
disturbance  wind  tunnels  and  comparison  with  flight  data. 
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Figure  26.  Ratio  of  onset-  to  end -of -transition  Reynolds  number 
from  wind  tunnels  and  comparison  with  flight  data. 
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EXPERIMENTAL  INVESTIGATIONS  OF  TRANSPORT  AIRCRAFT  LOW  SPEED  ENGINE 
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D  2800  Bremen 
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SUMMARY 


Recent  transport  aircraft  development  and  flight  testing  clearly  showed  important  engine  airframe  interference 
effects  for  wing  mounted  engines.  The  tendency  to  reduced  engine  numbers  -  most  large  civil  aircrafts  developed 

during  the  last  decade  were  twin  engined  -  results  in  a  large  effect  of  the  one  engine  out  second  segment  climb  on 

overall  aircraft  economy.  Large  development  efforts  are  worthwhile  to  realize  even  small  drag  reductions  in  this  con¬ 
dition. 

These  development  efforts  are  successful  only  if  a  true  and  reliable  engine  simulation  method  in  low  speed  wind 
tunnel  tests  is  available.  Conventional  methods  like  flow  through  nacelles,  ejector  simulators  or  blown  nacelles  are 
inadequate.  The  most  perfect  engine  simulator  available  today,  the  turbine  powered  simulator,  TPS,  was  used  in  the 
high  speed  regime  only.  Quite  recently  VFW  developed  the  concept  of  low  speed  TPS  testing  and  achieved  satisfac¬ 
tory  results.  The  problem  outlined  up  to  here  was  presented  in  detail  in  Ref.  1. 

Since  this  presentation  a  large  number  of  TPS  tests  with  different  configurations  was  performed  in  the  VFW  wind 
tunnel.  The  TPS  has  proven  as  a  reliable  and  valuable  experimental  tool  also  in  low  speed  range,  provided  that  sophis¬ 
ticated  data  acquisition  and  evaluation  techniques  are  used  for  optimum  accuracy  and  repeatability.  Operating  equip¬ 
ment  and  test  methods  were  improved.  Results  and  experience  are  described  in  this  paper. 

Several  transport  configurations  and  research  configurations  have  been  tested;  results  are  presented  together  with 

comparable  flight  test  results.  Comparisons  with  isolated  engine  test  results  show  the  importance  of  precise  engine 
interference  tests. 


The  flight  conditions,  which  are  analyzed  by  such  tests,  are  coupled  with  relatively  large  lift  coefficients.  So, 
the  flow  conditions  are  close  to  separation;  partial  separation  may  exist  already.  Such  flow  conditions  are  sensitive  to 
Reynolds  number  effects,  so  the  tests  should  be  done  at  the  largest  available  Reynolds  number  in  order  to  achieve  results 
relevant  to  the  full  scale  condition.  Efforts  are  made  to  increase  the  Reynolds  number,  compared  with  the  1.65  .  10^* 
related  to  wing  mean  chord  available  in  the  VFW  tunnel. 


The  Reynolds  number  available  up  to  now  in  low  speed  TPS  testing  was  limited  by  the  maximum  available  TPS 
size,  roughly  5  inch  fan  diameter.  To  overcome  this  limitation,  the  development  of  larger  TPS  was  initiated  by  VFW. 

9.5  inch  fan  diameter  simulators  are  developed  by  Tech  Development  Inc.  for  the  "German- Netherlands  Wind 
Tunnel".  These  simulators  TDI  1400  will  be  used  with  large  transport  models,  the  scale  related  to  large  civil  transport 
aircraft  in  css  1  :  10.  Installation  of  these  engines  into  the  model  and  the  necessary  equipment  in  the  model  is  designed 
and  built  by  VFW;  details  on  model  and  simulator  installation  design  will  be  given  in  the  paper. 


Even  larger  Reynolds  numbers  are  available  from  a  16  inch  fan  diameter  TPS  (  type  TDI  1410  ),  which  is  in 
development  and  fabrication  for  VFW.  This  simulator  gives  a  scale  of  1  :  5.4  related  to  full  scale  large  fan  engines 
and  can  be  used  with  a  large  half  model  in  the  DNW  or  in  the  SI  MA  for  the  high  speed  regime.  Its  physical  size 
opens  excellent  possibilities  for  detailed  nacelle-pylon-wing  interference  flow  studies. 

Another  effective  way  to  increase  Reynolds  number  is  the  pressurization  of  the  wind  tunnel.  With  TPS  tunnel 
pressurization  was  not  used  up  to  now,  since  blade  and  bearing  stress  problems  limited  the  tunnel  pressure  to  atmos¬ 
pheric  level. 

This  limitation  no  longer  exists  with  the  9.5  and  16  inch  fan  diameter  simulators  presented  in  the  paper.  Both 
engines  are  qualified  for  use  at  up  to  3  bars  tunnel  pressure.  The  models  designed  for  the  DNW  can  be  used  with 
TPS  in  half  model  configuration  at  the  Fauga  FI  tunnel  at  pressures  up  to  3  bars.  This  corresponds  to  a  mean  chord 
Reynolds  number  of  about  8  .  10^,  so  these  tests  will  clarify  the  Reynolds  number  influence  on  engine  interference. 


LIST  OF  SYMBOLS 


drag  coefficient 

9 

dynamic  pressure 

jet  induced  drag 

1/8 

inboard  side 

pressure  coefficient  (  p  -  p^  )/ q 

O/B 

outboard  side 

local  wing  chord 

MTO 

maximum  take  off  power 

local  static  pressure 

freestream  static  pressure 

TFN 

through  flow  nacelle 

1.  INTRODUCTION 


The  strong  commercial  competition  in  the  field  of  civil  transport  airplane  development  ond  fabrication  not  only 
forces  the  aircraft  manufacturers  to  realize  any  improvement  inside  the  present  boundaries  of  the  state  of  the  art  but 
even  is  the  cause  of  efforts  to  extend  these  boundaries. 

The  efforts  towards  such  new  areas  of  improved  technology  normally  have  a  two  stage  nature.  In  the  first  stage 
a  technology  area  has  to  be  identified  where  improvements  are  imaginable;  in  the  second  stage  the  improvement  has 
to  be  realized  which  in  many  cases  raises  the  need  for  new  and  more  sophisticated  experimental  or  theoretical  methods. 

Since  the  day  of  Boeing  707  development,  which  was  the  first  commercial  aircraft  with  the  standard  wing  mounted 
engine  position  an  important  development  potential  was  hidden  in  the  aerodynamic  interference  between  engine  and 
wing.  Several  percent  of  total  drag  may  be  lost  or  gained  by  favourable  or  unfavourable  flow  conditions  in  this  field. 
Since  even  today  a  theoretical  approach  has  only  small  chances  against  the  engine-wing  configuration  and  the  com¬ 
plicated  effects  of  inlet  and  jet  flow,  only  sophisticated  engine  effect  simulation  in  the  wind  tunnel  enables  the  de¬ 
velopment  engineer  to  minimize  unfavourable  engine  interference  effects. 

The  superior  engine  simulation  method,  the  turbine  powered  simulator  (  TPS  )  was  already  invented  more  than 
10  years  ago  and  was  used  since  then  with  good  success  for  cruise  configuration  testing  in  transonic  wind  tunnels.  On 
the  other  side  this  technique  was  never  used  for  testing  of  the  low  speed  configuration .  The  reasons  for  this  were: 

•  Engine  interference  effects  were  considered  not  to  be  very  important  in  the  low  speed  flight  regime. 

•  The  relation  between  the  large  simulator  thrust  (  to  be  calibrated!  )  and  the  small  interference  drag  increments 

(  to  be  evaluated!  )  is  much  more  unfavourable  in  the  low  speed  flight  region  than  in  the  case  of  cruise  con¬ 

dition  in  the  transonic  tunnel.  So,  it  is  much  more  difficult  to  achive  an  accurate  test  result  in  low  speed  than 
in  high  speed. 

The  situation  was  completely  changed  with  the  development  of  large  high  performance  aircraft  with  only  two 
engines.  The  one  engine  out  climb  performance  affects  the  overall  efficiency  of  aircrafts  like  this  very  sensitively. 

So,  a  careful  optimization  of  the  second  segment  climb  performance  is  imperative  and  soon  it  was  discovered,  that 
also  in  this  flight  condition  performance  uncertainties  of  several  percent  may  occur  due  to  engine  interference. 

So,  about  3  years  ago,  VFW  began  -  based  on  a  governmental  development  program  -  to  establish  the  TPS  tech¬ 
nique  for  low  speed  wind  tunnel  investigations  (Ref.  1  ).  Making  use  of  this  development  and  all  the  later  governmen¬ 

tal-  and  Airbus-funded  tests,  the  additional  evaluations,  presented  here,  were  derived. 


2.  THE  VFW  LOW  SPEED  TPS  WIND  TUNNEL  TECHNIQUE 

The  basic  test  set-up  in  the  VFW  wind  tunnel  is  shown  in  Fig.  1  and  Fig.  2.  The  VFW  Low  Speed  Tunnel 
test  section  size  is  2.1  x  2.1  m^,  the  maximum  speed  is  about  65  m/s.  The  model  shown  in  Fig.  1  is  a  half  model 
of  the  Airbus  A  300  B4,  the  model  scale  is  1  :  16.  The  model  is  mounted  to  the  overhead  mechanical  balance,  which 
is  equipped  with  a  force  free  air  supply  bridge. 

The  engine  simulator  used  in  this  model  is  the  TDI  441,  designed  and  built  by  Tech  Development  Inc.,  Dayton, 
Ohio.  Fan  diameter  is  5  inches;  Fig.  3  shows  the  simulator  without  cowling.  The  simulator  is  equipped  with  measuring 
rakes  behind  the  fan  and  behind  the  turbine  which  gather  all  data  necessary  for  thrust  calibration  and  evaluation. 

The  thrust  calibration  is  achieved  by  a  simple  static  thrust  measurement;  the  test  set-up  is  shown  in  Fig.  4. 

The  concept  of  this  calibration  without  the  use  of  the  conventional  calibration  tank  is  outlined  in  Ref.  1  and  2. 

This  test  set-up  is  in  operation  since  more  than  two  years.  A  lot  of  tests  hove  been  done  on  various  Airbus  con¬ 
figurations.  During  these  tests  and  additional  basic  research  work  test  set-up,  calibration  and  evaluation  methods  have 
been  improved  continuously .  Since  the  general  idea  of  low  speed  TPS  testing  proved  to  be  successful,  a  new  generation 
of  engine  simulators  of  various  scale  has  been  developed  and  partially  already  delivered.  The  aim  of  this  paper  is  to 
report  on  these  improvements,  some  results  and  on  the  new  simulator  and  test  set-up  technique. 


3.  IMPROVEMENTS  OF  TEST  TECHNIQUE  AND  EVALUATION  METHODS 

Generally,  it  should  be  noted  here,  that  tests  with  TPS  engine  simulation  are  not  even  cheap,  because 

•  more  staff  is  needed  for  the  operation  of  the  engine; 

e  additional  energy  is  needed  to  drive  the  TPS  (  for  a  low  speed  tunnel  like  at  VFW,  this  is  about  twice  the 

energy  which  is  necessary  to  produce  the  required  tunnel  speed  ); 

•  the  high  loaded  bearings  of  the  TPS  must  be  changed  in  certain  intervals  to  avoid  a  distraction  of  the  system. 

Due  to  this,  it  is  necessary,  to  run  these  tests  in  an  optimized  manner  and  the  shortest  possible  time.  To  enable  this, 
the  following  improvements  of  test  technique,  instrumentation  and  data  evaluation  system  have  been  introduced  at  VFW: 

•  To  overcome  the  problem  of  ice  build-up  on  the  outer  and  inner  contoun  of  the  engine  due  to  the  very  low 
temperatures  in  the  primary  core  (  a  consequence  of  the  expansioh  of  the  compressed  drive  air  in  the  turbine  ), 
the  dryer  for  the  drive  air  was  replaced  by  an  improved  system  allowing  longer  testing  periods.  Further  on, 
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the  cowls  for  the  primary  core  which  were  made  of  aluminium  alloy  were  provided  with  heating  wires  or 
exchanged  by  pieces  made  of  other  materials  (phenolic  resin  or  glass  fibre  plostics  ).  Further  on,  a  purging 
system  was  installed  to  keep  the  pressure  tubes  in  primary  core  and  the  static  orifices  on  the  outer  side  of 
the  core  cowl  and  plug  free  of  ice  and  lubrication  oil, 

e  During  the  first  test  periods,  a  manifolding  system  of  pressure  orifices  was  used  on  the  fan  rake.  Three  orifices 
on  one  radius  (  l/B  or  O/B- halfcircle  )  each  were  connected  to  one  scani  port  at  the  beginning  (Fig.  5  ). 

The  disatvantage  of  that  system  was,  that  it  was  impossible  to  detect  a  leakage  or  blockage  of  a  single  orifice. 

e  Due  to  aerodynamic  instabilities,  oscillations  of  the  tunnel  balance  and  small  thrust  variations  during  the  data 
acquisition  time  of  one  test  point,  a  certain  scatter  bond  of  test  results  is  unavoidable.  To  be  able  to  draw  o 
mean  line  through  the  scattering  data  points,  each  point  is  gathered  three  times,  before  the  test  condition  is 
changed  (  e.g.  incidence  angle  ).  To  shorten  the  time  for  this  procedure,  each  orifice  of  the  TPS  pressure-rakes 
was  connected  to  three  different  ports  on  one  scani  valve  (  1  between  port  1  and  16,  a  second  between  port  17 
and  32  and  a  third  between  port  33  and  48  ).  So,  it  is  possible  to  registrate  3  dato  points  with  all  pressure, 
temperature  and  balance  signals  during  one  turnaround  of  the  scanivalve. 

e  The  pressures  and  temperatures,  which  are  used  for  the  TPS  thrust  calculation,  are  shown  on  an  on-line  display 
in  the  tunnel  control  room.  So,  a  failure  in  the  data  acquisition  system  can  immediately  be  seen  and  test  points 
can  be  repeated  or  -  if  necessary  -  a  repair  can  be  initiated. 

e  Additional  TPS-data  (  static  pressures  behind  the  fan  and  turbine  )  are  registrated  in  order  to  have  a  better 

control  of  the  main  data  and  to  have  a  back-up  system  for  the  thrust  calculation,  if  necessary. 

e  Finally,  several  improvements  of  the  computer  programs  hove  been  made  in  order  to  accelerate  the  data 
reduction  and  test  analysis. 

The  main  results  of  the  improvements  mentioned  above  are 
e  acceleration  of  the  tests 

e  minimization  of  the  data  scatter  band  and 

e  acceleration  of  the  test  analysis. 

4.  SOME  TEST  RESULTS  AND  COMPARISON  WITH  FLIGHT  TESTS 

4.1  General 

In  order  to  get  as  much  informations  as  possible  from  the  wind  tunnel  tests,  all  available  and  useful  test  methods 
have  been  used,  i .  e . 

e  oilflow-visualizations  on  wing,  pylon  and  engine 

e  force  measurements 

e  measurements  of  static  pressure  distributions  on  wing  ond  nacelle 

e  wake  flow  investigations  behind  the  engine  using  a  total  pressure  rake. 

In  the  following  sections,  some  characteristic  results  of  these  different  test  techniques  and  -  as  far  as  possible  - 
their  comparison  with  flight  test  results  will  be  shown.  Most  of  the  tests  done  so  far  at  VFW  were  concentrating  on 
jet  effects  during  take-off  and  second-segment  climb  of  the  aircraft,  i.  e.  with  one  engine  failed  and  one  at  MTO- 
power.  These  tests  proved  as  very  useful  to  show  the  areas  of  power  effects,  to  predict  i.ie  magnitude  of  modifications 
in  these  areas  and  to  compare  the  jet  induced  drag  effects  of  different  aircrafts  under  similar  conditions. 

4.2  Oil  flow  visualizations 


A  zone  of  major  power  effects  found  during  2nd  segment  climb  investigations  was  the  upper  side  of  the  fan  cowl. 
Fig.  6  shows  the  very  small  area  of  flow  unsteadiness  on  the  l/B  side,  while  under  Ground  Idle  conditions  (Fig.  7  ) 

-  which  would  be  a  typical  condition,  if  a  through  flow  nacelle  would  be  used  -  two  zones  of  larger  dimensions 
l/B  and  O/B  of  the  pylon  can  be  seen.  (  This  seems  to  be  an  area  of  interferences  between  fon  ond  intake  flow, 
i.  e.  no  other  jet  simulation  than  a  TPS  would  give  the  correct  answers  concerning  drag  changes.  )  An  other  zone  of 
major  jet  effects  are  the  l/B  and  O/B- sides  of  the  pylon.  Fig.  8  and  9  show  the  behoviour  during  a  wind  tunnel  test. 

The  very  good  agreement  between  the  flow  visualizations  in  the  wind  funnel  ond  the  full  scale  A/C  are  shown 
on  Fig,  10  -  12.  On  Fig.  10  the  cross  flow  over  the  pylon  ond  the  field  of  flow  unsteadiness  on  the  fan  cowl  at 
MTO-power  setting  con  be  seen  which  is  identical  with  the  model  test  (  Fig.  6  ).  The  result  of  the  W/T-test  showing 
the  pylon  flowfield  is  the  some  as  on  Fig.  11  and  Fig.  12  for  the  A/C. 

These  examples  show, 

•  that  the  TPS  is  useful  to  simulate  a  representative  flowfield  and 

•  the  use  of  other  engine  simulation  techniques  (  e.g.  through  flow  nacelles  or  blown  nacelles  with  blocked  intakes  ) 
may  lead  to  wrong  predictions  for  the  full  scale  aircraft. 
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4.3  Force  measurements 

An  example  for  the  importance  of  a  proper  jet  simulation  even  in  the  low  speed  region  is  shown  on  Fig.  13. 

The  diagram  shows  the  drag  differences  due  to  a  modification  in  the  pylon  nacelle  area  for  engine  conditions  Wind¬ 
mill,  Ground  Idle  and  MTO.  Assuming,  this  test  would  have  been  done  with  a  through  flow  nacelle  only  (  mass  flow 
ratio  normally  corresponding  with  TPS  running  at  Ground  Idle  ),  it  would  hove  been  concluded,  that  the  modification 
were  uneffective. 

The  result  with  MTO-power  simulation  by  a  TPS  however  shows  the  contrary.  So,  taking  into  account  the  second 
segment  climb  case  with  one  engine  running  at  MTO-power  and  one  windmilling,  the  TPS-fest  leads  to  the  prediction, 
that  the  modification  will  have  a  favourable  effect  on  drag.  A  corresponding  flight  test  proved  not  only  this  tendency, 
but  also  the  amount  of  drag  reduction  was  very  similar. 

An  other  important  point  is  the  prediction  of  jet  induced  drag  effects  for  the  second  segment  climb  performances. 
To  do  this,  at  VFW  the  so-called  "incremental"-  or  "delta" -method  is  used.  This  method  says,  that  for  similar  aircraft 
configurations  the  differences  between  wind  tunnel-  and  flight  test  results  will  be  more  or  less  the  same.  Using  this 
method  means,  that,  for  example,  the  prediction  of  second  segment  jet  interference  drag  for  an  A/C  no.  2  can  be 
made  by  a  comparison  with  the  wind  tunnel  results  of  A/C  no.  1.  An  example  for  this  is  given  on  Fig.  14.  This 
diagram  shows  the  W/T-results  of  jet  induced  drag  for  the  relevant  lift  coefficients  and  corresponding  slat/flap  settings 
for  A/C  no.  1,  whose  relation  to  full  scale  results  is  known .  The  W/T-results  for  the  new  A/C  no.  2  are  also  shown, 
and  the  difference  between  these  two  sets  of  Curves  is  used  to  predict  the  behaviour  of  A/C  no.  2. 

One  more  field  for  jet  effects  on  drag  is  e.  g.  the  influence  of  different  engine  configurations.  Even  here  the 
TPS-tests  at  VFW  showed  an  agreement  with  full  scale  conditions,  which  could  not  be  shown  with  other  types  of  engine 
simulation,  neither  with  through  flow  nacelles  nor  with  blown  nacelles.  It  should  be  noted  here  however,  that  success¬ 
ful  force  measurements  with  TPS  engine  simulators  especially  in  the  low  speed  region,  where  the  engine  thrust  at 
MTO-condition,  which  must  be  subtracted  from  the  balance  readings,  is  much  higher  than  the  aerodynamic  drag  forces, 
can  only  be  achieved,  if  the  whole  data  acquisition  and  reduction  system  is  built  up  on  the  basis  of  highest  possible 
accuracies.  If  this  problem  is  solved  however,  no  other  engine  simulation  technique  available  today,  gives  more 
realistic  results. 


4.4  Static  pressure  distributions 

These  tests,  as  well  as  flow  visualizations  and  the  wake  flow  measurements,  described  below,  mainly  were  done 
to  get  more  details  about  the  very  complex  flow  field  in  the  wing/pylon/nacelle  region.  Static  pressure  orifices  were 
located  on  the  wing  l/B  and  O/B  of  the  pylon  and  on  the  nacelle.  The  locations  are  shown  on  Fig.  15. 

A  typical  result  for  the  jet  influence  on  the  wing  pressure  distribution  is  shown  on  Fig.  16.  From  this  it  can 
be  seen,  that  due  to  influence  of  the  fan  nozzle  jet  the  static  pressure  on  the  wing  I/s  is  increasing.  This  increase 
is  more  pregnant  on  the  O/B  side  of  the  pylon  than  on  the  l/B  side.  This  result  is  astonishingly  on  the  first  view, 
because  one  would  expect,  that  the  fan  jet  velocity  is  higher  than  the  Mach  number  and  correspondingly  a  suction 
effect  should  exist  leading  to  lower  pressures  under  the  wing.  This  mystery  found  its  explanation  in  the  results  of  the 
wake  flow  measurements,  described  below,  from  which  it  can  be  seen,  that  the  velocity  of  the  fan  jet  close  to  the 
pylon  is  much  closer  to  tunnel  velocity  than  expected.  So,  there  is  no  suction  due  to  the  jet,  while  the  massflow 
in  the  wing/pylon/nacelle  area  is  increasing  with  increasing  engine  thrust.  These  two  effects  together  may  indeed 
lead  to  increasing  pressures  below  the  wing,  as  the  test  results  show. 

Fig.  17  gives  an  example  of  static  pressures  on  the  core  cowl  of  the  engine  at  MTO-power  setting.  This  dia¬ 
gram  gives  an  impression  of  the  influence  of  the  fuselage  and  wing  flowfield  on  the  nacelle  pressures.  Comparing 
the  results  for  oi  =  0  and  11°  it  can  be  seen,  that  with  increasing  angle  the  static  pressures  on  the  core  cowl 
l/B  of  the  pylon  are  increasing,  while  those  at  O/B  and  on  the  bottom  of  the  nacelle  are  not  influenced.  From  this 
result  the  conclusion  may  be  drawn,  that  the  jet  is  not  to  be  assumed  as  a  fixed  wall,  like  this  is  done  if  a  socalled 
"skirted"  through  flow  nacelle  is  used.  Summarizing  the  results  of  the  static  pressure  measurements,  it  must  be  stated 
as  from  the  force  measurements,  that  representative  wing' pylon/ nacelle  interferences  will  not  be  got  unless  a  proper 
jet  simulation  is  used. 

4.5  Woke  flow  investigations 

The  wake  flow  investigations  mainly  were  done,  to  get  more  detoiled  informations  about  the  flowfield  of  the 
model  jet  and  its  behaviour  under  different  conditions,  such  as  changes  due  to 

•  variation  of  incidence  angle, 

•  different  power  settings, 

•  modifications  of  the  nacelle  geometry  or 

•  increasing  distance  from  the  nozzle  exit. 

Comparing  the  TPS  results  with  a  real  engine,  it  is  to  be  noticed,  that  the  temperature  and  hence  the  velocity 
of  the  primary  flow  ore  much  lower  for  the  TPS  (  due  to  expansion  of  pressurized  oir  in  the  turbine  ),  while  the  pres¬ 
sure  ratio  of  the  primary  nozzle  is  comparable  to  full  scale.  The  more  important  point  however  is,  that  the  TPS  can 
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completely  simulate  the  fan  flow  (  i.  e.  pressures,  temperatures,  velocities,  mass  flow  and  -  to  a  certain  distinct  - 
also  swirl  ),  which  is  responsible  for  the  interferences  with  wing,  pylon  and  tailplane.  So,  the  behaviour  of  the  fan 
flowfield  of  the  TPS  can  also  be  used  as  an  input  for  the  development  of  theoretical  3-D  -  computer  programs  in¬ 
cluding  jet  effects. 

For  the  wakeflow  investigations  in  the  tunnel  a  rake  with  pitot  pressure  orifices  was  used.  The  length  of  the 
rake  was  about  1.5  fan  nozzle  diameters.  The  position  was  in  a  plane  normal  to  the  engine  axis  (Fig.  18  )  and 
moving  from  l/B  to  O/B  of  the  pylon,  crossing  the  complete  engine  wake  flow.  If  not  other  mentioned,  the  position 
downstream  of  the  fan  exit  was  at  about  3.2  fan  nozzle  diameters.  Only  for  some  tests,  more  backward  positions 
(about  5.2  and  7.2  D)  were  investigated  (Fig.  19).  The  following  examples  show  the  behaviour  of  the  jet  under 
typical  parametric  variations,  as  mentioned  above.  Each  diagram  shows  the  isobaric  lines  of  total  pressure  ratios  in 
the  measuring  plane  and  the  corresponding  3-D  total  pressure  ratio  mountain. 

e  The  influence  of  incidence  angle  is  to  be  seen  from  Fig.  20  and  21  (  eL  =  0  and  11°  ).  The  engine  setting  was 
MTO  in  both  cases.  As  already  mentioned  above,  these  diagrams  show,  that  the  jet  velocity  in  vicinity  of  the 
pylon  is  much  lower  than  on  the  opposite  (  or  lower  )  side.  This  effect  is  increasing  with  increasing  incidence 
angle,  and  seems  to  be  the  explanation  for  the  increasing  pressures  on  the  wing  lower  surface  ( see  under  2.4 
and  Fig.  16).  Further  on,  it  can  be  seen  from  Fig.  21,  that  the  l/B  and  O/B  half  of  the  jet  ore  unsymmetrical . 
This  may  have  to  do  with  swirl  of  the  jet  and  hence  could  not  be  simulated  with  other  jet  simulation  techniques, 
available  today. 

e  The  power  effect  is  demonstrated  on  Fig.  22  -  24  (  incidence  angle  zero  ).  The  momentum  loss  behind  the  wind¬ 
milling  engine  is  clearly  to  be  seen  on  Fig.  22,  while  Fig.  23  represents  a  flight  idle  condition  and  Fig.  24 
stands  for  MTO- power.  Please,  note  also  the  crater  in  the  centre  of  the  jet,  representing  the  primary  flow. 

•  An  impression  of  the  influence  on  the  flowfield  coming  from  engine  core  cowl  geometry  is  to  be  seen  by  com¬ 
paring  Fig.  20  and  24,  where  the  longer  core  cowl,  represented  in  Fig.  24  leods  to  a  more  symmetrical  wake 
flowfield  than  the  shorter  one  on  Fig.  20. 

•  To  get  some  informations  about  the  decay  of  the  flowfield  with  increasing  distance,  Fij.  24  -  26  show  the 
results  for  distances  of  about  3.2/  5.2/  7.2  fan  nozzle  diameters  downstream  ( £*  =  0  ,  power  setting  MTO  ). 

These  diagrams  show,  that  -  except  for  the  well  known  increasing  size  of  the  flowfield  and  the  decaying  pressure 
ratio  -  at  a  position  where  the  tailplane  may  be  located,  the  mixing  of  fan  and  primary  flow  has  resulted  in  a  flow- 
field  showing  no  more  unsymmetries,  neither  due  to  the  pylon  nor  due  to  the  lower  pressures  of  the  primary  flow. 


5.  NEW  TPS  TESTING  TECHNIQUE  DEVELOPMENT 
5. 1  Low  Speed  TPS  Testing  in  DNW 

To  overcome  the  disadvantage  of  low  Reynolds  number  and  lacking  asymmetric  effects  as  mentioned  above,  the 
concept  of  complete  model  TPS  testing  in  the  DNW  (  Germar/Dutch  Low  Speed  Tunnel  )  was  developed.  The  typical 
model  scale  of  Airbus  type  aircraft  in  this  tunnel  is  about  1  :  10.  Fig.  27  shows  the  tail  sting  installation  of  an 
A  300  B4  model  in  the  6x8  test  section  of  this  tunnel . 


For  this  model  turbine  driven  simulators  have  been  developed  and  delivered  to  DNW  by  TDI.  Fig.  28  shows  a 
sectional  drawing  of  this  unit,  which  represents  a  new  TPS  generation.  The  scale  related  to  the  General  Electric 
CF6-50C  is  1  :  9.5;  this  gives  a  fan  diameter  of  9  inches.  Compared  with  earlier  TPS  design  the  main  progresses  of 
this  engine  are; 


•  High  performance  single  stage  fan;  maximum  fan  pressure  ratio  is  1.7. 

•  Closed  circuit  bearing  lubrication  system;  this  minimizes  the  problem  of  frozen  oil  clogging  the  measuring  rakes. 

•  Low  overall  length/  diameter  ratio;  this  simplifies  the  design  of  model  scole  cowlings  around  the  simulator. 


These  units  will  be  used  for  complete  model  tests  in  the  DNW.  Fig.  29  shows  the  design  of  the  complete  simulator 
nacelle  and  pylon.  The  simulator  itself  and  the  nacelle  parts  in  various  stages  of  assembly  ore  shown  in  Fig.  30,  31 
and  32.  Apart  from  the  internal  instrumentation  rakes  the  cowling  and  the  pylon  is  instrumented  with  pressure  distri¬ 
bution. 


The  complete  Airbus  model,  the  TPS-cowlings,  pylons,  the  intemol  instrumentation  and  the  internal  air  duct 
system  were  designed  and  built  by  VFW  under  contracts  of  the  German  Ministry  of  Research  and  Technology.  The  tests 
in  DNW  start  with  a  reference  test  phase  concerning  the  A  300  B4  configuration  to  prove  the  test  technique  and  the 
equipment.  The  model  will  be  mounted  with  the  internal  strain  gage  balance  on  the  tail  sting.  The  internal  balance 
is  bridged  by  a  force  free  air  supply  with  separate  feedlines  to  both  simulators. 

The  TPS  nacelles  ace  calibrated  in  the  brand-new  NLR  calibration  tank  at  the  Northeastpolder.  This  tank  closely 
follows  the  Boeing  calibration  tank  philosophy  and  was  especially  designed  and  built  for  engines  of  this  size  and  type. 
The  calibration  process  started  in  August  1982;  the  facility  proved  to  be  very  successful  and  gave  accurate  results. 

Fig.  33  shows  the  TPS  in  the  calibration  facility. 


I 


i 


6-6 


For  the  first  time  in  the  history  of  engine  interference  research  this  model  will  allow  to  simulate  true  second 
segment  climb  conditions  with  asymmetric  flow  and  thrust  conditions  and  at  the  same  time  the  model  scale  will  give 
a  reasonably  high  Reynolds  number.  Together  with  the  additional  possibilities  of  DNW,  e.  g.  moving  belt  ground 
simulation  and  real  time  ground  approximation  this  model  will  launch  a  new  era  of  low  speed  testing. 


5.2  Pressurized  TPS  Testing 

A  most  effective  way  to  increase  the  Reynolds  number  is  to  pressurize  the  wind  tunnel.  This  has  not  been 
possible  with  TPS  operation  up  to  now  because  the  simulators  were  unable  to  withstand  the  high  loads  in  a  pressurized 
tunnel . 

The  new  generation  of  simulators  designed  by  TDI  for  DNW  and  VFW  no  longer  have  these  limitations.  Casings, 
blades  and  bearings  are  stressed  for  operation  under  a  3  bar  environment.  Together  with  the  dimensions  of  the  DNW 
Airbus  model  this  gives  a  mean  chord  Reynolds  number  of  8  .  10^.  It  is  planned  to  use  one  half  of  this  model  for 
a  TPS  half  model  test  set-up  in  the  pressurized  low  speed  tunnel  ONERA  FI  at  Toulouse  as  soon  as  the  necessary 
drive  air  facility  is  available  at  that  tunnel.  The  DNW  model  is  already  prepared  to  be  used  as  a  half  model  and 
is  stressed  for  the  3  bar  environment.  This  test  set-up  will  allow  to  study  Reynolds  number  influence  on  the  inter¬ 
ference  phaenomena  over  a  wide  range  and  so  we  will  get  a  knowledge  about  the  necessary  Reynolds  number  for 
future  engine  interference  studies. 

With  respect  to  these  tests  a  very  important  problem  has  to  be  solved.  Necessarily  there  will  be  a  marked  effect 
of  pressure  level,  i.  e.  Reynolds  number  on  the  TPS  calibration,  so  calibration  over  the  total  pressure  range  is  neces¬ 
sary.  Up  to  now  no  calibration  facility  is  existing  for  this  purpose;  one  would  need  something  like  a  pressurized  cali¬ 
bration  tank.  Possibly  a  concept  may  be  successful  which  uses  a  Mach  number  range  calibration  from  a  standard  cali¬ 
bration  tank  together  with  a  Reynolds  number  extrapolation  derived  from  static  thrust  calibrations  in  the  pressurized 
wind  tunnel . 


5 . 3  New  TPS  development* 

The  development  of  the  new  generation  9  inch  simulators  for  DNW  allowed  simulators  of  other  sizes  to  be  derived 
from  this  advanced  design.  At  the  present  time  two  very  different  simulators  are  under  fabrication  at  TDI  for  VFW.  An 
advanced  small  simulator  with  5  inch  fan  diameter  will  be  delivered  early  In  1983.  This  TPS  allows  the  simulation  of 
large  bypass  ratio  turbofan  engines  like  the  GE  CF6-80C  at  a  scale  of  about  1  ;  18  which  is  a  very  convenient  half 
model  scale  for  the  VFW  low  speed  tunnel  and  for  high  speed  testing  in  some  transonic  tunnels  as  well.  This  TPS  is 
very  closely  built  to  the  DNW  TPS  design  ( see  Fig.  29  )  and  has  the  same  high  performance  single  stage  fan  with 
1  .7  pressure  ratio. 

The  second  simulator,  which  is  under  fabrication  for  VFW,  has  the  remarkable  scale  of  about  1  :  6  related  to 
the  GE  CF6-80C;  the  fan  diameter  is  16  inches.  Fig.  34  shows  the  simulator  ready  for  acceptance  tests.  This  engine 
certainly  is  not  a  toy;  the  power  transmitted  by  the  shaft  to  the  fan  is  more  than  1000  HP.  Again  the  design  is  very 
similar  to  Fig.  28. 

This  engine  will  be  used  together  with  a  large  half  model,  which  was  already  tested  in  the  Modane  SI  tunnel 
in  the  past.  Fig.  35  shows  this  model  in  the  tunnel  ONERA  SI  MA  with  a  through  flow  nacelle.  This  model  allows 
to  do  basic  engine  interference  studies  in  great  detail  and  large  Reynolds  number.  Also  very  realistic  thrust  reserver 
studies  are  possible.  For  more  information  on  this  model  see  Ref.  3. 

Both  engines,  the  5  inch  as  well  as  the  16  inch,  have  the  capability  to  be  operated  in  a  pressurized  environment 
up  to  three  bars.  A  special  utilization  of  the  large  16  inch  simulator  will  be  intake  tests  in  pressurized  tunnels.  This 
utilization  allows  intake  Reynolds  number  pretty  close  to  full  scale  and  the  realistic  presence  of  an  operating  fan. 
Recent  research  (Ref.  4)  has  shown  that  the  presence  of  an  operating  fan  has  an  important  effect  on  the  intake  flow, 
so  the  simple  intake  test  set-up  with  a  suction  line  gives  different  results. 

6.  CONCLUSIONS 

The  work  done  by  VFW  in  the  field  of  low  speed  TPS  testing  up  to  now  leeds  to  the  following  conclusions; 

•  Low  Speed  engine  interference  testing  is  necessary,  because  interference  drag  dependent  on  the  configuration 
are  existing,  which  affect  the  second  segment  climb  performance  and  can  not  be  neglected. 

•  The  simulation  of  high  bypass  ratio  jet  engines  by  TPS  in  low  speed  wind  tunnel  testing  gives  reliable  results. 

If  tests  are  done  with  the  necessary  accuracy,  the  repeatability  of  the  drag  measurement  (  including  calibration 
errors)  is  inside  +  4  drag  counts  for  an  Airbus  half  model  in  the  VFW  tunnel. 

•  During  several  test  campaigns  in  the  VFW  Low  Speed  Tunnel  the  test  technique  proved  to  be  very  useful 

-  to  describe  the  influence  of  power  setting  on  the  flow  field  in  the  region  of  nacelle,  pylon  and  wing; 

-  to  predict  the  influence  of  modifications  on  A/C  drag  and 

-  to  compare  different  A/C  concerning  their  jet  induced  drag  effects. 
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•  Independent  from  engine  airframe  interference  the  external  flow  around  the  engine  has  an  effect  on  the  engine 
thrust  which  is  calibrated  under  static  conditions. 

•  In  some  cases  a  predominant  part  of  the  engine-airframe  interference  affects  the  nacelle  itself.  So, test  set-ups, 
where  the  nacelle  forces  ore  not  weighed,  are  not  suitable  for  low  speed  engine  airframe  interference  tests. 

•  Good  agreement  was  observed  between  wind  tunnel  and  flight  test  with  regard  to  the  tendency  of  interference 
effects.  In  some  cases  the  wind  tunnel  test  resulted  in  smaller  interference  drag  values  than  the  flight  test. 
Possible  causes  may  be: 

Low  wind  tunnel  Reynolds  number. 

-  Asymmetric  full  scale  effects  (  angle  of  yaw,  rudder  deflections  )  of  second  segment  climb  condition  are 
not  existing  in  half  model  wind  tunnel  test. 

-  Accuracy  of  flight  test. 

Further  on,  the  half  model  test  technique  is  well  suited  for  the  general  predevelopment  and  development  work.  The 
complete  model  test  technique  adopted  for  the  DNW  allows  a  realistic  simulation  of  the  second  segment  climb  condi¬ 
tion  and  gives  more  size  for  better  Reynolds  number. 

The  development  of  advanced  TPS  for  operation  in  a  pressurized  environment  up  to  3  bars  allows  a  full  evalua¬ 
tion  of  Reynolds  number  influence  on  engine  interference. 

The  fabrication  of  the  16  inch  TPS  allows  a  half  model  test  set-up  for  detailed  engine  interference  flow  studies 
and  realistic  intake  tests  with  Reynolds  numbers  close  to  full  scale. 
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FIG.  4:  Static  Thrust  Calibration  of  TPS 


FIG.  24:  Wake-Flow,  MTO-Power,  a  =  0 
X/D  =  3.2,  Core  Nozzle  2 


FIG.  25:  Woke-Flow,  MTO-Power,  a 
X/O  =  5.2,  Core  Nozzle  2 


COMPARISON  OF  PREDICTION,  WIND  TUNNEL  AND  FLIGHT 
TEST  DATA  FOR  THE  CANADAIR  CHALLENCER  TURBOFAN  AIRCRAFT 


By:  Fotis  Mavriplis 

Canadai r  Li  ml  ted 
Montreal,  Canada 


SUMMARY 

Results  obtained  by  theoretical  aerodynamic  methods, wind  tunnel  test  and  flight  te->t  .  '  •  l  c-sented  for  the 
Challenger  aircraft  which  features  an  advanced  supercritical  wing,  a  wide  body  and  jC  at  t  -ounted  nacelles. 
These  results  are  of  interest  as  they  represent  one  of  the  first  application-  '  *■  .-anieson's  isolated  wine 
full  potential  flow  transonic  method  to  advanced  wing  design  for  an  aircraft  .ni ch  is  now  in  service. 

The  techniques  used  to  obtain  wind  tunnel  force  and  pressure  distribution  data  at  high  speed  and  Cl--.*  dat  <j 

at  low  speed  are  described.  A  flight  wing  pressure  survey  which  provided  data  tor  comparison  ..i  t’1  .ind  ijnsr ! 
test  results  is  also  described. 

Correlations  of  pressure  distributions  between  theory  and  wind  tunnel  lest  are  presented  to  indicate  the 
capabilities  and  limitations  of  the  isolated  winq  transonic  code.  A  modified  version  of  this  code  to  include 
the  body  effect  shows  good  correlation  with  experiment.  Winq  pressure  and  s panwise  load  distributions  *‘-o 
flight  test  correlate  we  I  I  with  Cor  respondi  ng  data  from  wind  tunnel  tests.  Flight  test  result-,  on 
and  buffet  onset  boundary  correlate  also  well  with  predictions  based  on  wind  tunnel  data.  Based  on  trie 
above  results,  recommendations  are  made  with  respect  to  Reynolds  Number  and  transition  fixing  for  ..ind  tunnel 

testing  of  s  upe  rcri  t  i  ca  I  wings  in  order  to  obtain  good  correlation  with  flight  U- t . 


1.  INTRODUCTION 

Before  dealing  with  the  actual  subject  of  this  paper,  it  is  only  appropriate  to  describe  briefly  the  ain 
features  of  the  Challenger  (Figure  I)  and  highlight  the  areas  that  required  particular  attention  during  tht 
development  of  the  aircraft. 

The  Canadai r  Challenger  is  a  turbofan  business  aircraft  of  ^0,^00  lb  (18,325  kg)  take-off  weight,  capable 
of  i n te r- con t i nen ta I  flight  at  high  subsonic  cruise  speeds.  Its  main  aerodynamic  features  are:  a  rear- 
loaded  supercritical  wing,  a  wide-bodied  fuselage,  large  diameter  enqine  nacelles  mounted  on  the  rear 
fuselage  above  the  wing  trailing  edge  and  a  T- tail  empennage  configuration. 

The  combination  of  a  supe rcr i t i ca  I  wing  with  high  by-pass  turbofan  engines  provides  the  basis  for  a  ■  ue I 
efficient  cruise  at  supercritical  Mach  Numbers.  The  wide-bodied  fuselage  was  chosen  in  order  to  provide, 
for  the  first  time,  a  comfortable  cabin  environment  for  executive  air  travel. 

From  the  viewpoint  of  aerodynamic  efficiency  both  the  wide-bodied  fuselage  and  the  bulky  rear  mounted 
nacelles  of  the  high  by-pass  turbofans  are  not  desirable  features.  The  proper  integration  of  these  major 
components  with  the  wing  to  provide  an  acceptable  con f i gurat ion  for  high  subsonic  cruise  was  a  challenging 
aerodynamic  problem  which  required  particular  attention. 

At  the  time  the  Challenger  was  conceived,  supercritical  wing  technology  was  relatively  new  and  there  was  no 
information  available  at  Canadair  on  its  application  to  flying  aircraft.  There  were  various  transonic  codes 
available  which  could  be  used  to  design  airfoil  sections  but  the  3-D  transonic  codes  were  limited  in  various 
ways  and  were  not  proven  expe  ri  menta  1  ly .  Therefore  before  proceeding  with  the  development  of  the  Challenger, 
it  was  necessary  to  show  experimentally  that  (a)  the  new  methods  could  be  applied  with  confidence  to  design 
a  supercritical  wing  and  (b)  an  acceptable  wing-body-nacelle  configuration  for  cruise  performance  could  be 
defined  within  a  relatively  short  time  by  wind  tunnel  testinq. 

In  this  paper  some  of  the  methods  and  techniques  used  for  the  development  of  the  Challenger  will  be  discussed 
and  data  will  be  presented  to  show  the  degree  of  correlation  between  predi ct i on, wi nd  tunnel,  and  flight  test 
resul  ts . 


2.  WIND  TUNNEL  TESTING 

Wind  tunnel  testing  played  a  significant  role  in  the  development  of  the  Challenger.  Specifically  the  decision 
to  go  ahead  with  the  program  depended  primarily  on  the  successful  outcome  of  one  transonic  wind  tunnel  test 
at  the  end  of  a  seven-month  preliminary  study. 

The  purpose  of  this  test  was  to  verify  expe ri men ta 1 ly  the  wing  design  approach  which  was  based  on  the  new 
transonic  codes  and  to  show  that  fuselage  and  nacelle  interference  effects  were  manageable.  The  test  was 
conducted  at  the  NAE  5x5  foot  Trisonic  Tunnel  in  Ottawa  using  a  0.04  scale  model  in  80  hours  of  testing. 
Figure  2  shows  a  photograph  of  an  oil  flow  vi sua  I  i zat ion  from  that  test  at  Mach  Number  0.85.  By  using 
natural  transition  and  a  Reynolds  Number  of  5  million,  it  was  possible  to  obtain  a  realistic  picture  of  the 
flow  situation  in  flight. 

Figure  3  shows  wind  tunnel  test  hours  accumulated  since  the  start  of  the  preliminary  study  relative  to 
some  program  milestones.  After  program  go-ahead  there  were  two  significant  phases  of  wind  tunnel  testing. 

The  first  phase  provided  sufficient  data  to  enable  fixing  of  the  aerodynamic  configuration  within  six  months 
from  program  go-ahead.  During  this  phase  several  wing  designs,  empennage  configurations  and  nacelle/pylon 
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positions  were  tested  with  the  0.C4  scale  node!  at  hiqh  speed  and  with  a  0.08  scale  node!  at  low  speed. 
In  addition,  the  flap  and  spoiler  system  was  developed  and  optimized  using  a  2D  low-speed  mode  I . 


The  second  phase  provided  all  the  necessary  data  for  performance,  design  of  flight  control  system,  handling 
qualities  and  definition  of  structural  loads  for  the  final  configuration.  These  tests  were  done  with  a  0.07 
scale  high-speed  model  at  the  Rockwell  Trisonic  and  a  0.08  scale  i-ode  I  at  the  NAE  6  x  9  toot  Low  Speed  Tunnel. 

All  wind  tunnel  tests  were  completed  before  the  first  flight  in  less  than  two  years  logging  a  total  of  about 
2,000  hours  of  testing. 

3.  CORRELATION  OF  WING  PRESSURE  DISTRIBUTIONS 

3.1  Wind  Tunnel  Test  Technique 

Two  of  the  main  objectives  of  the  wind  tunnel  test  program  were  to  obtain  f i rs t,  re  1 i ab  1e  data  for  drag 
estimation,  and  second,  detailed  pressure  distributions,  at  supercritical  flow  conditions. 

The  pressure  distribution  data  were  required  for  the  derivation  of  structural  loads  and  for  substantiating 
the  flight  loads  at  high  speed  for  certification  purposes.  The  latter  requirement  was  indicated  by  Transport 
Canada  early  in  the  program  since  the  Challenger  was  the  first  airplane  with  a  supercritical  wing  seeking 
certification.  The  experimental  pressure  distributions  were  also  required  as  feedback  information  to 
check  the  transonic  code  FLO  22  used  for  designing  the  wing,  and  to  interpret  the  body  and  nacelle  inter¬ 
ference  effects  on  aerodynamic  performance. 

For  the  acquisition  of  drag  data,  it  was  decided  to  use  the  highest  possible  Reynolds  Number  with  transition 
fixed  on  all  major  components  except  on  the  wing  where  transition  was  allowed  to  occur  naturally.  By  using  a 
0.07  scale  model,  a  series  of  tests  was  conducted  at  the  Rockwell  7x7  foot  Trisonic  Wind  Tunne I  at  Reynolds 
Numbers  of  6.7  million,  5*1  million  and  3.7b  million  per  mean  aerodynamic  chord.  The  airplane  drag  for 
flight  at  the  design  cruise  condition  (M  =  0.8,  Cl  =  0.5)  was  then  obtained  by  ext rapo lat i ng  the  wind  tunnel 
data  to  a  full  scale  Reynolds  Number  of  9.3  million  and  correcting  for  laminar  areas  due  to  the  difference 
in  transition  location. 

Figure  **  shows  the  0.07  scale  Challenger  model  installed  in  the  Rockwell  Trisonic  Tunnel  facility.  The 
model  wing  was  made  out  of  hardened  steel  and  was  designed  to  achieve  in  the  tunnel  the  same  spanwise  twist 
distribution  as  the  aircraft  in  level  flight,  when  tested  at  the  design  cruise  condition.  The  left  side  of 
the  wing  was  plot  ted  with  210  static  pressure  orifi  ces  so  as  to  provi  de  de  tai  led  chordwi  se  pressure  distri- 
butions  at  six  wing  sections  along  the  span. 

For  the  pressure  measurements  it  was  necessary  to  use  a  lower  Reynolds  Number  than  6.7  million  not  only  for 
increasing  the  efficiency  of  data  acquisition  but  also  because  Rockwell  was  threatened  with  a  law  suit  by 
its  neighbours  for  disturbing  the  peace  with  a  noisy  tunnel  operation.  As  described  in  the  next  paragraphs, 
a  Reynolds  Number  of  3.75  million  was  selected  after  a  series  of  comparative  tests  at  Reynolds  Numbers  of 
3.75  million  and  5.1  million  including  flow  v i sua I i zat i ons  and  tests  with  fixed  transition. 

3.2  Effect  of  Reynolds  Number  and  Transition  Trip 

Figures  5  and  6  show  the  effect  of  changinn  Reynolds  Number  from  3-75  million  to  5-1  million  with  free 
transition,  on  the  pressure  distributions  oi  four  streamwise  wing  sections  along  the  span  at  Mach  Numbers 
of  0.8  and  0.85  respectively. 

It  can  be  seen  that  at  Mach  Number  of  0.8,  increasing  the  Reynolds  Number  from  3*7  million  to  5.1  million 
had  no  noticeable  effect  on  the  wing  pressure  distributions  and  therefore  no  effect  on  spanwise  loading. 

At  Mach  Number  of  0.85,  however,  there  is  a  noticeable  effect  only  at  the  85  percent  span  wing  station. 

The  shock  appears  to  have  shifted  forward  by  a  length  of  8  percent  chord  causing  a  reduction  in  load  over 
the  outboard  wing.  This  effect  was  considerably  smaller  at  a  lower  lift  coefficient  corresponding  to  the 
high  speed  cruise  condition. 

In  order  to  te^t  the  effect  of  transition  trip  on  draq  and  pressure  distribution,  flow  v  i  s  ue  I  i  z  a  t  i  ons  were  first 
made  at  a  Reynolds  Number  of  3.75  million  to  determine  the  extent  of  the  laminar  flow  regions  and  their 
relative  location  to  the  shock  wave.  These  tests  showed  that  natural  transition  from  laminar  to  turbulent 
flow  at  a  Reynolds  Number  of  3.75  million  occurred  a  fair  distance  ahead  of  the  shock  at  high  Mach  Numbers. 
Using  these  flow  visualizations  as  a  guide,  a  transition  trip  was  then  placed  on  the  wing  upper  surface  at 
a  distance  of  about  10  to  13  percent  chord  length  forward  of  the  shock.  No  trip  was  placed  on  the  bottom 
surface  because  the  flow  vi sua I i za t i on  showed  that  transition  was  fixed  ai  about  **  percent  chord  aft  of  the 
leading  edge  due  to  a  coverplate  joint  extending  from  inboard  to  the  90  percent  semispan  station.  The  trip 
was  a  0.1  inch  (2.5**  mm)  wide  band  of  0.0032  inch  ( 0 . 0  8  mm)  diameter  glass  beads,  based  on  the  method  of 
Bras  low  (Ref.  I). 

The  results  from  these  tests  are  shown  in  Figures  7  and  8  as  trip-no-trip  comparisons  of  pressure  distri¬ 
butions  at  a  Reynolds  Number  of  3-75  million  at  Mach  Numbers  of  0.8  and  0.85  respectively. 

Figure  7,  shows  that  at  Mach  Number  of  0.8  the  transition  trip  had  no  noticeable  effect  on  the  pressure 
distribution  and  therefore  no  effect  on  spanwise  loading.  Fiqure  8,  shows  that  a  Mach  Number  of  0.85  the 
effect  of  transition  trip  was  similar  to  that  of  increasing  the  Reynolds  Number  from  3*75  million  to 
5.1  million.  Only  over  the  85  percent  semispan  station  does  t  he  shock  appear  to  have  shifted  forward  by  an 
8  percent  chord  length. 

Based  on  the  above  results  a  Reynolds  Number  of  3*75  million  was  selected  with  natural  transition  on  the 
wing  for  all  subsequent  pressure  measurements. 


3.3  Wind  Tunnel  -  Theory  Correlations 


3.3.1  Body  Effect 

The  Challenger  wing  was  designed  with  the  aid  of  Jameson  transonic  wing  computer  code  FLO  22  (Ref.  2  l  3)- 
This  method  solves  the  full  potential  transonic  equation  in  non-conse rvat i ve  form  for  an  isolated  wing  of 
arbitrary  thickness,  twist  and  camber  distributions  and  dihedral. 

The  first  correlations  of  FLO  22  results  with  experimental  pressure  distributions  for  the  Challenger  wing/ 
fuselage  con  f  i  gura  t  ion  were  quite  di  c  ippoi  n  t  i  ng.  There  was  poor  correlation  at  the  inboard  wing  station*- 

at  Mach  Number  0.  7  and  also  at  the  outboard  stations  at  higher  Mach  Numbers.  In  order  to  provide  an  answer 
to  this  problem,  FLO  22  was  first  checked  with  WBAERO,  an  inviscid  subsonic  panel  method  which  can  handle 
arbitrary  complete  aircraft  configurations.  Figure  9  shows  the  geometry  that  can  be  specified  for  WBAERO 

an  a  I  y  s  i  s  , 

Correlations  of  WBAERO  with  FLO  22  for  an  isolated  wing,  as  used  in  FLO  22,  at  Mach  Number  0.7  appeared  to 
be  in  good  agreement.  WBAERO  correlated  also  we  1  I  with  the  wind  tunnel  data  at  the  inboard  wing  stations 
at  Mach  0.7  when  the  fuselage  and  fairing  geometry  were  represented.  It  became  clear  the  re  I  ore  that  the 
poor  correlation  between  wind  tunnel  data  and  FLO  22  was  mainly  due  to  an  inadequate  representation  ,,t  t‘;e 
t  use  I  age  and  lairing  in  FLO  22. 

An  improved  transonic  method  for  analyzing  the  wing  in  combination  with  a  wide-body  like  that  of  the 
Challenger  was  developed  at  Canadai  r  as  an  extension  of  Jameson's  FLO  22  incorporat  inn  the  bods  effect*'. 

The  method  is  based  on  the  calculation  of  the  flow  angle  on  a  vertical  place  through  the  wing/body  junction 
by  using  WBAERO  tor'  the  exact  wing  +  body  +  fairing  geometry.  This  flow  angle  is  then  use  a  as  a  perturfcatiun 
of  the  flow  in  the  Jameson  method  simulating  the  body  +  fairing  at  the  root  section  plane. 

Figure  10  shows  comparisons  of  calculated  pressure  distributions  with  wind  tunnel  data  from  Rockwell  tests 
at  Mach  Number  of  0.82  and  an  angle  of  attack  of  1.5  degrees  for  two  inboard  and  three  outbojrd  wing  stations. 
It  can  be  seen  that  the  correlation  of  FLO  22  with  experiment  is  poor  especially  at  the  inboard  stations. 

On  the  other  hand,  the  results  of  the  new  method  incorporating  the  body  effect  correlate  much  better  with 
the  experimental  data.  From  these  data  the  effect  of  the  fuselage  and  fairing  appears  to  be  particularly 
strong  at  the  root  and  appears  to  extend  to  the  tip. 

3.  3.2  Nace  lie  Ef  feet 

The  effect  of  body  mounted  nacelles  on  wing  pressure  di  s  t  ri  but  ions  is  more  complex  than  that  of  the  body. 

To  understand  this  effect  requires  both  methodical  wind  tunnel  testing  and  analysis  with  methods  that  can 
calculate  the  flow  over  complete  aircraft  configurations. 

Ac  suberi  deal  flow  conditions  the  nace  lie  effect  can  be  calculated  ly  using  a  panel  method  like  WBAERO. 

Figure  II  shows  spanwise  wing  loadings  from  WBAERO  and  wind  tunnel  rr  s-'ire  integrations  for  configurations 
with  and  without  nacelles  at  Mach  0.7.  It  can  be  seen  that  WBAERO  predict.  .  II  the  nacelle  effect  which 
appears  as  a  reduction  of  spanwise  loading  at  the  inboard  wing  and  an  increase  of  loading  outboard. 

A  transonic  method  that  can  calculate  the  effect  of  nacelle  interference  at  supercritical  flow  conditions 
has  recently  been  developed  based  on  small  disturbance  theory  (Ref.  b) .  An  exact  transonic  potential  flow 
method  like  Jameson's  to  handle  wing-body-nacelle  configurations  is  still  to  be  developed. 

For  the  Challenger  the  effect  of  nacelle  at  supercritical  speeds  was  obtained  through  wind  tunnel  testing. 

Figure  12  (a)  shows  experimental  wing  pressure  distributions  for  wing/body  alone  and  complete  aircraft  con¬ 
figuration  at  Mach  Number  of  0.8  and  constant  angle  of  attack.  The  effect  of  the  nacelle  appears  as  a 
considerable  loss  of  lift  and  a  forward  shift  of  the  shock  wave,  and  extends  over  the  entire  wing  span. 

Figure  12  (b)  shows  the  nacelle  effect  at  constant  lift  coefficient.  It  should  be  noted  that  an  increase 
in  angle  of  attack  of  1.25  degrees  was  required  to  restore  the  loss  in  overall  lift  due  to  the  nacelles  in 
this  case.  The  effect  is  shown  as  an  increase  :n  shock  strength  across  the  entire  span  for  the  nacelles-on 
configuration,  a  forward  shift  in  shock  location  over  most  of  the  wing,  and  a  rearward  shift  over  the  out¬ 
board  25  percent  of  wing  span.  In  addition  there  is  a  shift  in  spanwise  loading  from  inboard  to  outboard 
similar  to  but  more  pronounced  than  the  effect  at  Mach  0.7  shown  in  Figure  II.  The  overall  result  of  this 
effect  is  a  loss  in  performance. 

It  is  obvious  that  fuselage  mounted  nacelles  dominate  the  performance  of  the  inner  wing  and  must  therefore 
be  also  taken  into  account  in  the  design  of  a  wing. 

In  an  effort  to  modify  the  inner  wing  to  compensate  for  the  nacelle  effect,  it  was  discovered  that  one 
cannot  apply  the  rule,  that  Ma  wing-body  combination  that  performs  well  by  itself  will  also  perform  well 
in  the  presence  of  the  nacelles'*.  On  the  contrary,  the  modified  wing  that  showed  improved  performance  in 
the  presence  of  the  nacelles  was  worse  than  the  original  one  when  tested  as  a  wing-body  alone. 

3.1*  Flight  Wing  Pressure  Survey 

Two  flight  wing  pressure  surveys  were  conducted  to  collect  data  for  comparison  with  wind  tunnel  test  results. 

The  first  survey  was  required  for  certification  purposes  to  confirm  the  loads  of  the  Challenger  supercritical 
wing  in  flight,  which  were  based  on  wind  tunnel  tests.  The  second  pressure  survey  was  conducted  as  part  of 
an  in-house  development  program  after  the  aircraft  was  certified.  In  both  those  fliqht  tests,  chordwisc 
pressure  distributions  were  measured  with  an  external  flexible  tubing  and  scanivalve  installation  as  shown 
in  Figure  13- 
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The  first  test  using  aircraft  no.  3*  provided  pressure  meas urenen t s  at  only  three  spamvise  locations  on  the 
outboard  wing.  For  the  second  test  using  aircraft  no.  9,  two  more  spanwise  locations  for  pressure  measure¬ 
ments  were  added  at  the  inboard  wing. 

At  each  spanwise  station  a  bank  of  plastic  tubing  of  0.096  inch  (2.44  nm)  inside  diameter  and  0.1875  inch 
(4.76  mm)  outside  diameter  was  installed  on  the  upper  and  lower  surface.  There  was  one  pressure  orifice 
per  tube,  each  spanwise  station  having  a  total  of  33  orifices  (tubes)  on  aircraft  no.  3  and  20  orifices 
(tubes)  on  aircraft  9.  The  chordwise  and  spanwise  pressure  orifice  locations  on  the  aircraft  were  the  same 
as  on  the  wind  tunnel  model  to  permit  direct  comparison  between  flight  and  wind  tunnel  results. 

Each  bank  of  tubes  was  secured  on  the  wing  surface  by  means  of  a  double-sided  sticky  tape  after  first 
covering  the  wing  surface  with  an  aluminum  tape  as  shown  in  Section  A-A  of  Figure  13-  A  sealant  was  used 
for  aerod.namic  fairing.  The  purpose  of  the  aluminum  tape  was  to  provide  quick  and  clean  removal  of  the 
tubing  after  the  test. 

Three  scanivalves  were  used  on  aircraft  no.  3  and  four  on  aircraft  no.  9»  each  fitted  with  differential 
pressure  transducers,  to  measure  the  wing  pressures.  The  scanivalves  were  operated  at  8  ports  per  second 
with  one  complete  cycle  of  all  48  ports  per  scani valve  requiring  6  seconds. 

In  order  to  obtain  an  accurate  measurement  of  the  static  pressure,  aircraft  no.  3  was  fitted  with  a  trailing 
cone  system  measuring  the  static  pressure  124  ft.  (38  m)  behind  the  aircraft.  Total  pressure  was  provided 
by  a  nose  boom  mounted  pitot-static  system.  The  trailing  cone  static  was  used  as  a  reference  pressure  on 
the  scanivalves.  On  aircraft  no.  9,  the  pilot's  static  was  used  as  a  reference  pressure  after  the  pilot's 
pitot-static  system  had  been  calibrated  by  Pacer  and  tower  flyby  tests. 

Figure  14,  15  and  16  show  photographs  of  the  flexible  tube  installation  on  ai rcraft  no.  3-  Figure  14  shows 
the  installation  on  the  upper  surface  of  the  port  wing.  Figure  15  shows  a  close-up  view  of  the  outboard 
wing  station  at  mid  span  of  the  aileron.  Figure  16  shows  the  installation  on  the  lower  surface  at  the  break 
of  the  wing. 

The  flight  test  points  included  at  least  three  lift  coefficients  at  each  of  Mach  Numbers  0.7,  0.8  and  0.85, 
for  which  wind  tunnel  data  were  available. 

3.5  Flight  -  Wind  Tunnel  Correlations 

Both  flight  wing  pressure  surveys  provided  similar  results.  In  this  paper,  only  results  from  the  second 
survey  (aircraft  no.  9)  are  presented  because  they  include  both  the  inboard  and  outboard  wing. 

Figure  17  shows  a  comparison  of  wing  chordwise  pressure  distributions  from  flight  and  wind  tunnel  test  at 
Mach  0.8  and  a  cruise  lift  coefficient  at  about  0.42.  The  wind  tunnel  test  data  were  taken  at  a  Reynolds 
Number  of  3.77  million  per  mean  aerodynamic  chord  with  free  transition  on  the  wing.  The  flight  Reynolds 
Number  was  about  12  million. 

It  can  be  seen  that  the  flight  test  pressure  distributions  correlate  well  with  the  corresponding  data  from 
wind  tunnel  tests.  There  are  however  some  noticeable  differences  at  the  root  section  (•■  =  O.I35)and  mid¬ 
aileron  section  (rj  =  0.85). 

The  irregular  behaviour  of  the  wind  tunnel  data  near  the  leading  edge  of  the  root  was  found  to  be  caused  by 
model  construction  i r regu la ri t i es .  Notice  that  the  aircraft  data  in  the  same  area  are  smooth.  The  higher 
suction  peak  of  the  flight  test  data  near  the  leading  edge  of  the  mid-aileron  section  (•  =  0.85)  is  due  to 
a  poor  fairing  of  the  external  tubing  installation.  Finally,  the  slightly  lower  load  on  the  aft  part  of 
the  mid-ai ieron  section  is  believed  to  have  been  caused  by  a  2  degree  upward  ai leron  deflection  which  was 
required  to  trim  the  ai  rcraft  during  that  flight. 

An  interesting  result  of  these  tests  is  a  slightly  more  aft  position  of  the  shock  wave  in  fliqht,  indicating 
an  improvement  in  aerodynamic  performance  relative  to  the  wind  tunnel  data.  This  may  be  due  to  the  fact 
that  the  model  did  not  achieve  the  design  twist  distribution  when  tested  at  a  Reynolds  Number  of  3-77  million. 

Figure  18  shows  a  comparison  between  flight  and  wind  tunnel  spanwise  loading  distributions  obtained  by  the 
integration  of  respective  chordwise  pressure  distributions  at  Mach  Number  of  0.7  and  0.8,  and  C|_  of  0.51 
and  0.42  respectively.  There  is  very  good  agreement  between  flight  and  wind  tunnel  data  except  at  the  root 
and  mid-aileron  stations  where  the  disagreements  reflect  the  differences  in  the  test  con f i qurat i ons  discussed 
above . 

4.  ClmAX  CORRELATIONS 
4.1  High  Lift  System  Design 

The  design  of  the  high-lift  system  was  one  of  the  earliest  tasks.  The  objectives  were  to  meet  the  required 
take-off  and  landing  performance  with  a  simple  flap  system  and  no  leading  edge  device.  The  available  space 
for  a  flap  was  a  27-percent  chord  trailing  edge  outboard  and  an  average  of  21-percent  chord  inboard. 

A  double-slotted  flap  with  a  fixed  vane  and  slot  was  chosen  for  the  outboard  wing  and  an  expanding  type  of 
vane-and- f I ap  system  inboard  to  increase  the  flap  chord.  The  flaps  were  rotating  around  an  external  hinge. 
Figure  19  shows  a  cross-sect  ion  of  the  outboard  flap  in  cruise,  take-off  and  landing  positions  together 
with  the  spoiler  in  the  down  position.  At  take-off  it  operates  like  a  20  percent  chord  single  slotted  flap. 

The  2-D  design  and  optimization  of  the  flap  and  vane,  i nc I udi ng  their  relative  position  and  gaps  and  overlap, 
for  take-off  and  landing,  were  accomplished  with  the  aid  of  MORAG,  a  2~D  mul  t  i  -e  lenient  airfoil  code  developed 
at  Canadai r,  MDRAG  is  a  potential  flow  method  combined  with  a  boundary  layer  program.  The  potential  Mow 
method  is  based  on  the  representat ion  of  the  airfoil  profi les  by  flat  elements  of  constant  vort icily 
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distribution.  A  detailed  description  of  the  potential  flow  method  is  included  in  Ref.  5  and  6.  The  program 
provides  the  potential  flow  pressure  distribution,  the  corrected  lift  coefficient  due  to  boundary  layer 
including  small  areas  of  separation,  the  drag  coefficient  and  the  transit  ion  and  separation  points.  F roc- 
separation  point  location  versus  angle  of  attack  plots,  one  can  estimate  the  angle  at  which  stall  occurs 
and  therefore  also  the  2-0  C|_max,  by  using  as  a  criterion  a  sudden  change  in  forward  >  mvesen  I  of  (fu¬ 
se  pa  rat  ion  point. 

The  estimated  2-D  Cj_max  was  then  used  as  a  basis  in  conjunction  with  DATCOM  methods  for  the  initial  esti-ate 
of  the  full  scale  3-D  C|_max. 

A  2-D  test  was  conducted  at  the  NAE  6x9  foot  Low  Speed  Tunnel  using  the  Canada!  r  2-0  Blowing  Wall  Fatilit.. 
This  facility,  described  in  detail  in  Ref.  Ut  was  designed  to  provide  true  2-D  test  data  for  high  lift 
systems.  The  purpose  of  this  test  was  to  verify  theoretical  2-D  flap  design  and  to  obtain  data  on  ->poi  ler 
characteristics.  A  total  of  only  80  hours  of  testing  was  used  for  these  tests. 

^ . 2  2-D  Theory  -  Wind  Tunnel  Correlation 

Figure  20  shows  a  comparison  of  the  potential  flow  pressure  distribution  with  2-D  wind  tunnel  data  for  US 
flap  deflection  near  CLmax*  ^  can  seen  that  in  spite  of  the  small  separation  area  (6  percent  chord*  at 
the  flap  trailing  edge,  the  potential  flow  pressure  distribution  follows  the  viscous  pressure  distribution 
at  somewhat  lower  level  of  suction  on  the  top  surfaces.  The  difference  between  theoretical  and  expo  r  i -  vi  t  a  I 
data  represents  the  effect  of  a  thick  boundary  layer  on  these  surfaces. 

Figure  21  shows  a  comparison  between  theoretical  and  experimental  data  of  2-D  lift  coefficient  versus  angle 
of  attack  and  Cj_max  predictions  based  on  theoretical  separation  point  location.  Again,  the  prediction 
appears  to  be  very  good. 

Because  of  the  good  agreement  between  2-D  theory  and  test,  the  initial  estimate  of  full  scale  Cl^  remained 
unchanged. 

U.  3  3-D  High  Lift  Wind  Tunnel  Tests 

The  3-D  high  lift  wind  tunnel  tests  were  carried  out  with  a  0.08  scale  Challenger  model  at  the  NAE  6x9  loot 
low  speed  tunnel.  It  was  realized  from  the  beginning  that  this  combination  of  scale  and  tunnel  involved  a 
risk  due  to  a  very  low  Reynolds  Number  but  there  was  no  alternative  of  using  a  larger  tunnel  and  model  at 
that  time.  The  actual  conditions  were  a  Reynolds  Number  of  1.16  million  per  mean  aerodynamic  chord  at  Mach 
Number  of  0.27.  The  flap-vane  Reynolds  Number  under  these  conditions  was  below  100,000. 

The  initial  tests  conducted  with  a  conventional  transition  trip  showed  a  lower  Ci_niax  than  predicted  for  the 
test  conditions,  and  stalling  of  the  flap  at  45  degree  deflection.  The  stalling  of  the  flap  at  US  degrees 
was  assumed  to  be  due  to  the  very  Reynolds  Number  of  the  vane,  but  there  was  no  proof  of  it  until  flight 
tes  r i ng. 

An  explanation  for  the  lov  CLmax  performance  was  found  by  testing  the  cruise  configuration  at  Rockwell  at  a 
Reynolds  Number  of  2.16  million  and  a  Mach  Number  of  about  0.25.  At  these  conditions  CLmax  was  as  expected. 

An  examination  of  Rockwell  pressure  distributions  near  the  stall  revealed  that  the  problem  at  NAE  was  one  of 
shock  induced  separation  of  the  laminar  boundary  layer  at  the  leading  edge.  Due  to  the  blunt  leading  edge 
of  the  supercritical  wing  the  pressure  peaks  occured  forward  of  one  percent  chord  with  transition  taking 
place  at  about  one  percent  chord.  At  about  mid-span  of  the  wing  leading  edge,  the  local  velocities  became 
supercritical  at  a  test  Mach  Number  of  0.27  at  NAE  terminating  with  a  shock  that  interfered  with  the  laminar- 
separation  bubble  causing  it  to  spread  over  the  outboard  wing.  This  did  not  happen  at  Rockwell  because  at 
Mach  0.25  the  flow  was  just  about  critical  and  the  Reynolds  Number  sufficiently  high  to  reduce  the  size  of 
the  bubble, thus  allowing  a  higher  angle  of  attack  and  CLmax  to  be  achieved. 

Based  on  the  results  of  this  investigation,  the  location  of  the  upper  surface  transition  trip  for  the  NAE 
tests  was  moved  forward  from  the  5-percent  chord  location  and  just  below  the  leading  edge  (i.e.  between 
stagnation  point  and  pressure  peak  locations  at  high  lifts).  The  lower  surface  trip  was  moved  to  15  percent 
chord.  With  this  trip  configuration,  C Ln1a x  increased  by  0.2  over  the  initial  test  values. 

The  full  scale  l-g  CLmax  was  then  obtained  by  applying  corrections  for  Reynolds  Number  and  Mach  Number,  based 
on  DATCOM  methods,  to  the  NAE  data  with  the  new  trip  location. 

*4. A  Correlation  with  Flight  Test  Results 

The  natural  stalling  characte  r  i  s  t  i  cs  of  the  Challenger  were  predicted  by  an  analysis  of  wind  tunnel  test 
results  including  pitching  and  rolling  moments. 

Flight  tests  showed  that  the  stall  is  characte  rized  by  a  sudden  wing  drop  with  no  noticeable  stall  warning 
like  a  '  g 1  break  or  nose  down  moment.  Recovery  is  accomplished  by  the  pilot  pushing  the  control  column 
forward  and  applying  power  and  opposite  wing-down  aileron. 

Like  most  modern  aircraft,  the  Challenger  is  equipped  with  a  stall  protection  system  consist  inu  ot  .i 
stick  shaker  stall  warning  system  and  a  stick  pusher  system  using  angle  of  attack  sensors  and  a  dual  channel 
computer.  With  this  system  the  stall  is  characte ri zed  by  a  nose  down  moment  as  the  stick  pusher  is  operated 
at  a  lower  angle  of  attack  than  for  the  natural  stall. 

For  a  correlation  with  wind  tunnel  results  and  prediction,  it  is  necessary  to  use  first  the  maximum  lift 
coefficients  obtained  from  natural  stalls  during  flight  test.  According  to  the  U.S.  Federal  Aviation 
Regulations,  these  are  obtained  by  determining  the  minimum  speed  when  entering  the  stall  with  a  deceleration 
rate  of  I  knot  (1.85  km/hr)  per  second. 
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Thi.-  £  L  obtained  t  roii‘  such  FAh  stalK  i higher  than  that  corresponding  to  the  1-g  condition,  i.e.  zero 

deceleration  rate,  of  the  wind  tunnel  test  For  this  purpose  the  I  -  g  C  Ln-,o^c  the  airplane  w3‘j  deter*'inecJ 
!>*  e  x  t  r  ipo  luting  flight  test  data  of  various  entry  rates  into  the  stall  to  zero  deceleration  rate. 

Figure  2?  sho-..,.  h  AS  CL:.ax  and  l-g  Cl,:,jx  from  flight  tests  in  comparison  with  predictions  of  I  -  q  CLnax  based 
wn  .,nij  tunnel  1,'sts,  and  2-D  theory  and  DATCOM  respectively.  In  addition,  the  wind  tunnel  C|_;nax  ‘  s 
presented  to  show  the  large  gap  between  the  model-scale  and  full-scale  data  in  this  case. 

The  jy reorient  between  flight  and  wind  tunnel  l-g  Ci_max  is  quite  good  considering  the  large  extrapolation  of 
the  wind  tunnel  data. 

The  prediction  based  on  2-D  theory  and  DATCOM  appears  to  overestimate  Ci_max  when  the  flap  is  deflected,  with 
the  discrepancy  increasing  with  flap  angle.  This  is  probably  due  to  the  inability  of  such  a  method  to 
account  for  all  three-dimensional  effects  and  nacelle  interference.  Wind  tunnel  tests  showed  a  loss  of 
about  0.05  in  Cl,hjx  due  to  the  installation  of  the  nacelles  at  a  40  degree  flap  deflection. 

5.  CORRELATION  0^  BUFFET  BOUNDARY 

1  he  prediction  of  the  buffet  boundary  was  derived  from  an  analysis  of  available  wind  tunnel  data  based  on 
the  principles  established  bv  Pearcey  and  Holder  (Ref.  7  and  8). 

According  to  Pearcey  and  Holder  buffeting  usually  occurs  when  flow  separation  on  a  wing  has  a  direct  c’fect 
on  the  total  loading.  This  means  a  change  in  wing  circulation  and  therefore  a  change  in  mean  trailing 
edge  pressure.  Therefore  buffeting  is  indicated  hy  a  lift  loss  and  a  divergence  of  the  mean  trai  ting  edge 
pressure  compared  with  l  lie  linear  variation  with  angle  of  at  toe’s  for  attached  flow. 

Based  on  these  principles,  kinks  (defined  by  changes  in  slope)  in  the  curves  of  Cl  and  Cm  versus  angle  of 
attack  wore  used  a >  follows  to  estimate  buffet  houndar i o »  for  the  high  Mach  Number  range.  The  fist  kink 
.-as  used  for  buffet  onset,  the  second  kink  for  moderate  buffet,  and  the  third  kink  for  heavy  buffet.  The 
wind  tunnel  data  used  were  at  a  Reynolds  Number  of  6.7  million  as  compared  with  10  mi  I  I  i  on  for  full  scale. 

An  analysis  of  trailing  edge  (100  percent  chord)  pressure  data  measured  at  a  Reynolds  Number  of  3*75  mi  I  I i on 

showed  that  at  a  given  Mach  Number  separation  occured  first  at  a  semi-span  station  of  0.675.  The  divergence 

of  the  trailing  edge  pressure  of  this  station  rather  than  that  of  the  mean  pressure  was  used  to  define 

buffet  onset  as  an  alternative  method  for  high  Mach  Numbers. 

For  the  lev/  Mach  Number  range,  the  buffet  boundary  was  taken  to  be  that  of  Ci|liax  derived  from  !o..  speed 
wind  tunnel  tests  with  appropriate  corrections  for  full  scale. 

Figure  23  shows  the  buffet  boundary  of  the  Challenger  from  flight  tests  in  comparison  with  such  predictions 
in  terms  of  CL  versus  Mach  Number.  Shown  in  this  figure  are  the  predicted  areas  of  I i qh t  ,  ©derate  and 
heavy  buffet  based  on  the  method  of  kinks.  In  addition,  the  predicted  buffet  onset  boundary  based  on 
trailing  edge  pressure  divergence  is  shown  as  a  solid  line  within  the  light  buffet  area. 

The  flight  test  data,  shown  by  solid  symbols,  represent  stalls  characte r i zed  by  wing  drop.  Pre-stall  buffet 
occurred  only  at  Mach  Numbers  of  0.35  and  higher.  The  open  symbols  represent  flight  test  data  of  buffet 
onset  defined  by  an  acce le rome te r  reading  of  ±0.05  g  at  the  airplane  centre  of  gravity.  This  coincided 
also  with  the  first  perceptible  buffet  at  the  cockpit  by  the  pilot. 

The  agreement  between  flight  and  prediction  appears  to  be  very  good.  The  flight  test  data  show  buffet  onset 
to  occur  rather  above  the  predicted  boundary,  based  on  the  first  kink  in  the  force  data,  and  as  high  as  the 
predicted  moderate  buffet  boundary.  The  prediction  based  on  trailing  edqe  pressure  divergence  appears  to 
represent  the  average  of  the  scatter. 

Figure  25  shows  also  that  there  is  adequate  separation  between  normal  cruise  conditions  and  buffet  onset 
for  maneuvers  and  gusts.  The  minimum  margins  are  in  the  order  of  0.05  in  ' M  and  0.5  q  in  C^. 

CONCLUDING  REMARKS 

The  development  of  a  modern  transonic  aircraft  was  accomplished  in  a  remarkably  short  time  by  using  (a) 
advanced  aerodynamic  computer  methods  as  a  design  tool  and  (b)  wind  tunnel  testing  for  configuration  refine¬ 
ment  and  prediction  of  flight  characteristics.  This  approach  led  also  to  a  clean  wing  configuration 
requiring  no  nodi  fi  cat  ion  or  fixes,  such  as  vortex  generators  and  fences,  to  meet  all  certification 
requi  remen  ts . 

The  examples  presented  here  show  that  critical  flight  charac to r i s t i cs  and  wing  pressure  and  load  distributions 
are  predicted  well  by  wind  tunnel  tests  provided  the  appropriate  technique  is  used. 

For  models  with  supercritical  wings  it  is  best  to  test  with  free  transition  on  the  winq.  The  lowest  Reynolds 
Number  suggested  for  high  speed  tests  with  free  transition  is  5  million  per  mean  aerodynamic  chord  for  force 
data  and  3-8  million  for  pressure  data.  For  lov/  speed  tests  for  CLmax  and  stalling  characteristics  data, 
it  is  suggested  to  use  a  Reynolds  Number  of  not  less  than  2  million  with  a  Mach  Number  of  0.25. 

Theoretical  aerodynamic  computer  methods  are  valuable  tools  for  analysis  and  design. 

High  lift  systems  can  now  be  designed  with  the  aid  of  a  theoretical  mu  1 1 i -e lemen t  airfoil  method  saving 
considerable  development  in  the  tunnel.  Subsonic  panel  methods  show  remarkable  correlation  with  test  data 
up  to  Mach  0.7  and  are  very  useful  in  analyzing  complete  configurations  in  symmetric  and  asymmetric  flight 
including  combined  rates  of  pitch,  yaw  and  roll. 


The  Jameson  isolated  wing  full  potential  flow  transonic  method  was  indispensable  for  the  design  of  the 
Challenger  wing.  However,  it  proved  to  predict  poorly  the  aerodynamic  characte ri s t i cs  of  the  Challenger 
wing-body.  A  simple  modification  of  this  method  using  inputs  from  a  panel  method  to  account  for  the  body 
effect  was  found  to  improve  the  correlation  with  test  data. 

Significant  advances  in  the  design  and  development  of  transonic  configurations  can  be  made  by  increasing 
the  capability  of  full  potential  flow  transonic  methods  to  compute  the  flow-around  complete  configurations, 
including  the  effect  of  nacelle  mass  flow  ratio,  similar  to  current  pane)  methods. 

Finally  the  degree  of  correlation  between  prediction  and  flight  can  be  significantly  improved  by  using 
computational  aerodynamic  methods  in  combination  with  wind  tunnel  testing  to  interpret  complex  flow 
s i tuat i ons . 
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SUMMARY 

The  wind  tunnel  model  testing  programme  associated  with  Tornado  aircraft  design  included  successful 
development  of  a  new  afterbody  test  rig,  which  showed  the  benefit  of  measuring  airframe  axial  force 
separately  from  nozzle  forces  and  allowed  detailed  configuration  development  for  minimum  drag. 

Flight  testing  of  the  aircraft  showed  good  agreement  with  drag  prediction  but  handling 
characteristics  under  certain  conditions  were  different  from  predictions  derived  from  full-model 
tests,  as  a  consequence  of  relatively  minor  differences  in  afterbody  representation.  Flight  and 
model  investigations  led  to  development  of  a  satisfactory  configuration  and  to  conclusions  as  to 
requirements  for  future  model  test  programmes. 

Subsequent  to  the  flight  programme  the  rare  opportunity  was  taken  to  compare  flight  and  model  test 
data  by  arranging  additional  afterbody  model  tests  of  geometric  changes  made  during  the  flight 
programme.  There  was  reasonably  good  agreement  between  results  and,  again,  conclusions  reached  as  to 
the  requirements  for  future  model  and  flight  testing.  Specifically,  the  introduction  of  high 
frequency  response  pressure  instrumentation  is  proposed. 

1.  INTRODUCTION 

The  Tornado  (Fig.l)  was  designed  by  the  joint  companies  of  Panavia  (Aeritalia,  British  Aerospace  and 
Messerschmitt  Bolkow  Blohm)  to  meet  varied  Italian,  British  and  German  air  force  requirements  and 
was  originally  known  as  the  MRCA  (Multi-role  combat  aircraft).  There  was  particular  emphasis, 
however,  on  high  speed  low  altitude  flight  where  zero  lift  drag  is  dominant  and  therefore  care 
needed  to  keep  afterbody  drag  to  a  minimum.  Afterbody  model  testing  was  consequently  given  some 
priority  and  early  tests  showed  the  initial  layout  to  be  a  satisfactory  configuration.  In  detailed 
engineering  design  there  were  changes  made  because  of  constraints  set  by  the  requirements  for  thrust 
reversers  and  for  a  minimum  length  fuselage.  Second  stage  model  testing  showed  a  resulting  increase 
in  drag  and  re-definition  of  a  satisfactory  afterbody  by  model  testing  followed.  Build  time-scales 
did  not  allow  incorporation  of  modifications  until  the  sixth  prototype  and  consequently  early  flight 
testing  took  place  with  a  substandard  afterbody.  Afterbody  drag  was  increased,  as  indicated  by  the 
model  tests,  but  there  was  also  a  reduction  in  directional  stability,  particularly  at  high  subsonic 
mach  numbers.  The  modified  3ixth  prototype  proved  to  have  reduced  drag  and  increased  stability  but 
flight  development  was  continued  to  further  improve  handling  characteristics  and,  in  the  later 
stages,  to  reduce  pilot-perceived  vibration  to  a  low  level. 

Some  wind  tunnel  testing  paralleled  the  flight  testing  but  the  eventual  production  configuration  was 
developed  on  a  prototype  aircraft.  It  was  later  arranged,  through  a  UK  Government  funded  research 
programme,  for  retrospective  model  tests  to  be  made  of  configurations  for  which  flight  data  was 
available  but  which  had  not  been  included  in  previous  model  test  series.  There  is  therefore  now  the 
rare  opportunity  for  comparing  flight  and  model  afterbody  test  data,  and  it  is  possible  from  the 
experience  of  the  testing  to  draw  clear  conclusions  as  to  procedures  that  should  be  adopted  in 
future  development  programmes. 

2.  TORNADO  AFTERBODY  DESIGN 

In  conjunction  with  Turbo-Union,  and  based  on  test  data,  a  translating  shroud  nozzle  was  chosen  for 
the  RB199  engine  for  Tornado.  Zero  base  nozzles  did  not  offer  a  net  benefit  when  installation  and 
weight  penalties  were  taken  into  account,  and  would  have  given  major  difficulties  for  incorporation 
of  the  required  thrust  reversers.  Convergent  -  divergent  nozzles  would  have  given  too  large  a 
penalty  in  subsonic/transonic  flight  to  justify  the  benefits  at  high  mach  number,  bearing  in  mind 
that  RB199  engine  overall  pressure  ratio  is  relatively  low  and  that  a  significant  proportion  of  the 
underexpanded  convergent  nozzle  thrust  is  in  fact  recovered  on  the  afterbody. 

Afterbody  drag  is  primarily  a  function  of  base  area  and  the  RB199  nozzle  minimises  shroud  base  area 
by  enveloping  the  operating  rollers  in  local  external  fairings  (Fig.  2).  Additional  base  area  is 
introduced,  however,  because  of  the  thrust  reverser  operating  mechanism  and  because  of  limits  on  the 
steepness  of  closure  of  the  upper  and  lower  gullies  to  avoid  flow  separation. 

3.  MODEL  TESTING 

First  tests,  arranged  through  TBB  on  a  model  at  Boeing,  confirmed  the  choice  of  nozzle  design  and 
nozzle  separation.  Tests  by  MBB  at  ARA  Bedford  produced  basic  transonic  drag  data  but  afterbody 
development  was  undertaken  on  the  BAe  twin  sting  afterbody  rig,  with  transonic  testing  at  ARA 
Bedford  and  supersonic  testing  in  the  1.2m  blow-down  tunnel  at  Warton.  The  rig  (Fig. 3)  provides 
independent  measurements  of  afterbody  force,  nozzle  thrust  and  combined  thrust-minus-drag;  the 
afterbody  is  mounted  separately  from  the  nozzles  which  are  'earthed'  through  a  part  of  the  rig's 
strain  gauge  balance. 

A  number  of  test  phases  were  completed  and  care  was  taken  to  repeat  a  datum  case  for  each  phase.  A 
consequence  is  that  it  is  possible  to  check  back  on  repeatability  (Fig. 4),  which  is  probably  a 
better  measure  of  the  quality  of  a  rig  than  estimated  uncertainty.  It  is  gratifying  that  it  is 
possible  with  this  rig  to  discriminate  reliably  drag  differences  within  0.1  sq.ft.Do/q  full  scsle. 
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4.  WIND  TUNNEL  AFTERBODY  DRAG  MEASUREMENTS 

Results  of  model  drag  measurements  in  Fig. 5  show  the  notable  difference  found  for  the  basic 
prototype  configuration  compared  with  the  level  predicted  for  the  initial  design  based  on  early 
tests, changes  in  local  lines  having  been  made  in  design  development.  The  reference  model  is  an 
afterbody  representative  of  the  complete  model  which  was  used  for  a  total  aircraft  drag  synthesis. 
Stage  2  was  an  interim  modification  made  to  a  prototype  aircraft  to  modify  handling  qualities;  a 
large  base  area  resulted  and  the  effect  on  drag  is  very  evident.  The  modified  prototype 
configuration  was  developed  in  the  tunnel  by  eliminating  areas  of  flow  separation. 

The  separation  (Fig.  6)  had  arisen  on  the  basic  prototype  because  detailed  development  of  the  spine 
and  boat-tail  lines  had  led  to  excessive  diffusion  of  local  area  in  the  upper  gully.  Then, 
following  improvement  in  the  lines,  it  was  found  in  the  model  tests  that  the  high  base  pressure 
(positive  Cp)  developed  by  the  general  afterbody  flow  caused  reverse  flow  in  the  centre  base  which 
triggered  flow  separation  at  the  front  of  the  base  cavity  (Fig.  7).  In  consequence,  seals  were 
fitted  to  inboard  edges  of  the  thrust  reverser  buckets  for  the  modified  prototype  (PG6),  and  later 
were  also  specified  for  the  leading  edges  of  the  buckets  to  prevent  outflow  of  air  pressurised  in 
the  nozzle  shroud  and  hence  under  the  buckets. 

It  is  evident  that  adequate  modelling  of  afterbody  detail  must  be  provided  in  model  testing  and  care 
taken  to  arrange  an  early  re-test  of  the  model  if  design  changes  are  made  following  the  basic 
configuration  development. 


5.  FLIGHT  TEST  AFTERBODY  MEASUREMENT 

Special  effort  was  made  during  the  Tornado  flight  development  programme  to  obtain  best  possible 
measurements  of  aircraft  drag.  A  joint  Panavia/Turbo  Union  working  group  defined  procedures, 
altitude  cell  calibrated  engines  were  used  and  particular  care  was  taken  in  monitoring  engine  and 
aircraft  testing.  The  recommendations  made  by  a  UK  study  group  and  published  in  AGARDograph  237 
were  largely  based  on  Tornado  planning  and  the  success  achieved  proves  them  well  justified. 

Comparisons  of  afterbody  drag  measurements  are  limited  but  within  the  general  accuracy  there  is 
broad  agreement  (Fig  8),  especially  when  correction  is  made  for  the  effect  of  imperfect 
representation  of  the  base  cavity  on  the  model. 

To  assess  the  effect  on  drag  of  afterbody  changes  made  in  flight  development  a  higher  order  of 
accuracy  is  required  and  use  has  been  made  of  a  base  pressure  correlation  (Fig  9)  derived  from  the 
various  phases  of  Tornado  afterbody  model  testing.  It  is  not  a  universally  applicable  correlation 
but  data  available  from  other  afterbody  testing  show  very  similar  gradients  and  scatter  bands.  It 
would  be  interesting  to  know  whether  other  test  establishments  have  found  and  used  such  a 
correlation. 


6.  PROTOTYPE  AIRCRAFT  FLIGHT  EXPERIENCE 

The  flow  separation  that  had  been  shown  to  give  increased  drag  for  basic  prototype  aircraft  was 
found  in  flight  testing  to  also  affect  directional  stability,  the  separation  becoming  asymmetric  in 
sideslip  (Fig. 10)  and  reducing  fin  effectiveness  (Fig. 11).  To  restore  stability  for  certain 
development  flying  the  upper  gully  was  filled  on  particular  aircraft  (Stage  2,  Fig. 13)  as  far  aft  as 
the  thrust  reverser  bucket  leading  edges.  That  limit  was  necessary  to  allow  bucket  operation.  A 
large  base  area  resulted  but  the  consequent  higher  drag  was  acceptable  for  test  flying. 

The  design  data  set  level  of  stability  had  been  predicted  from  the  results  of  tests  on  complete 
models.  The  models  were  sting  supported  and  with  some  consequent  distortion  of  the  afterbody  were 
evidently  not  sufficiently  representative  of  the  basic  prototype  configuration.  It  was  therefore 
decided  to  re-test  a  model  with  a  reduced  sting  and  gullys  introduced  on  the  afterbody.  The 
corrected  result  is  shown  in  Fig. 11  and,  though  not  fully  matched,  the  flight  result  is  largely 
predicted.  Obviously  the  need  is  indicated  for  proper  afterbody  representation  in  any  future 
complete-model  testing,  at  least  as  a  check  test  for  odd  behaviour.  If  results  are  satisfactory 
then  afterbody  distortion,  normally  necessary  for  a  flow-through  model,  can  then  probably  be 
accepted. 

Further  model  testing  showed  that  some  gully  filling,  together  with  a  wide  spine  (Fig. 14),  could  be 
a  satisfactory  configuration,  and  from  flight  testing,  with  the  addition  of  vortex  generators, 
directional  stability  was  restored  almost  to  original  prediction  (Fig. 11).  This  solution  was  not 
desirable,  however,  because  some  variable  geometry  of  the  wide  spine  would  be  necessary  to  allow 
thrust  reverser  bucket  operation.  Flight  testing  therefore  continued  to  seek  a  narrow  spine 
solution.  The  layout  of  Fig.  13  was  eventually  developed, with  the  spine  being  narrow  enough  to 
allow  bucket  opening  and  certain  vortex  generators  shown  to  be  not  necessary. 

In  the  final  stages  of  development  the  standard  of  the  afterbody  was  judged  in  terms  of 
pilot-perceived  vibration.  With  flow  separation  obviously  present  it  is  not  surprising  that 
vibration  was  felt,  but  some  still  remained  when  flow  separation  was  apparently  suppressed,  drag 
reduced  and  directional  stability  restored.  It  is  hypothesised  that  with  high  base  pressure 
developed  there  is  feed  forward  of  base  pressure  oscillation  onto  the  afterbody  boat-tail,  not  into 
a  separated  flow  region,  which  could  not  be  aeen,  but  into  a  very  thick  boundary  Isyer.  The  final 
solution  for  the  production  aircraft  was  the  introduction  in  the  upper  gullys  of  psrt  cones,  which 
proved  to  be  a  very  powerful  means  of  reducing  the  vibration  (Fig. 16).  There  was  little  effect  on 
drag,  although  base  pressure  was  reduced,  and  a  very  satisfactory  configuration  was  developed  with 
drag  close  to  that  originally  predicted  (Fig. 17). 


i 
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7.  FLIGHT  TO  WIND  TUNNEL  COMPARISONS 

The  aircraft  configurations  that  were  included  in  the  wind  tunnel  research  programme  are  indicated 
in  Figs.  18  and  19,  some  variations  in  lower  gully  lines  being  involved  as  well  as  the  filling  of 
the  upper  gulley  and  addition  of  part  cones.  The  individual  arguments  for  each  change  are  not 
relevant  here  but  comparisons  of  results  in  Fig. 20  are  of  interest.  Drag  increments  from  the  datum 
(modified  prototype)  configuration  are  shown  in  the  first  row  and  there  is  a  rough  correlation  with 
the  measured  base  pressures;  high  Cp  means  low  drag.  There  is  reasonable  agreement  in  base  pressures 
between  flight  test  and  wind  tunnel  but  with  some  dependence  on  configuration.  There  are 
indications  (e.g.  configuration  9)  that  discrepancies  are  most  likely  when  pressure  gradients  exist 
across  the  base  and  imperfections  in  representation  of  base  geometry  on  the  model  becomes 
significant.  The  upper  and  lower  base  tappings  were  at  end  of  boat-tail,  centre-base  at  the  front 
of  the  recessed  base. 

Examples  of  boat-tail  pressure  distributions  in  Figs.  21  and  22  show  fair  agreement,  but  the 
information  was  generally  of  limited  use.  Where  it  was  thought  that  some  boat-tail  separation  was 
occurring  it  did  not  show  in  the  usual  way  in  the  pressure  distribution  and  hence  came  the 
hypothesis  that  certain  characteristics  were  more  related  to  a  thick  rather  than  to  a  separated 
boundary  layer. 

More  pressure  instrumentation  would  have  allowed  better  assessment  of  configurations  and  fuller 
understanding  of  flow  behaviour  but  in  itself  would  not  necessarily  have  given  a  shorter  development 
programme.  The  flow  is  very  complex  and  the  increments  involved  are  really  quite  small. 

The  major  figure-of-merit  in  final  development  was  pilot-perceived  vibration  and,  given  a  Cooper 
type  rating  or  measured  by  a  cockpit  accelerometer,  it  was  used  in  deriving  the  production 
configuration.  In  the  most  recent  model  tests  high  response  transducers  have  been  connected  to 
afterbody  and  base  pressure  tappings  and  results  show  a  gratifying  correlation  with  cockpit  buffet. 
Fig. 23  shows  results  for  configurations  at  the  start  and  end  of  the  afterbody  flight  development 
programme,  with  buffet  significantly  reduced  and  yet  base  pressure  increased,  meaning  drag 
reduced.lt  is  thought  that  more  use  should  be  made  of  unsteady  pressure  measurement  in  afterbody 
testing,  and  the  author  would  be  pleased  to  hear  from  anyone  who  has  any  experience  of  the  technique 
in  this  context. 


Finally,  it  is  interesting  to  see  the  afterbody  development  in  terms  of  the  afterbody  drag  to  base 
pressure  correlation.  Fig  24  shows  that,  given  the  more  comprehensive  measurements  available  from 
the  concluding  research  programme,  there  is  a  better  correlation  if  a  mean  of  upper  and  lower  base 
pressures  is  used  rather  than  a  single  centre  base  pressure.  The  scatter  band  is  still  as 
originally  determined  and  it  is  notable  that  the  production  configuration  lies  at  the  lowest  level. 
The  modifications  made  to  minimise  vibration,  maybe  not  surprisingly,  also  give  minimum  drag  for 
that  basic  afterbody  layout. 


8.  CONCLUSIONS 

Experiece  of  Tornado  afterbody  development  showed  that: 


1.  Optimisation  for  drag  can  be  achieved  by  afterbody  model  wind  tunnel  testing  using  the 
earthed  nozzle  technique. 


2.  Model  drag  measurements  appear  to  be  substantiated  by  flight  drag  measurements,  within  the 
accuracy  of  the  flight  data. 

3.  Wind  tunnel  and  flight-measured  pressures  broadly  agreed.  Significant  differences  were 
probably  due  to  differences  in  base  geometry  representation. 


4.  A  correlation  of  drag  with  base  pressure,  obtained  from  model  tests,  gives  a  good  monitor  of 
drag  changes  in  flight  development. 


5.  Boat-tail  pressures  did  not  prove  particularly  useful,  though  model  and  aircraft  data  agreed 
reasonably  well. 


6.  Major  effects  on  drag  or  stability  can  be  related  to  flow  separation  but  the  thick  boundary 
layer  at  the  end  of  the  afterbody  can  give  characteristics  akin  to  flow  separation. 


7.  Part  cones  fitted  in  boat-tail  gullys  proved  to  be  a  very  good  means  for  reducing  vibration 
to  low  levels. 


8.  Vibration  is  a  good  measure  of  flow  quality  and  lowest  vibration  gave  lowest  drag  for  a 
given  basic  geometry. 


Li 


For  a  future  programme  it  is  concluded  that: 


1.  Model  testing  for  drag  needs  special  care  and  repeated  datum  cases  must  be  planned. 

2.  Detail  must  be  well  represented  on  the  modpl,  including  any  possible  flow  paths  from  the 
base. 


3.  Design  modifications  should  be  avoided  subsequent  to  the  model  development  programme;  small 
changes  can  have  large  effects. 

4.  Matched  pressure  tappings  on  the  model  and  the  aircraft  are  required. 


3.  A  check  of  stability  derivatives  is  required  from  a  complete  model  with  a  representative 
afterbody  geometry,  before  testing  with  a  distorted  afterbody  to  allow  through-flow. 


6.  Optimisation  for  stability  may  require  flight  development. 

7.  High  response  pressure  instrumentation  in  critical  regions  is  recommended  for  future  wind 
tunnel  tests  and  for  flight  development. 
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FIG  16:  EFFECTS  OF  REAR  FUSELAGE  MODIFICATION  ON  COCKPIT  VIBRATION 


FIG  17:  TORNADO  AFTERBODY  DRAG  IN  FLIGHT  TEST  DEVELOPMENT 
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FIG  20b:  COMPARISON  OF  IN  FLIGHT  AND  WIND  TUNNEL  BASE 
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by 
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Edwards  Air  Force  Base,  California  93523 
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When  I  was  first  approached  to  make  these  remarks,  I  felt  there  were  four  questions  that  I  should 
attempt  to  answer.  I  quickly  realized  that  I  had  asked  myself  several  questions  for  which  there  were  no 
definitive  answers. 

The  four  questions  that  seemed  appropriate  were: 

1.  How  well  do  ground  based  estimates  for  drag  polars  and  engine  characteristics  correlate  to 
flight  test  results? 

2.  In  what  areas  do  performance  prediction  techniques  work  best  or  worst,  and  why? 

3.  What  are  the  differences  in  the  way  various  manufacturers  (airframe  or  engine)  predict 
drag  polars  and  engine  characteristics? 

4.  Are  there  portions  of  various  performance  prediction  techniques  that  could  or  should  be 
combined  to  form  a  better  or  best  method? 

Since  the  answers  to  these  questions  are  subjects  over  which  reasonable  men  can,  and  do,  disagree, 
all  I  can  hope  to  do  is  shed  some  small  light  on  the  subject.  However,  several  important  points  are 
clear : 


1.  Correlation  between  performance  estimates  and  flight  test  is  reasonably  good  but,  the 

ability  to  predict  aircraft  performance  hasn't  improved  much  in  20  years. 

2.  The  ability  to  determine  the  accuracy  of  the  predictions  is  a  direct  function  of  the  accu¬ 
racy  of  the  flight  test  measurements. 

3.  The  ability  to  determine  the  drag  prediction  accuracy  is  a  direct  function  of  the  thrust 

accuracy.  We  seldom  measure  thrust  per-se.  Thrust  is  "calculated"  from  a  calculation  (computer)  deck 

derived  from  ground  based  information.  Therefore,  the  flight  test  determined  drag  is  dependent  on  the 
estimated  thrust. 

4.  Air  frames  can  be  modeled  easily,  pilots  can  not  be  modeled  easily  and, 

5.  An  airframe  manufacturer's  published  estimates  depend  on  who  he  is  negotiating  with. 

The  answer  to  question  1  is  "very  well"  if  you  are  interested  in  up  and  away  flight  and  plus  or  minus 
several  percent  is  good  enough.  But,  there  are  some  areas  where  correlation  is  considerably  poorer. 

A  survey  of  12  commercial  transport  aircraft,  constructed  by  three  major  American  manufacturers, 
over  a  20  year  period,  showed  that  you  are  just  as  likely  to  estimate  too  high  a  drag  as  too  low  a  drag. 
Six  of  the  twelve  predictions  were  low,  four  predictions  were  high,  and  two  were  right  on. 

Number  of  Aircraft  Predicted  at  Cruise  Mach 

6  More  drag  than  predicted 

4  Less  drag  then  predicted 

2  Right  on 

The  drag  predictions  were  as  much  as  22%  low  and  10%  high. 

This  survey  also  showed  that  drag  estimates  on  modified  versions  of  existing  aircraft  were  no  better 
than  the  original  estimates  on  the  original  aircraft.  Despite  having  considerable  flight  test  data  from 
the  original  aircraft,  aerodynamicists  could  not  better  their  predictions  the  second  time  around. 

Despite  many  years  of  experience  in  designing,  testing,  and  analysing  aircraft,  several  factors 
still  inhibit  the  aerodynamic 1st  *  a  ability  to  predict  drag.  Most  new  aircraft  incorporate  new  technology. 
Our  ability  to  predict  old  technology  improves  with  hind  sight,  but  our  ability  to  predict  new  technology 
does  not  necessarily  improve  with  time.  The  available  theories  still  make  simplifying  assumptions.  For 
example,  various  components  of  the  airframe  are  assumed  to  have  constant  skin  friction;  structural  deflec¬ 
tion  is  neglected  or  assumed  to  be  some  reasonably  well  behaved  and  simple  function;  air  leaks  around 
window  frames  and  doors  are  assumed  zero. 

Wind  tunnel  models  don't  get  around  these  problems.  In  fact,  they  have  their  own  problems. 
Regardless  of  how  much  experience  an  aerodynamiclst  has  with  a  wind  tunnel,  each  model  and  mount  system 
require  their  own  unique  corrections  to  obtain  full  scale  numbers. 


Last  but  not  least,  the  aerodynamiclst  has  no  control  over  the  quality  of  the  workmanship  on  the 
actual  aircraft.  How  well  panels  and  doors  fit  together,  and  how  secure  the  pressure  seals  are,  are  all 
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functions  of  workmanship.  An  airframe  with  a  lot  of  gaps  and  leaky  seals  will  never  perform  as  well  as 
a  tight  aircraft. 

If,  in  some  flight  regimes,  ground  based  estimates  correlate  "very  well"  with  flight  test  results 
specifically  how  well  is  very  well?  The  answer  becomes  a  subject  of  some  controversy.  It  depends  on 
what  you  are  looking  for. 

The  quality  of  performance  flight  test  data  has  continually  improved  since  the  beginning  of  flight 
test.  With  higher  quality  pressure  transducers,  flight  path  accelerometers,  and  Inertial  navigation 
systems,  better  and  better  accuracy  has  been  obtainable.  However,  under  the  best  of  conditions  drag  can 
only  be  measured  to  about  +2%.  Given  some  typical  instrumentation  problems,  a  less  than  perfect  thrust 
calculation  scheme,  and  limited  quantities  of  teat  data,  +5%  is  more  typical  and  could  worsen  from  there 
depending  on  the  particular  problems. 

The  modeling  technique  that  is  used  to  model  the  test  drag  polar,  can  effect  the  correlation.  The 
type,  number,  and  order  of  terms  has  an  important  effect  on  the  shape  of  the  polar  and  in  what  angle-of- 
attack  and  Mach  number  ranges  the  model  fits  the  data  best. 

Plus  or  minus  2%,  or  5%  isn't  necessarily  a  significant  amount.  However,  if  you  are  building  a  new 
commercial  transport  and  have  contractual  performance  guarantees,  5%  is  more  than  enough  to  cost  you 
money. 

In  circumstances  where  excess  thrust  is  limited,  5%  is  a  big  number.  For  example,  a  fighter  that 
must  meet  a  time-to-accelerate  specification,  will  never  meet  the  specification  if  Its  excess  thrust 
is  just  1%  low.  In  a  recent  fighter  development  program,  the  manufacturer  replaced  engines  three  times 
before  they  identified  a  "good  enough"  engine  to  meet  the  acceleration  requirement. 

During  a  recent  test  program  at  Edwards  Air  Force  Base,  a  particular  airframe  was  flown  in  two 
separate  tests  to  obtain  an  aerodynamic  model.  The  same  Instrumentation  system  was  used  for  both  sets 
of  tests.  The  second  tests  used  the  same  model  but  newer  engines  than  the  first  test.  The  thrust  calcu¬ 
lation  scheme  was  the  same  in  both  cases;  however,  in  each  test  somewhat  different  data  analysis  schemes 
were  used  to  obtain  drag.  The  results  showed  that  the  two  sets  of  tests,  although  similar,  produced 
drag  polars  of  different  shape,  and  as  much  as  6%  different  magnitude  in  drag  coefficient. 

In  another  example  during  a  recent  series  of  tests  on  a  modified  transport  aircraft,  two  types  of 
flight  test  instrumentation  were  available  and  two  seperate  wind  tunnel  analyses  were  conducted. 
Figure  1  shows  the  results  of  the  overall  analysis.  Conclusions  drawn  were  that  the  modification 
improved  performance,  and  that  the  improvement  was  somewhere  between  two  and  eight  percent  depending  on 
flight  condition.  The  difference  in  the  various  analyses  may  not  seem  like  enough  to  argue  about,  but 
when  the  profitability  of  retrofitting  the  fleet  requires  a  five  percent  improvement  in  drag,  the  argu¬ 
ments  are  plentiful. 

The  answer  to  the  second  question;  in  what  areas  do  performance  prediction  techniques  work  best, 
is  fairly  simple.  Performance  predictions  are  best  in  up-and-away  flight  outside  of  the  transonic 
region,  and  they  are  worst  in  those  areas  where  pilot  technique  is  a  big  factor,  like  takeoff  and 
landing;  in  situations  where  excess  thrust  Is  limited;  or  where  significant  flow  separation  occurs,  such 
as  high  angle-of-attack. 

Some  very  minor  differences  in  pilot  technique  can  be  quite  important  and  obviously  it  is  very 
difficult  for  the  aerodynamicist  to  control  pilot  technique.  Some  recent  tests  on  a  ground  attack 
fighter  showed  a  one  degree  change  in  rotation  pitch  attitude  changed  liftoff  airspeed  by  about  5  knots 
and  ground  roll  approximately  500  feet.  In  this  case  500  feet  represented  10%  of  the  takeoff  distance. 
The  predicted  takeoff  performance  was  based  on  a  rotation  to  exactly  10  degrees  pitch  attitude;  and  the 
rotation  was  commenced  about  10  knots  below  predicted  takeoff  speed. 

Flight  test  results  showed  on  occasions  where  the  pilot  delayed  rotation,  several  hundred  feet 
longer  ground  runs  resulted  due  to  delays  in  the  aircraft  reaching  a  liftoff  lift  coefficient.  On  occa¬ 
sions  where  the  pilot  failed  to  achieve  at  least  10  degrees  pitch  attitude,  longer  ground  runs  also 
resulted  due  to  not  generating  sufficient  lift  for  takeoff  until  a  higher  speed  was  reached.  On 
occasions  when  the  pilot  overrotated,  the  aircraft  lifted  off  earlier  due  to  achieving  a  liftoff  lift 
coefficient  at  a  lower  speed;  but  then  was  slow  and  sluggish  in  the  climb  out  phase.  No  matter  what  the 
pilot  did,  he  would  not  achieve  the  predicted  performance  unless  he  rotated  to  exactly  the  correct  pitch 
attitude  and  timed  his  rotation  exactly  right. 

Landing  is  another  area  where  prediction  is  difficult,  particularly  on  wet  runways.  The  actual 
coefficient  of  friction  between  tire  and  runway  is  difficult  to  determine  in  the  best  conditions. 
Antiskid  operation  is  rarely  modeled  accurately.  Most  landing  performance  estimates  assume  some  average 
effective  coefficient  of  friction.  Pilot  technique  during  flare  is  extremely  important  with  large  percent¬ 
ages  of  the  predicted  landing  distance  being  eaten  up  if  the  airplane  is  allowed  to  float  or  bounce. 

A  recent  STOL  test  program  graphically  illustrated  the  differences  between  pllot-out-of-the-loop 
theoretical  predictions  and  pilot-in-the-loop  performance.  The  predictions  showed  that  the  aircraft 
could  fly  a  6°  glide  slope  at  a  high  sink  rate  and  not  exceed  structural  limits  at  touchdown.  The 
changes  in  lift  and  drag  coefficient  due  to  ground  effect  resulted  in  the  ground  effect  arresting  the 
sink  rate  Just  before  touchdown.  Tests  to  confirm  the  analysis  were  flown  over  a  dry  lakebed  with  the 
auto  pilot  engaged.  A  6°  glide  slope  was  flown  until  the  ground  effect  "flared"  the  aircraft.  The 
test  confirmed  the  analysis. 

However,  the  analysis  didn't  predict  how  the  pilots  would  react  In  an  operational  situation. 
Figure  2  shows  the  touchdown  dispersion  experienced  while  landing  on  a  STOL  runway.  Eight  landings  were 
short  of  the  touchdown  point  and  26  were  long.  The  long  touchdowns  resulted  from  several  problems.  The 
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first  was  variable  winds,  the  second  pilot  concern  for  the  structural  limits  of  the  aircraft,  and  the 
third  was  high  pilot  workload* 

In  no-wind  conditions  the  aircraft  could  be  brought  into  the  aim  point  reasonably  well.  With 
shearing  or  variable  winds,  the  pilot  reaction  time  and  engine  response  time  were  long  enough  that  if 
the  pilot  got  behind  the  aircraft  he  would  land  at  an  excessive  sink  rate.  In  any  event,  once  the 
aircraft  was  within  200  feet  of  the  ground  the  pilot  was  completely  at  the  mercy  of  the  aircraft  because 
there  was  insufficient  time  to  make  any  corrections.  In  order  to  insure  a  safe  landing,  the  pilots 
would  often  carry  a  little  extra  power  and  elect  a  long  safe  touchdown  rather  than  a  hard  landing  at  the 
touchdown  point.  The  net  result  was  that  most  approaches  were  flown  between  5  and  5.5°,  not  the  pre¬ 
dicted  6°,  and  touchdown  sink  rates  never  exceeded  13  feet  per  second  even  though  16  feet  per  second 
was  the  limit.  Under  such  circumstances  the  aircraft  could  never  achieve  Its  designed  STOL  landing 
performance . 

The  theoretical  6°  glide  slope  could  be  flown  and  the  aircraft  brought  into  a  spot  landing, 
providing  the  pilot  had  the  perception  and  control  authority  to  confidently  maneuver  the  aircraft  in 
real  world  conditions. 

The  third  and  fourth  questions  are  not  easily  addressed.  In  fact,  an  entire  symposium  could  be 
devoted  to  discussing  drag  and  thrust  prediction  techniques  and  which  ones  are  best.  The  simple  answer 
is  that  no  single  methodology  is  best  for  every  situation. 

Most  airframe  manufacturers  use  well  known  techniques  as  a  starting  point  and  then  modify  the  tech¬ 
niques  according  to  their  own  experience.  The  aerodynamicist  will  start  with  analytical  methods,  then 
modify  these  estimates  by  wind  tunnel  results,  and  finally  modify  both  of  the  previous  results  by  his 
previous  experience  with  flight  test  results. 

The  difficulty  in  defining  a  best  technique  lies  with  the  fact  that  there  are  so  many  pieces  that 
must  be  added  together  to  develop  a  performance  prediction.  If  a  manufacturer  is  building  a  new,  but 
conventional  design  aircraft,  he  will  rely  heavily  on  a  perturbation  analysis;  that  is,  modify  flight 
test  results  from  a  previous,  similar  design,  by  some  predicted  change.  If  he  Is  building  an  aircraft 
that  incorporates  new  or  unfamiliar  technology  he  will  be  forced  to  use  more  sophisticated  techniques. 
In  either  case,  the  aerodynamicist  is  faced  with  the  task  of  summing  the  drag  of  each  component  of  the 
aircraft  for  example;  wing,  fuselage,  vertical  stabilizer,  etc.  The  drag  for  each  of  these  components 
can  be  made  up  of  several  components  also,  for  example;  skin  friction  drag,  protuberance  drag,  drag  due 
to  lift.  And  then,  interference  drag  has  to  be  added  in.  There  are  separate  analytical  methods  for 
estimating  each  type  of  drag,  for  each  component  of  the  aircraft,  for  various  portions 
of  the  flight  envelope. 

Fortunately,  in  most  cases,  the  aerodynamicist  has  more  information  on  his  engine.  The  long  lead 
time  required  for  engine  development  usally  means  the  engine  has  already  been  developed  and  tested  to 
some  degree  so  estimating  thrust  requires  slightly  less  quess  work.  However,  the  aerodynamicist  is 
still  faced  with  determining  installation  effects.  What  this  all  means  Is  that  the  methodology  for 
predicting  performance  is  made  up  of  many  methodologies,  all  of  which  can  be  manipulated  by  the  indi¬ 
vidual  aerodynamicist  based  on  his  previous  experience. 

But  this  situation  is  still  further  complicated  by  the  fact  that  aircraft  design  is  an  iterative 
process.  The  designer  rarely  knows  all  the  details  of  the  final  configuration  until  the  very  end  of  the 
process,  and  will  probably  never  know  such  details  as  where  every  row  of  rivet6  will  be  or  how  large  the 
gaps  in  panels  will  be.  Such  an  iterative  process,  filled  with  so  many  details,  results  In  a  tremendous 
bookkeeping  task.  The  time  and  expense  required  to  go  through  many  calculations  for  each  iteration 
often  results  in  short  cuts  being  taken. 

Two  Important  observations  can  be  made  from  all  this.  First,  the  quality  of  the  estimate  Is  more  a 
function  of  the  time  and  care  taken  to  Include  all  the  details  and  higher  order  terms  than  it  Is  of  the 
particular  equations  used.  Second,  no  one  technique  covers  all  aircraft  types,  configurations,  and 
flight  regimes. 

Airframe  manufactures  are  reluctant  to  disclose  what  they  have  learned  through  extensive  and  expen¬ 
sive  experience.  They  all  feel  they  know  something  their  competitors  don’t  know  and  they  are  not  about 
to  give  it  away  free.  Several  years  ago  the  U.S.  Air  Force  found  that  the  numerous  combinations  and 
permutations  of  performance  estimation  methodologies  made  It  difficult  to  compare  proposals  from  dif¬ 
ferent  airframe  manufactures.  An  attempt  was  made  to  standardize  the  methodology  amongst  manufacturers. 
The  attempt  failed  due  to  both  the  reluctance  of  the  manufacturers  to  change  what  each  of  them  felt 
was  their  "best"  method  and,  for  the  lack  of  definitive  proof  of  what  combinations  of  methodologies  were 
best  for  any  particular  situation. 

So  the  opportunity  still  remains,  for  some  perceptive  member  of  our  Industry,  to  provide  us  with 
the  definitive  answers  to  these  last  two  questions. 
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IMPROVEMENT  IN  PERFORMANCE 
AT  CRUISE  MACH  NUMBER 
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BRIEF  PREPARED  COMMENTS  ON  PERFORMANCE  CORRELATION 


PROPULSIVE  AFTERBODY  DESIGN  AND  PERFORMANCE  PREDICTION 
COMPARED  WITH  FLIGHT  RESULTS 

by 

J.M. Hardy 
SNECMA 
France 


SUMMARY 


The  analysis  of  the  Flight  performance  of  propulsive  afterbody  schemes  on  several  Military 
(Mirage  3  -  4  -  FI  -  2000  4000)  and  Civil  Aircraft  (Mercure.  Concorde,  DC8/CFM-56)  has 

given  SNECMA  a  general  philosophy  on  their  prediction  at  the  design  stage. 

This  methodology  is  based  on  three  principles: 

(a)  Synthesis  of  experimental  results  obtained  on  models  to  obtain  correlations 
qualitatively  verified  in  Flight; 

(b)  Development  of  sophisticated  calculation  methods  validated  in  wind-tunnel 
(local  and  global  aspects);  these  methods  are  used  for  flow  analysis  and  for 
extrapolation  of  model  testing: 

(c)  Static  calibration  on  models  of  afterbodies  with  exhaust  flow  conditions 
(model  nozzle  coefficients)  used  for  the  Flight  thrust  calculation. 
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COMPORTEMENT  A  GRANDE  INCIDENCE  D*UN  AVION  DE  COMBAT  : 
CORRELATION  ENTRE  LES  PREVISIONS  ET  LE  VOL 

par 

Paul-Louis  MATHE 

Chef  du  Departement  Dynamique  du  Vol 

AVIONS  MARCEL  DASSAULT-BREGUET  AVIATION  (AMD-BA) 

78,  Quai  Carnot  -  92214  ST -CLOUD  -  FRANCE 


Le  MIRAGE  2000  est  un  avion  equipe  d'un  systeme  de  commandes  de  vol  strictement  electriques.  Nous  ne 
detaillerons  ni  les  raisons  fondamentales  du  choix  d'un  tel  systeme,  raisons  maintenant  bien  connues,  ni  toutes  les 
fonctions  qu'il  assure  ;  nous  ne  parlerons  ici  que  de  l'une  de  ces  fonctions  :  eelle  qui  assure  une  protection  automatique  de 
1'avion  vis-a-vis  de  la  perte  de  controle. 

Cette  fonction  qui  avait  ete  prevue  de  base  dans  la  conception  du  systeme  de  commandes  de  vol  de  I'avion, 
mais  sous  une  forme  relativement  simplifiee,  s'est  revelee  d'un  tel  interet  operationnel  qu'elle  a  ete  1'objet  au  cours  de  la 
mise  au  point  des  prototypes  de  multiples  perfectionnements.  Sous  sa  forme  definitive,  cette  fonction  assure  la  protection 
vis-a-vis  de  la  perte  de  contrSle  de  I'avion  pour  toutes  ses  configurations  de  combat,  sans  aucune  consigne  restrictive  de 
pilotage,  et  ceci,  jusqu'a  vitesse  nulle.  La  reduction  de  charge  de  travail,  qui  en  resuite  nour  le  pilote  en  cours  de 
manoeuvres  de  combat,  renforce  singulierement  1'efficacite  operationnelle  de  I'avion  :  oression  des  taches  de 

surveillance  des  parametres  critiques  de  vol  de  I'avion  (en  particulier  de  1'incidence),  liberie  absolue  de  manoeuvre  du 
pilote.  Par  ailleurs,  les  limitations  des  parametres  critiques  de  vol  etant  realises  de  faqon  plus  precise  par  un  dispositif 
automatique  que  par  de  simples  consignes  de  pilotage,  il  en  resulte  une  meilleure  exploitation  des  possibilites  de  I'avion. 
Enfin,  la  rapidite  d'execution  des  manoeuvres  extremes  de  combat  en  est  tres  nettement  amelioree. 

La  protection  automatique  de  I'avion  vis-a-vis  cfeventuelles  pertes  de  contrSle  est  realisee  : 

-  Par  une  fonction  des  commandes  de  vol  assurant  une  limitation  automatique  de  1'incidence  de  I'avion  a  une 
valeur  dependant  des  conditions  de  vol. 

-  Par  une  adaptation  soignee  des  fonctions  de  contrSle  et  de  commandes  de  I'axe  de  roulis  et  de  I'axe  de  lacet 
de  I'avion  qu'assurent  le  systeme  de  commandes  de  vol  :  adaptation  de  certains  gains  en  fonction  de 
1'incidence,  en  particulier  de  ceux  qui  regissent  les  couplages  roulis-lacet,  adaptation  des  efficacites  des 
commandes  de  gauchissement  et  de  palonnier  en  fonction  de  la  commande  de  profondeur,  etc...  Cette 
adaptation  permet  de  minimiser  les  derapages  induits  par  les  manoeuvres  a  grande  incidence,  ce  qui  entre 
autres  choses  est  une  condition  indispensable  a  une  bonne  efficacite  de  la  fonction  de  limitation 
d' incidence. 

Precisons  ici  que  1'incidence  maximale  de  contrSle  d'un  avion  n'est  pas,  en  general,  independante  du  niveau  de 
manoeuvrabilite  transversale  que  Ton  souhaite  lui  conserver  a  cette  incidence.  C'est  affaire  de  compromis.  Les  reglages 
retenus  pour  le  systeme  de  commande  de  vol  du  MIRAGE  2000  sont  tels  qu'aux  incidences  limites  la  manoeuvrabilite 
transversale  reste  notable:  la  vitesse  de  roulis  disponible,  dans  ces  conditions  d'incidences  limites,  reste  toujours 
superieure  a  30  %  de  la  vitesse  de  roulis  disponible,  dans  les  merries  conditions  de  vol,  a  incidence  moderee. 

Limitation  automatique  de  1'incidence  et  controle  rigoureux  des  axes  transversaux  sont  les  cles  de  la 
protection  de  I'avion  vis-a-vis  de  la  perte  de  contrSle.  Encore  faut-il  que  ces  fonctions  puissent  etre  remplies 
correctement  par  le  systeme  de  commandes  de  vol  de  I'avion,  ce  qui  implique  un  minimum  d'efficacite  des  gouvernes  et 
done  un  minimum  de  vitesse.  Or  des  conditions  de  vitesse  tres  faible  voire  nulle  peuvent  etre  obtenues  par  des  manoeuvres 
tres  particulieres  de  "chandelles"  quasi  verticales.  Ces  manoeuvres  pourraient  certes  etre  evitees  par  application  de 
certaines  consignes  de  pilotage,  mais  il  a  ete  juge  operationnellement  tres  contraignant  d'imposer  au  pilote,  en  combat,  de 
telles  consignes. 


Dans  ces  conditions  le  domaine  en  incidence  de  I'avion  prend  l'allure  presentee  par  la  figure  1.  Ce  domaine 
comprend  deux  parties : 

-  une  partie  dans  laquelle  1'incidence  est  strictement  lim.tc“  par  le  systeme  de  commandes  de  vol, 

-  une  partie,  limitee  aux  basses  vitesses,  dans  laquelle  les  incidences  et  les  derapages  peuvent  pratiquement 
Stre  quelconques,  et  le  systeme  de  commandes  de  vol  du  MIRAGE  2000  a  ete  defini  de  faqon  qu'en  aucun 
cas  une  incursion  dans  cette  derniere  partie  du  domaine,  incirsion  volontaire  ou  involontaire  mais  de  toute 
fa?on  tres  temporaire,  puisse  conduire  a  une  situation  de  perte  de  contrSle  tant  soit  peu  prolongee,  et  ceci 
quelles  que  soient  les  manoeuvres  effectives  pas  le  pilote  e'est-a-dire,  en  definitive,  sans  aucune  consigne 
restrictive  de  pilotage. 

Comme  nous  Tavons  dit,  le  MIRAGE  2000  est  un  avion  equipe  d’un  systeme  de  commandes  de  vol  strictement 
electriques  j  de  ce  fait,  tant  que  le  systeme  de  commandes  de  vol  n'est  pas  sature  (butee  de  detecteurs,  butee  de 

gouvernes,  vitesse  limite  de  servocommandes . ),  le  comportement  en  vol  de  I'avion  depend  moins  de  ses  caracteris- 

tiques  particulieres  aerodynamiques  que  des  lois  de  contrSle  introduites  dans  le  systeme  de  commandes  de  vol.  Quelques 
exemples  sont  significatifs  : 

-  A  150  kts,  une  erreur  de  50  %  sur  le  Clp  (amortissement  aerodynamique  de  roulis)  ne  change  que  de  10  % 
I'amortissement  global  de  1'ensemble  avion  +  commandes  de  vol  sur  ce  mime  axe.  Une  erreur  de  20  cm  sur 
la  position  du  foyer  aerodynamique  de  I'avion  modifie  la  periode  de  I'oscillation  tfincidence  de  moins  de 
10  96. 

-  Une  erreur  de  100  %  (x  par  2)  sur  le  coefficient  croise  Cnp  de  lacet  dO  a  la  vitesse  de  roulis  ne  modifie  que 
tres  peu  la  qualite  du  comportement  de  I'avion  en  manoeuvre  de  gauchissement  (modification  de  quelques 
dixiemes  de  degres  du  derapage  maximum  atteint  pendant  la  manoeuvre). 
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Cette  situation  est  evidemment  tres  favorable  a  la  fiabilite  des  previsions  que  l'on  peut  faire  quant  au 
comportement  aerodynamique  en  vol  d'un  avion  equipe  de  commandes  de  vol  electriques.  Elle  pourrait  taire  douter  de  la 
necessite  absolue  d'effectuer  pour  ce  type  d'avion  une  identification  previsionnelle  en  soufflerie  aussi  fine  que  possible  des 
caracteristiques  aerodynamiques. 

Cette  necessite  s'impose  cependant  ;  en  effet  : 

-  11  y  a  au  moins  une  classe  de  coefficients  aerodynamiques  dont  la  connaissance  est  strictement  necessaire  : 
ce  sont  les  efficacites  (directes  et  croisees)  des  gouvernes  ;  ce  sont  elles  qui  assurert  le  controle  de  I'avion 
et  tous  les  reglages  de  base  du  systeme  de  commandes  de  vol  en  dependent. 

-  S'il  est  vrai  que  le  comportement  d'un  avion  dote  d'un  systeme  de  commandes  de  vol  electriques  depend, 
tant  que  ce  systeme  n'est  pas  sature,  essentieileinent  des  lois  de  controle  qu'il  realise,  il  est  evident  que  les 
conditions  dans  lesquelles  de  telles  saturations  peuvent  etre  atteintes  dependent  directement  des 
caracteristiques  aerodynamiques  generales  de  I'avion.  Et  le  dimensionnement  correct  des  commandes  de  vol 
exige  une  connaissance  precise  de  ces  caracteristiques. 

-  II  est  "normal"  que  dans  certaines  conditions  extr&mes  le  systeme  de  commandes  de  vol  soit  temporai- 
rement  sature  (gouvernes  en  butee  par  exemple)  ;  s'il  en  etait  autrement,  cela  signifierait,  soit  que  le 
systeme  de  commandes  de  vol  est  surdimensienne,  soit  que  les  possibility  maximales  du  systeme  ne  sont 
pas  exploitees.  Or,  dans  ces  conditions,  pour  lesquelles  les  fonctions  de  controle  du  systeme  de  commandes 
de  vol  sont  restreintes,  I'importance  des  caracteristiques  aerodynamiques  generales  de  I'avion  sur  le 
comportement  de  celui-ci  devient  evidemment  preponderante. 

Nous  ne  rentrerons  pas  ici  dans  le  detail  des  divers  moyens  mis  en  oeuvre  pour  obtenir  une  identification 
avant  vol  aussi  fine  que  possible  des  caracteristiques  aerodynamiques  de  I'avion  ;  nous  citerons  cependant  ceux  qui 
permirent  I'identification  previsionnelle  de  I'avion  dans  le  domaine  d  s  grandes  incidences. 

Le  domaine  d'incidence  et  de  derapage  pour  ces  essais  couvre  largement  le  domaine  effectif  de  vol  de  I'avion 
puisque,  en  compressible,  ils  ont  ete  menes  systematiquement  jusqu'a  des  incidences  comprises  entre  35  et  40“  et  des 
derapages  de  1'ordre  de  15°.  Dans  le  domaine  des  tres  basses  vitesses,  dom._..ie  dans  lequel  I'avion  en  vol,  comme  nous 
I'avons  vu  precedemment,  n'a  plus  de  limitation  d’incidence  et  de  derapage,  les  identifications  en  soufflerie  ont  ete 
menees  entre  plus  ou  moins  180“  d'incidence  et  plus  ou  moins  180“  de  derapage  a  1'aide  d'un  montage  special. 

Ces  essais,  a  vrai  dire  tres  classiques,  furent  menes  danr  diverses  souffleries  et  avec  des  maquettes  de  taille 
relativement  variee,  avec  de  nombreux  recoupements  de  faqon  a  minimiser  les  aleas  inherents  aux  essais  de  soufflerie  : 
effets  du  nombre  de  Reynolds,  precision  de  la  representation  de  la  geometrie  de  I'avion,... 

II  y  a  peu  a  dire  de  ces  essais  sinon  qu'ils  furent  menes  de  faqon  a  laisser  le  moins  cfincertitude  possible  quant 
a  la  detection  cfeventuels  accidents  aerodynamiques  dans  la  zone  des  grandes  incidences,  zone  dans  laquelle  l'aerodyna- 
mique  de  I'avion  est  particulierement  non  lineaire.  Ceci  a  conduit  a  I'identification  de  tres  nombreuses  combinaisons  des 
parametres  de  "situations  aerodynamiques"  et  de  configurations  de  I'avion:  incidence,  derapage,  braquage  des  diverses 
gouvernes,  etc  ...  Par  ailleurs,  un  effort  particular  cfidentification  en  soufflerie  des  grandeurs  anemometriques, 
necessaires  au  fonctionnement  du  systeme  des  commandes  de  vol,  a  ete  fourni  :  recherche  de  positionnements  corrects  des 
girouettes  d'incidence,  des  prises  de  pressions  statiques  et  dynamiques  ;  etalonnage  predictif  de  ces  mesures. 

A  ces  essais  de  soufflerie  que  l'on  peut  qualifier  de  statique  se  sont  ajoutes  un  certain  nombre  d'essais 
particuliers  et  sous  certains  aspects  moins  classiques,  parmi  lesquels  il  faut  citer  : 

-  Des  essais  cfidentification  en  soufflerie  des  coefficients  aerodynamiques  dynamiques  "directs  et  croises" 
par  la  methode  des  oscillations  forcees.  Ces  essais  ont  ete  pousses  jusqu'a  des  incidences  pour  lesquelles 
I'avion  presente  des  non  linearites  aerodynamiques  statiques  qui  rendent  cfailleurs  I' interpretation  des 
resultats  tres  aleatoires. 

-  Des  essais  effectues  dans  une  soufflerie  verticale  a  I'aide  d'un  montage  tournant  dans  une  tres  large  gamme 
d'incidence,  de  derapages  et  de  v'tesses  angulaires.  Ces  essais  avaient  pour  but,  evidemment,  de  preciser 
certaines  caracteristiques  aerodynamiques  dynamiques  a  grande  incidence,  mais  aussi,  et  surtout,  a  verifier 
que  I' aerodynamique  de  I'avion,  dans  des  conditions  de  vol  a  caractere  fortement  dynamique  impliquant  des 
vitesses  angulaires  et  des  vitesses  de  variation  de  I'incidence  et  du  derapage  nnportantes,  ne  presentait  pas 
d'accident  redhibitoire  susceptible  de  mettre  en  defaut  le  fonctionnement  des  commandes  de  vol. 

-  Des  essais  de  vol  libre  catapulte  effectues  avec  une  maquette  pilotee  de  I'avion,  essais  destines 
essentiellement  a  recouper  les  resultats  des  identifications  aerodynamiques  faites  classiquement  en 
soufflerie. 

-  Des  essais  de  "vrilles"  realises  en  soufflerie  verticale  ;  ces  essais  permettant  de  caractenser  le 
comportement  de  I'avion  en  condition  de  vrilles  et  de  definir  les  consignes  a  appliquer  pour  sortir  de  vrilles, 
ont  ete  realises  afin  (fassurer  la  securite  des  vols  (fouverture  du  domaine  en  incidence  des  prototypes  du 
Mirage  2000,  dans  le  cas  ou  des  divergences  importantes  entre  nos  previsions  et  la  realite  auraient  rendu 
inefficace  le  systeme  de  protection  automatique  vis-a-vis  de  la  perte  de  contrOle  installee  sur  I'avion. 

Ces  deux  derniers  types  d'essais  ne  sont  pas  a  proprement  parler  des  essais  d’identification.  Ils  peuvent 
cependant  constituer  (fexcellents  recoupements  avec  les  essais  classiques  de  soufflerie.  II  est  cfailleurs  interessant  de 
noter  a  ce  sujet  qu'il  a  ete  possible,  par  calculs  a  partir  des  caracteristiques  aerodynamiques  statiques  de  I'avion  issus  des 
essais  de  soufflerie  basse  vitesse  effectues  a  tres  grandes  incidences  et  tres  grand  derapage  de  retrouver  les  principales 
caracteristiques  des  diverses  vrilles  mises  en  evidence  a  la  soufflerie  verticale. 
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Avant  cfaborder  plus  precisement  I'examen  de  la  validite  des  previsions  qui  furent  faites  avant  vol,  quant  au 
comportement  de  1’avion,  il  y  a  lieu  de  rappeler  la  methodologie  qui  fut  appliquee  au  Mirage  2000  pour  "ouvrir" 
effectivement  en  vol  le  domaine  des  grandes  incidences  de  cet  avion. 

Cette  ouverture  s'est  deroulee  en  trois  phases : 

-  La  premiere  de  ces  phases  a  ete  realisee  avec  un  prototype  eviderrment  equipe  de  ces  commandes  de  vol 
electriques  mais  dans  lesquelles  la  fonction  de  limitation  automatique  efincidence  rfetait  pas  branchee. 
Cette  phase  fut  relativement  courte  et  avait  pour  but  de  preciser  les  etalonnages  des  grandeurs 
anemometriques  intervenant  dans  les  reglages  du  systeme  de  limitation  automatique  d'incidence.  Un 
premier  domaine  en  manoeuvre  symetrique,  c'est-a-dire  sans  manoeuvre  transversale,  fut  ainsi  ouvert. 
Cette  phase  permit  une  premiere  verification  des  principales  caracteristiques  aerodynamiques,  en 
particulier  longitudinales,  de  I'avion. 

-  La  deuxieme  phase  fut  la  phase  effective  de  mise  au  point  des  fonctions  de  protection  automatique  de 
I’avion  vis-a-vis  de  la  perte  de  contrdle  dans  son  domaine  "normal"  de  vol,  c'est-a-dire  hors  du  domaine  des 
tres  faibles  vitesses.  C'est  au  cours  de  cette  phase  que  put  etre  evalue  l'inter£t  operationnel  de  tels 
dispositifs  de  protection  automatique,  interSt  qui  parut  si  important  qu'un  certain  nombre  de  perfectionne- 
ments  de  ces  fonctions  furent  souhaites  par  les  pilotes  et  realises.  En  particulier,  l’extension  de  la  fonction 
de  protection  automatique  a  l'ensemble  des  configurations  de  combat  de  I'avion  fut  decidee,  alors 
qu'initialement  cette  protection  ne  devait  couvrir  que  les  principales  configurations  et  qu'il  avait  ete  admis 
qu'un  certain  nombre  de  consignes  restrictives  de  pilotage  etait  acceptable.  C'est  au  cours  de  cette  phase 
que  le  meilleur  compromis  entre  les  valeurs  d'incidence  maximales  de  I'avion  et  la  manoeuvrabilite 
transversale  encore  disponible  a  ces  incidences  a  ete  defini. 

-  Enfin,  une  troisieme  phase  a  permis  d"ouvrir  le  domaine  de  vol  de  I'avion  jusqu'aux  vitesses  tres  faibles, 
voire  nulles,  domaine  dans  lequel  les  incidences  et  les  derapages  peuvent  atteindre  des  valeurs  quelconques. 
II  faut  noter  que  la  necessite  d'une  telle  ouverture  de  domaine  n'etait  pas  evidente  a  priori.  En  effet,  ce 
domaine  n'est  accessible  que  par  des  manoeuvres  tres  particulieres  de  pilotage  que  1'on  sait  eviter  a  1'aide 
de  consignes  relativement  simples  a  respecter  par  le  pilote.  C'est  en  definitive  le  souci  de  voir  pour  les 
configurations  de  combat  toutes  consignes  restrictives  de  pilotage  disparaitre  qui  a  rendu  necessaire  la 
validation  de  bon  fonctionnement  de  l'ensemble  avion  +  commandes  de  vol  dans  ces  conditions  particulieres. 
Aborder  cette  phase  cfessais  en  vol  exigait  quelques  precautions  car  les  risques  de  perte  de  controie 
n'etaient  pas  a  priori  completement  negligeabies  et  une  campagne  d'essai s  en  soufflerie  de  vrille  fut 
effectuee  de  fagon  a  caracteriser  ces  vrilles  et  definir  les  consignes  a  appliquer  eventuellement  pour  en 
sortir.  Quelques  vols  furent  effectues  afin  de  verifier  la  validite  de  ces  resultats  :  la  suppression  dans  les 
commandes  de  vol  de  toutes  les  fonctions  de  protection  automatique  ont  permis  d'obtenir,  effectivement  en 
vol,  quelques  pertes  de  contr3Ie  et  de  verifier  ainsi  Pefficacite  des  consignes  de  sortie  de  vrilles  definies  a 
partir  des  essais  en  soufflerie. 

Ces  differentes  phases  cfouverture  du  domaine  de  vol  de  I'avion  ont  ete  realisees  selon  une  procedure 
progressive,  dont  chacune  des  etapes  comprenait  successivement : 

-  Une  "repetition"  au  simulateur  des  essais  cfouverture  de  domaine. 

-  Les  essais  en  vol  cfouverture  de  domaine. 

-  Une  comparaison  systematique  entre  le  comportement  de  I’avion  en  vol  et  celui  qui  avait  ete  prevu. 


Nous  avons  aujourd'hui,  le  recul  suffisant,  pour  pouvoir  etablir  un  bilan  tres  general  de  la  qualite  des 
previsions  concernant  le  comportement  de  I'avion  que  nous  avons  pu  faire  avant  les  vols. 

L'examen  de  ce  bilan  nous  permet  d'affirmer  que,  dans  leur  ensemble,  ces  previsions  ont  ete  excellentes. 

Ce  resultat  est,  certes  en  partie  dQ  au  fait,  deja  cite  precedement,  que  le  comportement  d'un  avion  equipe  de 
commandes  de  vol  electriques  est,  dans  bien  des  conditions  de  vol,  plus  lie  aux  reglages  adoptes  pour  ces  commandes  de 
vol,  qu'aux  caracteristiques  aerodynamiques  propres  de  I'avion  ;  il  provient  aussi  du  fait  que  les  divergences,  entre 
l'aerodynamique  reelle  de  I'avion  et  celle  que  prevoyait  la  soufflerie,  sont  toujours  restees  relativement  faibles. 

Tout  ceci  ne  signifie  evidemment  pas  que  la  mise  au  point  des  commandes  de  vol  electriques  du  MIRAGE  2000 
n'ait  pose  aucun  probleme. 

D'abord,  et  nous  avons  deja  eu  l'occasion  cfevoquer  ce  fait,  les  objectifs  vises  par  le  systeme  de  commandes 
de  vol  ont  evolues  au  cours  de  la  mise  au  point  des  prototypes  en  fonction  m$me  des  possibility  nouvelles  qu'offrait  ce 
type  de  commandes  de  vol  (extension  et  perfectionnement  des  limitations  automatiques  en  particulier). 

Par  ailleurs,  malgre  l'excellente  concordance  d'ensemble  entre  l'aerodynamique  reelle  de  I'avion  et  celle  que 
nous  laissait  prevoir  les  mesures  effectuees  en  soufflerie,  quelques  "surprises”  ne  nous  ont  pas  ete  epargnees. 

3e  ne  citerais  qu*a  titre  anecdotique,  car  ne  concernant  pas  vraiment  le  domaine  des  grandes  incidences,  et 
qu’elles  n'eurent  comme  consequence  qu’un  ajustement  des  reglages  de  la  chatne  transversale  de  commandes  de  vol  de 
I'avion,  les  divergences  notables  entre  le  vol  et  nos  previsions  en  ce  qui  cortcerne  le  lacet  induit  par  le  braquage 
differentiel  des  elevons  en  supersonique  a  faible  altitude  (fig.  3).  Les  mesures  effectuees  en  soufflerie  n'etaient  pas  en 
cause  ;  par  contre,  I'effet  de  Paerodistorsion  sur  ces  coefficients  avait  ete  evalue  de  fag  on  particulierement  erronee. 

Moins  anecdotiques,  par  leur  consequence  sur  la  definition  m£me  des  commandes  de  vol,  ont  etc  les  quelques 
divergences  observees  entre  le  vol  et  la  soufflerie  en  ce  qui  concerne  la  stabilite  longitudinale  de  I'avion.  Ces  differences 
resterent  toujours  tres  faibles,  mais  cependant  suffisantes  pour  remettre  en  cause  le  bilan  cfequilibrage  longitudinal  de 
I’avion,  aux  faibles  Mach,  dans  la  gamme  des  incidences  maximales  praticables  (fig.  4).  Ce  fait,  associe  au  desir  de  ne 
sacrifier  en  aucune  maniere  la  manoeuvrabilite  transversale  a  ces  incidences,  nous  a  conduit  tres  rapidement  au  cours  de 
Pexperimentation  des  prototypes  a  augmenter  legerement  le  braquage  a  piquer  des  elevons  de  I’avion. 
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Enfin,  nous  devons  citer  parmi  les  "surprises"  aerodynamiques  decelees  par  le  vol  une  evolution,  en  fonction 
du  nombre  de  mach,  des  caracteristiques  aerodynamiques  longitudinales  de  I'avion  a  grande  incidence  beaucoup  plus 
brutale  en  transsonique  que  nous  ne  le  laissait  supposer  la  soufflerie  (fig.  5).  Ce  fait,  sans  avoir  eu  de  consequence  sur  la 
definition  de  base  du  systeme  de  commandes  de  vol  de  I'avion,  n’a  certes  pas  simplifie  la  mise  au  point  des  fonctions  de 
limitation  automatique  (fincidence  et  de  facteur  de  charge,  en  particulier  pour  des  phases  de  vol  conduisant  a  des 
variations  tres  rapides  du  nombre  de  Mach  (deceleration  transsonique  en  butee  de  manche  par  exemple). 

Tetles  sont  les  seules  divergences  vol/previsions  qui  se  soient  vraiment  revelees  significatives  quant  a  la 
definition  des  commandes  de  vol  de  I'avion  et  a  son  comportement. 

En  particulier  le  domaine  (fincidence  et  de  manoeuvrabilite  du  MIRAGE  2000  est  pratiquement  identique  a 
celui  qui  etait  previsible  avant  meme  le  premier  vol  du  premier  prototype.  Ceci  signifie,  entre  autre,  que  les  differences 
entre  les  caracteristiques  aerodynamiques  transversales  reelles  de  I’avion  et  celles  qui  avait  ete  prevues  par  la  soufflerie 
(fig.  6)  sont  restees  suffisamment  faibles  pour  ne  pas  dtre  significatives  vis-a-vis  du  comportement  de  I'ensemble  avion 
♦  commandes  de  vol. 

Dans  le  domaine  meme  des  tres  faibles  vitesses  et  done  des  tres  grands  derapages  et  incidences,  le 
comportement  de  I'avion,  au  cours  des  centaines  cfessais  realises  en  vol,  s'est  revele  semblable  a  celui  qui  avait  ete 
observe  durant  l'importante  campagne  de  simulation  qui  avait  precede  ces  essais,  simulation  dont  les  bases  aerodyna¬ 
miques  de  representation  de  I'avion  etaient  directement  issues  de  soufflerie  basse  vitesse  couvrant  un  domaine  d'incidence 
et  de  derapage  de  *  180".  D'ailleurs,  malgre  les  difficultes  (Sexploitation  inherentes  a  ce  type  tres  particulier  cTessais  en 
vol,  il  est  possible  de  compa~*r  les  accelerations  angulaires,  subies  par  I'avion  en  vol  a  celles  qu'aurait  subit  le  modele  de 
simulation  dans  les  memes  jnditions.  Meme  dans  les  cas  de  manoeuvres  particulierement  severes,  le  recoupement  est 
tres  satisfaisant  (fig.  7). 


L'excellente  qualite  cfensemble  de  nos  previsions  avant  vol  a  ete  un  facteur  tres  important  dans  le  bon 
deroulement  de  la  mise  au  point  des  commandes  de  vol  du  MIRAGE  2000.  Cette  qualite  resulte  certes  de  milliers  cfheures 
passees  en  soufflerie  mais  aussi  de  I'experience  des  equipes  chargees  (fexploiter,  et  surtout  (finterpreter,  les  donnees  qui 
furent  ainsi  rassemblees,  experience  acquise  au  fil  des  deux  dernieres  decennies  a  I'occasion  de  realisations  aussi  variees 
que  les  MIRAGES  V  a  decollage  vertical,  les  MIRAGES  F,  les  MIRAGES  G  a  geometrie  variable,  etc  ....  dont  les  systemes 
de  commandes  de  vol  prefiguraient  deja  a  plus  (fun  titre  le  systeme  de  commandes  de  vol  strictement  electriques  du 
MIRAGE  2000. 

Un  autre  facteur  de  succes,  et  non  des  moindres,  est  a  prendre  en  consideration  :  le  fait  que  la  Societe 
AVIONS  MARCEL  DASSAULT-BREGUET  AVIATION  assure  elle-mSme  la  conception,  la  realisation  et  la  production  des 
systemes  de  commandes  de  vol  de  ses  avions  ;  il  en  resulte  un  tres  haut  niveau  d’integration  des  equipes  de  toute  discipline 
qui  participent  au  developpement  d'un  avion,  depuis  le  stade  de  sa  conception  jusqu'au  stade  de  sa  mise  en  serie,  en 
passant  par  le  stade  primordial  de  la  mise  au  point  en  vol. 
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SUMMARY 

This  paper  discusses  the  importance  of  prediction  techniques  for  the  flight- 
dynamic  behaviour  of  proposed  aircraft  projects  and  in  particular  the  use  of  the  free- 
flight  model  technique  in  this  context.  Such  free-flight  models  are  able  to  carry  on¬ 
board  flight-control  systems  and  can  be  used  to  evaluate  stability-augmentation  and 
departure-prevention  methods.  Examples  of  flight  records  of  free-flight  tests  are  pre¬ 
sented  and  comparisons  made  with  theoretical  predictions  and  corresponding  full-scale 
data,  a  research  programme  using  HIRM,  a  high  incidence  research  model  configuration, 
is  described  which  has  as  its  central  objective  the  widening  of  understanding  of  the 
flight-dynamics  phenomena  of  combat  aircraft  at  high  angles-of-attack . 


1  INTRODUCTION 

Techniques  to  predict  the  flight-dynamic  characteristics  of  new  combat  aircraft  are 
becoming  increasingly  more  important  as  the  level  of  technology  in  the  design  of  such  air¬ 
craft  continues  to  rise.  Two  design  trends  are  of  particular  interest  in  this  respect: 
first,  the  use  of  configurations  of  advanced  performance  which  are  naturally  unstable  and 
which  therefore  rely  critically  on  stability  augmentation  from  a  sophisticated  flight- 
control  system,  and  second,  the  developing  operational  requirement  for  a  'carefree 
manoeuvre'  capability  up  to  and  perhaps  beyond  the  natural  aerodynamic  limits,  using  a 
control  system  with  built-in  departure-prevention  features.  Both  these  trends  are  lead¬ 
ing  to  the  use  of  more  complex  control  systems  with  sophisticated  logic  which  are  not 
easy  to  design  when  the  aerodynamic  derivatives  and  characteristics  generally  are  non¬ 
linear  and  irregular,  as  is  very  often  the  case  when  flow  separations  develop  at  high 
angles-of-attack.  The  development  of  a  control  system  which  is  satisfactory  with  respect 
to  departure  prevention  at  high  incidence  and  which  also  enhances  the  ability  of  the  pilot 
to  make  best  use  of  his  vehicle  can  be  both  costly  and  time  consuming  at  the  flight 
development  stage  of  a  new  project  and  can  carry  a  considerable  degree  of  risk  to  the 
safety  of  both  pilot  and  vehicle. 

At  the  heart  of  this  problem  is  the  need  for  good  prediction  methods  for  use  before 
and  during  the  flight-test  stage  of  a  new  project.  Indeed,  right  from  the  start  important 
decisions  have  to  be  made  by  the  aircraft  designer,  for  example  which  dynamic  features  of 
the  configuration  are  likely  to  be  critical  and  the  nature  of  the  control  system  which 
will  be  required,  when  comparatively  crude  theoretical  predictions  backed  by  very  limited 
wind-tunnel  test  data  have  to  be  relied  on.  As  regards  the  high-incidence  departure 
characteristics  in  particular,  these  early  decisions  could  be  crucial.  Over  the  years 
considerable  experience  from  project  development  work  has  been  acquired  in  the  mathematical 
modelling  techniques  used  to  make  predictions  of  aircraft  dynamic  behaviour  and  to  design 
appropriate  control  systems,  but  the  acquisition  of  the  necessary  aerodynamic  derivatives 
and  the  accurate  determination  of  the  non-linear  aerodynamic  characteristics  at  high 
angles-of-attack  can  be  a  stumbling  block.  As  well  as  extensive  static  wind-tunnel  tests 
to  obtain  the  forces,  moments  and  control  derivatives,  it  is  necessary  to  make  oscillatory, 
rotary  and  other  time-dependent  tests.  At  the  RAE,  in  addition  to  research  on  mathematical 
modelling  techniques  and  the  development  of  wind-tunnel  steady  and  unsteady  experimental 
techniques  to  support  this,  research  has  also  been  pursued  to  develop  a  low-speed,  free- 
flight*  model  technique,  first  to  provide  further  data  for  the  mathematical  models  them¬ 
selves  and  then  to  check  out  the  predictions  of  dynamic  behaviour  made  with  these 
mathematical  models. 

This  paper  refers  to  some  of  the  recent  developments  in  the  RAE  free-flight  model 
technique,  presents  some  data  from  the  research  work  on  departure  characteristics  carried 
out  with  this  technique  in  recent  years,  and  finally  describes  a  new  RAE  research  project 
on  the  high-incidence  dynamic  characteristics  of  combat  aircraft. 

2  RAE  FREE-FLIGHT  MODEL  TECHNIOUE 

The  technique,  which  is  essentially  aimed  at  the  investigation  of  low-speed,  high 
incidence  flight  conditions,  has  been  referred  to  in  one  or  two  recent  papers'’2,  but 
development  over  the  years  has  been  continuous  and  an  update  at  this  stage  is  not 
inappropriate.  Only  comparatively  recently  has  the  concept  of  a  fully-active  on-board 
flight-control  system  been  included  and  this  has  been  useful  for  the  purposes  of  high- 
incidence  research  into  the  design  of  flight  systems.  On  direct  link,  ie  without  such  a 
control  system  in  the  loop,  the  models  are  generally  pre-programmed  to  execute  a  chosen 
sequence  of  control-surface  positions,  but  some  provision  is  now  being  made  for  an  up-link 
from  the  ground  to  augment  this  simple  system  in  some  limited  respects.  The  controls  are 
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operated  by  electric  motors  powered  by  batteries,  other  actuators  required  in  the  model 
recovery  procedure  being  operated  by  compressed  air  carried  in  bottles.  The  model  mass 
and  inertias  are  carefully  controlled  in  manufacture  and  assembly,  the  object  being  to 
provide  a  number  of  nominally  identical  models.  Fig  1,  which  can  be  used  in  turn  to 
obtain  data  in  depth  for  a  small  number  of  selected  configurations.  The  external  lines 
of  the  models  are  standardised  by  the  use  of  a  casting-mould  method  of  manufacture,  a 
modular  construction  being  used  to  enable  damaged  components  to  be  replaced  quickly  and 
easily. 

For  each  drop  the  model  is  lifted  from  a  trolley.  Fig  2a,  and  towed  to  the  altitude 
for  launch  by  means  of  a  helicopter,  a  long  cable  being  used.  Fig  2b.  During  this  opera¬ 
tion  a  small  parachute  is  deployed  from  the  model  to  avoid  undue  swinging  on  the  cable, 
but  this  is  jettisoned  at  the  moment  of  release.  The  model  is  launched  in  a  flying 
attitude  at  a  prescribed  forward  speed,  so  usually  meaningful  flight  data  is  obtained 
right  from  the  time  of  release  until  the  activation  of  the  recovery  procedure.  Recovery 
is  effected  at  low  altitude  by  the  deployment  of  large  parachutes  and  the  model  finally 
lands  on  the  ground,  the  shock  being  taken  by  inflated  air  bags  on  the  lower  surface  of 
the  fuselage.  Fig  3a.  Generally  it  is  possible  to  re-use  a  model  after  each  drop  follow¬ 
ing  any  necessary  recalibration  of  instruments,  repair  of  minor  damage,  etc,  but  some¬ 
times  major  repairs  are  required,  eg  if  unexpected  dynamic  behaviour  occurs  and  the 
recovery  system  is  defeated,  as  in  the  case  shown  in  Fig  3b.  Recovery  techniques  are 
continually  being  improved  and  catastrophies  of  this  kind  have  been  rare,  however.  With 
a  series  of  three  or  four  identical  models  available  a  fairly  continuous  test  programme 
can  be  conducted,  weather  and  range  facilities  permitting.  During  the  free-flight  of  the 
model,  which  can  last  up  to  100  or  more  seconds*  dependent  on  the  nature  of  the  test,  the 
model  transmits  data  to  a  ground  receiver  by  telemetry  and  is  tracked  by  accurate  radar 
scanners  and/or  kinetheodolite  cameras  as  required.  The  required  sequence  of  control 
movements  for  each  drop  is  set  up  beforehand  and  all  systems  are  activated  at  the  point 
of  release,  including  the  flight-control  system  and/or  departure  prevention  systems  that 
are  being  used.  It  is  possible  to  switch  such  systems  in  and  out  during  the  flight 
either  using  the  on-board  programmer  or  by  remote  control.  Telemetred  data  generally 
includes  signals  from  linear  and  angular  accelerometers,  rate  and  attitude  gyros,  the 
position  of  control  surfaces,  pitot  -  static  pressures,  incidence  and  sideslip  vane 
angles,  various  in-flight  instrument  calibration  voltages,  and  the  demand  and  output 
sides  of  any  control  systems  in  use.  All  data  is  recorded  for  off-line  processing  and 
analysis,  but  during  the  flight  selected  parameters  are  displayed  on-line  for  on-the-spot 
monitoring  purposes.  Fig  4  shows  some  of  the  internal  components  which  have  to  be 
carried  in  a  typical  model  drop. 

3  RESEARCH  USING  THE  TORNADO  CONFIGURATION 

Over  the  last  few  years  RAE  has  used  the  configuration  of  the  Tornado  aircraft  for 
research  purposes  with  respect  to  the  development  of  the  free-flight  model  technique  and 
the  derivation  of  mathematical  models  for  the  prediction  of  flight-dynamic  behaviour. 

Both  the  original  IDS  version  of  this  variable  wing-sweep  aircraft  and  the  later  ADV 
design  have  been  used,  the  latter  having  in  particular  a  longer  and  more  slender  nose. 

Fig  5,  which  was  expected  to  aggravate  the  departure  characteristics  at  high  angles-of- 
attack.  The  models  have  all  been  carefully  scaled  to  i  full-size  by  linear  dimension. 
Three  ranges  have  been  used  for  these  free-flight  trials:  the  RAE  Larkhill  range  in  the 
UK,  the  Woomera  range  in  South  Australia  and  the  NASA  Dryden  facilities  on  the  USAF 
Edwards  Base  in  California,  USA.  The  large  size  of  the  latter  two  ranges  has  been 
essential  for  some  of  the  testing  carried  out,  ie  where  the  maximum  possible  travel  of 
the  model  has  been  large.  Sample  data  from  some  experiments  on  all  three  ranges  is 
presented  in  this  paper. 

Two  flight-control  systems  have  been  used  in  conjunction  with  these  models,  an 
analogue  system  and  a  more  'advanced'  reprogrammable  digital  system.  Only  data  from 
tests  with  the  analogue  system.  Fig  6,  are  presented  here,  and  in  the  design  of  the  basic 
Command  and  Stability  Augmentation  System  (CSAS)  for  this,  some  simplifying  assumptions 
have  been  made  because  operation  was  only  required  at  low  forward  speeds  (less  than  150  kn 
IAS  model  scale,  300  kn  full  scale) .  The  design  comprised  conventional  pitch,  roll  and 
yaw  dampers  but  with  some  prescribed  limitation  of  authority  in  pitch  and  some  'wash-out' 
in  yaw  to  avoid  some  of  the  pro-spin  tendencies  that  such  systems  can  have  at  high 
incidence.  The  analogue  departure-prevention  system  took  the  form  of  a  Spin  Prevention 
Incidence  Limiting  System  (SPILS) ,  similar  to  that  proposed  by  British  Aerospace  for  the 
UK  version  of  Tornado.  Basically  this  system,  which  is  designed  to  be  put  in  series  with 
the  CSAS,  reduced  the  authority  of  the  'stick'  and  'rudder  pedal'  inputs  by  factors 
dependent  on  angle-of -attack ,  but  with  some  advance  determined  by  pitch-rate  to  avoid  any 
tendency  to  overshoot  in  dynamic  approaches  to  the  stall.  The  above  brief  description 
gives  only  the  basic  features  of  the  CSAS  and  SPILS  modules:  for  both  of  these  the 
detailed  design  was  extremely  complex. 

4  COMMENTS  ON  THE  FLIGHT  RECORDS  OF  FIGS  7-17 

In  these  figures,  the  two  different  configurations  mentioned  above,  IDS  and  ADV, 
are  referred  to  as  'I'  and  'A'  respectively,  and  in  the  model  data  of  Figs  7,  10,  11, 

13-17  all  reference  to  parameters  is  given  in  terms  of  full-scale  aircraft  size  rather 
than  model  size  in  order  to  facilitate  comparison  with  the  aircraft  data  of  Figs  8,  9  and 
12.  For  the  i-scale  model  size  this  has  meant  that  model  test  values  of  angular  rates 


Equivalent  to  200  or  more  seconds  for  a  full-scale  aircraft  of  *4  the  size. 


have  been  halved  and  the  timescale  has  been  doubled  numerically.  The  model  velocity  has 
also  been  doubled  (see  Ref  3  for  the  derivation  of  scaling  factors) . 


The  model  drop  programme  has  included  several  configurations  of  the  wing,  but  only 
data  from  tests  with  a  leading-edge  sweep  of  25°  and  without  manoeuvre  devices  deployed 
is  presented  in  these  figures.  Also,  for  all  these  data  the  centre  of  gravity  of  the 
model  was  standardised  at  28%  and  13>j%  of  wing  geometric  mean  chord  for  the  'I'  and  'A1 
configurations  respectively.  Angles  of  incidence  and  sideslip  in  flight  have  been  taken 
from  vanes  mounted  sometimes  on  a  nose  probe  (eg  Fig  1)  and  sometimes  on  the  side  of  the 
fuselage  ( eg  Fig  5).  Thorough  calibrations  have  been  carried  out,  however,  and  all 
appropriate  corrections  have  been  applied  to  make  the  data  comparable  between  figures  for 
the  purposes  of  this  paper.  Lastly,  for  ease  of  comparison  a  common  format  has  been 
adopted  for  all  the  flight  records  quoted,  but  care  should  be  taken  to  observe  the  scales 
of  parameters  quoted  in  different  figures  since  it  has  not  been  possible  to  standardise 
these  satisfactorily.  It  should  be  noted  that  pilots'  input  rather  than  control  surface 
position  has  been  used  as  standard  throughout. 

Fig  7: 

This  first  record  shows  two  separate  time  slices  from  a  fairly  long  drop  made  at 
the  VJoomera  range  with  the  'I'  model  configuration  without  any  control  augmentation 
switched  in.  Two  levels  of  incidence  are  quoted,  oiiw  25°  and  a-irea  30°,  for  the  pitch- 
control  input  set  at  -10°  and  -14.6°  respectively  (tail-setting  in  this  instance).  At 
each  condition  a  sharp  rudder  pulse  was  made  to  trigger  a  Dutch-roll  type  of  oscillation. 

At  the  lower  incidence  the  model  response  is  fairly  well  damped,  but  at  the  higher  value 
a  divergence  occurs.  Records  of  free  flight  experiments  of  this  type  have  been  analysed 
to  yield  aerodynamic  derivative  data  which,  along  with  data  from  static  and  oscillatory 
wind-tunnel  tests,  has  enabled  a  mathematical  model  to  be  set  up  to  predict  model  dynamic 
behaviour  from  any  given  schedule  of  control  settings. 

Fig  8: 

The  record  for  the  model  test  shown  in  Fig  7  may  be  compared  with  a  similar  record 
for  the  unaugmented  full-scale  aircraft,  shown  in  Fig  8.  We  are  extremely  grateful  to 
British  Aerospace  for  the  use  of  these  data,  and  also  that  of  Figs  9  and  12.  In  Fig  8 
the  dynamic  response  is  triggered  by  combined  rudder-pedal  and  lateral-stick  movements, 
and  at  the  start  of  the  time  slice  even  quite  vigorous,  if  uncoordinated,  pedal  and  stick 
movements  are  unable  to  trigger  a  divergence  at  incidences  near  21°.  This  is  compatible 
with  the  model  record  of  Fig  7.  However,  at  a  higher  incidence  of  about  24° 

(at  t  *  17  seconds)  a  large  coordinated  movement  of  the  two  controls  does  result  in  a 
divergent  oscillation,  helped  along  by  continued  control  movements  as  this  develops.  The 
wing  in  this  case  has  manoeuvre  devices  deployed  which  makes  direct  comparison  with  the 
data  of  Fig  7  impossible,  but  similarities  are  apparent  which  are  not  without  interest. 

Fig  9: 

When  the  full  CSAS  is  switched  in,  as  in  Fig  9,  the  effect  on  the  response  of  the 
same  aircraft  configuration  of  Fig  8  is  dramatic.  A  Dutch-roll  type  of  oscillation  is 
excited  early  in  the  time  slice  by  very  vigorous  roll-stick  movements  but  this  quickly 
dies  away  once  this  excitation  is  stopped  (at  t  =  12  seconds)  even  though  incidence  is 
allowed  to  drift  upwards  from  about  25°.  At  the  end  of  the  record  similar  vigorous 
stick  movements  at  a  somewhat  higher  incidence  of  27°  fail  to  cause  a  significant  response. 
Thus  the  use  of  the  CSAS  is  seen  to  be  beneficial  for  such  types  of  control  movements. 

Fig  10: 

However,  flight  tests  of  the  type  shown  in  the  records  of  Figs  8  and  9  are  not 
without  risk  to  the  safety  of  aircraft  and  pilot  since  at  the  time  little  may  be  known 
about  the  nature  of  the  departure  characteristics  which  could  follow  such  vigorous  control 
movements  at  these  high  incidences.  Fig  10  shows  a  more  daring  test  made  at  the  same 
incidence  of  27°  of  the  record  of  Fig  9  but  with  crossed  'pilot'  inputs  to  rudder  and  roll 
control,  this  time  made  with  the  corresponding  free-flight  model  fitted  with  a  full  CSAS 
module.  This  combination  of  maximum-control  demanded  inputs  almost  at  once  causes  a  full 
departure  of  the  vehicle,  leading  to  oscillatory  spin  behaviour  up  to  very  high  incidences 
(74°  maximum) .  It  clearly  would  have  been  foolhardy  to  risk  such  a  test  on  the  full-scale 
aircraft. 

Fig  11: 

The  inclusion  of  a  control  system  such  as  CSAS  can,  however,  cause  subtle  problems 
in  the  use  of  a  free-flight  technique,  as  Fig  11  shows.  Here  the  incidence  is  being  held 
at  a  comparatively  low  level  but  a  rudder  pulse  triggers  a  slow  but  progressive  wing  drop 
in  addition  to  the  expected  damped  oscillation.  This  wing  drop  resulted  in  a  large 
increase  in  bank  angle  which  in  turn  caused  an  increase  in  pitch  rate  due  to  gravitation 
effects  and  thus  a  progressive  reduction  in  incidence  away  from  the  natural  trimmed 
attitude.  Attempts  to  find  aerodynamic-flow  'fixes'  to  avoid  this  non-representative 
sequence  of  events  were  all  in  vain,  and  this  has  led  to  a  bank-angle-hold  system  being 
installed  into  the  model  control  system  as  stand" rd  for  any  tests  in  which  such  effects 
are  likely  to  occur. 

Fig  12: 

The  use  of  the  SPILS  departure-prevention  system  on  the  full-scale  aircraft  is 
clearly  demonstrated  by  the  flight  record  of  Fig  12.  First,  the  difference  between  the 
control  positions  demanded  by  the  pilot  and  those  which  actually  occur  is  shown  for  the 
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three  controls.  Dependent  on  the  incidence-vane  input  the  authority  of  the  pilot  over 
the  controls  has  been  reduced,  this  being  the  main  function  of  this  type  of  prevention 
system.  Incidence  is  limited  to  a  maximum  of  28°  with  stick  hard  back  and  even  with 
superimposed  severe  crossed  inputs  to  rudder-pedal  and  roll-stick  there  is  little  or  no 
overall  adverse  dynamic  response  or  hint  of  departure.  The  aircraft  with  this  combined 
CSAS  and  departure  prevention  system  in  use  may  thus  be  regarded  as  proof  against  even  the 
most  undesirable  control  movements  a  disorientated  pilot  may  inadvertently  make  in  the 
heat  of  combat.  The  performance  of  these  systems  in  this  respect  is  really  very 
impressive . 

Fig  13: 

From  a  research  point  of  view  it  is  indeed  a  pity  that  it  was  not  possible  to  repeat 
the  pilot  control  inputs  of  the  record  of  Fig  12  without  the  SPILS  departure-prevention 
system  switched  in,  just  to  clinch  the  matter.  However,  perhaps  the  record  of  the  model 
free-flight  test  of  Fig  13  may  suffice.  In  this  test,  the  unaugmented  model  was  trimmed 
out  at  an  incidence  of  about  28°,  as  at  the  start  of  the  full-scale  record  of  Fig  12,  and 
then  crossed  control  inputs  to  rudder  and  roll  'stick'  similar  (but  in  the  opposite 
sense)  to  those  of  Fig  12  were  applied.  The  flight  record  speaks  for  itself:  departure 
is  swift  and  complete  with  excursions  in  incidence  up  to  85°  and  strong  gyrations  and 
oscillations  about  all  three  axes. 

Fig  14: 

In  the  free-flight  model  research  programme,  the  use  of  a  departure  prevention 
system  has  been  investigated  on  the  'A'  configuration  in  collaboration  with  NASA  Dryden 
as  a  research  study.  This  configuration  was  regarded  as  a  more  challenging  case  than  the 
'I'  configuration  because  of  the  longer  nose  and  some  other  features.  In  Fig  14  we  have 
a  record  for  a  sequence  of  control  changes  not  too  far  from  those  shown  for  the  'I'  air¬ 
craft  in  Fig  12.  With  full-back  stick  (-32°  tail-setting  demanded)  a  much  reduced  tail¬ 
setting  is  apparent  and  incidence  is  limited  to  about  23°.  The  application  of  crossed 
control  inputs  of  rudder  and  roll  'stick'  is  heavily  modified  by  the  SPILS  departure- 
prevention  system  and  only  a  small-amplitude  dynamic  response  therefore  occurs  which 
quickly  dies  away.  The  comparison  with  the  'I'  aircraft  record  of  Fig  12  is  quite 
striking  and  serves  to  demonstrate  the  usefulness  of  this  free-flight  model  technique  to 
predict  the  effectiveness  of  such  prevention  systems  in  advance  of  flight  tests. 

Fig  15: 

The  record  of  the  fully  augmented  'A'  configuration  model  of  Fig  14  may  be  con¬ 
trasted  with  the  corresponding  record  for  the  unaugmented  model,  a  free-flight  experiment 
also  carried  out  in  collaboration  with  NASA  at  the  Dryden  research  centre.  A  much  lower 
pitch  'stick'  input  was  needed  to  achieve  a  starting  incidence  of  23°,  ,Y  about  the  same 
value  as  that  for  the  augmented  model  trial  of  Fig  14.  In  this  trial  a  small  extra  stick- 
back  input  was  made  as  the  lateral  controls  were  moved,  but  even  so  there  is  no  doubt  of 
the  effect  of  a  sudden  application  of  crossed  rudder  and  roll-’ stick'  controls  as  was 
used  in  the  record  of  Fig  14.  Oscillations  are  initiated  on  all  three  axes  and  there  is 
a  sudden  total  departure  at  t  =  4  seconds,  zY  2  seconds  (full  scale)  after  the  input  of 
crossed  control  deflections. 

Fig  16: 

The  two  model  trials,  the  data  from  which  Figs  14  and  15  have  been  prepared,  have 
been  the  subject  of  theoretical  predictions  using  the  best  mathematical  model  we  have 
been  able  to  define  from  available  sources,  ic  wind-tunnel  data  (static  and  oscillatory) , 
free-flight  control-response  records  and  estimates.  Fig  16  shows  the  simulated  flight 
record  thus  obtained  for  the  sequence  of  control  deflections  used  in  the  free-flight 
experiment  of  Fig  15.  The  agreement  between  this  theoretical  simulation  and  the 
experiment  is  very  encouraging  to  say  the  least,  particularly  in  the  important  early 
stages  of  the  departure. 

Fig  17: 

A  similar  comparison  can  be  seen  between  the  simulated  theoretical  response  record 
of  Fig  17  and  the  experiment  of  Fig  14.  For  this  simulation  the  characteristics  of  the 
CSAS  and  SPILS  control  systems  were  modelled  mathematically  and  added  to  the  mathematical 
model  used  for  the  simulation  of  the  unaugmented  vehicle,  shown  in  Fig  16.  Once  again 
the  same  sequence  of  control  deflections  has  been  taken  as  used  in  the  free-flight 
experiment  and  comparison  with  Fig  16  clearly  shows  an  overall  result  similar  to  the  free- 
flight  tests  (compare  Figs  14  and  15)  as  regards  effectiveness  of  the  departure  prevention 
system. 

Sumarising  this  part  of  this  paper,  we  can  say  that  the  free-flight  technique 
described  has  been  shown  to  be  advantageous  for  the  prediction  of  the  effectiveness  of 
departure-prevention-systems,  and  th".s  can  be  i.  sad  with  confidence  for  this  purpose 
during  full-scale  development  tests  on  new  comt  t  aircraft  equipped  with  such  systems. 
Also,  the  model  data  obtained  lias  1  -»n  found  be  '  ery  useful  in  the  construction  of 
mathematical  models  for  the  develops.. <_  jf  liable  prediction  methods  for  the  dynamic 
behaviour  of  aircraft  with  departure- , .  vantlon  systems.  It  is  suggested  that  for  future 
advanced  combat  aircraft,  which  probably  will  rely  on  a  fair  degree  of  natural  longitudi¬ 
nal  instability  and  an  effective  'carefree  manoeuvre'  capability  up  to  high  angles-of- 
attack,  the  use  of  such  a  free-flight  model  technique  could  make  a  strong  contribution 
to  the  overall  design  process. 


I  1-5 


5  HIRM  RESEARCH  PROGRAMME 

After  the  experience  obtained  in  the  development  of  the  free-flight  model  technique 
using  the  Tornado  models,  described  in  sections  3  and  4  above,  we  have  decided  to  widen 
the  scope  of  the  research  work  on  flight  dynamics  at  RAE  with  the  use  of  a  more  novel  type 
of  combat  aircraft  configuration.  For  some  years  RAE  has  been  interested  in  the  potential 
of  'three-surface'  configurations  which  have  a  close-coupled  canard  as  well  as  an  aft 
tail,  both  of  which  can  be  used  as  controls.  As  other  researchers  have  found  f  in 
addition  to  the  lift-drag  performance  advantages  which  can  be  obtained  by  adding  the 
extra  surface,  there  can  also  be  more  scope  for  better  control  characteristics  at  high 
incidences,  provided  that  a  modest  degree  of  natural  longitudinal  instability  is  assumed 
and  that  an  adequate  flight  control  system  can  be  designed  to  handle  the  more  complex 
control  options  which  present  themselves. 

After  some  preliminary  wind-tunnel  work  (and  one  or  two  false  starts)  the  configura¬ 
tion  of  Fig  18  was  established  as  suitable  for  this  work,  and  this  is  now  referred  to  as 
the  High  Incidence  Research  Model  (HIRM).  From  the  start  the  configuration  has  been 
regarded  basically  as  a  free-flight  model,  there  being  no  full-scale  aircraft  counterpart 
to  consider.  Fig  18  shows  the  salient  dimensions  of  the  design  in  millimetres.  There  are 
five  independently-driven  control  surfaces  (two  foreplanes,  two  tailplanes  and  the  rudder) 
and  the  possible  use  of  these  in  various  ways  has  been  investigated  in  a  comprehensive 
programme  of  static  wind  tunnel  tests  (.  j  Fig  19).  Also,  rotary  balance7  dynamic  tests 
have  been  carried  out*  (Fig  20)  and  oscillatory  derivative  tests”  (Fig  21),  both  for  a 
number  of  control-configuration  options.  The  oscillatory-derivative  measurements  have 
included  oscillations  in  pitch,  heave,  roll,  yaw  and  sideways  motion,  and  some  cross- 
coupled  measurements  have  been  made  in  addition  to  the  usual  primary  ones.  Alternative 
leading-edge  droop  settings  are  available  but  no  trailing-edge  flaps  are  incorporated  on 
the  wing  at  present.  The  wind-tunnel  test  programme  has  used  a  range  of  incidence  up  to 
90°,  since  of  particular  interest  is  the  investigation  of  departure  at  extreme  attitudes. 
Only  a  modest  range  of  sideslip  has  been  possible  so  far,  however,  but  one  of  the  free- 
flight  models  is  to  be  tested  in  the  RAE  5m  tunnel  soon  which  will  allow  a  large  range  to 
be  covered.  This  mass  of  wind-tunnel  data  is  being  used  to  select  optimised  control 
schedules  and  to  design  several  active  flight-control  systems  of  different  degrees  of 
sophistication,  bearing  in  mind  that  the  free-flight  models  will  have  an  adjustable  range 
of  static  margin  (pre-stall)  from  about  +5%  to  -8H  aerodynamic  mean  chord.  The  first 
flight  in  the  programme  is  expected  to  occur  about  the  end  of  this  year  (1982)  with  the 
simplest  of  control-systems  possible  carried  on-board,  and  it  is  hoped  that  the  first 
major  free-flight  trials  series  will  be  accomplished  within  the  following  year,  in 
collaboration  with  NASA  Dryden,  with  a  number  of  more  complex  systems  available.  The 
design  and  provision  of  these  control  systems,  which  are  such  an  important  part  of  the 
whole  project,  are  the  concern  of  Flight  Systems  Department  at  RAE  Farnborough. 

A  good  deal  of  attention  is  at  present  being  given  to  the  establishment  of  a  data 
set  and  the  derivation  of  suitable  mathematical  models  for  the  high-incidence  dynamic 
chars  ristics  of  this  HIRM  project.  Passing  reference  has  been  made  to  some  aspects  of 
this  in  a  recent  paper7.  The  project  offers  a  rare  opportunity  to  base  such  mathematical 
modelling  on  an  entirely  consistent  data  bank,  the  configuration  of  all  wind-tunnel  and 
free-flight  models  having  been  standardised  right  from  the  start.  So  often  in  the  use  of 
aircraft  project  models  for  this  type  of  work  complications  arise  from  changes  to  the 
configuration  detail  during  the  flight  development  stage  which  need  to  be  taken  account  of 
hopefully  with  HIRM  it  should  be  possible  to  maintain  a  more  consistent  approach.  The 
logic  of  the  general  approach  to  the  mathematical -model  development  is  shown  in  Fig  22. 

The  model  will  be  used  to  design  the  active  control  system  and  also  to  suggest  free-flight 
experiments  which  need  to  be  made  with  this  system.  As  a  result  of  these  experiments 
more  aerodynamic  data  will  be  obtained  to  help  check  on  the  initial  form  of  the  mathe¬ 
matical  model  and  to  enable  predictions  to  be  checked  against  actual  dynamic  responses. 

As  appropriate  more  wind-tunnel  work  will  be  initiated  to  provide  further  data  and  a 
sensitivity  analysis  will  be  made  before  revising  the  basic  model  and  going  round  the  loop 
again.  In  this  way  it  should  be  possible  to  improve  the  basic  standard  of  the  prediction 
method  for  dynamic  behaviour  at  high  incidence  and  progressively  develop  a  flight  control 
system  able  to  prevent  departure  and  give  a  good  standard  of  control  over  a  wide  range  of 
flight  conditions  at  low  speed. 

The  HIRM  research  programme  is  fully  described  elsewhere10,  but  it  is  hoped  that  the 
brief  remarks  above  in  the  context  of  the  experience  gained  with  the  Tornado  research 
models  previously  described  show  something  of  the  challenge  we  have  set  ourselves  with 
this  new  programme. 

6  CLOSING  REMARKS 

It  has  been  demonstrated  by  correlations  with  flight  data  and  theoretical  predic¬ 
tions  that  a  free-flight  model  technique  using  on-board  control  systems,  such  as  that 
described  here,  can  be  a  powerful  tool  for  the  achievement  of  a  good  standard  of  high- 
incidence  performance,  particularly  when  backed  by  a  soundly-based  mathematical  model  to 
help  design  the  necessary  active-control  systems.  It  is  confidently  expected  that  the 
new  HIRM  research  programme  with  its  greater  scope  will  be  able  to  take  this  technology- 
further  and  generally  widen  our  understanding  of  high-incidence  control  of  combat 
aircraft. 


These  particular  tests  were  carried  out  under  an  extramural  contract  at  BAe  Warton. 
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Fig  10  Departure  with  stability-augmentation  present,  crossed  controls 
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Fig  14  Use  of  incidence-limiting  system  to  prevent  departure  for  a  tree-flight  model 
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Fig  IS  Departure  of  unaugmented  model  with  same  control  inputs  at  used  in  Fig  14 
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Fig  16  Prediction  of  departure  for  the  control  movements  of  Fig  15 
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Fig  17  Prediction  of  effectiveness  of  the  departure-prevention  system  demonstrated  in  Fig  14 


Fig  19  Static  wind-tunnel  tests  on  HIRM.  RAE  11 'A  ft  *  8%  ft  low-spaed  tunnel 
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SUWIARY 

Buffet  tests  on  a  Saab  105  aircraft  have  been  carried  out  in  flight  at  high  speed  and  wind  tunnel  meas¬ 
urements  on  a  half  model  have  been  performed  at  the  same  Mach  numbers  and  almost  the  same  Reynolds  number. 
Buffet  levels  have  been  derived  from  wind  tunnel  accelerometer  signals  using  Jones'  method.  At  Mn=.50  the 
flight/wind  tunnel  agreement  is  remarkably  good.  At  Ma=.70  and  in  particular  at  Ma=.78  there  are  signifi¬ 
cant  differences  in  buffet-onset  and  beyond.  An  attempt  has  been  made  to  explain  the  discrepancies.  The 
general  conclusion  is  that  with  careful  testing,  this  method  may  be  used  to  predict  flight  buffet  loads 
from  wind  tunnel  measurements. 


1  LIST  OF  SYMBOLS 


c  chord 

c  mean  aerodynamic  chord 

CfTRIM  trimmed  lift  coefficient 
Cm  pitching  moment  coefficient 

Cn  normal  force  coefficient 

Cp  pressure  coefficient 

Cj.  axial  force  coefficient 

f  frequency 

H  altitude 

Lj.  distance  between  MRP  and  tail  1/4-chord  point 

M  generalised  mass 

Ma  Mach  number 

MRP  moment  reference  point 

nz  load  factor 


q 
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v 

w 

x 
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z 

06 
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W/T  total  pressure  (Fig  8) 
dynamic  pressure 
Reynolds  number  based  on  c 
reference  area 
free-streom  velocity 
weight 

aircraft  coordinate  system  (Fig  2) 
incidence 

total  damping  ratio  (i  crit) 
aerodynamic  damping  ratio  (<■  crit) 
structural  damping  ratio  (»  crit) 
RMS  acceleration 


2  INTRODUCTION 


An  important  trend  in  present  combat  aircraft  progromnes  u.  the  demand  for  improved  maneuverability  in  the 
subsonic  and  transonic  flight  regime.  Thus  it  has  become  increasingly  important  to  predict  the  buffeting 
characteristics  of  an  aircraft  at  an  early  stage  in  the  project  development  programme  as  these  characteris¬ 
tics  may  affect  the  choice  of  configuration. 


Several  methods  have  been  used  in  order  to  predict  buffeting  from  wind  tunnel  test.  A  method  which  has 
been  used  in  the  past  is  the  study  of  slope  changes  in  the  normal  force,  pitching  moment  or  axial  force 
versus  incidence,  but  if  buffet  level,  and  not  only  general  terms  such  as  burfet  onset,  moderate  buffet  and 
heavy  buffet  is  needed,  more  sophisticated  methods  must  be  used.  Oie  method  which  has  been  used  lately  con¬ 
sists  of  measuring  the  fluctuating  pressures  on  a  nominally  rigid  model.  The  data  are  then  used  to  calculate 
the  response  of  the  flexible  aircraft  structure.  Important  disadvantages  of  this  method  lie  in  the  expensive 
instrimentation  and  complicated  data  handling  and  analysis  retired  to  determine  the  buffet  excitation. 

Also,  the  aerodyna-  c  damping  is  not  measured  but  has  to  be  estimated.  Another  method  comprises  the  use  of 
very  expensive  models  with  scaled  structural  and  inertial  pro)>erties.  These  models  are  too  fragile  to  lx? 
tested  at  high  pressure  which  is  normally  necessary  in  order  to  simulate  the  correct  flow  conditions  in  the 
wind  tunnel. 


In  Etef.  1  G  F  Butler  and  G  R  Spavins  presented  a  method  originally  suggested  by  J  G  Jones.  The  method 
involves  the  measurement  of  unsteady  accelerations  at  one  point  on  an  aerodynamic  surface,  for  instance  a 


i :  >  i ,  nude  ol  solid  stool  oi  lijht  alloy  of  the*  type  norm  illy  ::.-inuf  ictured  for  .;t  indard  tra-  test  ::>»!•  1.:. 
[hi  uli'l  .txi  m  t r ament  ,tion  ire  therefore  relatively  -11:111  tie  .nd  she  1. / .  The  method  1 ::  -used  on  the  furl 
t : :  .  t  1  - --invent  ion  1 1  wiml  tunnel  nxxlol  has  modes  of  vibration  which,  for  the  lower  .nd  tur--  i.n.ort  int  tni-  ■ 
-1--  oil  .1  to  ti.  me  of  the  aircraft.  if  10  -J  ,t  -  reduction  .-nd  <n  -lye is  it-  sitnil  ,r  to  .iiethixis  lim  in 
1!  ;tt«-i  milysis  and  not  unre  i.ion.ibly  complicated  or  oxiiensivo.  In  Ret'.  1  it  w  is  lemonnt r -ted  th  it  on 
ueeiunt  ivtween  wind  tunnel  test  ind  flight  test  w.is  ->i-t  lined.  As  the  nettvid  ipi*.-  tel  to  :<:•  iruu.uni, 
it  w  iivi.kxl  it  ri.i.ii—  Sc. ini  1  th.it  in  order  to  le  urn  ■!>!  ton  ex[ier lonee  in  usini  ■  ::ett«*.i  th  it  could 
as.-d  i  n  ;  1  edict  inq  tile  buffeting  chut  .cteristtcs  of  an  liter  ■  1 1  in  the  early  st  .qe  01  tne  i.-veio: e.. -nt 
line,  1  i-uffotinq  -ion  one  should  lie  undertaken.  The  1  Tour. tune  consisted  of  1:  1 1  i aiit  test  with  the 
Siil.s  ho  aircraft  which  is  1  military  tr  -iner,  1  i  iht  -tt-ick  -ircr.lt  .nd  J:  wind  tunnel  tests  on  ndi 
mxlel  of  tiie  aircraft  including  data  reduction  .nd  ;  -redid  ion  of  full  sc  de  bui toting  character  j  sties  ii  > 
tile  wini  tunnel  test  data  in  order  to  compare  tile  predicted  v  duos  to  the  flijht  test  results. 

ifie  wind  tunnel  test  w.-s  performed  at  Midi  as  a  joint  effort  oe tween  .‘,'LR  -ini  S  iao-ric  .ni  ..  Oi  l  an  .11/  it 
was  intended  to  limit  the  wind  tunnel  test  to  Midi  number  0.50  as  tin.-  leometric.l  block  iqe  r  -tio  and  win; 
surface  of  the  model  in  the  i  1ST  wind  tunnel  were  rather  large  and  this  w  is  the  only  Mach  number  it  whicn 
fli-lht  test  Reynolds  number  could  be  duplicated.  However,  -is  flight  tost  d  it  .  .t  Mi=.70  .nd  ,7H  were  ev. li¬ 
able  and  as  the  extra  cost  of  testing  additional  Mach  numtiers  was  small ,  it  w.is  decided  to  add  these  Mach 
numbers  to  the  test  proqr.immo. 

The  following  chapters  describe  . tones'  method,  the  flight  test,  the  wind  tunnel  test  and  finally  a 
comparison  of  flight. 'wind  tunnel  data  is  made. 


3  JONES'  MCTHOD 

A  more  detailed  description  of  the  method  is  given  in  Ref.  1.  The  method  makes  it  possible,  if  certain 
conditions  and  assumptions  are  fulfilled,  to  predict  the  full-scale  buffet  response  of  .in  aircraft  by  using 
wind  tunnel  res;:onse  measurements  on  a  semi-rigid  model.  'Ifie  response  is  usually  measured  by  accelerometers 
or  strain-gauges.  The  method  assumes  that  the  shape  of  the  lowest  aircraft  modes,  which  are  the  most  im¬ 
portant  from  the  buffet  point  of  view,  are  similar  to  those  of  the  wind  tunnel  model.  Hie  method  is  applic¬ 
able  to  all  such  modes.  Further  the  method  assumes  that  the  mrxies,  in  buffet  condition,  can  be  described 
as  single  degree  of  freedom  systems  with  negligible  aorodyn-imic  coupling.  This  means  that  the  lotion  of 
the  model  in  the  wind  tunnel  is  a  measure  of  the  aerodynamic  excitation  and  of  the  total  damping  of  each 
mode.  The  total  d. imping  is  the  sum  of  structural  and  aerodynamic  d, imping.  If  tiie  structural  damping  is 
measured  in  a  ground  resonance  test,  the  aerodynamic  damping  can  be  calculated.  An  additional  re.juirement 
is  that  tiie  structural  damping  is  small  compared  to  the  total  damping. 

In  Jones'  method  the  aerodynamic  excitation  of  the  model  is  written  in  nondimens ional  form  and  tiie  exci¬ 
tation  of  the  aircraft  is  obtained  by  scaling.  In  the  same  way  the  aerodynamic  damping  of  the  aircraft  is 
obtained  by  scaling  the  aerodynamic  dumping  of  the  wind  tunnel  model.  Then  the  motion  of  aircraft  modes 
under  buffet  condition  can  be  calculated.  The  nondimension..  1  aerodynamic  excitation  parameter  for  a  mode  is 
a  function  of  the  angle  of  incidence,  Mich  number  .nd  Reynolds  number,  and  the  nondimension.il  aerodyaimic 
damping  parameter  is  a  function  of  the  pi. inform  of  the  wing  and  the  lift  curve  slope  distribution  over  the 
wing. 

In  Fig.  1  the  different  steps  in  the  prediction  of  the  aircraft  resixunse  under  buffet  condition  using 
Jones'  method  ire  shown. 


-1  FLIGHT  TEST 

4. 1  Aircraft  and  instrument. .tion 

Tiie  lircrift  used  in  the  flight  test  was  .  test  version  of  the  military  trainer/ light  attack  aircraft 
Saab  IG'i  (Fig.  2).  The  test  aircraft  differs  from  the  Saab  Ida  used  in  the  Swedish  .Air  Force  in  the  wing 
leading  edge  -.nd  in  the  engines.  The  wing  was  provided  with  underwing  store  pylons  and  2  upper  surface 
boundary  layer  fences.  The  wing  has  a  12.3°  sweep-back  angle  at  the  quarter  chord  line  and  an  anhedral  of 
6°.  The  thickness-to-chord  ratio  is  10.3  -it  the  win.)  root  and  12  ,.t  the  tip. 

Other  Saab  105  data  are: 

Length  10.5  m 

Span  9.5  m 

Mean  aerodyaimic  chord  1.744  m 

Wing  area  16.3 

T.O.  weight  4200  kg 

The  aircraft  was  eijuipped  with  4  13&K  accelerometers;  two  were  mounted  in  the  right  wing  tip,  one  in  the 
left  wing  tip  and  one  in  the  cockpit  (Fig.  2).  All  accelerometers  measured  in  the  z-direction  ind  the  sig¬ 
nals  were  recorded  on  a  tape  recorder. 

4.2  Ground  resonance  test 

In  the  ground  resonance  test  the  natural  frequencies  and  dampings  or  the  throe  lowest  symmetric  modes 
were  measured  with  the  aircraft  standing  on  the  landing  gear.  The  aircraft  was  excited  by  3  electrodynimic 
shakers  and  the  mode  shapes  were  measured  in  7  spunwise  stations  on  each  wing  half  by  a  hand-held  accelero¬ 
meter.  The  test  was  made  for  3  different  levels  of  the  exciting  forces.  Using  the  standard  Slab  procedure, 
the  fre-iuency,  damping  and  generalised  mass  of  each  node  were  evaluated  by  measuring  the  shaker  forces  and 
the  acceleration  at  the  sh.iker  pas  1 1  ions .  These  data  are  presented  in  the  table  below.  As  one  may  see,  the 
Cundimental  bending  mode  is  well  separated  in  frequency  from  the  higher  modes. 
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The  shape  of  the  fund.iiiient.il  bendinj  made,  8.8  Hz,  is  shown  in  Fiij.  3. 

It  apiieared  that  the  aircraft  structure  was  unsyntnetric,  which  aflected  the  2nd  ..mi  3rd  utjdes.  These 
modes  are  both  combinations  of  second  bending  and  torsion  of  the  wing.  The  terms  JR  ind  JL  in  thie  tilde 
mean  tiv.it  only  the  r ight  or  the  left  wins  was  excited. 

The  generalised  mass  ol  the  1st  bending  mode  was  212.6  kg.  The  mode  deflection  at  the  aft  ri  ght  w.n  ; 
tip  accelerometer  ;osition  (Fi ) .  2,  no.  4)  was  taken  as  unity. 


Mxie 

Exc . force 
CN> 

Natur  il  freq. 

(Hz) 

''3 

1 

30.  12 

8.792 

1.  1 

1 

41.16 

8 . 7o5 

1.2 

1 

57.27 

8.762 

1.2 

2R 

8  3.61 

28.625 

3.2 

2L 

56.64 

29.073 

2.2 

3 

12.45 

34 . 577 

2.3 

3 

26.49 

34.  385 

2.3 

I  Flight  test  programme 

Flight  tests  were  performed  at  three 

flight  concii 

fcions: 

Mi 

1! 

He- 

(-) 

(km) 

(-y 

0.50 

6 

11.4  x  106 

0.70 

8 

13.0  x  108 

0.78 

8 

14.1  x  106 

At  each  flight  condition,  i.e.  constant  speed  and  altitude,  the  procedure  was  to  increase  the  incidence 
step  by  step  from  a  low  value  until  the  heavy  buffet  region  with  roll  instability  was  reached.  At  each  step 
the  accelerometer  signals  wore  recorded  for  about  2  minutes,  i.e.  about  1000  cycles  of  the  fundamental 
bending  mode. 

At  high  incidences  it  was  impossible  to  keep  loath  rx  and  altitude  constant.  In  that  Case  ex  was  held 
constant  and  the  pilot  tried  to  get  the  right  mean  iltitude.  This  procedure  was  repeated  until  a  tot  il 
recording  of  2  minutes  at  each  o c  was  obtained. 

The  aircr  if t  incidence  was  measured  lay  in  or -indicator  and  read  by  the  pilot.  Par  each  incidence  the 
corresponding  CL-coofficient  was  calculated  from  Cl/trjm= nz/ (q.S)  where  W  is  the  aircraft  weight,  nz  the 
load  factor,  g  the  dyn.imic  pressure  and  S  the  reference  area. 

4.4  Data  reduction  and  results 


The  recorded  accelerometer  signals  were  filtered  through  an  analog  bind -pass  filter,  bandwidth  1  Hz, 
centred  around  the  fundamental  bending  frequency  8.8  Hz.  Oily  this  mode  was  used  in  the  analysis.  The 
filtered  signals  were  digitized  and  their  RMS-values  calculated.  Then  the  randomdec-method  was  used  to 
determine  the  damping  of  the  bending  inode  from  the  randonxiec  function. 

In  Fig.  4  the  RMS-values  of  the  filtered  wing  reference  acceleration  are  drawn  together  with  the  cockpit 
acceleration  as  functions  of  The  curves  for  Ma=.50  and  Mi*. 78  exhibit  a  gradual  increase  in 

from  on  ,nc1  show  -1  tatner  rapid  growth  as  soon  as  CpjiRj;.]  passes  a  certain  limit.  According  to 

the  pilot's  perception,  buffet  onset  was  attained  just  prior  to  tne steep  g^g  increase.  The  curves  for 
Mi=.70  ire  different.  The  gjjqs  is  somewhat  reduced  as  C£/jir™  runs  from  .25  to  .62,  and  then  suddenly  be¬ 
comes  excessive.  At  Mi=.70  it  was  imjxassible  to  separate  light  buffeting  from  moder.ite  and  heavy  buffeting. 
Attempts  to  increase  a  beyond  this  Limit  resulted  in  wing  rock. 

rt  is  interesting  to  note  that  the  cockpit  acceleration  has  the  same  behaviour  as  the  wing  iceeleration 
for  all  Mich  numiiers. 

In  Fig.  5  the  total  damping  ratio  of  the  bending  nxxle  is  given  as  function  of  Oc  for  Mi=.50. 


5  WIND  TUNNEL  TEST 


> . I  Model  and  wind  tunnel 

The  wind  tunnel  represented  the  Saab  105  starboard  half  at  a  1/4.5  scale  (Fig.  61.  The  main  geometric 
characteristics  are  consequently: 


Half  span 

Mean  aerodynamic  chord 
Wing  reference  area 


1 .0555  in 
0.38756  m 
0.40247 


The  wir>)  was  made  of  aluminium  and  consisted  of  one  piece.  The  model  was  oquipiod  with  a  flow-through 
nacelle,  while  the  tail  unit  was  not  represented. 


Wing  and  fuselage  were  mounted  on  a  tang  part,  that  was  bolted  on  the  half  model  Ixilance  (Fig.  7|.  Tn 
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particular  the  wm:-t  iru  connection  was  very  rigid,  which  is  required  to  achieve  a  low  str actur  ii  dm,  in:. 

In  >rdor  to  locate  the  fuselage  more  or  less  outside  the  tunnel  sidew  .1 1  mind  u;y  1  .yer,  .  29  ::re  tc.i 
plate  hav l :> ;  the  fuselage  contour  was  inserted  between  the  fuselage  ind  the  tunnel  sidewall  (Fij.  7  .  . 

Hus  oLite  w  . s  junted  on  the  nom:ietered  turntable.  A  4  mm  jap  was  maintained  iietween.  u.e  metered  I J--1  . 

the  elite;  a  lac.  se  ■  !  was  added  to  :  r  event  1  low  through  tne  jap. 

The  .model  was  mounted  on  the  hall  model  strain  'auue  balance  NLR  70o,  the  heaviest  balan-ce  iv  ill  .bit-  •_ 
MLR.  H.reo  B\K  icceleroinoters  wets-  installed  in  tin  .n»:-.l;  -  in  the  starboard  wing  tie,  ,nd  1  in  the  !o- 
la-ie.  her  yrevise  wini  la1  it  ions  one  is  referral  *o  Pi  ;.  >•  Hie  win;  tie  accelerometers  on  ::<jdel  no  :r- 
crutt  are  >an  slightly  different  se  inwise  locations ,  but  the  difference  has  been  iccountei  !or. 

Hie  MU<  tr  insonie  t  icility  11ST,  in  which  the  wind  tunnel  proqr.imme  was  c  irried  oat,  is  ,  closed-circuit 
tunnel  with  tot  al  pressures  ijetween  WO  and  12  kPa.  A  performance  chart  is  : i ven  in  F i . : .  s.  Hie  rest  .nju:  .r 
test  section  ;:ie  isures  2  x  l.o  ;  topi  and  bottom  walls  are  slotted  with  an  o.;atn  ratio  of  12.7  ;  sidew  ill- 

are  solid.  Rir  half  ixx.iel  testing  tlie  :u. > i n  window  is  replaced  fry  i  noronetered  turntable,  att  icned  to  tnc- 

b.il.ince  housin>!. 

Hie  Saab  Ida  model  is  fairly  large  for  u  half  model  configur  ition  in  terns  of  tunnel  blockage  (approx. 
2.77  -).  Hiere  appears  to  be  some  upstream  effect  (slightly  higher  static  :  r essure j  but  tfie  conse- :uences 
on  the  tree-stream  au  intities  are  assumed  to  be  insignificant.  Wall  interference  on  incidence  was  corrected 
for  by  C-  a  =  uj.i.'l,  where  u|  was  scaled  from  previous  halt  model  'carpi  ete  model  coup  an  sons.  In  the-  recent 
oust  .i  number  of  half  model  configurations  have  been  tested  in  the  HST  and  comparison  with  identical  com¬ 
plete  models  has  led  to  a  correction  of  too  above  type  (Ref.  2). 

7.2  Ground  resonance  test 

The  ground  resonance  test  was  carried  out  on  the  model  mounted  in  the  HST  test  section,  /in  electrodynarric 
shaker  was  used  to  excite  the  model.  Employing  a  wing  tip  accelerometer  the  fundamental  bending  frequency 
was  determined,  28.88  Hz.  At  resonance  the  vibration  mode  was  measured  using  a  separate  accelerometer  at¬ 
tached  to  specific  points  on  the  wing  surface  (Fig.  9). 

'Hie  generalised  mass  was  derived  from  the  shift  in  resonance  trenuenev  due  to  a  known  mass  addition 
(Ref.  J).  As  for  the  aircraft,  the  mode  deflection  was  normalized  relative  to  accelerometer  1.  Hie  genera¬ 
lised  mass  of  the  wing  was  9.77  kg. 

He  structural  damping  was  derived  from  the  amplitude  decay.  His  exercise  was  repeated  several  times, 
the  results  shew  slight  variations  of  die  dumping  ratio.  In  the  buffet  calculations  C-  =  .38  *  crit.  was 
used. 

7. 1  Wind  tunnel  test  programme 

He  test  programme  was  split  up  into  2  parts: 

series  1,  an  .  -sweep  run  at  constant  tree  stream  conditions;  the  x -sweep  rate  was  .27° 
per  second  and  test  results  .ire  called  steady  data; 

series  2,  in  which  a  one-minute  tape  recording  >nd  simultaneous  analysis  at  constant  free- 
streom  conditions  are  performed. 

He  Mich  numbers  were  those  of  the  flight  test,  which  was  carried  out  prior  to  the  wind  tunnel  exiaeri- 
ment.  Reynolds  numbers  of  flight  and  wind  tunnel  test  were: 


'll 

Rcj  x  10 

(-) 

Flight 

K/T 

.50 

11.4 

12.2 

.70 

13.0 

10.9 

.78 

14.1 

9.9 

He  test  was  done  at  natural  boundary  layer  transition.  Some  additional  runs  were  carried  out  .it 
Be-  5  x  10^  to  investigate  the  effect  of  Reynolds  number  variations. 

5.4  Data  reduction  arvd  results 

He  steady  measurements  of  series  1  were  treated  in  the  usual  manner,  the  aerodynamic  coefficients  CN, 

Gp,  Cfj,  Cl  and  CD  were  calculated  from  balance  readings,  the  free-stream  dynamic  pressure  and  the  reference 
.(Uantities.  As  indicated  above,  blockage  effects  were  small  and  have  not  been  accounted  for.  A  small  correc¬ 
tion  on  incidence  was  necessary  to  compensate  for  wall  interference  (see  7.1).  He  Cp  (oc )  and  CT  (or)  re¬ 
sults  are  plotted  in  Fig.  10. 

Since  the  wind  tunnel  experiment  was  carried  out  on  a  model  without  tail  surfaces,  flight  and  tunnel 
results  could  not  be  compared  directly.  A  small  correction  was  applied  to  CL.  He  tail  lift  C;„ ( Cx )  re¬ 
tired  to  counterbalance  the  wing  was  estimated  from:  J 

C^fOc  )  =  Cm(cx)  ^  £.07 

and  applied  to  the  measured  wing-fuselage  lift  coefficient.  In  the  above  equation  L,r  is  the  distance  be¬ 
tween  the  MRP  and  the  tail  l/4-chord  point. 

He  tv  -sweep  runs  at  Re  *  7  x  lO*’  have  furnished  results  that  agree  very  well  with  those  obtained  at 
high  Reynolds  numbers.  He  C'l  arid  buffet-onset  boundaries  nearly  collapse;  gR|gs<  on  the  other  hand, 
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scales  with  g,  as  one  would  expect. 

Fran  the  one-nunute  recordings  of  the  series  2  test  the  accelerometer  RMS-values  and  total  dumping  were 
determined.  The  signals  were  passed  through  an  analog  band-pass  filter  with  the  filter  boundaries  10  and 
■10  Hz.  The  RMS-value  could  be  calculated  readily  using  standard  routines  on  a  HI’  Fourier  Analyser.  For  the 
computation  of  the  total  d.  imping  a  special  rundondec  routine  was  implemented  on  the  Fourier  Analyser  (Ref. 
4).  Once  the  rundundec  signature  was  calculated,  an  integration  routine  was  applied  to  deduce  both  total 
dumping  ratio  and  freijuency. 

The  total  dumping  ratios,  as  derived  from  the  alt  right  wing  tip  accelerometer,  are  plotted  in  Fig.  11. 
The  results  show  only  little  scatter  and,  with  ~s=.3d  >,  indicate  that  the  aerodynamic  damping  makes  up 
35  to  90  k  of  the  total  damping,  which  is  an  imjiortant  requirement  for  Jones'  method  to  be  applicable. 


ft  COMPARISON  OF  FLIGHT, 'WIND-TUNNEL  TESTS 

The  buffet-onset  boundaries,  based  on  tile  aft  right  wing  tip  accelerometer  signals  from  flight  and  wind 
tunnel  tests,  have  been  plotted  in  Fig.  12.  At  Mi=.50  and  .70  the  agreement  is  good.  At  Ma=.78,  however, 
the  but  t'et-onset  boundaries  differ  considerably;  ACp  ■* .09,  if  one  assumes  this  difference  to  be  a  lift 
effect  only.  This  aspect  will  lie  further  discussed  below. 

Following  the  prediction  scheme  of  Ref.  1  and  using  measured  aircraft  data  on  mass  and  structural  damp¬ 
ing,  the  buffet  response  levels  for  the  aircraft  were  calculated.  The  following  ex: sessions  were  arrived 
it: 


Ml  =  .50 

,raW 

1 C 1  MOD 

'-a/c=-40b 

(Cxx/ C/C*  X  ■  JM0D 

Mt=.70 

•4“'  1  Mi*  MOD 

Vc=-49g 

Mi=.7d 

<Oa.c=’ 

•7B  !Omod 

rvc=.623 

Frorr.  tins.  Fig.  II  and  knowing  (£.),vc='.1  crit.  and  (*sh*x>=.3B  ->  crit.,  one  may  easily  conclude 
that  the  predicted  aircraft  buffet  level  is  approx,  half  that  oT  the  model  value.  The  flight  and  predicted 
buffet  results  are  collected  in  Fig.  1J. 

The  following  remarks  should  be  made: 

1  The  buffet-free  irms  level  during  flight  is  close  to  half  of  that  of  the  prediction.  Both  in  flight 
and  in  the  wind  tunnel  the  buffet-free  condition  could  be  measured  rather  easily,  and  the  differen¬ 
ces  are  probably  caused  by  difference  in  turbulence  level.  An  other  cause  may  be  differences  in 
structural  characteristics,  in  particular  the  inode  shape,  between  the  model  mounted  in  the  tunnel 
and  the  aircraft. 

2  Buffet-onset  is  predicted  reasonably  well  at  tta=.50  and  Ma=.70  but  the  prediction  fails  at  Ma=.78. 

Tb  explain  the  Ma=.78  difference  other  information  is  essential;  e.g.  (^-distribution  and  shock 
patterns  on  the  aircraft  as  well  as  on  the  wind  tunnel  model. 

It  is  also  known  that  boundary  layer  transition,  surface  roughness  and  Reynolds  number  are  extremely 
important  for  and  buffet-onset.  In  2D  experiments  e.g.  these  boundaries  may  easily  shift  .09 

in  Cl  due  to  relatively  small  changes  in  Re<=,  or  the  state  of  the  boundary  layer  in  front  of  the 
shock  wave.  At  Mi=.78  when  shock  location  and  shock-induced  separation  are  of  great  importance  a 
blockage  ratio  of  2.55  1  could  be  too  high  for  a  correct  simulation  of  the  flow.  It  is  of  interest 
to  notice  that  if  one  should  predict  buffet-onset  at  Ho=.78  from  the  C^(Cn  )-curve  in  Fig.  10  the 
result  would  have  been  a  CL*value  being  =.12  lower  than  the  predicted  value  using  Jones’  method 
or  fairly  close  to  the  flight  test  value. 

As  mentioned  before,  it  was  impossible  to  keep  the  flight  test  altitude  constant  at  this  Mach  number, 
but  the  scatter  in  the  data  points  is  similar  to  that  occuring  at  Ma=. 50  and  .70. 

Reynolds  number  in  the  wind  tunnel  at  M=.78  is  9.9  x  10g  compared  to  14.1  x  10^  during  the  flight 
test  and  this  could  affect  the  data. 

3  The  gfjgs  trend  after  buffet-onset  is  predicted  rather  correctly  at  Mi=.50;  at  Mi=.70  the  necessary- 
flight  data  could  not  be  obtained,  while  at  Ma=.78  it  is  not  useful  to  consider  this  aspect.  The 
primary  objective  of  the  present  exercise  was  to  predict  the  buffet  response  level  at  Mj=.50,  and 
this  has  been  successful.  A  much  mote  detailed  study  is  needed  to  explain  the  discrepancies  at 
the  higher  Mach  number. 


7  CONCLUSIONS 

Jones'  method  for  predicting  buffet  response  levels  from  wind  tunnel  measurements  on  a  rigid  model  has 
been  applied  to  the  Saab  105  aircraft.  In  the  present  case  measured  generalised  mass  and  structural  damp¬ 
ing  of  the  real  aircraft  were  available,  as  opposed  to  only  estimates  in  the  early  design  phase  of  an  air¬ 
craft. 

Wing  bending  modes  and  structural  dampings  of  aircraft  and  wind  tunnel  model  met  the  requirements  for 
the  method  to  be  applicable.  The  buffet  response  was  predicted  for  an  outer  wing  tip  location  (at  approx. 
42  %  C)  at  Ma=.50,  .70  and  .78. 

This  limited  effort  has  only  been  partly  successful.  At  Ma=.50,  where  the  flight  Reynolds  number  was 
duplicated  in  the  wind  tunnel,  the  prediction  method  works  well.  The  main  objective  of  this  exercise  was 
to  predict  the  f-fci=.50  response. 


At  Mn=.70  the  flight  test  has  yielded  incomplete  data  due  to  difficulties  in  flying  the  aircraft  be¬ 
yond  buffet-onset,  but  the  buffet-onset  point  is  well  predicted  by  the  applied  method.  At  Ma=.78  the 
discrepancy  in  buffet-onset  is  significant.  The  reason  for  this  is  not  understood.  Possible  causes  are 
uncertainties  in  the  wind  tunnel  test  technujue  (blockage  effect,  half  model  mounting)  as  well  as  in  the 
flight  test,  in  addition  to  differences  in  Reynolds  number,  boundary  layer  transition  and  shock-wave 
boundary-layer  interaction. 

A  complete  analysis  of  the  above  differences  would  r&juire  a  study  of  the  effect  of  model  size  as  well 
as  information  on  the  wing  pressure  distribution  at  all  relevant  conditions,  in  particular  as  a  function 
of  Reynolds  number. 

The  general  conclusion  is  that  with  careful  testing  one  should  be  able  to  obtain  valuable  information 
on  the  buffet  response  of  an  aircraft  in  the  early  design  phase. 
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Fig.  1  Outline  of  Jones1  buffeting  prediction  method ,  as  used  in  present  investigation 


Fig.  2  SAAB  I C 5  aircraft  with  location 
of  accelerometers 


Fig.  3  First  bending  mode  of  SAAB  105 
aircraft  starboard  wing 
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Fig.  6  SAAB  105  half  model  in  HST  test  section 
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g.  8  HST  empty  test  section  Reynolds  number  as  a  function  of  Mach  number 


ig.  9  First  bending  mode  of  SAAB  105 
ha  I f  model  wing 


Fig. 10  SAAB  105  half  model  aerodynamic 
coefficients  and  C^.  as  a 
function  of  incidence 
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Fig. 12  SAAB  105  buffet  onset  boundaries 
from  flight  and  wind  tunnel  test 


Fig. 13  Comparison  of  right  wing  tip 

accelerometer  output  from  flight 
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SOME  MEASUREMENTS  OF  BUFFETING  ON  A  FLUTTER  MODEL  OF  A  TYPICAL  STRIKE  AIRCRAFT 

bv 


D.  G.  Mabey 
B.  E.  Cripps 

Aerodynamics  Department, 

Royal  Aircraft  Establishment,  Bedford,  UK 


SUMMARY 

This  paper  describes  some  buffeting  measurements  on  a  flutter  model  of  the  wing  of 
a  typical  strike  aircraft,  and  compares  the  results  with  flight  experiments.  New  cri¬ 
teria  for  light,  moderate  and  severe  levels  of  buffeting  are  proposed,  to  supplement 
previously  derived  empirical  criteria.  The  results  confirm  that  buffet  penetration  in 
flight  is  not  limited  by  the  severity  of  buffeting,  but  by  handling  limits.  The  wing  of 
this  model  has  a  rigid  body  freedom  in  the  low  frequency  roll  mode,  which  clearly  indi¬ 
cates  wing-rock  after  buffet  onset.  Measurements  of  the  response  in  this  mode  indicated 
that  the  buffet  excitation  was  bounded,  and  comparable  with  that  in  the  first  symmetric 
bending  mode,  even  when  the  aerodynamic  damping  in  the  roll  mode  was  falling  rapidly. 

The  rapid  fall,  after  buffet  onset,  of  the  aerodynamic  damping  in  this  low  frequency  rigid 
body  mode  was  accurately  predicted  from  steady  pressure  measurements.  In  marked  contrast 
the  measured  increase,  after  buffet  onset,  of  the  aerodynamic  damping  for  the  first 
symmetric  bending  mode  could  not  be  predicted  from  steady  pressure  measurements.  These 
observations  have  important  implications  for  the  prediction  of  buffeting  in  flight  from 
measurements  on  models. 
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port  and  starboard  wing-root  strain  signals 

wing  span  (430  mm) 

local  chord 

average  chord  (122  mm) 

steady  bending  moment  coefficient 

buffeting  coefficient  (defined  in  Ref  11) 
frequency  (Hz) 

structural  damping  coefficient  (%  crit) 
roughness  height 

rolling  moment  due  to  rate  of  roll 
Mach  number 

generalised  mass  in  mode 
frequency  parameter 

buffet  excitation  parameter  due  to  wing  flow  separations  and  flow  unsteadi¬ 
ness  at  zero  lift 

buffet  excitation  parameter  due  to  flow  unsteadiness  at  zero  lift 
buffet  excitation  parameter  due  to  wing  flow  separations 

kinetic  pressure 
Reynolds  number  based  on  C 
wing  area 
semi-span 

free  stream  velocity 

rms  and  steady  voltages 

streamwise  distance  from  leading-edge 

spanwise  distance  from  centre  line 

wing  incidence  (°) 

aerodynamic  damping  (%  critical) 

rms  wing-root  strain 

semi-span  ratio 

gauge  factor 

free  stream  density 


model 


1  INTRODUCTION 

The  advantages  and  limitations  of  using  aeroelastic  models  for  buffeting  tests  were 
discussed  In  a  previous  paper1.  Two  completely  different  aeroelastic  models,  of  a  slender 
wing  and  a  typical  strike  aircraft,  were  selected  for  a  further  study  of  this  technique. 
The  tests  of  the  aeroelastic  model  of  a  large  slender  wing  transport  aircraft  extended 
into  the  vortex  breakdown  region  for  which  no  comparative  flight  measurements  were 
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available.  The  tests  of  the  typical  strike  aircraft  model  reported  here  allow  some 
limited  comparison  with  flight  measurements  in  well  separated  flows. 

These  tests  confirm  the  general  conclusions  of  the  previous  paper*  that  aeroelastic 
models  can  provide  much  more  detailed  and  valuable  information  about  buffeting  on  aircraft 
than  can  ordinary  wind  tunnel  models.  In  addition  the  present  tests  show  that  with  the 
provision  of  a  freedom  of  rotation  in  roll  for  the  wing,  an  aeroelastic  model  can  give 
a  sharp  indication  of  the  low  frequency  'wing-rock'  boundary,  in  addition  to  wing 
buffeting . 

2  EXPERIMENTAL  DETAILS 

2 . 1  Mode 1 

The  flutter  model  of  the  wing  used  for  the  present  experiments  was  installed  in  the 
top  and  bottom  slotted  working  section  of  the  RAE  3ft  Tunnel.  The  wing  was  mounted  on 
a  straight  cylindrical  body,  which  was  totally  unrepresentative  of  the  aircraft  fuselage. 
In  particular  the  body  included  no  engine  nacelles,  cockpit  canopy  or  tailplane.  The 
cylindrical  body  was  supported  on  a  3°  cranked  sting.  This  could  be  rolled  to  produce 
either  3°  body  incidence  over  a  range  of  sideslip,  or  3°  sideslip  over  a  range  of  inci¬ 
dence,  as  well  as  a  range  of  incidence  at  zero  sideslip,  in  conjunction  with  the  pitch 
variation  provided  by  the  tunnel  quadrant.  The  wing  was  set  at  an  angle  of  1°  to  the 
body  axis.  The  test  results  presented  here  relate  to  a  clean  wing,  and  cover  a  wide 
range  of  Reynolds  number. 

A  brief  description  of  the  wing  construction  is  appropriate,  and  is  quoted  from 
a  report  by  Sowden2.  “The  wing  model  was  structurally  based  on  an  idealised  interpreta¬ 
tion  of  the  full  scale  aircraft.  That  is,  an  outer  wing  with  three  box  sections  welded 
together,  the  joints  between  adjacent  boxes  corresponding  to  the  wing  spars,  and  an 
inner  wing  with  one/two  box  sections.  The  wing  sections  were  welded  to  a  'rigid'  fuse¬ 
lage  spar  that  was  'rigidly'  restrained  in  all  freedoms  except  roll  and  this  freedom  was 
controlled  by  a  torsion  bar  arrangement.  Construction  was  of  light  alloy  with  a  balsa/ 
pine  profile  and  a  silk  covering.  Separate  ailerons  were  fitted  with  a  representative 
jack  stiffness.  Ballast  weights  were  embedded  during  construction  to  give  a  representa¬ 
tive  mass  distribution."  The  surface  finish  achieved  by  this  method  of  construction  was 
good,  particularly  in  the  leading-edge  region  (although  the  surface  finish  of  the  port 
wing  was  superior  to  the  starboard  wing) .  Hence  a  narrow  roughness  band  was  aDplied  to 
fix  transition  close  to  the  leading-edge.  A  slot  provided  in  the  cylindrical  body 
allowed  the  wing  to  have  a  maximum  roll  amplitude  of  about  *2°  on  the  torsion  bar.  For 
some  tests  a  carefully  fitted  internal  clamp  suppressed  this  freedom  in  roll. 

Although  the  modal  frequencies  of  the  wing  mounted  in  the  quadrant  of  the  RAE 
3ft  Tunnel  were  measured  'wind  off'  by  a  frequency  sweep  technique,  the  corresponding 
mode  shapes  were  not  measured.  However,  these  mode  shapes  should  not  have  differed 
greatly  from  those  measured  in  the  flutter  tests2  in  another  wind  tunnel.  The  symmetric 
and  antisymmetric  mode  shapes,  with  the  freedom  in  roll,  which  are  of  greatest  interest, 
are  reproduced  in  Fig  1.  The  frequencies  quoted  relate  to  the  clean  wing  in  the  RAE 
3ft  Tunnel. 

2.2  Instrumentation  and  analysis 

The  wing  response  was  monitored  by  six  uncompensated  strain  gauge  bridges,  three 
on  each  wing,  provided  for  the  original  flutter  tests.  The  static  bending  moments  on 
both  wings  were  measured  by  wire  strain  gauges.  In  addition  the  unsteady  bending  and 
torsion  moments  on  both  winqs  were  measured  by  semi-conductor  strain  gauges  for  greater 
sensitivity. 

The  separate  signals  from  the  port  and  starboard  wings  could  be  added  to  give  the 
symmetric  response  and  subtracted  to  give  the  asymmetric  response.  This  helped  to 
identify  the  modes  excited.  This  arrangement  of  separate  bridges  is  contrary  to  normal 
practice  in  buffeting  measurements,  where  pairs  of  gauges  on  each  wing  are  wired  to  give 
only  the  symmetric  response. 

For  the  unsteady  measurements  the  rms  voltage,  dV  ,  the  steady  voltage,  V  ,  and 
the  gauge  factor,  o  ,  give  the  rms  strain, 

o  =  dV/Vci  .  (  1  ) 

A  factor  of  a  =  120  was  assumed  for  the  semi-conductor  gauges. 

For  the  static  calibration  of  the  wing-root  bending  moments,  known  weiqhts  were 
applied  at  different  points  on  the  wings.  A  rough  estimate  of  the  wing  normal  force 
coefficient  was  obtained  by  assuming  that  the  force  acted  at  the  mid-semi  span  (b/4). 

The  measured  bending  moments  were  then  reduced  to  normal  force  coefficients  by  dividing 
by  the  moment  qSb/8  .  For  the  dynamic  calibration,  the  wing  was  excited  at  the  funda¬ 
mental  bending  frequency  with  a  vibrator,  and  a  linear  relationship  was  established 
between  the  rms  wing-root  strain  signal  and  the  rms  acceleration,  y  ,  measured  by  a 
light  accelerometer  attached  to  the  winq  tip  by  double  sided  adhesive  tape. 

The  experiment  was  controlled  by  monitoring  the  unsteady  signal  from  the  port  strain 
gauge  bridge  on  a  Real-Time-Spectrum  analyser.  For  a  limited  number  of  conditions  the 
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six  strain  gauge  signals  were  measured  on  a  tape  recorder.  Record  lengths  of  about 
120  seconds  were  taken,  which  for  the  wing  first  symmetric  bending  frequency  at  about 
170  Hz  gives  about  21000  cycles  of  buffeting.  With  this  large  number  of  cycles  of 
buffeting,  good  estimates  of  the  total  damping  can  be  obtained,  using  standard  methods 
for  analysing  random  data^,  such  as  the  measurement  of  half  power  points  or  the  decay 
of  the  autocorrelation  function. 

2.3  Test  conditions 

The  model  was  tested  in  the  0.91m  wide  *  0.64m  high  top  and  bottom  slotted  section 
of  the  RAE  3ft  Tunnel.  The  Mach  number  range  was  from  M  =  0.45  to  0.94  and  the  tunnel 
total  pressures,  pt  ,  were  0.34,  0.67  and  0.94  bar.  (The  model  was  originally  designed 
for  flutter  tests  at  zero  incidence  at  pt  =  3  to  4  bar.)  The  maximum  wing  incidence 
was  intended  to  be  just  above  the  heavy  buffeting  contour  measured  during  previous  tests 
on  an  ordinary  wind  tunnel  model  of  a  similar  configuration.  This  heavy  buffeting  con¬ 
tour  war.  in  good  agreement  with  the  maximum  flight  penetration  measured  during  steady 
manoeuvres.  Generally  this  maximum  incidence  could  be  reached,  even  for  the  highest 
total  pressure  selected,  without  exceeding  the  estimated  safe  normal  force  limit  of 
700  N  (157  lb)  on  each  wing  of  the  model.  However,  with  the  freedom  in  roll  the  maximum 
incidence  (14°)  could  not  be  achieved  at  M  =  0.60  at  the  highest  total  pressure,  because 
of  the  alarming  amplitude  of  the  'wing-rock'. 

The  roughness  band  was  applied  to  fix  transition  at  a  streamwise  distance  =  5  mm 

from  the  leading-edge  of  the  wing.  The  roughness  band  was  2.5  mm  wide  and  was  formed 

by  a  sparse  distribution  of  ballotini  (small  glass  spheres)  with  a  diameter,  k  =  0.1  mm. 
This  diameter  was  selected  to  fix  transition  at  the  intermediate  total  pressure 
pt  =  0.67  bar,  and  hence  to  somewhat  'over-fix'  transition  at  pt  =  0.94  bar.  Most  of 
the  scale  effect  observed  between  pt  =  0.67  bar  and  0.34  bar  was  probably  due  to  the 
' under fixing '  of  the  boundary  layer  at  the  lower  total  pressure. 

3  RESULTS 

3.1  Steady  bending  moment  measurements  and  flow  visualisation 

The  steady  bending  moment  coefficients  measured  without  and  with  the  roll  freedom 

are  generally  almost  the  same.  This  indicates  that  the  deflection  between  the  wing  and 

the  cylindrical  body  is  generally  unchanged  when  the  clamp  is  removed,  permitting  the 
roll  freedom. 

However,  a  variation  of  the  steady  bending  moment  coefficient  with  total  pressure 
is  noticeable  without  the  roll  freedom  (Fig  2).  Thus  at  M  =  0.60  both  the  initial  slope, 
and  the  level  at  the  stall,  are  lower  at  the  lowest  total  pressure  than  at  the  two  higher 
pressures.  In  contrast,  at  M  =  0.80  the  initial  slope  is  identical  although  the  levels 
at  the  stall  are  different.  These  differences  are  unlikely  to  be  caused  by  static  aero- 
elastic  distortion,  because  this  would  be  expected  to  alter  the  initial  slopes  both  at 
M  =  0.80  and  0.86,  as  well  as  at  M  =  0.60.  Hence  the  differences  observed  at  M  =  0.60 
and  0.80  must  be  attributed  to  genuine  adverse  scale  effects,  particularly  at  the  lowest 
Reynolds  number  (only  about  0.5  x  10s) ,  when  transition  is  'under-fixed',  as  discussed 
above  in  section  2.3. 

Fig  2  shows  a  significant  increase  in  the  slope  from  M  =  0.60  to  0.80,  and  a 
further  small  increase  at  M  =  0.86.  These  variations  in  the  bending  moment  coefficient, 
measured  with  a  large  cylindrical  fuselage,  are  appreciably  smaller  than  the  corresponding 
variations  in  lift  curve  slope  measured  on  another  model  with  a  representative  fuselage, 
and  thus  may  indicate  an  'interference'  effect  common  to  all  the  measurements,  or  an 
inboard  movement  of  the  centre  of  lift  sensed  by  the  moment  gauges,  or  a  combination  of 
these  effects. 

Fig  2  also  Includes  the  angle  of  incidence  for  buffet  onset  at  every  Mach  number, 
derived  from  the  unsteady  component  of  the  wing-root  bending  moment.  These  angles  of 
incidence  do  not  vary  significantly  with  total  pressure,  so  that  scale  effects  on  buffet 
onset  are  small.  The  incidences  for  buffet  onset  are  well  within  the  linear  range  of 
the  steady  bending  moment  measurements.  This  result  confirms  previous  findings4  that 
sudden  changes  in  lift  curve  slope  often  indicate  the  sudden  growth  of  small  separations 
(and  therefore  heavy  buffeting) ,  rather  than  the  onset  of  separations  (and  light 
buffeting) . 

The  development  of  the  separation  at  and  after  buffet  onset  was  shown  by  oil  flow 
photographs  taken  at  the  highest  total  pressure.  The  separations  on  the  port  wing  were 
a  little  smaller  than  those  on  the  starboard  wing  (because  of  the  superior  finish  on  the 
port  wing)  and  are  shown  in  Fig  3. 

For  a  Mach  number  of  0.60,  buffet  onset  occurs  at  a  =  9°  .  The  flow  separates 
close  to  the  leading-edge  at  about  80%  semi-span,  forms  a  tiny  bubble  and  then  immediately 
reattaches.  The  flow  is  attached  both  inboard  and  outboard  of  this  bubble.  An  increase 
in  incidence  to  a  =  11°  produces  a  rapid  extension  of  this  bubble,  downstream  towards 
the  trailing-edge  and  spanwise  towards  the  wing-tip  and  the  wing-root.  It  is  interesting 
to  note  that  the  bubble  still  does  not  extend  to  the  trailing-edge,  and  that  there  are 
four  discrete  cells  visible  under  the  main  shear  layer.  The  span  of  every  cell  is 
roughly  equal  to  its  length.  Well  ordered  structures  of  this  kind  are  often  observed  at 
subsonic  speeds  even  under  nominally  two-dimensional  bubbles.  Lateral  movement  at  low 
frequencies  of  these  cells  could  well  excite  the  'wing-rock'  phenomenon  discussed  in 
Section  4.  This  phenomenon  is  much  more  serious  at  M  =  0.60,  when  there  is  a  well  defined 
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cellular  structure  under  the  separation,  than  at  higher  Mach  numbers,  when  such  a 
structure  is  not  observed. 

For  a  Mach  number  of  0.80,  buffet  onset  occurs  at  a  =  4°  .  The  flow  separates  at 

a  shock  on  the  outboard  wing  (located  at  about  x/c  =  0.25  ,  from  about  60  to  90%  of 

semi-span)  and  immediately  reattaches.  An  increase  in  incidence  to  a  =  7°  moves  the 
shock  forward  towards  the  leading-edge,  while  the  separation  extends  downstream  towards 
the  trailing-edge .  The  direction  of  the  complex  separated  flow  behind  the  shock  is 
predominantly  spanwise.  Close  inspection  of  the  flow  on  the  inboard  section  of  the  wing 
reveals  a  weak,  oblique  shock  starting  from  the  apex.  This  oblique  shock  is  a  classic 
feature  of  the  transonic  flow  on  a  swept  wing  of  finite  aspect  ratio,  and  was  discussed 
by  Rogers  et  al$. 

For  a  Mach  number  of  0.86  the  separation  development  is  similar  to  that  described 
at  M  =  0.80,  but  occurs  more  rapidly.  Buffet  onset  is  at  a  =  3°  ,  and  by  a  =  5°  the 
shock  induced  separation  is  as  extensive  as  at  a  =  7°  at  M  =  0.80.  The  oblique  shock 

starting  from  the  apex  in  the  wing  is  stronger  than  at  M  =  0.80  and  hence  is  more 

noticeable . 


3.2  Dynamic  strain  measurements 

The  symmetric  or  antisymmetric  modes  excited  can  be  found  by  respectively  adding 
or  subtracting  the  port  and  starboard  wing-root  strain  signals,  as  discussed  in 
section  2.2.  The  time  histories  of  these  combined  responses  may  then  be  analysed  by  the 
Presto  computer  system^,  and  conveniently  displayed  as  spectra  of  linear  rms  values 
(Fig  4)  . 

For  a  typical  heavy  buffeting  condition  (M  =  0.60,  o  =  14°),  the  response  in  the 
symmetric  modes  is  virtually  the  same  with  or  without  the  roll  freedom,  and  consists  of 
first  symmetric  bending  at  174  Hz  (Fig  4a).  This  result  is  reasonable  because  the 
boundary  condition  for  the  symmetric  modes  is  unaltered  by  the  roll  constraint.  Hence 
the  symmetric  component  in  the  excitation  spectrum  must  excite  the  same  response.  How¬ 
ever,  for  the  corresponding  response  in  the  antisymmetric  modes,  there  are  inevitably 
large  differences,  because  here  the  boundary  conditions  are  radically  different,  even  if 
the  antisymmetric  excitation  spectrum  is  unaltered  by  the  motion.  Without  the  roll  free¬ 
dom  the  only  antisymmetric  mode  excited  significantly  is  the  first  antisymmetric  bending 
at  155  Hz,  which  must  involve  some  twisting  of  the  sting.  In  marked  contrast,  with  the 
roll  freedom  the  rigid  body  roll  at  40  Hz  is  excited,  together  with  a  combined  anti¬ 
symmetric  bending  and  torsion  mode  at  251  Hz  (Fig  4b) .  (These  modes  probably  involve 
a  small  torsion  of  the  sting.)  For  these  antisymmetric  modes  the  results  for  the  wing 
with  the  roll  freedom  give  a  better  approximation  to  the  aircraft,  which  does  have  some¬ 
thing  like  a  freedom  in  roll.  On  the  aircraft  the  Dutch  Roll  frequency  is  about  0.5  Hz, 
which  would  correspond  with  about  15  Hz  for  this  1/30  scale  model.  Hence  the  frequency 
parameter  for  the  roll  mode  in  the  present  tests  is  too  high. 


Two  further  observations  can  be  made  from  Fig  4.  Firstly,  there  is  significant 
forced  model  response  (both  symmetrically,  and  antisymmetrically)  at  low  frequencies 
(say  less  than  10  Hz),  where  there  are  certainly  no  structural  modes.  This  observation 
indicates  that  a  comparatively  high  level  of  excitation  at  low  frequencies  is  provided 
by  the  flow  separations  on  the  model.  (The  level  of  response  is  about  5  *  higher  than 
that  excited  by  the  flow  unsteadiness  in  the  wind  tunnel  at  zero  incidence.)  Secondly, 
because  of  strain  gauge  misalignment  and  differences  in  sensitivity,  the  spectrum  of  the 
symmetric  modes  includes  a  faint  indication  of  the  antisymmetric  mode  at  251  Hz  (Fig  4a) , 
and  the  spectrum  of  the  antisymmetric  modes  includes  a  clear  indication  of  the  first 
symmetric  bending  mode  at  174  Hz  (Fig  4b).  Further  analysis  of  the  buffeting  measurements 
will  concentrate  on  the  large  response  in  the  first  symmetric  bending  mode,  followed  by 
brief  comments  on  the  two  antisymmetric  modes. 


Fig  5  shows  the  variation  of  rms  unsteady  wing-root  strain,  t  ,  in  the  first  bend¬ 
ing  mode,  as  a  function  of  the  angle  of  incidence  for  three  Mach  numbers  and  total 
pressures.  Buffet  onset  is  sharply  defined  at  M  =  0.60  (with  the  leading-edge  separation) 
and  at  M  =  0.86  (with  the  strong  shock  induced  separation).  However,  at  M  =  0.80  buffet 
onset  is  less  well  defined  and  caused  by  the  slow  initial  extension  downstream  of  the 
separation  behind  the  shock  wave.  Buffet  onset  curves  of  this  type,  with  a  sudden  initial 
rise  in  response,  followed  by  a  constant  level  before  a  further  increase,  are  frequently 
observed  on  swept  wings  close  to  the  boundary  along  which  the  flow  changes  from  a  leading- 
edge  to  a  shock  induced  separation. 


Early  investigations7  of 
absence  of  scale  effects: 


the  similarity  laws  for  buffeting  suggested  that  in  the 


or 


for  aerodynamic  damping. 


tap 


for  structural  damping. 


(2) 

(3) 


There  must  be  appreciable  scale  effects  because  neither  of  these  power  laws  is  appropriate 
to  these  measurements.  In  addition  we  shall  see  later  (see  section  3.3)  that  the  total 
damping  is  a  combination  of  aerodynamic  and  structural  damping. 


The  strain  measurements  with  the  roll  freedom  are  believed  to  correspond  most 
closely  with  an  aircraft  in  flight.  Hence  the  damping  and  buffet  excitation  parameters 
subsequently  presented  refer  to  this  condition. 
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3.3  Damping  measurements 

From  the  long  signal  records,  well  defined  spectra  of  the  buffeting  measurements 
could  be  obtained  (eg  Fig  4),  as  discussed  above  in  section  2.2.  From  these  spectra 
total  damping  estimates  (%  critical)  could  be  readily  obtained,  using  the  half  power 
point  method. 

The  buffeting  spectra  for  the  symmetric  modes  indicate  two  interesting  trends  in 
the  damping  measurements  for  the  first  bending  mode  at  about  174  Hz  (Fig  6) : 


(1)  For  constant  Mach  number  and  angle  of  incidence  the  damping  increases  with  the 
total  pressure  (ie  the  stream  density),  as  required  by  theory. 

(2)  For  constant  Mach  number  and  total  pressure  damping  increases  with  the  angle  of 
incidence,  the  increase  being  most  marked  after  the  onset  of  buffeting.  This 
trend  is  most  obvious  at  M  =  0.60:  its  significance  will  be  discussed  in  section  4. 
Fig  7  shows  the  total  damping  measurements  at  two  angles  of  incidence:  (a  =  1° 

and  the  incidence  for  maximum  buffet  penetration)  plotted  against  the  product  of 
the  free  stream  density  x  the  free  stream  velocity.  In  addition  to  the  trends 
shown  by  Fig  6,  Fig  7  shows  that  the  wind-on  damping  measurements  are  consistent 
with  a  constant  structural  damping  coefficient  of  g/2  =  0.8%  critical,  as 
measured  wind-off  in  a  ground  resonance  test. 

The  total  damping  for  the  symmetric  overtone  bending  mode  at  about  550  Hz  is  pre¬ 
dominantly  structural,  (g/2  =  2%  critical)  and  only  varies  a  little  with  free  stream 
density  and  velocity.  The  variation  with  angle  of  incidence  is  within  the  scatter  of 
the  measurements.  Similar  remarks  apply  for  the  first  antisymmetric  structural  mode  at 
about  250  Hz:  this  mode  represents  combined  bending  and  torsion. 

The  roll  motion  was  not  significantly  excited  by  the  tunnel  unsteadiness.  Hence 
for  attached  flow  conditions  below  the  buffet  boundary,  no  damping  values  could  be 
derived  from  the  antisymmetric  wing-root  strain  records.  However,  roll  motion  was  excited 
after  buffet  onset,  and  a  few  total  damping  measurements,  typically  about  15%  critical, 
were  obtained  at  high  angles  of  incidence  (Fig  8).  The  measurements  at  the  higher  total 
pressures  at  M  =  0.60  and  0.80  are  most  reliable,  because  here  the  model  response  was 
largest.  These  measurements  suggest  that  the  total  damping  in  this  mode  falls  as  the 
angle  of  incidence  increases.  This  trend  is  consistent  with  that  generally  observed  in 
derivative  measurements  and  with  estimates  presented  in  section  4:  the  variation  is 
directly  due  to  the  flow  separations  on  the  outboard  wing  section.  No  clear  variation  of 
total  damping  with  stream  density  can  be  established  from  Fig  8,  although  the  measurements 
at  the  highest  density  are  consistent  with  a  structural  damping  coefficient,  g/2  about 
4%  critical,  as  measured  in  a  previous  ground  resonance  test. 

3.4  Buffet  excitation  parameter 


From  the  strain  and  damping  measurements  presented  above  the  buffet  excitation 
parameter,  /nG (n)  ,  can  now  be  calculated  for  the  modes  of  interest  according  to  the 
relation  given  by  Jones®: 


where  m 

y 

q 

s 

and  t. 


''nG(n)  =  |2//in  (my/qS)c^ 

generalised  mass  in  mode, 
rms  wing  tip  acceleration  in  mode, 
free  stream  kinetic  pressure, 
wing  area 

total  damping  in  mode  (fraction  of  critical). 


(4) 


A  simple  linear  relation  between  the  rms  wing-tip  acceleration  measured  with  an  accelero¬ 
meter  and  the  wing-root  strain  signal  was  obtained  during  a  ground  resonance  test. 

Fig  9  shows  the  buffet  excitation  parameter  derived  for  the  first  bending  mode  for 
the  principal  test  conditions.  Buffet  onset  is  sharply  defined,  as  in  the  unsteady 
strain  measurements  (Fig  5) .  For  a  given  Mach  number  the  buffet  excitation  parameter  is 
identical  for  the  two  highest  pressures,  confirming  that  scale  effects  are  small  when  the 
boundary  layer  transition  is  correctly  fixed.  However,  the  buffet  excitation  parameter 
is  appreciably  higher  at  the  lowest  total  pressure,  presumably  because  the  flow  separa¬ 
tions  are  larger  when  transition  is  not  correctly  fixed. 

The  level  of  the  buffet  excitation  parameter  (about  1.0  *  10-3  to  1.5  *  10-3)  at 
low  angles  of  incidence,  /nGgTnT  ,  before  the  onset  of  separations  on  the  wing  is  a 
measure  of  the  combined  excitation  provided  by  the  local  flow  round  the  model  and  the 
flow  unsteadiness  in  the  wind  tunnel.  Since  the  flow  unsteadiness  on  an  ordinary  wind 
tunnel  model  at  transonic  speeds  normally  produces  a  lower  buffet  excitation  parameter 
(only  about  0.5  «  10”®  to  0.7  «  10“®),  the  additional  excitation  must  be  attributed  to 
the  pressure  fluctuations  generated  by  the  separation  on  the  unfaired  base  of  the  large 
fuselage.  Thus  for  this  model  it  would  have  been  impossible  to  use  the  flow  unsteadiness 
in  the  tunnel  as  a  measure  of  the  excitation  due  to  buffeting^,  even  at  subsonic  speeds. 
The  buffet  excitation  parameter  appropriate  to  the  wing  flow  separations  alone  may  be 
obtained  by  subtracting  the  contribution  at  low  angles  of  incidence.  It  is  reasonable  to 
assume  that  shortly  after  buffet  onset  there  is  no  correlation  between  the  flow  separa¬ 
tions  on  the  wing  and  the  excitation  at  low  lift,  so  that  the  buffet  excitation  parameter 
for  the  wing  separations  alone,  •'nG  (n)  ,  is  given  by: 
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/n G  ( n )  =  /nG(n)  -  nGQ(n)  (5) 


Equation  (5)  and  Fig  9  show  that  the  maximum  level  of  /nG  j (n)  achieved  during  the  pre¬ 
sent  tests  is  about  3  x  10"3  at  M  =  0.60  and  0.80,  falling  to  about  2  x  10-3  at  M  =  0.86. 
These  levels  are  typical  of  those  achieved  on  ordinary  wind  tunnel  models  (Fig  11),  and 
on  aircraft  in  flight9/10. 

In  contrast  to  the  present  model,  the  aircraft  has  a  streamlined  rear  fuselage,  so 
that  in  flight  the  buffet  excitation  parameter  at  low  angles  of  incidence  is  determined 
by  atmospheric  turbulence  and  the  aerodynamic  and  mechanical  excitation  provided  by  the 
engines.  Previous  tests9 >10  suggest  that  the  sum  of  these  contributions  is  normally  quite 
small  (typically  about  0.1  *  10-3  to  0.2  x  10-3)  ,  so  that  correction  according  to 
equation  (5)  should  not  be  necessary  for  flight  buffeting  measurements. 

The  buffet  excitation  parameter  was  also  derived  for  the  rigid  body  roll  motion  at 
high  angles  of  incidence,  for  the  few  conditions  where  measurements  for  the  total  damping 
in  roll  were  available.  For  this  mode  the  measurements  are  not  sufficiently  numerous  to 
establish  systematic  trends  for  the  variation  of  buffet  excitation  parameter  with  angle 
of  incidence,  Mach  number  or  total  pressure.  However  the  measurements  indicate  that  the 
buffet  excitation  parameter  in  this  very  low  frequency,  antisymmetric  rigid  body  mode  is 
of  the  same  order  as  that  for  the  wing  first  symmetric  bending  mode.  Further  discussion 
of  these  results  is  deferred  to  section  4. 

Equation  (4)  also  provides  a  good  correlation  of  the  small  responses  in  both  the 
combined  antisymmetric  torsion/bending  mode  and  the  symmetric  overtone  bending  modes 
(at  about  250  and  550  Hz  respectively) . 

4  DISCUSSION  AND  COMPARISON  WITH  FLIGHT  MEASUREMENTS 

For  the  prediction  of  the  buffet  characteristics  of  new  combat  aircraft  from  wind 
tunnel  tests,  it  is  important  to  establish  how  the  levels  of  buffet  excitation  parameter 
measured  in  wind  tunnels  compare  with  flight  measurements.  In  addition  it  must  be  poss¬ 
ible  to  scale  measured  damping  coefficients  from  tunnel  to  flight  and  to  be  certain  that 
all  structural  modes  are  correctly  represented. 

For  the  present  flutter  model  and  the  first  symmetric  bending  mode  the  maximum 
penetration  in  the  tunnel  corresponds  with  a  level  of  /nGj (n)  =  3  x  10-3  at  M  =  0.60, 
falling  to  about  2  x  10~3  at  M  =  0.86  (Fig  9).  However  for  the  tunnel  tests  the  maximum 
incidence  (Fig  10a)  was  restricted  by  the  normal  force  on  the  model,  whereas  in  flight 
somewhat  higher  angles  of  incidence  were  achieved,  particularly  in  transient  pull  ups  at 
the  higher  Mach  numbers  (Fig  10b) ,  Hence  it  is  reasonable  to  infer  that  if  the  normal 
force  restriction  had  been  overcome,  levels  of  /nGi (n)  =  3  x  10~3  would  have  been 

achieved  on  the  model  over  the  full  Mach  number  range  from  M  =  0.60  to  0.86.  No 
comparative  measurements  of  the  buffet  excitation  parameter  are  available  from  the  flight 
tests  of  this  aircraft. 

For  ordinary  wind  tunnel  models  the  maximum  level  of  the  buffet  excitation  parameter 
in  the  first  symmetric  bending  mode  is  again  about  3  x  10-3,  and  this  level  is  comparable 
with  that  achieved  in  flight  at  much  the  same  angles  of  incidence.  Fig  11  illustrates 
this  by  the  only  measurements  currently  available  which  relate  to  a  TACT  Fl-11  (for  two 
different  angles  of  wing  sweep) ,  a  small  fighter  aircraft  and  a  65°  delta  wing.  Hence  it 
is  reasonable  to  propose  new  criteria  for  the  buffet  excitation  parameter,  to  supplement 
those  derived  previously  from  buffeting  coefficients11  (Table  1).  The  maximum  level  of 
the  buffet  excitation  parameter  defines  the  heavy  buffeting  criterion.  The  moderate  and 
light  levels  are  then  inferred  by  reducing  the  maximum  level  by  factors  of  's  and  i 
respectively.  These  factors  correspond  with  equal  logarithmic  decrements,  as  in  the 
previously  defined  semi-empirical  buffeting  coefficients. 

It  is  important  to  note  that  although  the  buffet  excitation  parameter,  /nG (n)  , 
attains  a  value  of  3  x  10~3  at  the  heavy  buffeting  levels  for  these  measurements,  the 
parameter  /G(n)  does  not.  This  is  because  of  variations  in  the  frequency  parameter, 
n  =  fC/U  ,  from  configuration  to  configuration.  Now  the  previously  determined  empirical 
buffeting  coefficients  1  (for  a  much  wider  range  of  configurations)  were  directly  derived 
from  pressure  fluctuation  measurements.  These  pressure  fluctuations  were  expressed  in 
terms  of  /nF(n)  ,  precisely  analogous  to  /nG (n)  .  Thus  the  effects  of  variations  in  the 
frequency  parameter  within  those  tests  were  compensated  and  it  was  possible  to  achieve 
unique  buffeting  coefficients  for  a  wide  range  of  configurations. 

As  previously  remarked11,  the  correlations  established  between  dimensionless  buffet 
excitation  parameters  or  buffeting  coefficients  and  the  maximum  flight  penetration  are  at 
first  sight  surprising,  because  it  might  reasonably  be  expected  that  the  severity  of 
buffeting  in  flight  would  be  based  on  the  dimensional  level  of  vibration  (either  estimated 
by  the  pilot  or  measured  with  an  accelerometer).  However  in  general  the  severity  of  wing 
buffeting  is  rarely  a  controlling  factor.  The  pilots  of  fighter  or  strike  aircraft  often 
fly  right  up  to  a  handling  boundary,  such  as  pitch/up  or  stalling,  irrespective  of  the 
level  of  buffeting.  For  the  present  tests  the  alarming  amplitude  of  the  'wing-rock'  at 
an  angle  of  incidence  of  14°  at  M  =  0.60  and  the  highest  total  pressure,  suggest  that  the 
handling  boundary  for  this  aircraft  is  determined  primarily  by  a  sudden  fall  in  the  deriva¬ 
tive  t p  ,  the  damping  due  to  roll  for  the  wing,  or  even  to  its  reversal  in  sign.  This 
explanation  is  consistent  with  estimated  damping  measurements,  which  are  presented  later 
(Fig  13). 


k. 


13-7 


Low  frequency  rigid  body  derivatives  are  normally  measured  by  the  forced  oscilla¬ 
tion  technique12,  for  both  attached  and  separated  flows.  Hence  the  buffet  excitation 
parameter  in  these  modes  due  to  the  separated  flows  has  not  been  measured  previously. 

During  the  present  tests  the  buffet  excitation  parameter  for  the  roll  mode  was  measured 
for  the  first  time,  and  found  to  be  of  the  same  order  of  magnitude  as  that  for  the  first 
symmetric  bending  mode.  However  the  roll  mode  is  not  excited  until  the  moderate  buffet¬ 
ing  criterion  for  the  first  symmetric  bending  is  exceeded  (Fig  12).  This  observation 
implies  that  somewhat  larger  separations,  with  a  higher  level  of  excitation  at  low 
frequencies,  are  required  for  the  roll  mode  to  be  excited  significantly.  Fig  12  also 
suggests  that  the  buffet  excitation  parameter  at  this  low  frequency  remains  bounded  even 
at  high  angles  of  incidence.  Hence  according  to  equation  (4),  the  large  roll  responses 
observed  briefly  at  high  angles  of  incidence  at  the  highest  pressure  at  M  -  0.60 
probably  correspond  with  small  or  negative  values  of  damping,  as  suggested  above. 

The  aerodynamic  damping  for  the  low  frequency  rigid  body  roll  mode  at  40  Hz  may  be 
estimated  by  quasi-steady  strip  theory,  using  unpublished  local  steady  lift  distributions 
measured  on  a  large  half  model.  (For  the  roll  mode  the  local  angle  of  incidence  is 
assumed  proportional  to  the  semi-span  ratio,  n  .)  With  attached  flow  and  for  small 
angles  of  incidence  these  estimates  are  in  excellent  agreement  with  estimates  from  the 
constant  value  Up  =  -  0.40  ,  obtained  from  data  sheets  (Fig  13).  For  large  angles  of 
incidence  the  strip  theory  predicts  a  sudden  loss  of  damping  about  3°  to  4°  above  buffet 
onset,  due  to  the  large  changes  in  the  spanwise  load  distribution  caused  by  flow  separa¬ 
tion.  The  incidence  at  which  this  loss  of  damping  occurs  is  roughly  intermediate  between 
that  for  the  maximum  flight  penetration  in  steady  turns  and  transient  pull-ups  (Fig  10b). 
This  incidence  corresponds  also  with  the  heavy  buffeting  limit  for  the  first  symmetric 
bending  mode  derived  from  previous  tunnel  tests  on  an  ordinary  wind  tunnel  model  (Fig  10a). 
This  observation  supports  the  previous  remarks  about  the  correspondence  between  traditional 
buffeting  criteria  and  aircraft  handling  boundaries11. 

On  a  wind  tunnel  model  the  aerodynamic  damping  cannot  be  measured  independently  of 
the  structural  damping.  For  this  aeroelastic  model  the  structural  damping,  g/2  ,  in  the 
roll  mode  is  believed  to  be  as  high  as  4%  critical,  as  in  the  previous  flutter  tests. 

If  this  value  is  assumed  constant  and  subtracted  from  the  total  damping  measurements 
(Fig  8),  to  give  the  'measured1  aerodynamic  damping,  these  values  are  in  fair  agreement 
with  the  estimates  from  quasi-steady  strip  theory  (Fig  13) .  In  particular,  the  measure¬ 
ments  at  M  =  0.60  and  0.80  confirm  a  loss  of  damping  as  the  angle  of  incidence  and  the 
area  of  separated  flow  on  the  wing  increase. 

For  M  =  0.60  and  0.80,  Fig  13  also  includes  a  few  estimates  of  damping  in  the  roll 
mode  inferred  from  lg  flight  at  different  altitudes.  These  are  in  excellent  agreement 
with  both  estimates  at  M  =  0.60,  but  naturally  can  provide  no  indication  of  the  loss 
of  damping  at  handling  limits. 

The  aerodynamic  damping  for  the  higher  frequency,  first  symmetric  bending  mode  at 
174  Hz  may  also  be  estimated  by  quasi-steady  strip  theory.  Again  the  steady  lift 
distribution  measured  on  the  large  half  model  is  used.  (For  the  first  symmetric  bending 
mode  the  local  angle  of  incidence  is  assumed  proportional  by  n2  . )  The  aerodynamic 
damping  measurements  are  derived  from  the  total  damping  measurements  given  in  Fig  6, 
subject  to  the  reasonable  assumption  derived  from  Fig  7  that  the  structural  damping 
coefficient,  g/2  ,  is  0.8%  critical  and  constant.  With  attached  flow  for  small  angles 
of  incidence  the  estimates  are  in  good  agreement  with  the  measurements.  However,  after 

buffet  onset  the  estimates  suggest  a  fairly  rapid  fall  in  aerodynamic  damping  (Fig  14), 

rather  like  the  estimates  for  the  aerodynamic  damping  in  the  roll  mode  (Fig  13).  In 
marked  contrast  the  measurements  show  a  significant  increase  in  aerodynamic  damping, 
particularly  at  M  =  0.60.  The  good  agreement  between  the  estimates  and  the  measurements 

below  buffet  onset  suggests  that  frequency  effects  on  the  thin  attached  boundary  layers 

are  small.  The  large  discrepancy  between  the  theory  and  the  measurements  after  buffet 
onset  suggests  that  frequency  effects  on  the  thick  separated  shear  layers  are  large,  so 
that  the  use  of  quasi-steady  theory  is  no  longer  justified.  Fig  14  suggests  that  these 
frequency  effects  are  much  larger  at  M  =  0.60  with  a  large  area  of  separated  flow  (from 
the  leading-edge)  than  at  M  =  0.80  and  0.86  with  a  smaller  area  of  separated  flow  (from 
the  shock) . 

In  addition  to  the  global  effect  of  the  smaller  areas  of  separated  flow  at  transonic 
speeds,  another  factor  probably  limits  the  variation  of  aerodynamic  damping  with  angle  of 
incidence  for  aircraft  structural  modes.  The  aerodynamic  damping  at  transonic  speeds  is 
naturally  strongly  influenced  by  the  movement  of  shock  waves.  Now  for  inviscid  transonic 
flows  Nixon  has  shown12  that  although  large  changes  of  shock  wave  motion  and  phase  angle 
occur  at  the  very  low  frequency  parameters  appropriate  to  rigid  body  modes,  frequency 
effects  stabilise  for  frequency  parameters  appropriate  to  structural  modes,  as  low  as 
uiC/U  =  0.  3  ,  or  fC/U  =  0.05.  Hence  within  the  inviscid  transonic  flowfield  upstream  of 
the  shock  there  is  a  powerful  control  applied  to  limit  the  high  frequency  effects  produced 
within  the  area  of  separated  flow  downstream  of  the  shock.  Further  evidence  for  the 
existence  of  this  powerful  control  is  provided  by  recent  measurements1 4  on  a  NACA  64A010 
aerofoil  pitching  about  its  quarter  chord  point  at  a  Mach  number  of  0.80  and  a  Reynolds 
number  of  12  «  106.  Comparison  of  the  unsteady  pressure  measurements  at  o  -  0°  (when 
the  flow  is  attached)  and  at  a  =  4°  (when  the  flow  is  separated)  show  that  for  frequency 
parameters  lower  than  about  .»c/U  =0.5  incidence  effects  due  to  flow  separations  are 
large,  whereas  above  uc/U  =  0.5  incidence  effects  are  small  (Ref  14,  e/'  Figs  17  and  22). 
These  comparisons  are  relevant  to  the  present  measurements  shown  in  Figs  13b  and  14b 
although  the  thickness/chord  ratio  of  the  wing  is  lower  than  for  the  aerofoil,  varying 
from  8%  at  the  kink  to  6%  at  the  tip. 
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For  the  higher  frequencies  of  the  symmetric  overtone  bending  and  the  combined  anti¬ 
symmetric  bending/torsion  modes  the  damping  variations  with  angle  of  incidence  are  negli¬ 
gible  both  at  M  =  0.80  and  0.86,  consistent  with  the  suggestions  made  above.  In  addition 
at  these  higher  frequencies  there  is  no  significant  influence  of  flow  separations  on  the 
damping  at  subsonic  speeds.  This  is  a  feature  of  the  results  which  deserves  investiga¬ 
tion  in  a  future  experiment. 

Returning  to  the  problem  of  extrapolating  from  model  to  flight  tests,  aerodynamic 
damping  measurements  on  a  model  may  be  extrapolated  to  an  aircraft  according  to  the 
equation  given  by  Jones8,  if  scale  effects  on  the  separations  are  neglected.  Scale 
effects  are  generally  small  for  the  large  separations  associated  with  heavy  buffeting 
although  they  are  often  large  close  to  the  buffet  boundary.  An  advantage  of  making  buffet 
ing  measurements  on  aeroelastic  models  is  that  they  usually  produce  significant  aero¬ 
dynamic  damping  (c.7  about  3%  critical  for  pt  =  0.94  bar  in  Fig  7).  The  damping  ratio, 
Ij/vj,  ,  required  to  extrapolate  from  an  aeroelastic  model  to  full  scale  is  typically  only 
about  3.  In  contrast,  on  an  ordinary  wind  tunnel  model  the  aerodynamic  damping  ratio  is 
often  as  low  as  13  critical  (not  measured  accurately  because  of  the  difficulty  of  esti¬ 
mating  the  wind-on  structural  damping) .  The  damping  ratio,  Ya/Ym  is  typicaliy  as  high 
as  9.  Hence  the  full  scale  aerodynamic  damping  ratio  (typically  about  9%  critical)  can 
be  estimated  more  accurately  from  tests  on  aeroelastic  models  than  on  ordinary  wind 
tunnel  models. 

Finally  we  must  re-emphasise1  that  a  half  model  can  only  simulate  symmetric  response 
modes  of  a  real  aircraft.  A  complete  model  must  be  used  if  antisymmetric  modes  are  to  be 
simulated.  For  buffeting  measurements  on  a  complete  model  it  is  advantageous  to  measure 
the  port  and  starboard  wing-root  strain  signals  independently.  These  signals  may  then  be 
added  or  subtracted  electronically  to  obtain  the  symmetric  or  antisymmetric  responses,  as 
illustrated  in  Fig  4. 

For  an  ordinary  sting  supported  complete  model  this  technique  should  produce  rough 
estimates  of  the  buffet  excitation  parameter  both  for  the  rigid  body  roll  mode  and  good 
estimates  for  the  first  symmetric  bending  mode,  even  if  the  frequency  parameters  are  not 
correct.  However  for  higher  frequency  structural  modes  some  differences  are  inevitable 
because  of  large  differences  in  frequency  parameter  and  mode  shape. 

5  CONCLUSIONS 

Buffeting  measurements  on  a  flutter  model  of  the  wing  of  a  typical  strike  aircraft 
suggest  five  main  conclusions. 

(1)  Sufficient  measurements  of  the  buffet  excitation  parameter  for  the  first 
symmetric  bending  mode  having  now  been  obtained  to  formulate  new  criteria  for  the  severity 
of  buffeting  in  flight.  These  new  criteria  supplement  previously  determined  buffeting 
coefficients  (Table  1). 

(2)  The  buffeting  coefficients  previously  determined  from  wind  tunnel  tests  derive 
from  aircraft  handling  boundaries,  rather  than  from  any  quantitative  assessment  of 
buffeting  by  the  pilot. 

(3)  On  this  aircraft  the  handling  boundary  at  high  angles  of  incidence  is  closely 
related  with  'wing-rocking'  caused  by  a  sudden  loss  in  the  damping  due  to  roll  of  the 
wing  (Fig  13).  The  buffet  excitation  parameter  in  this  mode  remain  bounded  at  high 
angles  of  incidence  and  comparable  with  that  in  the  first  symmetric  wing  bending  mode 
(Fig  12) . 

(4)  Significant  variations  on  aerodynamic  damping  occur  after  the  onset  of  flow 
separations.  For  the  low  frequency  rigid  body  roll  mode  these  variations  may  be  explained 
by  the  spanwise  changes  in  loading  predicted  by  quasi-steady  strip  theory  (Fig  13).  For 
the  higher  frequency,  first  symmetric  bending  mode  this  method  is  not  adequate,  owing  to 

a  strong  frequency  effect  on  the  separated  flow  (Fig  14). 

(5)  Although  half  models  can  pred''  "t  the  symmetric  buffeting  response  of  aircraft, 
complete  models  are  needed  to  predict  both  symmetric  and  antisymmetric  responses  (Fig  4) . 


Table  1 

BUFFET  PENETRATION  CRITERIA  FOR  FIRST  SYMMETRIC  WING  BENDING 


Severity 

of 

Buffet  excitation  parameter 

Buffeting  coefficient 

buf  feting 

AiGjfn) 

Cg  (Ref  11) 

Light 

0.00075 

0.004 

Moderate 

0.00150 

0.008 

Heavy 

0.00300 

0.0160 

13-y 


REFERENCES 

1  D.G.  Mabey,  Some  remarks  on  buffeting.  VKI  Lecture  Series  on  unsteady  airloads  and 
aeroelastic  problems  in  separated  and  transonic  flow,  March  1981 

2  R . A.  Sowden,  Utilisation  of  wind  tunnel  turbulence  for  model  excitation, 

BAe  unpublished,  1980 

3  J.S.  Bendat,  A. G.  Piersol,  Random  Data:  analysis  and  measurement  procedures, 

Wiley,  New  York  (1971) 

4  D.G.  Mabey,  Beyond  the  buffet  boundary,  J.  Roy.  Aero.  Soc.,  April  1973 

5  X.M.  Hall,  E.W.E.  Rogers,  The  flow  pattern  on  a  tapered  swept-back  wing  at  Mach  numbers 

between  0.6  and  1.6.  ARC  19691,  RSM  3271  (1957) 

6  B.L.  Welsh,  D.M.  McOwat,  Presto:  a  system  for  the  measurement  and  analysis  of  time- 

dependent  signals.  RAE  Technical  Report  79135  (1980) 

7  W.B.  Huston,  A.G.  Rainey,  A.  Gerald  and  T.F.  Baker,  A  study  of  the  correlation  between 
flight  and  wind  tunnel  buffet  loads.  NACA  RML  55E  16b,  1955 

8  J.G.  Jones,  A  survey  of  the  dynamic  analysis  of  buffeting  and  related  phenomena, 

RAE  Technical  Report  72197  (1973) 

9  G.F.  Butler,  G.R.  Spavins,  Preliminary  evaluation  of  a  technique  for  predicting 
buffet  loads  in  flight  from  wind  tunnel  measurements  on  models  of  conventional 
construction,  RAE  Technical  Memorandum  Aero  1698,  November  1976 

10  G.F.  Butler,  G.R.  Spavins,  Wind-tunnel/flight  comparison  of  the  levels  of  buffeting 
response  intensity  for  the  TACT  Fl-11.  Symposium  on  transonic  aircraft  technology, 
AFFDL  TR  78-100,  August  1978 

11  D.G.  Mabey,  An  hypothesis  for  the  prediction  of  flight  penetration  of  wing  buffeting 
from  dynamic  tests  on  wind  tunnel  models,  ARC  CP  1171,  1971 

12  C.O.  O’Leary,  Wind  tunnel  measurements  of  aerodynamic  derivatives  using  flexible 
sting  rigs,  AGARD  LS  114  'Dynamic  stability  parameters',  March  1981 

13  D.  Nixon,  On  unsteady  transonic  shock  motions,  AIAA  J.  Vol.17,  No. 10,  pp  1143-1145 

14  S.S.  Davis,  G.N.  Malcolm,  Experiments  in  unsteady  transonic  flow,  AIAA/ASME  Structures, 
Structural  Dynamics  and  Materials  Conference,  April  1979 


Copur  ink t 

'©  ' 

Controller  HXSC  London 
1SSS 


k 


a 


3-i : 


Fig  4a&b  Typical  spectra  of  combined  wing-root 
strain  signals 
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Fig  5a-c  Unsteady  wing-root  strain  v  incidence 


a  M  =  0  60 


b  M=0.80 


c  M  *0.86 


Fig  6a-c  First  symmetric  bending  -  damping  -  v  incidence 
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Fig  lOa&b  Comparison  of  funnel  and  flight  buffet  boundaries 


Fig  lla&b  Buffet  excitation  parameters  for  ordinary  wind  tunnel  models 
(first  bending  model) 
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Fig  12  Relation  between  buffet  excitation  parameter  in  roll  and  bending  modes 


Fig  13a-c  Comparison  of  estimated  and  measured  aerodynamic  damping  in  roll 
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ABSTRACT 


Dynamic  flight  test  techniques  may  be  employed  for  the  measurement  of  a  variety  of  aircraft  performance 
characteristics  as  well  as  for  the  measurement  of  Stability  and  Control  characteristics  In  the  form  of  for 
Instance  classical  Stability  and  Control  derivatives.  The  present  work  focusses  on  the  development  of 
nonlinear  aerodynamic  models  from  dynamic  flight  test  data.  Several  closely  related  characterise Ics  of 
these  models  are  discussed  in  detail  such  as  goodness  of  fit  to  flight  test  data,  the  accuracy  of  model 
predictions  and  model  complexity.  Results  are  presented  of  a  flight  test  program  with  the  DHC-2  "Beaver" 
experimental  aircraft  of  Delft  University  of  Technology  equipped  with  a  high  accuracy  instrumentation 
system. 

Different  aerodynamic  models  are  compared  with  results  from  windtunnel  experiments. 


1.  INTRODUCTION 

Techniques  for  the  reconstruction  of  the  actually  flown  flight  path  may  he  applied  for  assessment  of 
approach,  landing  and  take  off  performance.  These  techniques  are  also  used  for  the  creation  of  a  database 
from  dynamic  flight  test  measurements  for  the  synthesis  of  nonlinear  aerodynamic  models.  The  synthesis  of 
nonlinear  models  from  dynamic  flight  test  data,  their  application  for  predicting  aerodynamic  forces  and 
aerodynamic  moments  in  flight  conditions  which  are  different  from  the  set  of  flight  conditions  actually 
traversed  in  the  course  of  some  flight  test  maneuver  and  the  comparison  of  the  results  of  dynamic  flight 
test  data  analysis  with  other  data  sources  as  windtunnel  experiments  are  the  subjects  of  the  present 
paper.  In  Section  2  a  short  description  is  given  of  the  technique  for  analyzing  dynamic  flight  test  data 
as  applied  here.  More  details  are  given  in  Ref.  2.  Section  3  discusses  some  aspects  of  the  ident i float  ion 
of  aerodynamic  models  which  can  from  the  system  theoretic  point  of  view  he  interpreted  as  multi  Input- 
single  output  linear  static  models.  The  characterist ics  are  discussed  of  models  which  approximate  the  real 
physical  process  in  a  least  squares  sense.  These  models  can  he  distinguished  with  respect  to  their  poten¬ 
tial  to  predict  the  output  of  the  physical  system  in  setpoints  for  which  no  actual  observations  are  avail¬ 
able.  In  Section  4  a  description  is  given  of  a  flight  test  program  with  the  DHC-2  "Beaver"  experimental 
aircraft  of  Delft  University  of  Technology.  This  flight  test  program  was  carried  through  in  cooperation 
with  DFVLR  (Deutsche  Forschungs-  und  Versuchsanstalt  fur  Luft-  und  Raumfahrt)  in  Braunschweig  and  NLR 
(National  Aerospace  Laboratory)  in  Amsterdam.  Windtunnel  experiments  were  carried  through  on  a  1:11  scale 
model  of  the  experimental  aircraft  in  the  low  speed  windtunnel  of  Delft  University  of  Technology.  The 
propellor  slipstream  could  be  simulated  in  these  experiments,  measurements  were  made  in  symmetrical  (zero 
sideslip  angle  (3)  as  well  as  in  non  symmetrical  flow  conditions.  These  experiments  are  described  in 
section  5.  Section  6  is  used  to  present  some  of  the  results  of  the  flight  test  program  and  windtunnel 
experiments.  It  is  argued  that  dynamic  flight  test  measurements  can  not  as  such  be  compared  directly  with 
the  results  of  windtunnel  experiments.  A  comparison  requires  an  aerodynamic  model  to  be  identified  first 
and  consequently,  differences  between  dynamic  flight  tests  and  windtunnel  experiments  cannot  he  attributed 
entirely  to  for  example  the  effect  of  a  difference  in  Reynolds  number  but  depend  also  on  which  terns  are 
included  in  the  aerodynamic  model. 

It  is  suggested  that  the  results  of  windtunnel  experiments  may  he  helpfull  in  synthesizing  aerodynamic 
models  for  a  wide  range  of  flight  conditions  as  required  for  example  in  mathematical  models  for  flight 
simulation.  Some  conclusions  are  drawn  in  section  7. 


2.  DYNAMIC  FLIGHT  TEST  DATA  ANALYSIS 

Data  analysis  of  dynamic  flight  test  measurements  constitutes  in  principle  a  dynamical  svstem  identi¬ 
fication  problem.  The  system  is  excited  by  input  signals  as  for  instance  elevator  ‘  ,  rudder  ‘  and 

aileron  6^  deflections  as  well  as  by  process  noise  in  the  form  of  atmospheric  turbulence**.  The  svstem  is 

observed  via  transducers  such  as  for  instance  accelerometers,  rate  gyro’s,  airspeed  and  altitude  sensors 
and  local  flow  angle  transducers.  The  art  of  system  identification  is  to  find  estimates  of  the  actually 
f I  own  trajectory  as  well  as  of  the  system  parameters.  Some  of  the  system  parameters  are  already  known  such 

as  aircraft  mass  and  moments  of  inertia.  If  linear  models  are  used  the  system  parameters  of  interest  are  i 

the  classical  so  called  stability  and  control  derivatives.  j 

Often  this  system  identification  procedure  is  put  in  the  framework  of  maximum  likelihood  estimation  j* 

theory.  The  advantage  here  Is  that  as  one  of  the  transducers  produces  less  accurate  measurements,  these 
measurements  are  less  heavily  weighted.  References  can  he  found  in  Ref.  7. 

A  disadvantage  of  this  approach  to  the  dynamic  flight  test  data  analysis  problem  is  that  the  necessary 

computations  are  quite  intricate,  even  more  so  if  nonlinear  system  models  must  he  used.  t 

The  approach  advocated  in  Ref.  7  and  which  is  also  followed  here  divides  the  data  analysis  problem  in  two 
separate  problems  each  of  which  is  relatively  easy  to  solve.  This  soralled  two-step  method  starts  hv 

calculating  the  aircrafts  flight  path  from  very  accurate  accel erometer  and  rate  gyro  data  and  airspeed, 
altitude  and  sideslip  vane  or  geographical  position  measurements.  This  is  flight  path  reconst ruct i on  and 

constitutes  the  first  step.  The  result  is  a  set  of  important  time  histories  such  as  angle  of  attack  a, 

sideslip  angle  (3,  airspeed  V  as  well  as  estimates  of  minuscule  but  nevertheless  existing  zero  shifts  of 
the  accelerometers  and  rate  gyro’s  mentioned  above.  Next  one  calculates  in  a  straight  forward  manner  tie 

time  histories  of  the  aerodynamic  longitudinal,  lateral  and  vertical  force  coefficients  C  ,  C  and  C,, 
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rvsp.  and  the  corresponding  aerodynamic  moment  coefficients  (*g,  and  ('^ . 

For  tile  most  precise  results,  flight  path  reconstruction  is  based  on  nonlinear  kimrutical  models  and  i  ^ 
therefore  probably  as  intricate  a  proces  as  the  maximum  likelihood  procedure  tor  system  i  dent  i  l  i  i  •»  t  i  ■«:; 
mentioned  above,  see  Ref.  4.  It  needs  to  be  done  only  once,  however,  for  everv  flight  maneuver.  lie 
resulting  time  histories  constitute  a  data  base  for  the  second  step  which  is  aerodynamic  model  UU-ntiM- 
cat ion. 

In  aerodynamic  model  identification  one  developes  an  aerodynamic  model  which  on  the  one  hand  car.  he  fitted 
well  to  the  available  measurements  but  does  on  the  other  hand  contain  not  so  nanv  parameters  tb.j! 
parameter  estimation  accuracies  become  to  tow  or  that  the  model  loses  its  capacity  to  predict  force  or 
moment  coefficients  for  flight  conditions  different  from  those  actually  encountered  in  t  lie  flight  test 
maneuver. 

Aerodynamic  model  Identification  usually  is  a  process  of  trial  and  error  even  if  it  is  done  in  an  organized 
way  as  in  section  3.  One  may  desire  to  investigate  for  instance  to  what  extend  it  is  possible  to  develop 
aerodynamic  models  for  a  wider  range  of  flight  conditions  by  joining  two  or  rore  of  the  above  mentioned 
data  bases  of  different  nominal  flight  conditions. 


Ffg.  1.  PIIC- 2  "Beaver"  experimental  aircraft  of  Pel  ft  i’niversity  of  Technology. 

In  section  6  aerodynamic  models  are  developed  for  the  PHC-2  "Beaver"  aircraft  of  Delft  1’niversity  ot 
Technology,  see  Fig.  1.  Dynamic  flight  tests  were  made  with  this  aircraft,  see  section  4.  in  addition 
windtunnel  experiments  were  made  with  a  1:11  scale  model,  see  section  S. 

Tn  general,  aerodynamic  force  and  moment  coefficients  depend  in  a  nonlinrar  wav  on  the  past  and  present 
values  of  variables  as  angle  of  attack  a  and  sideslip  angle  p.  This  is  clearly  illustrated  by  Fig.  ?.  It 
Is  not  unusual  to  assume  that  the  force  and  moment  coefficients  can  be  expressed  as  functions  of  t  Ito 
present  values  only  of  a  set  of  variables  which  may  then  include  also  first  and  higher  order  derivatives 
with  respect  to  time.  Finally,  these  functions  are  assumed  to  be  analytic  which  implies  thev  can  be 
expanded  in  terms  of  a  multiple  Taylor  series. 

3.  AERODYNAMIC  MODEL  IDENTIFICATION 

Tn  the  present  work  it  is  assumed  that  aerodynamic  models  for  the  dimensionless  aerodynamic  force 

coefficients  C„ ,  C.,  and  C„  and  the  dimensionless  aerodynamic  moment  coefficients  C  C  and  f  can  be 
X  X  Z  ?  n  n 

written  in  the  following  general  form: 

r 

y(i)  -  T.  akxk(i)  +  r(i)  (3-1) 

k»  I 

i  *  1(1)  N 


in  which  y(  i )  denotes  a  scalar  dependent  variable,  x,(D  and  a.,  k  *  1(11  r,  represent  a  set  of  r 

independent  variables  and  a  set  of  r  parameters  respectively.  Turbulence  in  the  propeller  slipstream  and 
in  the  boundary  layer,  full  sloshing,  light  atmospheric  turbulence,  etc.  generate  stochastic  contribution*, 
to  the  force  and  moment  coefficients.  These  contributions  are.  In  a  rather  heuristic  wav,  accounted  tor 
through  an  addition  of  a  stochastic  variable  r(f)  with: 


(3-2) 
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E{e(l) }  -  0 

E{e(l)  e(  J) }  -  v£  6tj 


In  the  case  of  wlndtunnel  experiments,  the  integer  i  refers  to  one  of  a  set  of  N  setpoints  or  to  one 
particular  time  Instant  t,  in  the  case  of  dynamic  flight  test  measurements. 

For  all  i,  the  independent  variables  x^(l)  are  assumed  to  be  known  exactly.  The  dependent  variable  y(i)  is 
measured  with  finite  accuracy  according  to: 

y  (1)  -  y(i)  +  m(i)  (3-3) 

m 


where  m(i)  represents  a  random  measurement  error  with: 


E{m( i) }  -  0 

E{m(i)  m( j) }  =  6^ 


(3-4) 


In  eq.  (3-1),  each  term  a.x^i)  corresponds  to  one  term  of  the  multiple  Taylor  series  expansions  of  the 
set  of  non-linear  functions  representing  the  aerodynamic  model.  If  these  functions  are  analytic  and  enough 
terms  are  included,  these  Taylor  series  expansions  will  be  perfect  approximations.  This  may  and  probably 
will  result,  however,  in  a  very  large  number  of  terms  i.e.  a  very  large  value  of  r  in  (3-1). 

The  total  number  of  parameters  which  can  be  estimated  from  a  given  set  of  N  measurements  y  (i)  is  usually 
much  smaller  than  the  very  large  value  of  r  mentioned  above.  After  a  discussion  of  least  squares  parameter 
estimates,  the  procedure  for  model  development  and  statistical  tests  in  the  following  subsections, 
attention  is  focussed  therefore  on  the  estimation  of  the  parameters  in  simplified  models  of  the  form: 

rl 

y(i)  -  E  a,  x,  (i)  +  e(i)  (3-5) 
k-1  K  K 

in  which  Tj  «  r.  The  set  of  independent  variables  in  (3-5)  constitutes  a  (small)  subset  of  the  set  of 
independent  variables  included  in  (3-1).  Model  identification  refers  to  the  process  which  leads  to  an 
optimal  choice  of  independent  variables  in  (3-5). 


3.1.  Estimation  of  parameters  in  perfect  models 

If  the  model  (3-5)  is  perfect  then  r  *  r  and  the  set  of  independent  variables  in  (3-5)  is  identical  to 
the  set  of  independent  variables  in  (T-l). 

Substitution  of  (3-1)  in  (3-3)  results  in: 


£  a.  X.  (1)  +  £(1)  +  m(l) 
k-1 


which  can  also  be  written  as: 


( 3-6) 


y  (1)  -  x( 1)  a  +  e(i)  +  m(l)  (3-7) 
m 

where  a  denotes  a  column  vector  a  -  colfaj,  a2»  . ar]  and  x(i)  a  row  vector  x(i)  *  fxj(i),  X2(i),  ...» 
xr(i)).  Usually  the  set  of  N  observations  y  (i)  and  independent  variables  x(i)  is  written  in  the  following 
compact  form: 


Y  -  Xa  +  e  +  m 
m 


( 3-8) 


where  Y  -  col[y  <1),  y  (2) . y  (N),  E“  coltfiO),  £(2),  ....  e(N)],  m  -  collm(l),  m(2) .  m(N)) 

and  X  denotes  a  matrix  of  Independent  variables  X'  -  fx‘(0);  xT(l):  ...:  xT(N)]. 

When  the  elements  of  the  parameter  vector  a  are  given  an  arbitrary  value,  a  vector  of  model  residuals  can 
be  calculated  according  to: 


e  -  Y  -  X  a  (3-9) 

m 

Next,  these  values  are  selected  such  that  the  sum  of  the  squares  of  the  residuals  e(i),  i  •  1(1)  N  is 
minimal.  These  values  are  then  called  the  least  squares  estimate  *  of  the  parameter  vector  a: 

*:  min  l  e2(i)  -  min  eTe  -  min  (Y  -  Xa)T  (Y  -  Xa) 

S  1-1  a  S  m  " 


(3-10) 
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The  necessary  conditions  for  a  minimum  to  exist  are: 

L-° 

a*a 

Substitution  of  (3-9)  then  leads  directly  to  the  socalled  normal  equations: 


(3-11) 


T  T 

(X  X)  a  -  X  Y 


(3-12) 


A  unique  solution  exists  if  and  only  if  (X  X)  is  positive  definite,  i.e.  its  inverse  exists: 

_  T  _  1  T 

a  -  (XX)  X  Y 


(3-13) 


With  (3-9)  the  model  residuals  can  be  estimated  as: 


e  =  Y  -  Xa 


(3-14) 


and  an  estimate  can  be  calculated  of  the  variance  of  the  model  residuals 


-2  -T-;/„  . 

o  =  e  e/(N  -  r) 


(3-15) 


It  is  not  difficult  to  show  that  the  parameter  estimate  3  is  unbiased: 
E(3)  =  a 


and  that  its  variance  matrix  can  be  written  as: 


V(3)  =  E{[a  -  E(8)]  [a  -  E(a)]T}  =  S2[XTXI_1 


(3-16) 


Now  it  is  assumed  that  both  e  and  m  are  Gaussianly  distributed.  Then,  because  3  is  a  linear  estimate,  see 
(3-13),  3  has  also  a  Gaussian  distribution. 


3.2.  Predicting  the  output  with  perfect  models 

Often,  one  is  not  only  interested  in  the  estimated  parameter  vector  3  but  even  more  in  the  prediction  3(j) 
at  a  given  setpoint  x(j)  which  can  be  calculated  with: 


*(j)  -  x(j)  3 


(3-17) 


Typical  examples  are  the  use  of  aerodynamic  models  in  real  time  flight  simulation  and  the  comparison  of 
results  of  dynamic  flight  test  measurements  with  windtunnel  experiments,  see  section  6. 

In  (3-1),  the  physical  process  was  assumed  to  be  stochastic,  i.e.  y(j)  consists  of  a  deterministic 
component  indicated  as  z(j)  and  a  stochastic  component  s(j): 


y(j)  -  z(j)  +  e(j) 

r 

z(  j)  -  £  a,  x.  (j)  -  x(j)  a 

k-1  K  K 

It  can  be  shown  that  i(j)  is  an  unbiased  estima'^  of  z(j).  The  prediction  error  Az(j)  is: 
Az(J)  -  z(j)  -  z(j)  -  x(j)  (a  -  a) 


(3-18) 


Consequently  E{Az(j)}  »  0  because  3  is  an  unbiased  estimate  of  a.  This  means  that  S(j)  Is  an  unbiased 
estimate  of  z(j). 

The  variance  V(z(j))  of  the  model  prediction  is: 

V(z( j) }  -  E(A?(j)2)  -  E(x(j)  (S  -  a)  (3  -  a)T  x(j)T>  - 


r 
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-  x(j)  V(a)  xT(j) 


(3-19) 


in  which  V(3)  denotes  the  parameter  estimation  error  variance  matrix,  see  (3-16).  The  eigenvalues  and 
eigenvectors  of  this  matrix  define  a  one-sigma  error  concentration  ellipsoid  of  parameter  estimation 
errors  in  r  dimensional  space.  This  is  depicted  in  Fig.  3(A)  for  the  two-dimensional  case. 

From  (3-19)  is  is  clear  that  the  variance  of  the  model  prediction  does  not  only  depend  on  the  variance 
matrix  of  parameter  estimation  errors  but  also  on  the  particular  choice  of  x(j).  This  can  be  depicted  as 
in  Fig.  3(B)  for  the  two-dimensional  case.  For  a  constant  model  prediction  variance,  (3-19)  represents  an 
ellipsoid.  The  direction  of  most  accurate  model  predictions  e.  in  (B)  corresponds  to  the  direction  of  the 
smallest  parameter  estimation  errors  in  (A).  Conversely,  for  an  arbitrary  direction  In  the  plane 
of  Xj(j),  x^(j)  the  model  prediction  accuracy  depends  not  only  on  the  volume  of  the  parameter  estimation 
error  ellipsoid  but  also  on  its  orientation  with  respect  to  e^. 


Fig.  3  .One-sigma  parameter  estimation  error  concentration  ellipse  (A)  and  corresponding  ellipses  of 
constant  one-sigma  model  prediction  error. 


3.3.  Model  development  via  residual  analysis 

In  practice  it  is  much  wiser  to  start  with  a  relatively  simple  model  containing  those  terms  which  are 
known  from  experience  or  from  theoretical  considerations  to  be  indispensable.  Next,  by  trial  and  error, 
one  adds  those  terms  which  significantly  improve  the  fit  of  the  model  to  the  measurements. 

A  systematic,  and  from  the  computational  point  of  view  very  efficient  way  to  do  this  is  via  analysis  of 
the  residuals  of  a  previous  model. 

After  a  given  number  of  model  extensions,  let  the  model  contain  r.  parameters.  For  the  N  setpoints  the 
model  can  then  be  written  in  vector-matrix  form  as: 


Y 


l  1 


(3-20) 


in  which  Xj  denotes  a  Nxrj  matrix  of  independent  variables  (setpoints)  and  a.  denotes  a  parameter  vector 
with  Tj  elements.  The  corresponding  least  squares  parameter  estimate  is  indicated  as  Sj*  and  is  equal  to: 


-  * 
ai 


T  —1  T 

<X1  V  V  Ym 


(3-21) 


The  corresponding  least  squares  model  residuals  are: 


Y  -  X.  a. 
m  1  1 


(3-22) 


From  (3-22)  It  follows  that  e.  Is  that  component  of  Y  which  Is  orthogonal  to  X.  .  This  Is  easily  proved 
by  showing  that:  m 


e 


.  T 
1 


-  0 


(3-23) 


Next,  of  a  set  of  candlcate  variables  one  Is  selected  to  be  evaluated  with  respect  to  Its  capability  to 
Improve  the  fit  of  the  model.  Let  this  variable  be  x.  (1),  1  -  1(1)  N.  A  column  vector  X,  can  then  be 
defined  as  X?  -  col[x.(l),  x.(2),  ....  x^(N)].  1 

If  one  uses  X2  as  the  independent  variable  In  a  model  for  the  least  squares  residual  e^  according  to: 


X2  a2  +  e2 


(3-24) 


the  corresponding  least  squares  estimate  of  a2  Is: 


i 


14-7 


(x2tx2)_i 


T  - 


(3-25) 


and  the  "new"  least  squares  residuals  can  he  written  as: 


?1  '  X2 


(3-26) 


In  general,  X,  can  always  be  decomposed  into  1)  a  component  which  Is  a  linear  combination  of  the  columns 

of  Xj  and  2)  a  component  AX0  which  is  orthogonal  to  all  the  columns  of  X^  : 

X,  •  Xj  c  +  AX,  (3-27) 

in  which  c  denotes  a  column  vector.  By  substituting  (3-27)  in  (3-25)  and^.  using  Cj3— 23)  it  is  noticed  that 
when  AX 2  *  0  then  also  a^  -  0.  Then  with  (3-26)  it  follows  ^that  e  *  *,e*  there  Is  no 

improvement  in  goodness  of  fit.  ^n  general,  32  *  0  and  e ^  e0  <  e^  e^.  With  (3-267  and  (3-25)  the  following 
expression  may  be  derived  for  e0 : 

-  T~  ~  T~  ~  T  AV  /v  Tv  X-1  Av  T  ~ 

e2  e2  el  el  el  A!VX2  X2  iX2  el 

-  e jTe j  -  ?jT  AX2  (cTX1TX1c  +  AX^  AXj)"’  AXj7  Sj  ( 3-2R) 

Eq ,  (3-28)  does  make  clear  why  in  residual  analyst^  one  does  not  use  X2  but  rather  its  orthogonal 

component  AX2  as  independent  variable.  In  that  case  e2  e ^  reduces  to: 

e2Te2  -  e^ej  -  AX2  (AXj7  AXj)'1  AXj7  (3-29) 

T 

resulting  In  a  smaller  value  because  X( Xj  Is  positive  definite. 

The  orthogonal  components  of  candidate  variables  can  be  determined  according  to: 

AX2  -  X2  -  X jC  (3-30) 

In  which  c  Is  calculated  as: 

c  -  (X^Xj)'1  X17X2  (3-31) 


The  model  for  the  least  squares  residuals  e^  is  now  written  as: 

e j  -  AX2  a*  +  e2  (3-32) 

* 

The  least  squares  estimate  of  is: 

a*  -  (AX27  AXj)-1  AX27  e j  (3-33) 

The  procedure  for  model  development  via  residual  analysis  is  now  to  calculate  of  a  given  set  of  candicate 
variables  (stored  in  the  form  of  column  vectors  X2)  the  orthogonal  components  with  respect  to  the  columns 
of  X).  Next  one  of  the  orthogonal  candidates  (probably  the  one  which  generates  the  smallest  value 
of  *S  lnc*ude<*  *n  ibe  m°del.  In  the  subsequent  step,  orthogonal  components  are  calculated  with 

respect  to  the  new  (extended)  matrix  of  Independent  variables  which  has  the  form  [X.  :  AX2]  •  This  only 
requires  the  calculation  of  orthogonal  components  with  respect  to  the  columns  of  AX2  since  all  variables 
already  were  orthogonal  with  respect  to  the  columns  of  X^  .  This  procedure  is  continued  untill  there  exist 
no  longer  orthogonal  candidate  variables  which  significantly  contribute  to  the  goodness  of  fit  of  the 
model. 

Model  development  via  residual  analysis  with  orthogonal  candidate  variables  is  a  classical  technique  in 
regression  analysis,  e.g.  see  Ref.  2. 


3.4.  Statistical  tests  for  model  development 


The  addition  of  new  independent  variables  in  the  model  as  discussed  above  will  always  result  in 
improvement  of  the  goodness  of  fit  of  the  model  to  the  measurements.  One  measure  for  the 
as  used  In  section  6  is  the  sum  of  squares  of  residuals,  the  "performance  index"  j.  * 

Index  Jt  refers  to  the  1-thstep  in  the  procedure  for  model  development  described  abovb,  Ttfe  goodness 


goodness  of 
where 


an 

fit 

the 

of 


14-8 


fit  may  also  be  expressed  in  terms  of  the  simple  correlation  coefficient  between  Y  and  Y.  This 
coefficient  is  usually  refered  to  as  the  multiple  correlation  coefficient  and  can  be  written  as: 


AY  T  AY 
m  m 


in  which  AY^  -  colIyB(l)  -  y,  ym(2)  -  y,  ym(N)  -  y],  where  y  denotes  the  mean  value  of  ym(i),  1  ■  1(1)N. 

Here  it  is  assumed  that  the  mean  value  of  the  residuals  e.(l),  i  -  1(1)  N  is  equal  to  zero  which  is  always 
true  if  one  of  the  columns  of  the  X.  matrix  of  the  initial  model  has  non  zero  but  identical  elements, 
e.g.  Xj(i)  -  1,  i  *  1(1)  N  •  may  take  values  between  1  (perfect  fit)  and  0  (no  fit). 

F  ratio  tegts  can  be  applied  to  test  the  statistical  significance  of  each  new  "orthogonal  parameter" 
estimate  a^  (sequential  F  test)  as  well  as  to  test  the  statistical  significance  of  all  model  parameters 
simultaneously. 

For  application  of  the  sequential  F  test  one  calculates: 


~T  ~  T-s 

e  ,e.  ,  -  e.  e„ 
l~\  A-l  X  X 


(N  -  rt) 


in  which  r^  denotes  the  total  number  of  parameters  in  the  new  rodel.  F  can  also  be  written  in  terms  of 
multiple  correlation  coefficients  according  to:  6e<* 

Rt2  -  R? 

Fseq  "  —-■2-  (N  -  V 
1  "  R* 

At  this  stage  it  is  convenient  to  introduce  the  partial  correlation  coefficient  R  being  the  simple 
correlation  coefficient  between  e.  ^  and  AX^.  The  partial  correlation  coefficient  can  oe  written  as: 

Ri  ■  1  -  -V.  •"  ( 3-36) 

el  el 

The  relation  ^between  the  multiple  correlation  coefficients  R  and  R  and  the  partial  correlation 
coefficient  R^  Is: 

2 

r/  -  1  -  O  -  R*_,>  (1  -  R*  )  (3-37) 

Substitution  of  (3-37)  In  (3-35)  results  In: 
r*2 

Fseq  ’  (N  -  V  (3-38) 

I  -  R, 

*  * 

The  null  hypothesis  H^:  a^  *  0  is  rejected  in  favour  of  the  alternative  hypothesis  H ^ :  a^  *  0  when: 

Fseq  >  Fa  (1«  N  '  V  ( 3-39) 

in  which  F  denotes  the  value  of  Fishers  distribution  function  with  1  and  N-r.  degrees  of 

freedom,  a  =a  Pr{Hj|  H^}. 

The  combination  of  (3-38)  and  (3-39)  allows  to  bring  the  sequential  F  test  in  the  following  form: 
accept  Hj  when: 

k 

R1  >  ITT  ( 3-40) 

in  which  k  «  ■ ■  F  (1,  N  -  r  ).  This  is  depicted  in  Fig.  4. 

N  ”  r*  ®  * 

For  application  of  the  total  F  test  one  calculates: 

F  gnTgn  -  gtTgt  (N  -  V 

tot  ;  T;  ( r  j  -  1 )  °  ° 


in  which  e^  are  the  residuals  of  the  most  simple  model  with  one  parameter  a^  and  x.(l)  “  1*  1  “  1(1)  N. 
can  also  be  written  as: 

tot 

Rt2  (N  -  r() 

Ftot  ’  I  -  R^2  (rJ  -  » 


(3-42) 
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The  null  hypothesis  H^:  «  0,  i  *  1(1)  Is  rejected  and  the  alternative  hypothesis  Hj  accepted  when: 


F  >  F 
tot  a 


<'*-  N 


O 


(3-43) 


In  which  F  denotes  the  value  of  Fishers  distribution  function  with  r.-l  and  N-r-  degrees  of 
freedom,  a  «  Pr (H.  |  HQ) .  *  X 

Combining  (3-42)  and  (3-43)  allows  to  bring  the  total  F  test  in  the  following  form:  accept  Hj  when: 


rt "  1 

in  which  k  -  g-— -  ■  F ^  (r^  -  1,  N  -  r^). 

For  more  details  on  statistical  tests  the  reader  Is  referred  again  to  Ref, 
and  tests  as  discussed  here  are  applied  In  section  6. 


(3-44) 


2.  The  goodness  of  fit  criteria 


3.3.  Characteristics  of  simplified  models 

Simplified  models  as  considered  in  the  present  work  are  of  the  following  form: 


z(D  -  E  a.x.  (1)  (3-5) 

k-1 

in  which  r.«  r,  see  (3-1).  No  attempt  Is  made  here  to  model  the  stochastic  part  of  the  force  and  moment 
coefficients.  The  set  of  Independent  variables  contained  in  (3-5)  could  result  from  a  model  development 
procedure  as  described  in  section  3.3. 

With  (3-5)  the  deterministic  part  of  the  "exact"  model  (3-1)  can  be  written  as: 


Z  »  Xa  -  X^aj  +  ^2a2 


(3-45) 


In  which  a  denotes  a  r.  parameter  vector  of  the  simplified  model  and  a.  a  (r  -  r.)  vector  of  parameters 
not  Included  In  the  model.  It  is  always  possible  to  write  the  matrix  as: 


x2  -  X(C  +  ax2 


(3-46) 


In  which  C  denotes  a  constant  Tj  x  (r  -  r^  matrix.  Eq.  (3-46)  is  the  multidimensional  form  of  (3-27). 

An  estimate  of  the  parameter  vector  in  the  simplified  model  Z  •  X.a,  can  b*  calculated  with  (3-21). 
Typical  for  simplified  models  Is  that  p|rameter  estimates  are  In  principle  always  biased.  This  is  easily 
proven  by  taking  the  expected  value  of  a^  resulting  In: 

E{Sj*)  -  a(  +  Ca2  (3-47) 

It  Is  worth  noticing  here  that  this  parameter  estimation  bias  Is  not  constant  but  rather  depends  on  the 
design  of  the  particular  experiment,  l.e.  the  structure  of  X. 
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Above  it  was  shown  that  predictions  %(j)  made  with  perfect  models  were  unbiased.  Simplified  models  are 
different  in  this  respect.  If  x(J)  is  partioned  as  x(j)  *  fx.(J)*  x_(j)}  then  the  prediction  error  of  the 
simpified  model  is: 


Az(j)  -  z(j)  -  z(j)  -  XjCj)  a*  -  x^j)  al  -  *2(j)  *2 


0-48) 


The  prediction  bias  is  then: 


E {Az( j) }  -  [XjCj)  C  -  x2(j)]  a2  -  -Ax( j)  a2  (3-49) 

Simplified  models  which  are  developed  according  to  the  model  development  procedure  of  section  3,3.  can  be 
expected  to  result  in  small  values  of  Ax(i)  a-  for  the  set  points  x(i),  i.e.  the  rows  of  the  matrix  X  of 
the  particular  experiment.  If  not,  additional  terms  would  have  b^n  included  in  the  model.  In  general, 
however,  when  predictions  are  calculated  for  arbitrary  set  points  x(j),  the  bias  of  the  prediction  error 
estimate  may  become  considerable. 

3.6.  Predict  error  function 

Experience  with  the  development  of  aerodynamic  models  from  dynamic  flight  test  measurements  is  that 
application  of  the  statistical  tests  as  discussed  in  section  3.5.  often  leads  to  very  refined  models,  i.e. 
a  relatively  large  number  of  terms  is  included  in  the  model. 

As  mentioned  above,  this  results  in  a  small  prediction  bias  for  each  of  the  set  points  x(i)  of  the 
experiment.  For  arbitrary  set  points,  however,  these  models  often  generate  very  large  prediction  errors. 

It  is  possible  to  get  an  impression  of  the  prediction  errors  generated  by  some  model  if  a  second  data  set 
is  available.  The  model  as  developed  from  one  data  set  is  used  to  predict  the  measurements  in  the  second 
data  set.  In  the  context  of  maximum  likelihood  estimation  of  stability  and  control  derivatives  from 
dynamic  response  measurements,  this  idea  has  been  proposed  earlier.  Here  the  following  "predict  function" 
is  used  (see  section  6): 

N  N 

PREDICT  -  E  V  (z  (i)}  +  E  {y  (1)  -  2,,(i)p  (3-50) 

1-1  1  1=1  2 

in  which  fc2i(i)  denotes  the  estimate  of  z(i)  of  the  second  data  set  as  calculated  with  the  parameter 
estimates  of  the  first  data  set •  The  first  term,  see  (3-19),  is  added  to  take  into  account  that  the 
addition  of  terms  to  a  model  in  principle  always  results  in  an  increase  of  the  prediction  variance. 


4.  FLIGHT  TESTS 

As  a  joint  effort  of  DFVLR  (Deutsche  Forschungs-  und  Versuchsanstalt  fur  Luft-  und  Raumfahrt),  NLR 
(National  Aerospace  Laboratory,  Amsterdam)  and  DUT  (Delft  University  of  Technology)  flight  tests  were  made 
with  the  DHC-2  "Beaver"  experimental  aircraft,  see  Ref.  3. 

In  the  course  of  the  flight  test  program  more  than  80  dynamic  longitudinal  and  lateral-directional  dynamic 
flight  test  manoeuvers  were  recorded. 

A  high  accuracy  instrumentation  system  was  used.  This  system,  capable  of  measuring,  digitizing  and 
recording  400  measurements  per  second  was  a  further  development  of  an  earlier  system  used  in  a  Hawker 
Hunter  mk  VII  dynamic  flight  test  program,  Ref.  10. 

The  main  purpose  of  the  flight  test  program  was  to  validate  different  design  philosophies  for  optimal 
elevator,  rudder  and  aileron  input  signals.  Some  of  the  results  have  been  presented  in  Ref.  9. 

All  together  5  different  types  of  precalculated  test  signals  were  stored  on  magnetic  tape  and  implemented 
via  a  hydraulic  control  system  which  was  specially  designed  and  constructed  for  that  purpose. 

All  test  signals  consisted  of  a  10  sec  elevator  signal  followed  by  a  16  sec  rudder/aileron  signal.  Each 
flight  test  maneuver  was  started  from  a  condition  of  approximately  steady  horizontal  and  rectilinear 
flight.  In  this  stage  the  aircraft  was  flown  via  the  hydraulic  control  system  and  controlled  by  the  pilot 
via  a  three  axes  side  stick  and  three  trim  knobs.  After  completion  of  the  longitudinal  maneuver.  Initiated 
by  starting  the  tape  recorder,  the  original  steady  straight  flight  condition  was  reestablished  by  means  of 
the  side  stick.  Finally  the  lateral-directional  maneuver  was  executed  by  restarting  of  the  tape  recorder. 

The  reproducibility  of  the  flight  maneuvers  flown  with  the  hydraulic  control  system  turned  out  to  be  very 
good.  Those  types  of  lateral-directional  maneuvers  involving  relatively  large  roll  angle  excursions, 
however,  could  be  reproduced  to  a  somewhat  lesser  degree  because  of  the  need  for  the  pilot  to  control  the 
pitch  axis  by  means  of  the  side  stick  in  order  to  prevent  too  large  airspeed  and  altitude  variations. 

Of  all  dynamic  maneuvers  recorded  only  three  were  used  to  generate  the  results  presented  in  section  6. 
These  three  maneuvers  were  of  the  "DUT  type"  (input  signals  designed  by  DUT,  see  Ref.  9)  at  a  nominal 
altitude  of  6000  ft  and  nominal  true  airspeeds  (TAS)  of  35,  45  and  55  m/sec.  More  results  will  be 
presented  in  the  final  report  on  the  flight  test  program. 


After  elementary  data  processing  and  flight  path  reconstruction,  see  section  2,  the  variables  required  for 
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aerodynamic  model  identification  were  calculated  for  every  0.1  sec.  This  results  In  101  measurements  (N  » 
101)  in  the  longitudinal  and  161  measurements  (N  -  161)  in  the  lateral-directional  flight  test  maneuver. 


5.  WINDTUNNEL  EXPERIMENTS 


All  windtunnel  experiments  used  In  the  present  work  were  carried  out  in  the  Low  Speed  windTunnel  (LST)  of 
the  Department  of  Aerospace  Engineering  of  Delft  University  of  Technology  (DUT).  Measurements  were  made 
with  a  1:11  scale  model  of  the  DHC-2  "Beaver"  experimental  aircraft.  The  model  was  equiped  with  a  7.5  DIN- 
PK  engine  to  simulate  powered  flight.  In  the  following  subsections  brief  descriptions  are  given  of  the 
DUT-LST,  the  model  and  the  experimental  program  respectively. 


5 . 1.  DUT-LST 


The  Low  Speed  windTunnel  of  Delft  University  of  Technology  is  of  a  conventional  recirculating  type.  The 
settling  chamber  is  provided  with  8  screens,  of  which  the  first  two  act  as  expansion  screens  to  prevent 
flow  separation  in  the  short  wide-angle  diffusor  at  the  entry  of  the  settling  chamber.  This  and  a  high 
contraction  ratio  (17.9)  ensures  a  very  good  flow  quality  and  a  low  turbulence  level  in  the  test  section. 
A  specially  developed  speed  control  system  for  the  drive  prevents  fluctuations  of  the  tunnel  speeds  with 
time. 

The  test  section  is  of  octagonal  cross  section,  1.80  m  wide,  1.25  m  high  and  2.60  m  long.  A  system  of 
interchangeable  test  sections  has  been  developed.  Exchanging  the  test  section  under  test  for  another  takes 
little  more  than  15  minutes.  Turntables  of  1.15  m  diameter  are  fitted  in  the  upper  and  lower  walls.  The 
maximum  airspeed  in  the  test  section  is  120  m/sec,  corresponding  to  a  unit  Reynolds  number  of  8.4 
*  10*  per  m. 

As  mentioned  above,  the  flow  quality  in  the  test  section  is  very  good.  Over  an  area  of  0.4  the  height  and 
0.8  the  width  of  the  test  cross  section,  the  dynamic  pressure  differs  less  than  ±  0.2%  from  the  dynamic 
pressure  measured  in  the  centre.  The  deviations  of  the  flow  direction  from  a  horizontal  plane,  measured  in 
the  area  corresponding  to  the  normal  position  of  an  aircraft  model,  are  within  ±  0.1  degrees.  The 
longitudinal  component  of  the  turbulence  ranges  from  0.025%  at  40  m/sec  to  0.085%  at  100  m/sec. 

The  tunnel  is  equiped  with  a  six-component  balance  (platform  type)  with  automatic  weightbeams  of  high 
accuracy.  Measurement  errors  are  smaller  than  0.005  N. 

A  HP-1000  computer  is  used  for  data  acquisition  and  reduction.  Measurements  are  stored  in  a  ^ore  memory 
but  can  also  be  printed  or  plotted  on-line. 


5.2.  The  DHC-2  "Beaver"  scale  model 


Structural  components  of  the  1:11  scale  model  of  the  DHC-2  "Beaver"  are  shown  in  Fig.  5. 


Fig.  5.  Stuctural  components  of  the  DHC-2  "Beaver"  1:11  scale  model. 


The  wing  flaps,  ailerons,  rudder,  horizontal  and  vertical  tail  planes  are  all  adjustable.  The  landing 
gear,  wing  struts,  air  Intakes  as  well  as  the  horizontal  and  vertical  tailplanes  can  he  removed  from  the 
model.  The  model  Is  equiped  with  a  three  phase  induction  engine  of  7.5  DIN-PK  driving  a  two-hlade 
adjustable  pitch  propeller.  In  correspondence  with  the  real  aircraft,  two  interconnected  total-head  tubes 
are  positioned  on  both  sides  of  the  NACA  cowling  at  0.75  R  from  the  propeller  axis  and  0.16  R  behind  the 
propeller  disc,  R  denoting  the  propeller  radius.  The  NACA  cowling  is  not  vented.  Small  protuberances,  such 
as  the  antennae,  external  measuring  probes,  the  tail  wheel,  door  steps  etc.  are  omitted  because  of  the 
expected  large  scale  effects  at  low  Reynolds  numbers.  Roughness  strips  have  been  attached  to  the  wing  and 
the  horizontal  and  vertical  tafjplanes  to  prevent  laminar  separation  of  the  boundary  layer. 


5.3.  Experimental  conditions 

All  measurements  were  carried  out  at  50  m/sec  resulting  in  a  Reynolds  number  of  0.47  *  10*.  In  the  tunnel. 


i 


14-12 


Fig,  6,  F.xperimental  configuration  In  the  I,ST  of  Delft  University  of  Technology. 


the  model  is  positioned  upside  down  on  a  three  point  ceiling  support  system.  Fig.  6.  Because  their  effects 
turned  out  to  be  highly  Reynolds  number  sensitive  at  this  low  Reynolds  number,  all  measurements  were  made 
after  removal  of  wing  struts  and  landing  gear.  The  contributions  of  the  wing  struts  and  landing  gear  were 
determined  in  separate  measurements  at  a  higher  Reynolds  number  of  1  *  10^.  At  the  relatively  high 
airspeed  corresponding  to  this  Reynolds  number  representative  values  of  Ap  /q  cannot  be  attained  and 
therefore,  during  these  measurements,  the  propeller  was  removed  from  the  model.  These  contributions  were 
added  to  the  results  obtained  at  the  low  Reynolds  number. 

Tunnel  wall  corrections  were  calculated  for  the  longitudinal  aerodynamic  force  and  moment 
coefficients  Cy,  C..  and  C  .  Application  here  of  "classical"  and  "modern"  (Joppa,  Heyson)  methods  yielded 
approximately  identical  results.  The  lateral-directional  force  and  moment  coefficients  C  ,  C  and  C  were 
left  uncorrected  for  the  influence  of  the  tunnelwall.  These  corrections  were  expected  to  be  very  small 
because  sideslip  angles  were  kept  in  a  relatively  small  range  from  -8  to  +8  degrees. 

The  support  system  mentioned  above  consists  of  two  wing  struts  and  one  tail  strut.  For  the  asymmetrical 
measurements,  i.e.  non  zero  sideslip  angle,  these  struts  could  be  made  much  less  well  streamlined  compared 
to  the  struts  used  for  the  symmetrical  measurements.  The  effect  of  the  struts  on  the  force  and  moment 
coefficients  was  considerable,  in  particular  in  the  asymmetrical  measurements.  To  determine  these  effects 
for  different  experimental  conditions,  separate  measurements  were  made  during  which  the  model  was 
supported  by  temporary  struts  and  the  original  struts  were  replaced  by  dummies  which  could  also  be 
removed.  A  pitfall,  which  was  avoided  later  by  repositioning  of  the  temporary  struts,  showed  up  here  in 
the  form  of  a  non-negligible  interference  effect  between  the  temporary  and  the  dummy  struts. 

With  the  total  head  probes  behind  t,he  propellor  disc,  it  is  possible  to  determine  the  dimensionless 
increase  in  total  head  Apt/q,  q  -  ipV  .  This  is  also  done  in  flight.  In  Ref  1  it  is  shown  that  Apfc/q  is 
closely  related  to  T  ,  the  thrust  coefficient.  If  the  dependence  of  the  aerodynamic  force  and  moment 
coefficients  on  variations  of  the  rotation  in  the  propeller  slipstream  is  small  enough  as  to  be  neglected 
then  Ap  /q  is  left  as  the  only  parameter  which  determines  the  effect  of  the  slipstream  on  the  flow  field 
around  the  model  in  the  windtunnel  as  well  as  around  the  aircraft  in  flight. 

In  the  windtunnel  measurement  program,  the  angle  of  attack  a,  the  sideslip  angle  p,  Ap^/q,  the  elevator, 
rudder  and  aileron  deflections  6  ,  6  and  6  were  systematically  varied  to  determine  their  effects  on  the 
aerodynamic  force  and  moment  coefficients.  %ome  of  the  results  are  presented  in  Fig.  2.  These  results  are 
compared  with  corresponding  results  from  dynamic  flight  tests  in  section  6. 


6.  EXPERIMENTAL  RESULTS 


The  windtunnel  experiments  were  designed  to  systematically  evaluate  the  influence  of  the  angle  of  attack, 
the  sideslip  angle  and  the  dimensionless  increase  in  total-head  across  the  propeller  disc  on  the 
aerodynamic  force  and  moment  coefficients.  Some  of  the  results  are  shown  in  Fig.  2.  The  reason  that  these 
results  are  so  clarifying  lies  in  the  possibility  to  vary  each  variable  while  keeping  the  remaining  ones 
at  constant  values. 

In  a  dynamic  flight  test  maneuver,  all  variables  of  Interest  vary  simultaneously  in  a  way  which,  for  a 
given  Initial  flight  condition,  depends  entirely  on  the  time  histories  of  the  control  surface  deflections. 
To  illustrate  this,  the  relations  Apt/|pV  -a  and  p  -  a  for  typical  longitudinal  and  lateral-directional 
flight  test  maneuvers  are  shown  in  Fig.  7. 

In  order  to  be  able  to  compare  the  results  of  dynamic  flight  test  maneuvers  with  windtunnel  experiments 
mathematical  models  for  the  aerodynamic  force  and  moment  coefficients  must  be  developed  first.  This  is 
done  in  section  6.1.  Thereafter  it  is  possible  to  calculate  functional  relationships  in  a  form  equivalent 
to  Fig.  2,  and  to  compare  these  with  corresponding  windtunnel  measurements.  This  comparison  is  made  in 
section  6.2. 


6.1.  Development  of  aerodynamic  models 

Fig.  2  indicates  that  the  "lateral-directional  variable"  p  does  have  a  (although  minor)  effect  on  the 
longitudinal  force  and  moment  coefficients  C?  and  C  •  On  the  other  hand  the  "longitudinal  variable" 

Apt/ipv  affects  the  lateral-directional  force  and  moment  coefficients  Cy,  and  C^.  In  order  to  take 
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Fig.  7.  Plots  of  Apt/|pV  and  p  versus  a  for  dynamic  flight  test  maneuvers  a  35,  45  and  55  m/sec  TAS. 

these  effects  Into  account  In  the  model  development  procedure  the  measurements  of  the  longitudinal  and  the 
lateral-directional  maneuvers  must  be  combined.  Furthermore,  Fig.  7  shows  that  when  the  measurements  of 
maneuvers  at  35,  45  and  55  m/sec  TAS  are  Joined,  the  total  range  of  Ap  /jpV2  and  angle  of 
attack  a  variations  Is  In  better  agreement  to  the  windtunnel  experiments.  This  means*  that  one  dataset  Is 
formed  consisting  of  3  *  101  +  3  *  161  -  786  set  points.  Prior  to  this,  differences  in  center  of  gravity 
locations  must  be  corrected  for. 

The  model  development  procedure  starts  by  assuming  initial  models  which  Include  variables  known  to  be  non 
negligible.  The  variables  in  the  Initial  models  assumed  here  are  shown  In  Table  1.  Next,  according  to 
Section  3,  a  set  of  candidate  variables  must  be  postulated.  In  general,  this  may  not  be  an  easy  task.  Fig. 
2  shows  that  the  aerodynamic  coefficients  are  in  fact  non  linear  functions  of  Ap  /ipV  ,  a  and  p. Following 
section  2,  this  leads  to  candidate  variables  of  the  form  (Ap  /$pV2)1  a'  p.  All  terms  up  to  the  third 
order  were  included  in  the  set  of  candidate  variables.  Also  Included  were  the  control  surface  deflections 
£>e*  6  and  and  their  products  with  first  and  second  powers  of  Ap /jpV  ,  a  and  p.  The  possible 

Importance  of  these  latter  variables  could  be  deduced  from  windtunnel  experiments  not  shown  here.  The  set 
of  candidate  variables  was  completed  by  adding  the  body  rotation  rates  pb/2V,  qc/V  and  rb/2V  and  the  time 
derivatives  Ac/V  and  Pb/V.  This  resulted  in  a  total  number  of  40  candidate  variables. 
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The  above  clearly  illustrates  that  the  selection  of  candidate  variables  is  somewhat  arbitrary,  even  If 
supported  by  results  from  windtunnel  experiments  as  in  the  present  case. 

Two  typical  examples  of  the  variation  of  the  criteria  for  model  development  i.e.  the  performance  index 
e  Te,,  the  total  F  value,  the  partial  correlation  coefficient  and  the  predict  function  with  the  number  of 
terms *added  to  the  initial  model  are  shown  in  Fig.  8.  Except  for  the  predict  function,  similar  curves  have 
been  published  in  Ref.  5. 


Fig.  8.  Criteria  for  model  development  as  a  function  of  the  number  of  terms  added  to  initial  models  of 

and  C  ,  see  also  Table  2. 
n’ 


In  these  two  examples,  both  the  total  (F{  )  as  the  sequential  (R^  )  F  tests  don't  reject  the  addition  cf 
even  6  extra  terms.  The  predict  function,  however,  is  shown  to  be  s  much  more  critical  criterion  in  this 
respect.  Here  a  large  increase  Indicates  that  no  more  than  only  one  and  two  terms  resp.  should  be  added  to 
the  initial  model. 

Selected  candidate  variables  and  corresponding  Improvements  of  the  goodness  of  fit  are  for  all  models 
shown  in  Table  2.  With  respect  to  goodness  of  fit,  considerable  differences  exist  between  in  particular 
models  of  aerodynamic  force  coefficients  and  models  of  aerodynamic  moment  coefficients.  Rather  good  models 
could  be  developed  for  Cy  and  Cg.  The  fit  of  the  models  of  C  and  in  particular  C^,  however  is  rather 
poor.  These  results  are  of  course  not  general  but  depend  strongly  on  the  particular  type  of  aircraft  used 
for  the  present  series  of  flight  tests.  The  selection  of  candidate  variables  on  the  basis  of  the  partial 
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Fig.  9.  Comparison  of  model  prediction*  made  with  robust  model*  based  on  the  predict  function  criterion  and 
refined  model*  with  3  and  4  additional  terms  respectively,  see  Table  2. 
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correlation  coefficient  R  *  may  result  in  models  which,  from  the  physical  point  of  view,  appear  to  be 
wrong.  A  typical  example  of  this  is  the  selection  of  rb/2V  in  the  model  of  Cy.  This  is  a  consequence  of 
using  R^*  for  the  selection  of  candidate  variables.  With  respect  to  prediction  it  could  be  better  to 
select  candidate  variables  on  the  basis  of  the  predict  function. 


6.2.  Comparison  with  wlndtunnel  experiments 

Once  models  have  been  developed  for  the  aerodynamic  force  and  moment  coefficients  it  is  possible  to 
calculate  curves  similar  to  Fig.  2.  The  correspondence  between  these  model  predictions  and  the  wlndtunnel 
experiments  depends  strongly  on  the  number  of  variables  added  in  the  course  of  the  model  development 
procedure.  To  illustrate  this,  model  predictions  were  calculated  with  "refined"  and  "robust"  models 
of  C2  and  of  C^,  see  Fig.  9. 

Fig.  10  compares  the  predictions  of  the  aerodynamic  models  as  selected  on  the  basis  of  the  predict 
function,  see  Table  2,  with  the  corresponding  wlndtunnel  results. 

In  this  comparison  it  should  be  kept  in  mind  that  the  wlndtunnel  experiments  were  performed  at  a 
relatively  low  Reynolds  number.  So,  substantial  extrapolation  errors  may  be  present  in  the  results. 

In  view  of  this  a  reasonable  correspondence  exists  between  the  model  predictions  and  the  wlndtunnel 
results. 

The  most  significant  difference  is  that  with  respect  to  the  results  of  the  wlndtunnel,  the  model 

predictions  overestimate  the  effect  of  the  slipstream  on  and  in  the  case  of  Cm  predict  this  effect  with 
even  the  wrong  sign. 

2 

This  may  be  an  indication  that  the  variable  Apt/|pV  should  have  been  left  out  of  the  initial  models  of 

and  C_. 
m 

If  not  a  comparison  with  wlndtunnel  experiments  but  rather  the  development  of  a  as  robust  a  model  as 

possible  is  the  aim  of  model  identification  then  it  is  possible  to  join  the  flight  test  and  wlndtunnel 

measurements  in  one  data  base.  In  this  way  it  is  possible  to  separate  the  effects  of  variables  which  could 
not  have  been  separated  if  flight  test  measurements  alone  were  used.  In  terms  of  covariance  matrices  of 
parameter  estimation  errors,  see  section  3,  this  means  that  the  simple  correlation  coefficients  of  the 

corresponding  parameters  estimates  decrease. 
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Fig.  10.  Comparison  of  robust  model  predictions  with  corresponding  windtunnel  results 
for  3  values  of  Ap^ipV^  Of  0.0,  0.5  and  1.0. 


7.  CONCLUSIONS 


Dynamic  flight  test  measurements  can  be  analyzed  in  two  steps.  In  the  first  step  the  flight  path  is 
reconstructed  and  a  data  base  is  formed  for  the  second  step  in  which  aerodynamic  models  are  identified.  In 
aerodynamic  model  identification  selections  are  made  from  a  set  of  candidate  variables  for  the  development 
of  models  which  on  the  one  hand  result  in  an  adequate  fit  to  the  measurements  but  on  the  other  hand  result 
in  statistically  significant  parameter  estimates  and  good  model  predictions.  Statistically  significant 
models  may  be  too  refined  for  good  model  predictions.  When  a  second  set  of  measurements  is  available  the 
predict  function  is  a  better  criterion  in  this  respect. 

Comparison  of  the  results  of  dynamic  flight  tests  with  windtunnel  experiments  depends  on  the  development 
of  models  for  the  aerodynamic  force  and  moment  coefficients.  In  view  of  the  relatively  low  Reynolds  number 
of  the  windtunnel  experiments  a  reasonable  correspondence  existed  between  the  results  of  dynamic  flight 
tests  (model  predictions)  and  the  results  of  windtunnel  experiments. 
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Table  I.  Variables  included  in  the  initial 
models  of  the  longitudinal  and 
lateral-directional  aerodynamic 
force  and  moment  coefficients. 
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Table  2.  Statistically  significant  steps  in  the  development  of  models  of 
the  aerodynamic  force  and  moment  coefficients.  Model  development 
is  based  on  the  data  of  three  longi tud inal-iateral/d irec tional 
dynamic  flight  test  maneuvers  at  nominal  true  airspeeds  of  35,  45 
and  55  m/sec,  6000  ft  pressure  altitude.  Asterix  indicates  the 
models  as  selected  by  the  predict  function  criterion. 


/ 


15-1 


HELICOPTER  SIMULATION  VALIDATION  USING  FLIGHT  DATA 
David  L.  Key 

Chief,  Flight  Control  Division 
and 

Raymond  S.  Hansen 
Aerospace  Engineer 
Aeromechanics  Laboratory 

U.S.  Army  Research  and  Technology  Laboratories  (AVRADCOM) 

William  B.  Cleveland 
Aerospace  Engineer 

National  Aeronautics  and  Space  Administration 
Ames  Research  Center 
Moffett  Field,  California  94035,  U.S, A. 

William  Y.  Abbott 
Flight  Test  Engineer 

U.S.  Army  Aviation  Engineering  Flight  Activity 
Edwards  Air  Force  Base,  California  93523,  U.S. A. 


SUMMARY 

The  paper  describes  a  joint  Army/NASA  effort  to  perform  a  systematic  ground-based  piloted  simulator 
validation  exercise.  The  subject  aircraft  is  the  Army/Sikorsky  UH-60A  Black  Hawk  helicopter.  The  Black 
Hawk  has  recently  entered  service  with  the  U.S.  Army,  and  it  is  expected  that  many  new  roles  and  missions 
will  evolve  that  require  investigations  of  flying  qualities  with  simulators.  The  helicopter  has  features 
such  as  elastomeric  main  rotor  bearings,  canted  tail  rotor,  and  variable  incidence  stabilator,  all  of 
which  provide  a  challenge  in  testing,  modeling,  and  verification. 

The  first  step  in  the  procedure  was  to  obtain  the  best  available  Black  Hawk  math  model  that  could  be 
run  real-time  on  the  available  simulation  computer,  the  CDC  7600.  The  model  is  a  total  force,  nonlinear, 
large  angle  representation;  the  rotor  description  includes  rigid  blade  flapping,  lagging,  and  rotational 
degrees  of  freedom.  This  math  model  has  been  programmed  for  real-time  operation  and  will  be  checked 
against  the  nonreal-time  version. 

Flight  test  data  were  obtained  to  provide  a  basis  for  verifying  and  improving  the  math  model.  Update 
will  be  a  two-step  procedure:  first  by  using  engineering  judgment  based  on  a  knowledge  of  the  model  gen¬ 
eration  assumptions,  second  by  applying  state  estimation  and  parameter  identification  techniques. 

The  flight  tests  were  performed  by  the  Army  Aviation  Engineering  Flight  Activity  (AEFA)  in  response 
to  guidelines  from  the  Aeromechanics  Laboratory  (AL) .  Since  it  is  desired  to  perform  analysis  with  param¬ 
eter  identification  techniques,  the  requirements  for  instrumentation  and  calibration  were  extremely  strin¬ 
gent.  The  tests  included  extensive  trim  and  static  stability  points,  and  special  system  identification 
maneuvers  as  well  as  steps,  doublets,  pulses,  roll  reversals,  pull-up  and  pushovers.  Data  on  pilot  per¬ 
formance  and  control  activity  were  also  recorded  while  performing  specially  defined  mission-type  tasks. 
These  will  be  used  in  the  simulation  validation  part  of  the  exercise. 

Once  the  math  model  has  been  shown  to  be  an  accurate  representation  of  the  UH-60A,  it  will  be  combined 
with  NASA  Ames  ground-based  simulator  facilities.  The  motion  base  will  be  the  VMS,  and  the  visual  system 
will  be  a  four-window  system  using  computer  generated  imagery  (CGI).  Tasks  will  be  "flown"  on  the  ground 
simulator  and  pilot  subjective  data  and  objective  measures  will  be  made  to  determine  and  improve  the 
validity  of  the  simulation. 

Status  of  the  effort  is  that  the  flight  tests  are  complete  and  the  math  model  has  been  developed  and 
programmed.  Efforts  at  updating  the  math  model  and  developing  the  analytical  techniques  for  assessing  the 
simulator  validity/fidelity  have  been  initiated.  The  simulation  portion  is  scheduled  for  early  1983. 


1.  INTRODUCTION 

A  fundamental  problem  in  the  use  of  simulation  for  aircraft  development  is  that  the  pilot  is  required 
to  assess  an  unknown  aircraft.  In  developing  this  assessment,  he  is  bound  to  be  influenced  by  the  quality 
of  the  simulator  itself.  Bray  (Ref.  1)  points  out  that  a  sense  of  realism  or  subjective  fidelity  in  the 
simulation  flight  task  is  essential  and,  depending  on  the  research  task,  some  moderate-to-high  level  of 
objective  or  engineering  similarity  to  the  flight  task  is  required  to  obtain  this  realism.  There  is  no 
fundamental  obstacle  to  obtaining  high  objective  fidelity  in  aircraft  simulation  except  in  the  reproduc¬ 
tion  of  the  visual  and  motion  cues.  At  best,  only  a  small  portion  of  the  cues  present  in  an  aircraft  can 
be  presented,  and  even  this  comes  at  an  extremely  high  cost. 

In  the  application  of  simulators  to  pilot  training,  the  large  number  of  facilities  involved,  and  the 
tendency  to  maximize  the  realism  of  cues  available,  has  led  to  several  studies  to  determine  just  how  much 


fidelity  is  required  to  train  (Refs.  2  and  3).  In  the  use  of  simulators  for  handling  qualities  research, 
there  is  a  need  to  understand  how  the  reduced  cues  influence  the  research  results,  or  conversely,  to 
define  the  limitations  on  use  that  the  limited  cues  impose  for  obtaining  valid  results.  The  purpose  of 
this  paper  is  to  describe  a  joint  Anqy/NASA  program  that  is  making  a  systematic  effort  to  address  this 
problem. 

Rotorcraft  pose  a  particularly  difficult  problem  for  simulation  technology.  The  mathematical  model 
required  is  exceedingly  complex  so  that  it  takes  very  large  computer  capacity  to  produce  real-time  solu¬ 
tions  for  man-in-the-loop  simulation.  Helicopter  mathematical  models  are  also  very  difficult  to  verify. 

The  flight  characteristics  of  helicopters  tend  to  have  low  levels  of  stability,  or  be  unstable,  and  there 
are  large  interaxis  couplings;  these  are  the  characteristics  which  make  deprivation  in  visual  and  motion 
cues  most  critical.  Flight  phases  of  particular  concern  to  the  Army  involve  rapid  maneuvering  flight  at 
very  low  speed  and  altitude  (Nap-of-the-Earth  (NOE)  flight).  Representing  this  situation  requires  wide 
field-of-view  and  high  detail,  which  are  conflicting  requirements  that  are  very  difficult  to  satisfy. 

The  helicopter  chosen  as  a  basis  for  this  research  effort  is  the  Sikorsky  UH-60A  Black  Hawk  (Fig.  1). 
This  is  a  modern- techno  logy  helicopter  that  can  be  expected  to  be  in  service  with  the  Army  (and  probably 
also  the  Navy  and  Air  Force)  into  the  next  century.  It  will  doubtless  have  many  modifications  to  satisfy 
new  roles  and  to  incorporate  new  technology.  In  addition,  the  UH-60A  Black  Hawk  is  the  base  helicopter 
for  an  Army  Research  and  Development  program  to  demonstrate  modern  digital  flight  control  technology  using 
fiberoptic  components,  the  Advanced  Digital  Optical  Control  System  (ADOCS)  program.  A  major  part  of  the 
ADOCS  program  involves  the  development  and  demonstration  of  good  handling  qualities  through  a  range  of  day 
and  night  NOE  flight  phases,  and  generation  of  the  appropriate  control  laws  depends  to  a  large  extent  on 
adequate  simulation  of  the  vehicle.  Thus,  in  addition  to  the  basic  techniques  and  technology  that  are 
developed  for  simulation  validation  to  be  applied  in  general,  a  validated  UH-60A  simulation  will  be  a 
useful  end  product  of  this  program. 

The  body  of  the  paper  is  divided  into  three  main  sections.  The  first  discusses  in  more  detail  what 
is  meant  by  the  concept  of  simulator  validity  and  the  associated  concept  of  fidelity.  The  second  section 
describes  the  process  being  used  to  develop  and  validate  the  Black  Hawk  math  model,  and  the  final  section 
discusses  the  approach  for  assessing  the  validity  of  the  overall  total  piloted  simulation. 

2.  SIMULATION  FIDELITY 

Much  has  been  written  on  the  subject  of  simulator  fidelity.  Defining  the  term  has  been  found  to  be 
difficult;  defining  how  much  fidelity  is  required  for  a  valid  simulation  is  not  currently  possible. 

An  AGARD  Working  Group,  AMP/FMP  WG-10,  was  formed  to  address  the  question  of  how  much  fidelity  is 
required  for  pilot  training  (Ref.  2).  The  group  did  not  provide  an  answer  to  this  question  but  did  help 
clarify  the  concept  and  definition  of  fidelity.  In  that  report,  two  types  of  fidelity  were  defined: 

"Objective  fidelity  (which  provides  an  engineering  viewpoint)  is  the  degree  to  which  a  simu¬ 
lator  would  reproduce  its  real-life  in-flight  counterpart  aircraft,  if  its  form,  substance, 
and  behavior  were  sensed  and  recorded  by  an  instrumentation  system  on  the  simulator. 

"Perceptual  fidelity  (which  provides  a  psychological/physiological  viewpoint)  is  the  degree  to 
which  the  pilot  subjectively  perceives  the  simulator  to  reproduce  its  real-life  counterpart 
aircraft,  in  flight,  in  the  operational  task  situation." 

The  point  is  that  a  distinction  is  being  made  between  the  real  cues,  which  can  be  measured  objectively, 
and  the  cues  which  the  pilot  subjectively  experiences.  In  selected  areas  of  equipment  cues,  such  as  cock¬ 
pit  instrumentation,  control  panel,  and  control  system  operation,  the  level  of  objective  fidelity  can  be 
easily  ascertained.  In  areas  of  environmental  cues,  such  as  visual  scenes  or  motion  cueing,  extensive  data 
concerning  human  physiology  and  cue  perception  are  required.  Unfortunately,  the  knowledge  of  human  physi¬ 
ology  is  insufficient  to  determine  how  much  objective  fidelity  is  required  to  achieve  a  given  level  of  per¬ 
ceptual  fidelity. 

Another  aspect  of  fidelity  has  been  hypothesized  (Ref.  3).  This  is  to  judge  the  adequacy  of  percep¬ 
tual  effects  by  the  pilot  response  behavior  (i.e.,  control  strategy  and  technique)  induced  by  the  simu¬ 
lator,  The  rationale  is  that  if  the  simulator  cannot  induce  correct  technique,  then  presumably  the 
fidelity  is  inadequate.  With  this  concept  in  mind.  Ref.  3  defines  a  concept  of  fidelity  which  is: 

"The  degree  to  which  characteristics  of  perceivable  states  induce  correct  psychomotor  and  cogni¬ 
tive  control  strategy  for  a  given  task  and  environment. 

"Correct  strategy  is  defined  in  the  task  environment;  applicable  states  are  chosen  on  the  basis 
of  the  specified  loop  structure  essential  for  performing  a  task;  and  characteristics  of  the 
states  are  determined  by  their  role  in  inducing  correct  control  techniques  (i.e.,  quantifica¬ 
tion  of  the  loop  structure  adjustments)." 

With  this  definition,  then,  a  validated  simulation  could  be  defined  as  one  in  which  the  characteris¬ 
tics  of  perceivable  states  induce  correct  psychomotor  and  cognitive  control  strategy  for  the  given  task 
and  environment.  It  is  this  concept  which  is  being  applied  in  the  current  validation  effort. 

3.  MATH  MODEL  VALIDATION 

The  first  step  in  the  overall  simulation  validation  procedure  is  development  of  a  math  model  that 
adequately  reproduces  the  dynamics  of  the  flight  vehicle.  The  approach  being  taken  is  to  compare  flight 
data  with  the  math  model  output  so  that  any  discrepancies  between  them  can  be  identified,  and  then  to 
upgrade  the  math  model.  Two  basic  approaches  will  be  used  to  update  the  math  model.  First,  based  on 
engineering  Insight,  and  second,  by  using  the  parameter  Identification  techniques.  This  section  will  out¬ 
line  the  form  of  the  math  model  and  the  scope  and  nature  of  the  flight  tests,  will  indicate  some  of  the 
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correlations  obtained,  and  will  discuss  the  transfer  of  the  model  from  a  nonreal-time  to  a  real-time 
operating  system. 

3.1  Black  Hawk  Math  Model 

The  math  model  to  be  used  as  a  basis  for  the  real-time  simulation  was  procured  from  Sikorsky  Aircraft. 
The  model  is  a  total  system  free-flight  representation  based  on  the  Sikorsky  General  Helicopter  (GENHEL) 
flight  dynamics  simulation,  and  is  described  in  detail  in  Ref.  4.  It  is  defined  at  a  uniform  level  of 
sophistication  currently  considered  appropriate  for  handling  qualities  evaluations.  The  model  is  also 
considered  to  give  representative  performance  trends  but  does  not  include  the  sophisticated  aerodynamics 
necessary  to  define  critical  performance  characteristics. 

The  overall  structure  of  the  model  is  presented  in  Figs.  2  and  3  in  functional  and  block  diagram 
formats,  respectively.  The  basic  model  is  a  total  force,  nonlinear,  large-angle  representation  in  six 
rigid  body  degrees  of  freedom.  In  addition,  rotor  rigid  blade  flapping,  lagging,  and  pitch/torsional 
degrees  of  freedom  are  represented.  The  total  rotor  forces  and  moments  are  developed  from  a  combination 
of  the  aerodynamic,  mass,  and  inertia  loads  acting  on  each  simulated  blade.  The  rotor  aerodynamics  are 
developed  using  a  blade  element  approach  where  the  full  range  of  angle  of  attack  for  blade  aerodynamics 
is  represented  as  a  function  of  Mach  number.  The  fuselage  is  defined  by  six  component  aerodynamic  char¬ 
acteristics  from  wind  tunnel  data  which  have  been  extended  analytically  to  large  angles.  The  angle  of 
attack  at  the  fuselage  is  developed  from  the  free  stream  plus  interference  effects  from  the  rotor.  These 
interference  effects  are  based  on  rotor  loading  and  rotor  wake  skew  angle.  The  aerodynamics  of  the  empen¬ 
nage  are  treated  separately  from  the  forward  airframe  to  allow  good  definition  of  nonlinear  tail  charac¬ 
teristics.  The  tail  rotor  is  represented  by  the  linearized  closed-form  Bailey  theory  solution. 

The  Black  Hawk  flight  control  system  represented  in  this  model  covers  the  primary  mechanical  and  the 
automatic  systems.  The  latter  incorporates  the  stability  augmentation  system  (SAS),  the  pitch  bias  actu¬ 
ator  (PBA),  the  flight  path  stabilization  (FPS)  system,  and  the  stabilator  mechanization.  Figure  4  shows 
a  schematic  of  the  pitch  axis.  The  engine/fuel  control  model  is  a  linearized  representation  with  coeffi¬ 
cients  which  vary  as  a  function  of  engine  operating  condition.  The  interface  between  the  engine  and  the 
rotor  module  is  indicated  in  the  block  diagram  Fig.  5. 

3.2  Real-Time  Considerations 

Rotorcraft  math  models  require  certain  simplifications  and  modifications  in  order  to  run  real-time 
in  a  man-in-the-loop  simulation  (Ref.  5).  In  nonreal-time  the  rotor  can  be  represented  by  the  actual 
number  of  blades,  numerous  blade  segments,  and  a  small  azimuthal  advance  increment  which  allows  for  good 
definition  of  blade  motion  around  the  azimuth.  The  computations  associated  with  such  a  representation 
cannot  be  performed  real-time  even  with  a  very  large  computer,  and  an  approximation  has  to  be  generated 
with  a  minimum  number  of  blade  segments  and  the  largest  rotor  azimuth  advance  increment  that  will  retain 
satisfactory  static  and  dynamic  representation.  The  form  of  real-time  approximation  chosen  uses  blade 
segmentation  based  on  equal  area  annuli  to  minimize  the  impact  of  the  approximation.  In  nonreal-time 
models,  the  maximum  time  step  allowable  is  established  based  on  the  computational  convergence  of  rotor 
flapping  which,  in  turn,  depends  upon  the  complexity  of  blade  equations  and  the  rotor  rotation  rate.  A 
considerable  amount  of  work  on  the  topic  of  simplifying  rotorcraft  math  models  and  developing  appropriate 
real-time  computation  techniques  has  been  performed  by  McFarland  (Ref.  6).  These  techniques  were  applied 
during  programming  of  the  Black  Hawk  model.  For  this  model,  a  dictating  consideration  comes  from  high 
frequency  rotor  vibration  effects  generated  by  the  rotor  blade  inertial  effects  in  the  equations,  and  the 
accuracy  of  the  integration  of  those  equations.  Using  too  large  a  time  step  will  result  in  an  aliasing¬ 
like  effect  whereby  higher  harmonics  of  the  4/rev  vibration  response  falls  into  the  low-frequency  handling 
qualities  frequency  region.  An  example  of  this  is  shown  in  Fig.  6,  taken  from  some  hitherto  unpublished 
work  by  Mr.  R.  E.  McFarland,  NASA  Ames.  The  low-frequency  folding  effects  are  clearly  seen  for  at  =  0.01 
and  0.02  seconds.  Such  false  effects  can  be  eliminated  by  purging  selected  inertial  terms.  An  example  of 
the  resulting  spectrum  is  also  shown  in  Fig.  6.  Tests  on  the  Fliqht  Simulator  for  Advanced  Aircraft 
(FSAA)  show  that  except  at  very  low  frequency,  the  roll  axis  motion  threshold  is  greater  than  the  noise 
level  with  purged  terms.  The  importance  of  the  very  low  frequency  noise  (<0.3  rad/sec)  remains  to  be 
determi ned. 


3.3  Flight  Test  for  Model  Validation 

The  United  States  Army  Aviation  Engineering  Flight  Activity  (USAAEFA)  at  Edwards  AFB,  California, 
performed  the  flight  testing  in  response  to  requirements  laid  down  by  the  Army  Aeromechanics  Laboratory. 
These  requirements  included  defining  the  instrumentation  and  the  test  matrix  required  for  math  model  veri¬ 
fication  and  subsequent  parameter  identification  efforts. 

Instrumentation 

Although  the  helicopter  had  been  instrumented  for  the  Army's  airworthiness  and  flight  characteristics 
testing,  the  extensive  requirements  for  parameter  identification  necessitated  additional  instrumentation 
and  precise  calibration.  Table  1  lists  the  instrumentation  that  was  used.  Eighty-eight  parameters  were 
measured  and  recorded  in  a  serial  PCM  stream  on  magnetic  tape  with  a  sample  frequency  of  100  Hz.  Filters 
of  30  Hz  were  used  on  all  parameters  to  insure  matching  the  dynamics  and  synchronizing  the  sampling.  Some 
of  the  more  unusual  features  of  the  tests  are  described  in  the  following. 

All  3  axes  of  blade  motion  (pitch,  lead-lag,  and  flapping)  were  measured  on  all  4  rotor  blades.  Three 
transducers  for  each  blade  were  mounted  on  a  special  fixture  leased  from  Sikorsky,  Fig.  7.  Because  the 
transducers  were  not  mounted  exactly  on  the  axis  of  blade  motion,  a  complex  transformation  was  required  to 
resolve  the  measured  angles  into  true  angles. 
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To  assist  the  pilot  to  perform  complex  control  inputs  for  the  purpose  of  parameter  identification,  a 
real-time  visual  guide  was  developed  which  is  similar  to  that  used  by  the  German  Aerospace  Research  and 
Experimental  Establishment,  Deutsche  Forschungs-und  Versuchsanstalt  fur  Luft-und  Raumfahrt  (DFVLR).  The 
system  consists  of  an  oscilloscope  on  which  the  ordinate  is  scaled  in  distance  of  control  travel  and  the 
abscissa  is  scaled  in  time.  At  the  start  of  a  control  sequence,  a  dot  showing  the  current  position  of 
the  control  is  superimposed  on  the  input  guide  and  moves  right  at  a  rate  proportional  to  time.  A  trace 
of  actual  control  input  remains  superimposed  on  the  input  guide  at  the  end  of  the  maneuver  so  that  judg¬ 
ments  may  be  made  as  to  the  adequacy  of  the  input.  A  typical  input  for  parameter  identification  is  a 
multistep  sequence,  and  an  example  is  shown  in  Fig.  8.  Although  the  only  control  inputs  requiring  the 
display  are  for  parameter  identification,  it  was  found  that  the  display  was  an  excellent  quality-control 
device  for  all  dynamic  maneuvers  and  the  static  points  as  well.  The  display  showed  inadvertent  control 
movement  during  trim  and  indicated  the  crispness  and  amplitude  of  steps,  and  the  timing  of  pulses. 

Test  Matrix  and  Methodology 

Table  2  indicates  the  scope  of  the  flight  tests.  These  were  accomplished  in  72  flights  with  123  flight 
hours;  approximately  half  the  data  were  for  static  points  and  half  were  dynamic.  All  points  at  a  given 
flight  condition  were  flown  at  a  constant  thrust  coefficient  Cf,  constant  W /&  and  constant  N//o  (where 
Cj  =  T/nR2p(o)R)2 ,  6  =  p/p0  and  e  =  T/T0);  this  method  is  described  in  Ref.  7.  Keeping  these  parameters 
constant  implied  that  pressure  altitude  was  increased  as  fuel  was  burned,  and  rotor  speed  was  decreased  as 
temperature  (speed  of  sound)  was  decreased.  In  some  cases,  different  combinations  of  W/S  and  N//e  were 
used  to  attain  the  same  value  of  Cj,  thus  attempting  to  validate  the  nondimensional  concept  for  this 
series  of  tests. 

To  compensate  for  center  of  gravity  movement  as  the  fuel  was  burned,  the  aircraft  was  equipped  with 
a  movable  ballast  cart  which  could  travel  the  length  of  the  aft  cabin  on  a  jack  screw.  The  electric  motor 
drive  was  controlled  by  the  co-pilot  according  to  a  predetermined  schedule,  and  its  position  displayed  on 
the  console  control  panel. 

Since  the  basic  unaugmented  Black  Hawk  helicopter  is  unstable,  time  histories  in  response  to  the 
various  inputs  can  have  very  limited  duration.  Utilizing  the  SAS  would  facilitate  longer  time  histories 
before  limits  were  exceeded,  but  the  SAS  characteristics  would  dominate  the  response.  Since  it  is  the 
basic  helicopter's  aerodynamic  characteristics  that  are  of  interest,  the  flight  tests  were  flown  with  the 
augmentation  systems  deactivated.  In  particular,  the  stabilator  was  fixed  in  the  nominal  position  for 
the  test  airspeed,  the  pitch  bias  actuator  was  centered  and  disabled,  and  the  flight  path  stabilization 
system  was  turned  off.  The  SAS  was  left  on  for  the  static  points  and  turned  off  for  the  dynamic  test 
points.  To  minimize  time  to  establish  trim,  the  normal  procedure  was  to  have  one  of  the  two  SAS  axes 
turned  on  while  the  pilot  established  trim  and  the  co-pilot  adjusted  the  test  input  fixture.  As  the  pilot 
counted  down  to  the  moment  of  control  input,  either  he  or  the  co-pilot  would  turn  off  the  remaining  SAS 
axis  approximately  one  second  before  input.  The  actual  input  was  made  by  the  co-pilot.  Input  forms  were 
steps,  pulses,  doublets,  and  multistep  inputs  designed  to  maximally  excite  the  helicopter  without  large 
excursions  from  trim.  Trim  was  reestablished  betueen  inputs  and  no  combined  (e.g.,  pitch  and  roll)  inputs 
were  used. 

3.4  Correlation  with  Flight  Data 

Correlation  with  two  dynamic  maneuvers  is  shown  in  Figs.  9  and  10.  The  math  model  response  was  com¬ 
puted  using  the  actual  flight  measured  control  positions.  In  order  to  account  for  the  differences  in  the 
flight  measured  and  model  predicted  control  positions  in  trim,  only  the  deviation  from  trim  is  introduced 
as  the  forcing  input.  Both  the  flight  data  and  the  simulation  data  were  filtered  using  identical  zero 
phase  shift  filters  in  order  to  suppress  the  high  frequency  vibration  characteristics.  This  enables  an 
easier  comparison  of  the  frequencies  of  interest  to  the  flight  dynamicist. 

In  Fig.  9,  the  pilot's  collective  stick  input  was  used  to  drive  the  math  model.  The  first  plot 
demonstrates  a  comparison  of  the  measured  collective  pitch  of  the  main  rotor,  and  the  output  of  the  simu¬ 
lation,  indicating  some  differences  in  the  control  system  rigging.  A  comparison  of  the  measured  rotor 
response  (coning)  shows  good  agreement  initially,  but  tends  to  diverge  in  the  long  term,  indicating  that 
the  model  is  more  unstable  than  the  flight  vehicle.  The  coning  response  can  be  seen  to  be  a  major  con¬ 
tributor  to  the  normal  acceleration  of  the  aircraft.  The  vertical  velocity  shows  considerable  discrepan¬ 
cies  which  are  directly  attributable  to  the  errors  in  the  predicted  normal  acceleration.  Figure  9  illus¬ 
trates  a  need  for  a  systematic  approach  to  upgrading  the  model,  working  from  the  input  to  the  highest 
level  of  integration  down  to  the  lowest  order  state. 

Figure  10  shows  the  response  to  a  lateral  stick  input.  There  exists  reasonably  good  correlation  with 
the  rotor  response  (lateral  flapping);  however,  some  discrepancies  are  evident  in  the  roll  rate  which 
strongly  affect  the  predicted  roll  attitude.  It  may  also  be  noted  that  the  trim  longitudinal  stick  posi¬ 
tion  predicted  by  the  model  does  not  agree  with  the  flight  value.  A  comparison  of  the  responses  in  the 
uff-axes  (pitch  and  yaw)  is  also  provided. 

3.5  Parameter  Identification 

The  motivation  for  the  parameter  identification  effort  is  to  develop  a  systematic  and  semi -automated 
procedure  for  upgrading  the  math  model,  and  eliminating  discrepancies  such  as  those  shown  in  Figs.  9 
and  10.  The  approach  being  taken  Is  somewhat  different  from  normal  because  the  model  used  for  the  Iden¬ 
tification  is  a  nonlinear  blade  element  model,  and  the  parameters  being  identified  are  the  actual  physical 
parameters  (l.e.,  lift  curve  slope,  Interference  factors,  etc.)  that  are  present  in  the  nonlinear  equations 
of  motion.  The  approach  normally  taken  by  helicopter  analysts  is  to  identify  the  coefficients  in  a  model 
linearized  about  a  given  operating  point  (i.e.,  stability  derivative  extraction).  The  approach  being 
taken  In  this  project  Is  thought  to  have  several  advantages,  the  most  Important  of  which  Is  that  the  model 
Is  being  validated  over  a  large  portion  of  the  flight  envelope  rather  than  at  one  Isolated  operating  or 
trim  condition.  This  approach  allows  for  the  processing  of  trim  and  static  stability  data  in  the  identi¬ 
fication  process,  as  well  as  large  disturbance  transient  maneuvers.  The  approach  also  provides  for  direct 


correlation  and  improvement  of  an  operational  simulation  modei  without  the  intermediate  steps  that  would 
be  necessary  if  stability  derivatives  were  used  as  the  basis  of  comparison.  On  the  other  hand,  several 
disadvantages  must  be  considered.  The  problem  is  a  computationally  complex  and  highly  nonlinear  optimi¬ 
zation  problem  and,  as  such,  requires  a  reasonably  accurate  a  priori  model  to  allow  correct  convergence. 
Further,  use  of  an  output  error  algorithm  is  mandatory  due  to  the  difficulties  in  developing  an  extended 
Kalman  filter  algorithm  for  use  with  a  blade  element  type  model.  Use  of  an  output  error  algorithm  does 
not  allow  for  process  noise  effects  which  implies  knowledge  of  a  perfect  model  structure,  and  does  not 
allow  for  unknown  external  disturbances. 

The  number  of  parameters  in  the  nonlinear  parameter  identification  is  not  appreciably  more  than  that 
encountered  in  a  fully  coupled  rotor  and  body  linear  problem.  However,  the  table  look-up  data  must  be 
parameterized  in  such  a  way  as  to  allow  for  identification  of  errors  within  the  tables.  Further,  the 
actual  parameters  identified  in  a  given  identification  run  must  be  reduced  to  a  manageable  subset  that  is 
consistent  with  the  maneuvers  and/or  static  data  being  processed. 

Development  of  the  software  to  perform  this  automated  model  upgrade  is  currently  under  way.  The 
basic  concept  behind  this  computer  program  is  shown  in  Fig.  11. 

4.  SIMULATOR  VALIDATION 

As  defined  in  Section  2,  the  basis  of  assessing  simulator  validity  will  be  to  assess  the  extent  to 
which  the  characteristics  of  the  perceived  states  induce  correct  psychomotor  and  cognitive  control  strat¬ 
egy  for  the  given  task  and  environment. 

The  correct  psychomotor  and  cognitive  control  strategies  are  those  achieved  in  flight  in  the  actual 
helicopter.  To  determine  these  strategies,  special-mission  type  flight  testing  was  performed  concurrently 
with  the  parameter  identification  tests  described  in  the  previous  section.  A  series  of  mission  flight 
phases  (Table  3)  were  performed.  These  consisted  of  a  series  of  flight  task  segments  which  included  basic 
manual  regulation  of  flight  condition  (hover,  cruise,  descent,  etc.)  as  well  as  various  discrete  maneuvers 
(takeoff,  acceleration,  deceleration,  quick-stop,  etc.).  In  each  case  the  pilot  was  instructed  to  demon¬ 
strate  a  good  representative  example  of  the  flight  task  execution.  Generally,  this  was  based  on  the 
existing  task  descriptions  and  performance  standards  given  in  the  utility  helicopter  aircrew  training 
manual . 

The  recording  system  used  for  the  parameter  identification  work  was  also  used  in  the  mission  flight 
tests.  No  additional  data,  such  as  video  recording  of  pilots'  activity  or  eye  point  of  regard,  was  avail¬ 
able  for  these  tests.  To  provide  sufficient  data  base  with  which  to  generalize,  it  was  important  to  have 
maneuvers  repeated  both  by  the  same  pilot  and  by  different  pilots.  Primary  emphasis  was  placed  on  NOE 
point-to-point,  dash-quick-stop,  bob-up,  sidewards  mask,  dolphin,  and  slalom.  All  of  these  tasks  were 
flown  at  least  twice  by  two  pilots. 

4.1  Mission  Flight  Test  Data  Analysis 

The  basis  for  data  analysis  is  that  the  control  strategy  from  the  simulator  should  match  that  from 
flight  test.  A  pilot  strategy  for  controlling  the  task  is  hypothesized,  and  the  flight  data  used  to 
determine  the  parameters  by  a  least  squares  regression  fit.  A  closed-loop  pilot  aircraft  model  is  hypothe¬ 
sized  for  each  task,  certain  parameters  in  the  pilot  model  can  be  assumed  based  on  past  experimental  analy¬ 
sis,  and  the  flight  data  are  then  used  to  determine  the  unknown  parameters.  This  effort  is  being  performed 
under  contract  by  Systems  Technology,  Inc.,  and  the  approach  is  described  in  Ref.  3.  Each  flight  task 
maneuver  has  to  be  modeled  at  its  most  elemental  level.  Thus,  if  the  task  is  longitudinal  in  nature,  the 
lateral  portion  is  deleted.  The  model  represents  the  pilot's  control,  his  perception,  and  the  helicopter 
plant  dynamics.  Figure  12  shows  a  block  diagram  comparing  the  situation  in  the  simulator  with  that  for 
the  real  aircraft.  In  practice,  considerable  skill  is  required  to  get  an  adequate  model  of  these  control 
loops.  The  aircraft  model  is  obtained  first  by  using  the  appropriate  transfer  function  of  aircraft 
response  to  input.  Inner  or  high  frequency  loops,  such  as  attitude  control,  and  outer  loops,  such  as 
speed  and  altitude  control,  and  the  appropriate  cue  information  being  used  by  the  pilot  have  to  be  hypothe¬ 
sized.  The  parameters  in  these  various  loop  closures  are  determined  by  performing  linear  regression  fits 
on  the  actual  flight  time  histories.  By  using  several  pilots  and  repeated  aircraft  or  simulator  flights, 
it  is  hoped  to  develop  confidence  in  the  resulting  closed-loop  models. 

Flight  test  data  to  perform  this  phase  of  the  analysis  have  only  recently  become  available  and  so  the 
task  of  generating  the  appropriate  loop  closures  has  only  just  begun;  however,  a  preliminary  analysis  of 
a  hovering  turn  will  be  described  to  illustrate  the  methodology. 

4.1.1  Pilot  Strategy  Evaluation  for  Hovering  Turns 

Two  hovering  turns,  one  to  the  left  and  one  to  the  right,  have  been  analyzed  to  develop  the  pilot 
strategy.  Time  histories  for  the  turns  are  shown  in  Fig.  13. 

The  pilot  strategy  for  the  hovering  turns  can  be  broken  down  into  two  segments.  The  first  segment 
involves  starting  and  maintaining  the  turn;  the  second  segment  involves  stopping  the  turn,  and  regulating 
yaw  rate  and  heading  error  to  obtain  the  desired  heading.  In  initiating  the  hover  turn,  the  pilot's  head¬ 
ing  error  is  large  (for  these  cases,  approximately  90"),  and,  therefore,  the  feedback  of  this  parameter  is 

not  of  primary  importance.  Instead,  the  pilot  puts  a  high  priority  on  increasing,  and  subsequently  main¬ 
taining,  an  acceptable  yaw  rate.  As  long  as  the  heading  error  is  greater  than  10"  to  15",  the  pilot  will 
try  to  maintain  some  limit  yaw  rate  depending  on  the  aggressiveness  of  the  turn.  As  heading  error  is 
reduced  to  the  10"  to  15"  range,  the  pilot  will  shift  his  primary  feedback  enphasis  back  to  heading  error, 
and  yaw  rate  will  be  adjusted  as  required  to  line  up  the  nose  of  the  helicopter  with  the  desired  heading. 

The  control  law  that  provided  the  best  representation  of  these  maneuvers  is  represented  in  Fig.  14  and  has 

the  difference  equation  form; 


«p  =  KpSpZ-2  +  KpeveZ_1  +  K- gieZ‘l  +  BIAS 

In  the  first  segment  of  the  turns  the  heading  feedback  was  limited  to  an  effective  constant  yaw  rate 
comnand,  and  Yp.  was  determined  to  be  as  indicated  in  Fig.  14.  Frequency  responses  for  this  transfer 

y 

function  are  shown  in  Fig.  15.  Overall,  the  pilot  model  suggests  a  bandwidth  requirement  of  approximately 
0.1  rad/sec  for  initiation  of  the  turn  maneuver.  Using  these  solutions  for  Yp,  and  the  flight  values  of 

V,  the  iSp  was  computed  and  compared  with  the  flight  value  (Fig.  16). 

The  pilot  controller  elements  for  the  second  segment  of  the  maneuver  involves  closing  the  outer  loop 
of  heading  angle  as  well  as  the  use  of  yaw  rate  in  the  inner  loop.  The  values  obtained  for  the  coefficients 
for  the  second  segment  of  both  turns  are  shown  in  Fig.  14.  Inspection  of  the  maneuver  time  histories 
(Fig.  13)  indicates  that  the  gain  and  bandwidth  of  the  Yp.  controller  should  be  significantly  greater 

than  that  required  for  initiation  of  the  turn.  This  is  further  reinforced  by  the  logical  conclusion  that 
it  should  be  a  more  difficult  task  for  a  pilot  to  trim  out  on  a  new  heading  angle  than  for  the  pilot  to 
initiate  a  simple  heading  change.  Figure  17  presents  a  summary  of  the  frequency  response  gain  and  phase 
results  for  the  second  segment  of  both  turns.  For  the  nose  left  turn,  the  break  frequency  occurs  at 
approximately  1.1  rad/sec;  the  right  turn  break  frequency  is  approximately  0.55  rad/sec.  The  difference 
between  the  two  values  could  be  partially  explained  by  the  significantly  greater  magnitude  of  control 
activity  required  by  the  pilot  to  close  on  the  desired  left  turn  heading  when  compared  with  the  right 
turn.  In  making  a  left  turn,  the  pilot  must  overcome  the  main  rotor  torque  by  increasing  tail  rotor 
thrust,  whereas  a  right  turn  is  produced  by  reducing  tail  rotor  thrust.  This  puts  the  tail  rotor  into  a 
different  operating  condition  and  may  cause  differences  in  the  pilot  control.  Overall,  the  pilot  model 
suggests  an  approximate  bandwidth  of  1.0  rad/sec  for  the  tracking  task  of  concluding  the  turn  at  a  speci¬ 
fied  new  heading.  Control  activity  for  both  of  these  maneuvers  was  reconstructed  using  the  pilot  model, 
and  the  results  are  compared  with  flight  in  Fig.  18.  As  for  the  initiation  of  the  turn,  the  results  indi¬ 
cate  that  the  pilot  model  is  a  realistic  representation. 

4.2  Simulation  Evaluation 

In  the  simulator  testing,  the  closed-loop  pilot  models  obtained  from  analysis  of  the  flight  test  data 
will  be  combined  with  a  model  of  the  simulator  that  represents  the  perceived  and  used  visual  and  motion 
cues  (Fig.  12).  It  is  hypothesized  that  differences  in  control  strategy  between  the  simulator  and  flight 
are  due  to  the  simulator  components  themselves,  and  the  analytical  approach  will  be  to  attempt  to  account 
for  these  differences  by  appropriate  modeling  of  the  visual  and  motion  cues.  The  simulator  testing  will, 
therefore,  consist  of  repeating  the  mission  flight  phases  performed  in  flight  with  the  simulator  in  its 
basic  configuration,  and  also  with  reduced  visual  and  motion  cues. 

The  simulator  facility  to  be  used  will  consist  of  a  helicopter  cockpit  having  a  wide  field-of-view 
visual  display  with  a  computer  generated  imagery  (CGI)  visual  scene,  mounted  on  the  NASA  Ames  vertical 
motion  simulator  (VMS),  a  large  amplitude  motion  generator.  The  VMS  is  shown  in  Fig.  19,  and  a  typical 
CGI  scene  is  shown  in  Fig.  20  superimposed  over  the  actual  field-of-view  of  the  Black  Hawk.  Table  4 
shows  the  most  pertinent  performance  specifications  of  the  VMS  and  also  lists  some  performance  require¬ 
ments  (Ref.  8).  The  VMS  capabilities  are  considered  to  be  excellent  for  NOE  flight,  especially  in  the 
rotational  and  vertical  axes,  and  most  of  the  requirements  of  Ref.  8  have  been  met.  Important  parameters 
in  the  visual  display  are  the  field-of-view,  the  resolution,  the  level  of  detail,  and  the  overall  dynam¬ 
ics.  As  can  be  seen  from  Fig.  20  the  four-window  CGI  does  provide  a  significant  field-of-view  relative 
to  the  Black  Hawk,  and  the  CGI  data  base  shown  has  subjectively  good  detail.  The  resolution  is 
6.0  arc  minutes  per  line  pair.  Dynamics  of  the  CGI  system  are  30  per  second  update  rate,  the  picture 
refresh  rate  is  60  per  second,  and  total  delay  for  a  scene  computation  change  is  100  milliseconds. 

The  sensitivity  testing  portion  of  the  simulator  validation  exercise  will  involve  repeating  the 
flight  tasks  with  various  degraded  combinations  of  the  simulator  equipment.  Variations  in  motion  will  be 
from  full  to  50%  travel,  and  will  also  use  the  hexipod  portion  only.  Use  of  the  hexapod  only  is  included 
to  allow  some  comparison  with  most  civil  and  military  flight  trainers  which  use  such  devices.  The  visual 
simulation  parameters  to  be  changed  are  field-of-view,  which  will  be  reduced  from  four  to  three  to  two  and 
one  windows,  and  display  dynamics,  which  will  be  evaluated  by  the  use  of  time  delay  compensation  tech¬ 
niques.  The  technique  to  be  used  is  described  by  Crane  in  Refs.  9  and  10. 

It  is  expected  that  the  simulator  testing  will  be  performed  during  the  spring  of  1983. 

5.  CONCLUSIONS 

The  paper  describes  a  systematic  effort  to  generate  techniques  for  simulator  validation.  This  is  a 
complex  task  and  involves  considerable  effort  and  the  skills  of  several  organizations. 

Efforts  so  far  have  resulted  in  procuring  and  programming  a  basic  math  model,  and  performing  flight 
tests  to  obtain  the  data  on  which  to  base  an  update.  In  addition,  some  of  the  parameter  identification 
tools  required  to  handle  the  data  have  been  developed.  To  overcome  the  difficulty  of  quantifying  percep¬ 
tual  fidelity,  the  validation  effort  will  be  based  on  the  concept  that  pilot  control  strategy  in  the  simu¬ 
lator  should  match  the  control  strategy  used  in  flight.  Flight  data  have  been  obtained  to  use  as  a  basis 
for  developing  models  of  control  strategy  during  mission-related  tasks. 

Currently,  work  is  proceeding  on  the  model  update;  a  contract  has  been  issued  to  Sikorsky  to  use  the 
flight  data  to  identify  deficiencies  and  make  improvements  in  their  basic  math  model.  In-house  efforts 
are  continuing  to  develop  and  apply  state  and  parameter  identification  techniques  to  improve  the  structure 
of  the  model  and  refine  the  parameters.  Systems  Technology.  Inc.  is  working  under  contract  to  use  the 
flight  data  to  develop  analytical  models  for  control  strategy  and  accommodate  the  effects  of  the  simulator 
components. 
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The  future  plans  are  to  incorporate  the  updated  model  into  a  NASA  real-time  simulator  facility  during 

1983.  At  that  time,  data  will  be  obtained  to  perform  the  final  step  in  the  validation  assessment  analysis. 
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TABLE  1.  FLIGHT  TEST  INSTRUMENTATION 


Inertial/ground  reference  Control  system 

C.g.  accelerometers  (3  axes)  Pilot  control  positions 

Nose  accelerometers  (3  axes)  Swashplate  position 

Angular  rate  gyros  (3  axes)  Tail  rotor  pitch 

Vertical  gyro  Stabilator  position 

Direction  gyro  SAS  servo  outputs 

Angular  accelerometers  (3  axes)  Mixer  inputs 
Radar  altimeter  Pitch  bias  actuator  position 

Magnetic  heading  Primary  servos  position 

Engines  (both)  Air  data 

Power  turbine  speed 
Gas  generator  speed 
Fuel  flow  rate 
Engine  torque 


Angle  of  attack 
Angle  of  sideslip 
Ai  rspeed 

Barometric  altitude 
Total  air  temperature 
Low  airspeed  system 


Blade  flapping  (4  blades) 
Blade  lead-lag  (4  blades) 
Blade  pitch  (4  blades) 
Rotor  rpm 
Rotor  azimuth 
Main  rotor  shaft  bending 
Main  rotor  torque 


Main  rotor 
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TABLE  2.  SCOPE  OF  TEST  MANEUVERS 


Static 


Dynamic 


Level  flight  -  5  longitudinal  CGs,  3  lateral  CGs, 
4  CfS  using  6  combinations  of  W/6  and  N//e, 
stabilator  sweeps,  and  rotor  speed  sweeps,  all  at 
a  minimum  of  4  airspeeds,  including  hover. 


Low  speed  -  Forward,  rearward,  and  lateral  at 
2  CGs  and  2  Cjs  to  40  knots. 


Climbs  and  descents  -  2  CGs,  2  Cys  with  variations, 
3  airspeeds,  2  rates  of  climb,  and  2  rates  of 
descent  each. 


Level  turns  -  3  airspeeds,  2  CGs,  2  angles  of  bank 
in  both  directions. 


Hind-up  turns  -  2  airspeeds,  2  g  levels  in  both 
directions. 


Hover  -  5  IGE  hover  heights. 

Static  longitudinal  stability  -  2  CGs ,  3  Cys  wi th 
variations,  2  rotor  speeds,  climbs  and  descents, 
at  3  airspeeds  each. 

Lateral-directional  stability  -  Same  as  longi¬ 
tudinal  stability. 


TABLE  3.  MISSION  FLIGHT  TASKS 


Takeoff/landing  tasks  in  an  airport  environment 

1.  Takeoff  to  hover 

2.  Hover 

3.  Hover  turns 

4.  Taxiway  flight 

5.  Right  sideward  acceleration/deceleration 

6.  Left  sideward  acceleration/deceleration 

7.  Rearward  acceleration/deceleration 

8.  Normal  takeoff 

9.  Maximum  performance  takeoff 

10.  Traffic  pattern  flight 

11.  Approach  to  hover 

12.  Landing  from  hover 

Level/climb/ descent  flight  tasks 

1.  Straight  and  level  flight 

2.  Climb  at  specified  airspeed  and  rate  of  climb 

3.  Level  flight  turns 

4.  Descents  at  specified  airspeed  and  rate  of  climb 

5.  Single  engine  approach  and  roll  on  landings 

6.  Autorotations  to  the  runway  followed  by  power  recovery 

NOE/contour/low  level  flight  tasks 

1.  NOE  terrain  flight  takeoff 

2.  Low-level  flight 

3.  Contour  flight 

4.  NOE  flight 

5.  NOE  pop-up 

6  NOE  bob-up  (mask/unmask  at  hover) 

7.  NOE  side  unmask 

8.  NOE  dash  followed  by  quickstop  along  a  straight  line  and  with  a  turn 

9.  NOE  hard  break  sideward 

10.  NOE  hard  turn 

11.  NOE  slalom  maneuver 

12.  NOE  dolphin  maneuver 

13.  Confined  area  approach  and  landing 


Step  inputs  -  All  axes  (longitudinal,  lateral, 
pedal,  and  collective),  both  directions,  2  CGs, 

4  airspeeds  including  hover,  varying  magnitude. 

Pulse  inputs  -  All  axes,  both  directions,  4  air- 
speeds  including  hover. 

Doublets  -  All  axes,  both  directions,  2  CGs,  2  Cys 
with  variation,  2  airspeeds  including  hover,  vary¬ 
ing  magnitude. 

System  identification  inputs  -  All  axes,  both 
directions,  2  CGs,  3  airspeeds,  varying  magnitude. 

Roll  reversals  -  Both  directions,  2  airspeeds. 

Sideslip  reversals  —  One  airspeed,  both  directions. 

Long  term  response  -  3  airspeeds,  both  directions. 

Pushovers  and  pullups  -  2  airspeeds,  both  direc¬ 
tions,  varying  magnitude. 


TABLE  4.  COMPARISON  OF  NOE  SIMULATOR  MOTION  REQUIREMENTS  AND  VMS  PERFORMANCE 


Axis 

Position 

rad.m 

Velocity 
rad/ sec,  m/sec 

Acceleration 
rad/sec2,  m/sec2 

Frequency  response, 
bandwidth,  rad/ sec 

Required 

VMS 

Required 

VMS 

Required 

VMS 

Required 

VMS 

Roll  (*) 

±0.3 

±0.38 

±0.5 

±0.26 

±1 

±0.87 

20 

0.4-20 

Pitch  (e) 

±0.3 

±0.45 

±0.5 

±0.26 

±1 

±0.87 

20 

0.4-20 

Yaw  (ip) 

±0.4 

±0.51 

±0.6 

±0.26 

±1 

+0.87 

20 

0.4-20 

Longitudinal  (X) 

±1.3 

±0.8 

±1.3 

±0.6 

±3 

+4.9 

20 

0-0.2 

Lateral  (Y) 

±3 

±6 

±2.6 

±3 

±3 

+7.3 

20 

0-20 

Vertical  (Z) 

+7,  -14 

±9 

48,  -11 

±6 

+14,  -12 

±9.8 

20 

0.2-12 

Figure  1.  UH-60A  Black  Hawk.  Figure  3.  Math  model  simplified  block  diagram. 


Figure  2.  Math  model  features 


Figure  4.  Pitch  flight  controls  schematic 
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MAIN  ROTOR 


Figure  5.  Engine  integration  into  math  model. 
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Figure  7.  Blade  angle  measurement  fixture. 
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CONTROL  POSITION  DISPLAY 


Figure  6.  Power  spectrum  of  rolling  moments  at 
100  knots,  trim. 


Figure  8.  Input  form  and  pilot's  display. 


Figure  10.  Lateral  stick  input,  60  knots. 


Figure  12. 


Flight  task  components  in  helicopter 
and  simulator. 


Figure  13.  Time  history  for  hovering  turns 


PHASE  Y„  •  GAIN.  dB 


CORRELATION  ASPECTS  OF  ANALYTICAL,  WIND  TUNNEL 
AND  FLIGHT  TEST  RESULTS  FOR  A  HINGELESS  ROTOR  HELICOPTER 


SUMMARY 


by 

J.  Kaietka  and  H.-J.  Langer 

Deutsche  Forschungs-  und  Versuchsanstalt 
fiir  Luft-  und  Raumfahrt  e.V.  (DFVLR) 
Braunschweig-Flughafen 


This  paper  discusses  two  approaches  to  develop  and  verify  mathematical  descriptions 
of  rotorcraft  cnaracteristics :  (1)  wind  tunnel  experiments  with  a  model  rotor,  and  (2) 
parameter  identification  from  flight  test  data. 

The  paper  is  divided  into  three  parts.  In  the  first  part,  the  analysis  of  wind  tunnel 
measurements  is  concentrated  on.  Then,  the  evaluation  of  flight  test  data  is  discussed, 
and,  finally,  results  from  both  approaches  are  compared. 

A  rotor  test  stand  with  a  Mach  scaled  BO  105  model  rotor  was  used  for  measurements 
in  two  different  large  wind  tunnels.  After  addressing  rotor  scaling  aspects,  emphasis  is 
placed  on  wind  tunnel  influences  and  their  corrections  to  provide  the  transferability  of 
the  results  to  the  full-scale  rotor.  Specific  tests  to  determine  flight  mechanical  static 
derivatives  are  described. 


BO  105  flight  test  data  were  used  for  the  identification  of  mathematical  models 
describing  the  dynamic  behavior  of  the  helicopter.  After  an  introduction  to  system  iden¬ 
tification  the  paper  concentrates  on  the  system  excitation  problem  and  the  verification 
of  results.  Examples  showing  both  identified  derivatives  and  time  histories  of  the  heli¬ 
copter  and  identified  model  responses  are  given. 

In  the  last  part  of  the  paper,  derivatives  extracted  from  wind  tunnel  and  flight 
tests  are  discussed.  For  comparison  theoretically  calculated  values  are  also  presented. 


1.  INTRODUCTION 

Accurate  stability  and  control  analyses  and  handling  qualities  evaluations  are  of 
keen  interest  for  the  improvement  of  today's  helicopters  and  the  development  of  future 
advanced  rotorcraft.  Consequently,  there  is  a  need  for  the  determination  of  reliable 
mathematical  models  and  system  parameters  as  well  as  for  the  verification  and  extension 
of  existing  analytical  calculation  methods.  For  fixed  wing  aircraft  investigations  basi¬ 
cally  two  experimental  approaches  to  this  problem  area  are  used:  (1)  wind  tunnel 
tests  with  scaled  models  have  become  standard  and  certainly  can  be  considered  as  the 

classical  approach,  and  (2)  the  extraction  of  system  parameters  from  flight  test  data, 
known  as  parameter  identification,  has  become  another  powerful  tool  during  the  last  few 
years  and  is  increasingly  applied. 

For  rotary  wing  aircraft,  however,  these  approaches  are  seldom  utilized.  This  is 

mainly  due  to  some  specific  problems  not  encountered  in  fixed  wing  aircraft: 

The  main  difficulties  for  helicopter  wind  tunnel  tests  are  proper  scaling  and 
fabrication  of  the  rotor  to  achieve  the  transferability  to  full-scale  helicopters.  Fuse¬ 
lage  models  are  usually  scaled  to  have  comparable  aerodynamic  characteristics.  The  scal¬ 
ing  of  the  rotating  rotor,  however,  must  provide  both  aerodynamic  and  dynamic  similarity, 
which  has  three  important  consequences: 

-  It  is  not  possible  to  achieve  complete  similarity  between  model  and  full-scale  rotor. 

-  The  rotor  blades  must  be  manufactured  with  extremly  high  accuracy. 

-  The  rotor  should  be  as  large  as  possible,  which  means  that  rotor  tests  must  oe  con¬ 

ducted  in  large,  costly  wind  tunnels. 

Rotorcraft  system  identification  is  still  a  relatively  complicated  task  because  of 
three  main  problem  areas: 

-  A  large  number  of  coupled  degrees  of  freedom  (DOF)  necessitates  a  high  order  mathema¬ 
tical  model  (3et  of  differential  equations)  v-o  adequately  describe  helicopter  dynam¬ 
ics.  However,  successful  application  of  system  identification  techniques  is  limited 
by  the  size  of  the  model,  the  number  of  unknowns  that  have  to  be  identified,  and  the 
information  content  of  the  data. 

-  Inherent  rotorcraft  instabilities  limit  the  time  length  for  a  data  run  because  in¬ 
creasing  amplitudes  quickly  invalidate  small  perturbation  assumptions  used  for  linear 
models.  In  addition  they  complicate  the  stabilization  of  the  rotorcraft  at  defined 
steady  state  trim  conditions  and  lead  to  large  deviations  from  the  steady  state  when 
gust  disturbances  are  present. 
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-  Data  measurement  quality  is  affected  by  the  high  vibration  level  of  helicopters.  Fur¬ 
thermore,  some  variables  (like  speed  components  for  low  speed  flight  conditions  and 
nover  and,  in  particular,  rotor  blade  dynamics)  are  difficult  to  measure. 

The  advancement  of  both  rotorcraft  wind  tunnel  testing  and  rotorcraft  identification 
are  major  research  goals  at  the  DFVLR  Institute  for  Flight  Mechanics.  Therefore,  a  rotor 
test  stand  (Fig.  1)  has  been  designed  and  built  to  investigate  various  problem  areas  like 
scaled  rotor  technology,  transferability  of  results,  higher  harmonic  control  capability, 
etc..  Specific  flight  tests  with  the  DFVLR  BO  105  research  helicopter  (Fig.  2)  provide 
the  data  base  to  develop  and  evaluate  appropriate  system  identification  procedures. 

In  the  following  two  cnapters  of  this  paper,  aspects  of  both  wind  tunnel  experiments 
with  the  rotor  test  stand  and  rotorcraft  identification  from  flight  test  data  are  presen¬ 
ted.  Finally,  results  obtained  from  theoretical  calculations,  wind  tunnel  measurements  of 
the  scaled  BO  105  rotor  and  identification  of  the  full-scale  BO  105  helicopter  are  dis¬ 
cussed  . 


2.  EVALUATION  OF  WIND  TUNNEL  DATA 

A  rotor  test  stand  was  designed  and  developed  by  the  DFVLR  and  the  German  industry 
(MBB  and  Dornier).  It  was  sponsored  by  the  German  ministry  of  defense.  The  test  support 
and  the  measurement  system  was  designed  to  test  different  scaled  rotors  in  large  wind 
tunnels.  The  test  stand  is  equipped  with  a  hydraulic  torque  motor  that  provides  a  power 
of  almost  70  kW.  To  control  the  rotor  swashplate  three  hydraulic  boosters  are  installed. 
The  rotor  shaft  incidence  angle  can  also  be  varied  from  -15  up  to  13  degrees  by  a  hydrau¬ 
lic  booster. 

Until  now  two  different  types  of  rotors  were  tested  in  wind  tunnels,  a  4-bladed 
hingeless  rotor  and  a  2-bladed  teetering  rotor.  The  2-bladed  rotor  can  be  operated  by  a 
combination  of  shaft  and  tip  drive.  This  chapter  will  concentrate  on  measurements  with 
the  4-bladed  rotor.  First,  rotor  scaling  aspects  and  a  brief  description  of  the  measure¬ 
ment  system  will  be  given.  Then,  emphasis  will  be  placed  on  wind  tunnel  influences  and 
tneir  corrections  and  on  rotor  derivative  measurements. 


2.1  ROTOR  SCALING 

In  order  to  obtain  rotor  measurements  from  the  wind  tunnel  experiments  that  can  be 
compared  with  BO  105  flight  test  data,  the  model  rotor  was  scaled  down  from  the  BO  105 
main  rotor.  It  was  decided  to  use  Mach  scaling  as  it  has  proved  to  be  most  appropriate  to 
simulate  helicopter  rotor  aerodynamic  behavior.  Maintaining  the  Mach  number,  however,  im¬ 
plies  that  Reynolds  scaling  laws  cannot  be  fulfilled.  Consequently,  the  model  should  be 
as  large  as  possible  (Ref.  1).  For  a  scaling  factor  of  2.5,  wind  tunnel  measurements  with 
the  NACA  23012  profile  have  shown  that  the  maximum  lift  coefficient  decreases  by  15  % 
(Hef.  2).  The  decrease  in  Reynolds  number  also  results  in  a  decrease  in  the  lift  gradient 
by  7.5  %.  The  blade  force  due  to  lift  and  drag  would  therefore  be  to  small  with  respect 
to  the  mass  forces  and  elastic  forces  of  the  blade.  For  this  reason  a  slightly  smaller 
scaling  factor  was  used  for  the  blade  chord. 

Ground  and  air  resonance  of  a  helicopter  are  influenced  by  the  lagging  frequency 
ratio  and  the  lag  damping.  Therefore,  the  lagging  frequency  ratio  of  the  BO  105  is  ■■  c  A-FL- 
=0.666  and  the  lag  damping  is  2  to  3  1  of  the  critical  damping  to  avoid  resonance.  As  the 
fabrication  of  the  small  scaled  blade  fittings,  for  example,  is  relatively  sophisticated, 
it  cannot  be  guaranteed  that  for  the  model  rotor  the  damping  level  of  the  BO  105  can  be 
maintained.  Therefore,  the  lagging  frequency  ratio  of  the  model  rotor  was  increased  to 
'»r,  ^Ro  =  0.7. 

It  was  decided  that  it  is  not  necessary  to  build  a  Froude  scaled  model  because  it  is 
not  required  to  provide  the  same  inertia  to  gravity  force  ratio  as  in  the  full-scale 
rotor.  In  addition  the  influence  of  the  gravity  force  can  be  neglected  as  the  rotor  is 
not  operating  vertically.  Therefore,  Froude  scaling  also  is  not  required. 


2.2  MEASUREMENT  SYSTEM 

Two  16-channel  PCM  systems  were  used  to  transfer  and  record  the  data  from  both  the 
rotating  system  and  the  fixed  system.  In  the  rotating  system  strain  gages  are  primarily 
used  to  measure  stresses  on  pitch  links  and  blades.  Signals  measured  in  the  fixed  system 
are  hub  loads,  torque,  rotor  angle  of  attack,  downwash  data,  and  a  reference  signal  to 
identify  the  blade  position. 

The  hub  loads  are  measured  by  a  5-component  balance.  The  moments  are  in  general  mea¬ 
sured  with  an  accuracy  of  5  %  of  the  full  scale.  The  accuracy  is  higher  when  there  is  no 
3ign  change  in  the  moment  measurements  which  usually  can  be  achieved  for  the  tests  to  de¬ 
termine  derivatives.  The  thrust  can  be  measured  with  an  accuracy  of  1  to  2  %  of  the  maxi¬ 
mum  value  of  7000  N. 

The  hydraulic  boosters  used  to  control  the  swashplate  can  be  adjusted  with  an  accura¬ 
cy  of  0.1  degree.  It  is,  however,  difficult  to  accurately  define  the  resulting  error  be- 


cause  the  relationship  between  thrust  and  collective  contol  settings  is  nonlinear  with 
tunnel  speed. 


2.3  WIND  TUNNEL  COMPARISON 

The  BO  10b  model  rotor  was  tested  in  two  different  wind  tunnels:  The  Daimler  Benz 
tunnel  (DB)  is  a  so  called  "closed-on-bottom-only"  wind  tunnel.  The  maximum  test  section 
velocity  is  70  m/s.  The  total  length  of  the  stream  circuit  is  126  m.  The  German-Nether- 
lands  wind  tunnel  (DNW)  offers  both  open  and  closed  test  sections.  Because  the  model 
rotor  tests  emphasized  the  high  speed  regime,  a  closed  test  section  was  selected.  The 
maximum  tunnel  speed  is  110  m/s  and  the  stream  circuit  is  320  m  long.  A  comparison  of 
both  test  section  sizes  is  shown  in  Fig.  3.  Due  to  the  short  tunnel  length  of  the  Daimler 
Benz  tunnel,  rotor  induced  turbulences  could  be  observed  even  before  the  flow  reached  the 
rotor  plane.  This  is  particularly  true  at  high  advance  ratios  and  high  thrust  settings. 
The  flow  quality  of  the  DNW  seems  to  be  significantly  higher  especially  at  high  tunnel 
speeds.  As  it  was  expected,  low  tunnel  speeds  and  high  rotor  thrust  produce  strong  wall 
interferences  and  rotor  vibrations  in  the  DNW,  due  to  the  closed  test  section.  In  the 
practically  open  test  section  of  the  DB  tunnel  the  flow  has  only  small  disturbances  at 
low  speed. 

Fig.  4  shows  differences  of  thrust  and  power  at  n  =  0 . 2  for  both  wind  tunnels.  This 
presentation  was  chosen  since  the  thrust/power  ratio  is  almost  constant  for  a  thrust 
higher  than  2000  N,  however  it  is  dependent  on  cyclic  control  and  rotor  angle  of  attack. 
The  comparison  shows  strong  differences  between  the  two  wind  tunnels.  The  results  are 
highly  dependent  on  the  magnitude  of  the  effective  inflow  angle  at  the  rotor  caused  by 
different  wall  interferences.  Fig.  5  presents  the  necessary  wind  tunnel  correction  angles 
that  must  be  applied  to  obtain  agreement  with  the  B0  105  level  flight  condition.  The  DB 
and  tne  DNW  values  were  obtained  from  an  interpolation  of  wind  tunnel  measurements.  A 
comparison  with  Heyson's  curves  (Ref. 3)  yields  considerable  differences  between  measured 
and  predicted  correction  factors,  especially  at  low  tunnel  speeds. 


2.1  THE  WIND  TUNNEL  TEST  PROGRAM 

The  objective  of  the  test  program  was  to  evaluate  the  model  rotor  behavior  for  the 
main  flight  regime  of  the  B0  105.  Except  of  some  rotor  conditions  in  the  low  speed  area 
and  steep  descent  flight  the  flight  regime  is  covered  adequately  by  the  wind  tunnel  tests 
(Fig.  6). 

For  tne  wind  tunnel  experiments  the  control  angles  of  the  model  rotor  were  varied 
stepwise  with  two  degrees  for  the  collective,  one  degree  for  the  longitudinal  cyclic, 
and  five  degrees  for  the  rotor  angle  of  attack.  These  variations  were  made  for  five  dif¬ 
ferent  advance  ratios  from  11  to  55  m/s  in  steps  of  11  m/s.  To  compare  the  model  rotor 
loads  with  the  B0  105  hub  loads  interpolations  had  to  be  made  because  the  control  set¬ 
tings  of  the  BO  105  do  not  correspond  to  the  stepwise  control  angle  variation  of  the 
rotor  test  stand . 

B0  105  rotor  derivatives  were  extracted  from  the  test  program  by  calculating  the  gra¬ 
dient  of  the  force  or  moment  change  due  to  a  change  in  the  control  (Fig.  7).  As  the  above 
given  stepsize  turned  out  to  be  too  large  for  an  accurate  determination  of  some  deriva¬ 
tives  a  specific  wind  tunnel  test  program  was  conducted  where  the  stepsizes  were  reduced 
to  obtain  more  reliable  results  for  the  static  stability  and  control  derivatives.  For  the 
above  given  advance  ratios  the  following  stepsizes  were  defined: 

-  speed  change  between  1.4  and  2.8  m/s 

-  rotor  angle  of  attack  change  0.1/u  degree 

-  longitudinal  cyclic  and  collective  pitch  change  0.5  degree. 

The  steady  state  pitch  and  roll  moments  were  scaled  appropriately  to  the  trim  position  of 
tne  B0  105  for  level  flight.  The  thrust  was  3400  N  which  corresponds  to  a  helicopter  mass 
of  2200  kg. 

Results  presented  in  chapter  4  of  this  paper  were  extracted  from  these  measurements. 
In  addition  rotor  derivatives  were  theoretically  calculated  for  comparison  reasons.  A  de¬ 
tailed  description  of  the  calculation  method  is  given  in  Ref.  4. 


3.  EVALUATION  OF  FLIGHT  TESTS 

In  wind  tunnel  experiments  forces  and  moments  acting  on  the  model  are  usually  mea¬ 
sured  directly.  For  a  flying  aircraft,  however,  it  is  only  possible  to  sense  its  reac¬ 
tion,  in  particular  its  accelerations,  due  to  changes  in  forces  and  moments.  For  the  de¬ 
rivative  evaluation  this  fact  has  an  important  consequence:  in  wind  tunnel  tests  static 
derivatives,  e.g.  force  changes  due  to  speed  changes,  can  be  determined  from  steady  state 
conditions  by  directly  measuring  forces  and  moments  at  different  constant  speeds.  When 
these  derivatives  have  to  be  evaluated  mainly  from  acceleration  data  of  flight  tests  it 
is  obvious  that  (1)  dynamic  tests  are  required  because  there  are  no  accelerations  in 
steady  state  flight  conditions,  and  (2)  in  dynamic  tests  accelerations  are  also  caused  by 
various  aircraft  motion  variables  due  to  coupling  effects.  Therefore,  the  influence  of  an 
individual  variable,  like  speed,  on  the  total  acceleration  response  still  has  to  be  de- 
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termined  . 

Keeping  this  discussion  in  mind,  the  basic  approach  and  principle  of  system  identifi¬ 
cation  can  be  explained  quite  easily  (Fig.  8). 


3  -  1  INTRODUCTION  TO  SYSTEM  IDENTIFICATION 

In  flight  tests  the  aircraft  is  stabilized  at  a  defined  steady  state  flight  condition 
and  its  modes  are  excited  by  appropriate  control  inputs.  Both  input  and  system  response 
are  measured  and  recorded . 

For  the  evaluation  the  aircraft  behavior  is  assumed  to  be  modeled  by  a  set  of  dif¬ 
ferential  equations  describing  the  forces  and  moments  acting  on  the  aircraft  in  terms  of 
acceleration,  state  and  control  variables.  Most  of  the  model  coefficients,  the  deriva¬ 
tives,  are  unknown  and  substituted  by  estimated  values.  The  model  response  due  to  the 
measured  inputs  is  calculated  and  compared  to  the  real  aircraft  response.  The  resulting 
differences  are  minimized  by  a  mathematical  algorithm,  the  identification  method,  by  ad¬ 
justing  the  model  parameter  values.  Basically,  this  approach  is  quite  straight  forward. 
However,  when  the  identification  is  applied  to  real  systems,  various  complicating  factors 
become  obvious  almost  immediately: 

-  As  the  identification  is  based  on  the  evaluation  of  the  system  input/output  relation¬ 
ship  a  suitable  input  signal  has  to  be  defined  to  properly  excite  the  modes  of  the 
system  although  the  dynamic  characteristics  are  more  or  less  unknown.  The  input  then 
has  to  be  implemented,  often  by  the  pilot. 

-  The  aircraft  response  not  only  results  from  the  given  input  but  also  is  influenced  by 
unmeasurable  external  disturbances  (e.g.  turbulence)  and  aerodynamic  interferences, 
(e.g.  between  helicopter  rotor  blades  and  fuselage).  These  effects  are  in  general 
summarized  as  process  noise. 

-  Measurement  errors  cannot  be  avoided.  Although  some  variables  can  be  measured  with 
high  accuracy,  air  data  measurement,  for  example,  is  still  problematic.  This  is 
particularly  true  for  the  helicopter  low  speed  regime.  Other  sources  of  measurement 
errors  are  aircraft  vibrations  and  structural  modes  as  well  as  inaccuracies  in  CG 
position  corrections  and  sensor  calibrations. 

-  In  general,  relatively  simple  mathematical  models,  linearized  for  a  steady  state 
flight  condition,  are  used  to  describe  the  aircraft  characteristics.  They  have  been 
used  successfully  for  various  applications.  However,  such  models  can  only  approximate 
the  complex  dynamics  of  an  aircraft.  Therefore,  modeling  errors  also  influence  the 
identification  results. 

-  Various  identification  methods  have  been  developed.  According  to  their  characteris¬ 
tics  and  minimization  criteria,  slightly  different  results  can  be  expected. 


Although  there  are  possibilities  to  reduce  these  complications,  a  verification  of  the 
ODtained  results  is  essential  before  the  identified  models  can  be  used  for  further  appli¬ 
cations  . 

From  the  above  discussion  it  can  be  visualized  that  major  efforts  have  to  be  made  to 
obtain  high-quality  flight  test  data.  This  requires  not  only  carefully  conducted  flight 
tests  and  an  accurate  instrumentation  system  but  also  the  application  of  techniques  for 
determining  and  correcting  data  errors.  However,  main  emphasis  still  has  to  be  placed  on 
approaches  to  increase  the  information  content  about  the  system  under  test  for  the  iden¬ 
tification  algorithm.  Therefore,  this  section  concentrates  on  the  design  of  appropriate 
input  signals  and  their  implementation.  Then  BO  105  identification  results  and  an  ap¬ 
proach  to  verify  these  results  are  presented. 


3.2  INPUT  DESIGN  AND  IMPLEMENTATION 

The  main  objective  of  optimized  input  signals  is  the  appropriate  excitation  of  all 
aircraft  modes  within  the  frequency  range  under  consideration.  In  Ref.  5  various  input 
signal  design  approaches  and  a  comparison  of  the  effectiveness  of  five  different  signals 
are  presented  to  demonstrate  the  importance  of  input  signal  design.  One  of  these  signals, 
the  DFVLH  3211  signal,  has  also  been  used  extensively  for  the  BO  105  identification.  It 
is  a  multistep  signal,  optimized  in  the  frequency  domain  to  have  a  wide  frequency  range. 
Fig.  9  shows  the  power  spectra  of  the  basic  3211  signal  and  a  modification  of  this  sig¬ 
nal.  It  can  be  seen  that  the  multistep  signals  can  effectively  excite  the  aircraft  modes 
within  a  frequency  decade  (  factor  between  highest  and  lowest  frequency  at  half  power 
limit).  The  modified  signal  was  designed  to  still  sufficiently  excite  higher  frequencies 
when  filtering  effects  during  the  input  implementation  are  present.  By  adjusting  the 
pulse  length  the  effective  frequency  band  can  be  shifted  to  lower  or  higher  frequencies 
and  thus  the  signals  can  be  adapted  to  specific  system  requirements. 

In  general,  the  control  input  signals  have  to  be  implemented  by  the  pilot.  Increas¬ 
ing  complexity  of  the  signal  therefore  requires  that  the  pilot  be  given  some  help,  e.g. 
using  visual  or  audiovisual  means.  Based  on  the  experience  with  a  relatively  simple 


two-needle  instrument  (Ref.  6),  an  improved  device  was  developed  for  the  helicopter  tests 
(Rig.  10).  On  a  small  oscilloscope  installed  in  the  cockpit,  both  the  desired  and  the 
actual  movement  of  a  selected  control  were  shown  versus  time.  The  pilots  quickly  got  used 
to  tne  display  and  nad  no  major  difficulties  in  making  the  oscilloscope  beam  follow  the 
given  signal  shape  by  moving  the  control.  Fig.  11  demonstrates  that  both  the  basic  and 
the  modified  3211  signal  could  be  implemented  satisfactorily.  This  is  particularly  true 
for  the  collective  control. 


3.3  BO  105  IDENTIFICATION  RESULTS 

For  the  extraction  of  helicopter  derivatives  from  flight  test  data  a  6  DOF  rigid  body 
model  with  linear  constant  coefficients  is  generally  used.  In  contrast  to  fixed  wing  air¬ 
craft,  a  reduction  of  the  model  size  by  considering  longitudinal  and  lateral-directional 
motions  separately  usually  is  not  possible  because  of  the  high  coupling  intensity  of 
nelicopter  modes. 

On  the  other  hand,  an  extension  of  the  model  to  more  precisely  describe  helicopter 
cnaracteristics  by  adding  rotor  DOF  has  only  rarely  been  used  successfully  in  the  identi¬ 
fication  from  flight  test  data.  This  is  certainly  primarily  due  to  the  fact  that  high 
quality  rotor  state  measurements  often  are  not  available.  In  addition,  there  is  still  a 
need  for  techniques  that  can  handle  a  large  amount  of  data  and  estimate  many  unknowns 
within  reasonable  computation  time  and  costs. 

However,  one  has  to  be  aware  of  the  fact  that  in  a  rigid  body  model  it  is  assumed 
that  changes  in  control  or  state  variables  immediately  influence  the  forces  and  moments 
acting  on  the  helicopter.  This  means  that  the  rotor  dynamics  are  completely  neglected  and 
tne  rotor  response  due  to  a  disturbance  is  an  instantenous  tilt  to  a  new  steady  state  po¬ 
sition.  In  reality,  however,  there  is  an  influence  from  the  rotor  dynamics  when  flight 
test  data  from  dynamic  tests  are  considered. 

The  present  state  of  the  art  in  rotoreraft  identification  is  based  on  the  assump¬ 
tion  that  effects  of  the  rotor  dynamics  may  be  neglected  when  only  the  low  frequency 
range  of  the  rigid  body  is  considered  and  higher  frequencies  are  not  excited.  A  new  ap¬ 
proach  to  more  accurately  model  the  helicopter  without  explicitly  adding  more  DOF  was 
published  in  Ref.  7.  It  has  been  validated  using  simulated  data,  however,  it  still  has  to 
be  tested  with  flight  test  data. 

It  easily  can  be  visualized  that  the  identification  of  an  increasing  number  of  un¬ 
knowns  also  requires  an  increase  in  the  data  information  content.  For  a  6  DOF  rigid  body 
model  of  the  BO  105  nelicopter,  Ref.  8  has  shown  that  only  poor  identification  results 
are  obtained  when  a  single  run  with  an  input  to  one  control  is  evaluated.  Although  opti¬ 
mized  signals  were  applied  and  there  was  significant  coupling  between  the  modes,  the  data 
information  content  about  the  lateral-directional  motion  was  insufficient  when  a  control 
input  exciting  primarily  the  longitudinal  motion  was  used.  The  same  was  true  for  the  lat¬ 
eral  motion.  In  general,  it  is  seldom  possible  to  apply  additional  inputs  within  the  same 
run  because  of  helicopter  dynamic  instabilities.  Therefore,  the  identification  methods 
were  extended  to  be  able  to  use  the  information  from  different  independent  runs.  Based  on 
the  'concentrated'  information  one  model  is  identified  that  is  representative  for  the 
runs  under  consideration.  This  multiple  run  evaluation  technique  has  meanwhile  become 
standard  for  the  DFVLR  helicopter  identification. 

In  the  following,  an  identification  example  is  presented  that  was  obtained  from 
flignt  test  data  (level  flight,  60  knots)  of  the  DFVLR  BO  105  helicopter.  The  mathemati¬ 
cal  model  representing  the  6  DOF  of  the  rigid  body  was 

x  -  Ax  +  Bu 
y  =  Cx  +  Du 

with 

state  vector  x1  =  |u,  v,  w,  p,  q,  r,  1 ,  0] 

control  vector  u1’  =  (collective,  long,  stick,  lat.  stick,  pedal] 
measurement  vector  yT  =  I ax ,  ay,  az ,  p,  q,  r,  I ,  0,  u,  v,  w] 

Basically  tnis  model  is  linear.  However,  nonlinear  gravity  and  inertia  terms  have 
been  included.  Variables  to  be  measured  are  defined  by  the  vectors  u  and  y  so  that  the 
nelicopter  mainly  was  instrumented  with  linear  acce>rometers  (ax,  ay ,  az ) ,  rate  gyros 
(p,  q,  r),  a  attitude  reference  gyro  (  ♦ ,  o)t  a  LASSIE  low  airspeed  system  (u,  v,  w),  and 
potentiometers  to  measure  collective,  longitudinal  and  lateral  stick  as  well  as  tail 
rotor  pedal  inputs. 

For  the  identification,  parameters  found  to  be  non-significant  were  neglected.  Never¬ 
theless,  the  matrices  A,  B,  C  and  D  still  contained  37  state  and  control  derivatives  that 
had  to  be  determined.  In  addition,  drift  and  zero  shift  errors  for  each  individual  run 
nad  to  be  estimated  so  that  altogether  9*1  unknowns  had  to  be  identified. 

First  estimates  were  obtained  from  a  Least  Squares  identification  technique.  Then, 
a  Maximum  Likelihood  (ML)  method  was  applied,  a  method  that  is  widely  accepted  as  most 
suitable  for  aircraft  parameter  identification  (Ref.  9  and  10).  The  time  history  compari¬ 
son  of  measured  data  and  ML  identified  model  response  demonstrates  that  a  good  agreement 
could  be  obtained  (Fig.  12). 


3.4  .EKlFICrtTIUN  OF  IDENTIFICATION  RESULTS 


in  tne  above  example  it  has  been  shown  that  the  response  of  the  identified  model  sa¬ 
tisfactorily  fits  the  measured  flight  test  data.  It  has  to  be  taken  into  consideration, 
nowever,  that  the  minimization  of  the  time  history  differences  was  forced  by  the  estima¬ 
tion  method.  Consequently,  from  a  good  curve  fit  between  model  output  and  data  used  for 
the  ident i f icat ioh  it  cannot  necessarily  be  concluded  that  an  accurate  mathematical  model 
was  obtained.  To  verify  the  validity  of  the  identified  model  it  has  to  be  proved  that  the 
model  can  predict  the  helicopter  response  due  to  arbitrary  control  inputs  (simulation 
task)  witnin  a  specified  frequency  range.  Therefore,  the  control  inputs  from  flight  test 
data  not  used  in  the  identification  are  treated  as  control  variables  of  the  model  and  the 
resulting  calculated  model  response  is  compared  with  the  measured  data  (Fig.  13). 

As  an  example,  a  BU  105  flight  test  run  with  40  seconds  duration  was  selected,  where 
collective,  lateral,  and  longitudinal  3211  input  signals  were  applied  sequentially  with 
pilot  controlled  retrims.  The  measured  control  inputs  were  fed  to  the  identified  6  DOF 
model  that  was  obtained  from  the  ML  evaluation  of  various  multiple  runs.  F’g.  15  demon¬ 
strates  that  the  model  response  agrees  fairly  well  with  the  measured  BO  105  time  histo¬ 
ries.  Again,  it  nas  to  be  stressed  that  the  model  was  identified  from  other  data,  diffe¬ 
rent  in  both  input  signals  and  data  length.  From  the  satisfactory  time  history  fit  it  can 
be  concluded  that  tne  identified  mathematical  model  has  a  high  prediction  capability  and 
adequately  represents  the  BO  105  dynamic  behavior. 

This  result  does  not  necessarily  show  that  also  the  flight  mechanical  parameters  were 
extracted  accurately.  Therefore,  some  data  runs  were  evaluated  using  a  different  identi¬ 
fication  method,  the  Instrumental  Variable  technique.  This  method  differs  signi f icantly 
from  the  Maximum  Likelihood  because  its  criterion  is  the  minimization  of  the  equation 
error  where  each  equation  is  treated  separately.  Fig.  14  shows  ident ification  results  ob¬ 
tained  from  both  the  Maximum  Likelihood  and  the  Instrumental  Variable  for  some  of  the 
main  parameters.  Mean  values  and  standard  deviations  wer°  calculated  from  ident i f icat ion 
results  of  different  data  runs.  It  can  be  seen  that  most  of  the  derivatives  have  almost 
the  same  value  and  that  derivatives  with  larger  differences,  e.g.  the  q-derivatives,  are 
still  of  the  same  order  when  the  standard  deviations  are  also  taken  into  account. 

In  addition,  it  has  to  be  considered  that  equation  error  methods,  like  the  Instrumen¬ 
tal  Variable,  are  in  general  less  powerful  than  the  Maximum  Likelihood.  When  the  applica¬ 
tion  of  two  significantly  different  identification  methods  leads  to  similar  results,  it 
can  be  assumed  with  high  confidence  that  the  identified  values  are  representative  for  the 
BO  105  derivatives. 


4.  COMPARISON  OP  RESULTS 

In  the  preceeding  two  sections  tests  conducted  with  the  rotor  test  stand  and  the 
B0  105  nelicopter  were  discussed  in  detail.  Before  results  obtained  from  these  experi¬ 
ments  are  compared  two  of  the  main  differences  in  the  evaluation  shall  be  briefly  summa¬ 
rized  : 

-  The  wind  tunnel  tests  were  conducted  with  a  model  rotor  only.  A  streamline  body  was 
used  to  cover  tne  balance  and  boosters.  Except  of  fuselage/rotor  interference  influ¬ 
ences  this  body  did  not  affect  the  rotor  measurements.  The  derivative  evaluation  is 
based  on  steady  state  conditions.  As  forces  and  moments  can  be  measured  directly  it 
is  possible  to  determine  each  static  and  control  derivative  separately.  A  definition 
of  a  mathematical  model  is  not  necessary. 

-  For  the  system  identification  from  helicopter  flight  test  data  dynamic  tests  are  re¬ 
quired  as  derivatives  have  to  be  extracted  from  the  measurement  of  the  helicopter 
motion.  All  unknown  derivatives  must  be  determined  simultaneously  which  is  only  pos¬ 
sible  when  an  appropriate  mathematical  model  is  used. 

Fig.  1b  presents  BO  105  static  stability  and  control  derivatives  obtained  from  theo¬ 
retical  calculations  (rotor  only),  rotor  measurements  in  two  different  wind  tunnels,  and 
system  identifications  of  the  helicopter.  To  obtain  the  confidence  level  of  the  identifi¬ 
cation  results  various  data  runs  were  evaluated.  Therefore  the  mean  values  and  the  stan¬ 
dard  deviations  of  the  identified  derivatives  are  shown.  As  the  data  basis  for  the  20  m/s 
speed  condition  momentarily  is  too  small  to  allow  a  meaningful  statistical  evaluation 
only  one  representat ive  result  is  given.  In  the  following  these  results  will  be  discussed 
in  detail. 


4.1  STATIC  STABILITY  DERIVATIVES 

The  Zu  derivative  represents  the  change  of  the  vertical,  force  due  to  a  longitudinal 
speed  change.  Its  primary  contributor  is  the  main  rotor.  Based  on  rotor  inflow  mass  and 
angle  of  attack  considerations  it  can  be  visualized  that  Zu  in  general  is  negative  in  the 
low  3peed  range  and  becomes  positive  for  higher  speed.  It  can  be  seen  that  a  satisfactory 
agreement  between  calculated,  measured,  and  identified  values  was  obtained.  Differences 
in  the  wind  tunnel  results  are  mainly  due  to  the  high  sensitivity  of  Zu  to  angle  of  at¬ 
tack  changes  and  different  rotor  inflow  angles  in  the  wind  tunnels,  as  already  shown  in 
Fig.  5.  In  contrast  to  flight  tests  the  calculation  and  measurements  were  conducted  for 
constant  angle  of  attack.  This  certainly  caused  deviations  from  the  identified  values. 
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The  velocity  stability  derivative  Mu  has  a  stabilizing  influence  when  it  is  positive 
which  means  a  nose  up  response  of  the  helicopter  with  increasing  speed.  The  rotor  gives  a 
positive  contribution  whereas  the  fuselage  normally  produces  a  destabilizing  moment.  The 
calculated  and  wind  tunnel  values  agree  almost  perfectly  up  to  a  speed  of  about  30  m/s. 
Tests  showed  that  differences  in  the  higher  speed  regime  could  be  significantly  reduced 
by  slightly  varying  the  cyclic  pitch  and  the  angle  of  attack.  It  indicates  that  the  devi¬ 
ations  may  result  from  wind  tunnel  induced  effects.  This  assumption  Is  confirmed  by  the 
DNW  measurements.  The  identified  derivatives  are  almost  independent  from  speed.  This  is 
in  good  agreement  with  calculated  and  wind  tunnel  results.  However,  they  are  smaller 
which  may  be  due  to  the  influence  of  the  fuselage. 

The  Zw  derivative  is  related  to  the  slope  of  the  lift  curve  (Z,  ).  It  is  often  re¬ 
ferred  to  as  vertical  damping  and  has  a  negative  sign.  Its  main  contribution  arises  from 
the  rotor.  In  general,  it  slightly  increases  with  speed  because  of  a  decreasing  influence 
of  the  induced  flow.  The  comparison  of  the  results  shows  some  discrepancies.  Daimler  Benz 
wind  tunnel  measurements  are  in  good  agreement  with  the  calculation  whereas  the  identi¬ 
fied  values  show  the  same  tendency  as  the  DNW  measurements. 

The  Mw  derivative  is  related  to  the  angle  of  attack  stability  .  A  positive  sign 
indicates  static  instability.  Contributions  to  Mw  arise  from  the  rotor,  the  fuselage  and 
the  tail  as  well  as  from  fuselage/rotor  aerodynamic  interferences.  A  destabilizing  ten¬ 
dency  is  produced  by  the  rotor  and  the  fuselage,  whereas  the  horizontal  tail  provides  a 
negative  (stable)  value.  The  comparison  of  calculated  and  wind  tunnel  results  shows  some 
discrepancies  expecially  in  the  low  speed  regime.  The  identified  derivatives  also  in¬ 
crease  with  speed  and  show  almost  perfectly  the  same  tendency  as  the  calculated  data. 
However,  they  are  significantly  smaller  which  results  from  the  stabilizing  influence  of 
the  norizontal  tail  and  stabilizer.  In  addition,  downwash  interferences  may  also  contri¬ 
bute  to  these  differences. 


4.2  C0NTK0L  DHHIVATIVES 

The  derivative  Zt)s  characterizes  changes  in  lift  due  to  longitudinal  cyclic  pitch. 
It  can  be  seen  that  the  wind  tunnel  results  and  the  calculated  values  agree  satisfacto¬ 
rily.  As  the  DNW  measurements  have  a  high  confidence  level  it  can  be  concluded  that  the 
deviations  of  the  Daimler  Benz  wind  tunnel  measurements  result  from  tunnel  induced  ef¬ 
fects.  As  the  Z0s  derivative  has  only  minor  influence  in  the  lift  equation  of  the  mathe¬ 
matical  model  it  cannot  be  identified  with  sufficient  accuracy. 

The  change  in  pitch  moments  due  to  longitudinal  cyclic  pitch  is  described  by  the  M  s 
derivative.  The  comparison  of  calculated  and  wind  tunnel  results  shows  a  satisfactory 
agreement  although  there  are  some  deviations  in  the  higher  speed  regime.  Mainly  for  two 
reasons  the  identified  derivatives  are  significantly  smaller:  (1)  The  BO  105  control  in¬ 
puts  were  measured  at  the  stick.  Influences  of  the  dynamic  characteristics  of  the  heli¬ 
copter  hydraulic  system  were  supposed  to  be  negligible  within  the  frequency  range  under 
consideration,  and  (2)  the  mathematical  6  DOF  model  is  based  on  the  assumption  that  there 
is  an  instantenous  rotor  tip  path  plane  response  due  to  control  inputs  and  that  the  rotor 
reaches  its  new  steady  state  immediately.  It  means  that  the  influence  of  rotor  dynamics 
is  neglected  which  only  can  be  justified  by  the  high  frequency  response  of  the  rotor  in 
comparison  to  the  relatively  low  rigid  body  frequencies. 

The  Z o0  derivative  is  the  main  collective  control  derivative.  Wind  tunnel  measure¬ 
ments  and  identified  derivatives  agree  fairly  well.  The  calculation  yields  slightly 
higher  values  which  may  be  caused  by  inaccuracies  in  the  rotor  downwash  model  and  uncer¬ 
tainties  in  the  blade  torsion  modes  used  in  the  computation. 

The  change  in  pitch  moments  due  to  collective,  the  M  0  derivative,  increases  with 
speed.  There  is  a  good  agreement  between  measurements  and  calculation.  The  identified 
derivatives  are  smaller  for  the  same  reasons  that  were  discussed  above  for  the  M  s  deri¬ 
vative  . 


5.  CONCLUSIONS 

Two  different  experimental  approaches  to  determine  BO  105  helicopter  flight  mechani- 
caL  characteristics  were  discussed:  measurements  on  a  model  rotor  in  two  different  wind 
tunnels  and  the  evaluation  of  flight  test  data  by  system  identification  techniques.  For 
the  model  rotor  scaling  aspects,  wind  tunnel  influences  and  derivative  measurements  were 
addressed.  Parameter  identification  aspects  were  presented  where  emphasis  was  placed  on 
input  signal  implementation  and  the  verification  of  identification  results. 

Static  stability  and  control  derivatives  obtained  from  wind  tunnel  measurements, 
identification,  and  theoretical  calculations  were  compared.  Basic  differences  in  these 
approaches  were  discussed.  When  deviations  arising  from  these  differences  are  taken  into 
account  it  can  be  stated  that  a  satisfactory  agreement  could  be  obtained  for  most  of  the 
derivatives.  This  Is  in  particular  true  for  the  force  derivatives.  Higher  deviations  for 
some  identified  moment  derivatives  from  calculated  and  wind  tunnel  results  indicate  that 
future  rotorcraft  modeling  for  the  identification  must  also  include  the  rotor  dynamics. 
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Future  DFVLR  research  activities  will  be  directed  to  further  investigate  and  improve 
the  transferability  of  model  rotor  results  to  the  full-scale  helicopter  and  to  extend 
rotorcraft  mathematical  models  by  including  rotor  degrees  of  freedom.  Based  on  the  pre¬ 
sent  experience  it  is  expected  that  the  identification  technology  will  be  helpful  to  de¬ 
termine  model  rotor  dynamic  derivatives  and,  on  the  other  hand,  the  helicopter  identifi¬ 
cation  will  benefit  from  the  wind  tunnel  results  by  using  them  as  additional  information 
in  the  parameter  estimation. 
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SUMMARY 

This  paper  presents  an  overview  of  a  common  research  program  presently  underway  at 
DFVLR-Braunschweig  (FRG)  and  IMF-Lille  (France).  The  goals  of  this  program  are  (1)  the 
comparison  of  complementary  techniques  by  correlating  their  results,  and  (2)  the  modeling 
of  aerodynamic  transient  effects  which  must  be  considered  for  aircraft  flying  in  turbu¬ 
lence  situations  in  connection  with  a  gust  alleviation  system. 

The  following  techniques  are  applied  in  the  program:  theoretical  prediction,  static 
wind  tunnel  measurements,  forced  oscillation  balance  measurements,  semi-free  flight  model 
tests  (dynamic  simulation  in  wind  tunnel),  catapult  free-flight  model  tests,  full-scale 
flight  tests  and  system  identification  methods. 

A  brief  description  of  the  different  facilities  is  given,  advantages  and  special  prob¬ 
lems  associated  with  the  application  of  the  different  test  techniques  are  shown.  Test 
results  are  presented  and  compared. 

Two  alternate  approaches  for  modeling  aerodynamic  transient  effects  are  presented. 

The  influence  of  the  modeling  of  these  effects  on  the  efficiency  of  an  open-loop  gust 
alleviation  system  is  shown. 


1 .  INTRODUCTION 

The  increasing  requirements  imposed  on  aircraft  performance  and  flight  characteristics 
call  for  an  extended  use  of  automatic  control  systems  by  implementing  active  control  sys¬ 
tems.  The  use  of  active  control  technology  however  requires  a  detailed  understanding  of 
the  influence  of  the  anticipated  external  disturbances,  aerodynamic  characteristics  and 
control  system  responses  and  requires  considerable  advances  in  the  ability  to  describe  and 
model  such  phenomena. 

Active  control  systems  can  only  be  designed  properly,  if  the  mathematical  models  which 
represent  the  aircraft  behaviour  are  accurate.  While  the  estimation  of  static  flight  mecha¬ 
nics  coefficients  normally  produces  no  difficulties,  problems  may  arise  in  the  experimen¬ 
tal  estimation  of  dynamic  stability  parameters.  Even  more  difficult  is  the  identification 
of  those  effects  which  are  related  to  high  frequency  motions  like  in  the  case  of  flight 
in  turbulence.  These  effects,  called  the  instationary  aerodynamic  transient  effects,  can 
play  an  important  role  in  the  design  of  an  active  control  system  like  a  gust  alleviation 
system. 


2.  SURVEY  OF  THE  COMMON  RESEARCH  PROGRAM 
Goal  of  Program 

A  common  research  program  is  underway  at  DFVLR-Braunschweig  Research  Center  (Germany) , 
and  IMF-Lille  (France).  The  research  program  has  three  goals: 

(t)  To  compare  the  various  ground  test  facilities  by  correlation  of  their  results  using 
an  identical  1/8  scaled  model  of  one  specific  aircraft  in  order  to  obtain  more  con¬ 
fidence  in  the  results  by  involving  several  complementary  test  techniques  and 
methods . 

(2)  To  apply  the  system  identification  methods  to  different  test  techniques  and  to 
adjust  these  methods  to  the  specific  test  technique. 

(3)  To  come  to  a  better  understanding  of  dynamic  effects  which  are  important  in  conjunc¬ 
tion  with  a  gust  alleviation  system,  i.e.  modeling  of  the  dynamic  response  due  to 
quick  acting  flaps  and  high  frequency  gusts. 
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The  present  paper  gives  an  overview  of  the  different  test  facilities  and  the  associ¬ 
ated  methods  applied  in  this  program  and  shows  advantages  and  problems  associated  with 
the  application  of  the  different  test  techniques.  Test  results  are  presented  and  compared. 

The  program  includes  prediction  method,  stationary  wind  tunnel  measurements,  forced 
oscillation  balance  measurements,  semi-free  flight  model  tests  (dynamic  simulation  in  wind 
tunnels),  catapult  free-flight  model  tests,  and  full-scale  flight  tests.  For  all  the  ground 
tests  a  1 /8-scale  model  of  the  Do  28  was  used.  The  model  was  realized  in  fiber  material 
(glass  and  carbon)  in  order  to  represent  rigid  body  conditions  (first  bending  mode  of  wing 
is  situated  at  39  Hz)  . 


Aircraft  Configuration 

The  aircraft  configuration  used  in  the  wind  tunnel  and  flight  tests  is  shown  in  Fig.  1. 
It  is  a  Dornier  Skyservant,  which  has  been  modified  for  use  as  a  flying  test  bed  for  a  new 
technology  wing  (TNT) .  The  Do  28  TNT  program  is  an  application-oriented  experimental  de¬ 
velopment  program  sponsored  by  the  German  Federal  Ministry  of  Research  and  Technology. 

The  objective  of  the  TNT-program  is  to  design,  engineer,  build  and  test  a  representative 
wing  for  a  twin-engine  general  aviation  aircraft.  As  part  of  this  program  several  types 
of  gust  alleviation  system  have  been  investigated  and  will  be  tested  in  the  aircraft. 

Gust  alleviation  is  of  interest  for  small  transport  aircraft  flying  at  medium  altitudes 
where  most  of  the  turbulence  is  encountered.  For  these  aircraft  the  improvement  of  pas¬ 
senger  ride  comfort  is  the  main  aim  of  gust  alleviation. 


3.  BRIEF  DESCRIPTION  OF  THE  DIFFERENT  FACILITIES  AND  TEST  TECHNIQUES 
Stationary  Tests 

A  series  of  classical  static  wind  tunnel  tests  were  performed.  These  static  wind  tun¬ 
nel  test  data  formed  the  basis  of  all  further  investigations: 

-  provided  the  reference  flight  conditions, 

-  provided  the  necessary  data  for  the  simulation  experiments, 

-  made  possible  advanced  formulation  of  the  test  program. 

Most  of  the  static  wind  tunnel  tests  were  performed  in  the  DFVLR  3  m  low  speed  wind 
tunnel  in  Braunschweig  at  a  Reynolds  number  of  Re  =  0.48  •  1 06 .  To  investigate  the  Re¬ 
number  effect  measurements  were  also  conducted  at  Re  =  0.26  •  106  and  Re  =  1.18  •  106,  but 
only  minor  Re-number  effects  were  identified.  To  get  confidence  in  the  values  different 
types  of  mountings  were  used  for  balance  measurements,  tests  in  open  and  closed  test  sec¬ 
tions  were  performed.  Fig.  2  shows  as  an  example  the  Do  28  TNT  model  in  the  DFVLR  wind 
tunnel . 

The  wind  tunnel  measurements  at  IMFL  were  conducted  in  a  closed  test  section  with  a 
diameter  of  2.4  m  at  Re  =  0.48  •  106.  Additional,  free-flight  model  tests  were  performed 
in  the  IMFL-laboratory  catapult  free-flight  facility  (see  page  17A-4).  These  tests  -  re¬ 
alized  with  the  same  model  and  with  the  same  Re-number  -  were  permanent  and  stationary 
flights  at  different  angle  of  attack  and  elevator  deflection  from  which  equilibrium  con¬ 
ditions  can  be  obtained.  The  test  program  had  two  goals  (1)  to  define  the  reference  flight 
conditions  on  which  the  various  inputs  could  be  superimposed  for  dynamic  effects  investi¬ 
gations  and  (2)  to  give  additional  information  on  the  aerodynamic  static  characteristics. 

On  the  basis  of  the  USAF  Stability  and  Control  DATCOM  (Ref.  1)  some  theoretical  values 
were  estimated. 


Mobile  Oscillatory  Derivative  Balance  (MODI 

The  technique  of  forced  oscillation  tests  for  the  determination  of  the  dynamic  deriv¬ 
atives  is  well-known.  In  this  technique  an  aircraft  model  is  forced  to  oscillate  at  a 
constant  amplitude  and  primarily  in  a  single  degree  of  freedom.  That  means  the  aerodynamic 
reaction  only  consistent  with  such  a  motion  can  be  determined.  There  are  various  wind 
tunnel  facilities  currently  available  for  such  tests  (Ref.  2).  For  the  tests  in  various 
3  m  low  speed  wind  tunnels  in  FRG  a  balance  including  data  acquisition  and  evaluation 
system  was  constructed.  Fig.  3  shows  the  principle  of  this  so-called  Mobile  Oscillatory 
Derivative  balance  (MOD)  (Ref.  3).  The  model  is  mounted  on  a  moving  head  supported  by  a 
vertical  strut.  The  oscillatory  motion  is  induced  by  a  mechanical  drive  system  employing 
three  geared  driving  motors,  excentric  discs  and  pushrods.  Each  motor  is  needed  for  a 
special  motion.  Maximum  amplitude  is  +  4°  for  pitch,  roll,  yaw  motion  and  +  30  mm  for 
heave  motion.  Frequency  range  is  0  to  3  Hz.  The  maximum  angle  of  attack  is  about  35°,  but 
this  can  be  extended  to  about  50°,  if  the  MOD  is  mounted  on  a  special  support.  The  reac¬ 
tions  are  measured  by  a  five  component  internal  strain-gauge  balance. 

Fig.  4  shows  the  model  mounted  on  the  MOD-balance  in  the  DFVLR  low  speed  wind  tunnel. 

The  advantage  of  the  MOD  is  the  possibility  of  varying  the  reduced  frequency  and  the 
amplitude  independently. 


However,  two  of  the  major  problems  encountered  in  performing  captive-model  dynamic 
experiments  in  wind  tunnels  also  apply  to  the  MOD: 

(a)  the  inevitable  interference  associated  with  the  suspension  and  its  vibration, 

(b)  the  inherent  inability  of  any  mechanical  support  to  provide  simulation  of  the  unre¬ 
strained  model  motion. 

Further,  dynamic  response  investigations  due  to  control  inputs  which  are  essential  for 
active  control  technique  are  not  possible. 

All  the  effects  of  high  frequency  gust  (gust  length  small  in  comparison  to  the  air¬ 
craft  length)  cannot  be  investigated  with  the  MOD-balance. 

In  the  measurements,  the  wind  tunnel  speed  was  V  =  28  to  50  m/s  corresponding  to  a 
Reynolds  number  of  Re  =  0.48  •  10®  to  0.8  •  10®.  The  reduced  frequency  range  of  the  short 
period  oscillation  was  =  0.055  to  0.096. 

DFVLR-Installation  for  Dynamic  Simulation  in  Wind  Tunnels  ( DSW 1 

The  installation  for  Dynamic  Simulation  in  Wind  Tunnels  is  an  extension  of  a  similar 
test  technique,  which  is  used  for  testing  flutter-models  but  allows  the  simulation  of  a 
part  of  the  rigid  body  motion. 

The  facility  was  designed  for  the  estimation  of  the  aircraft  stability  derivatives 
and  for  the  testing  of  active  control  systems  (Refs.  4,  5,  6).  Within  certain  limitations, 
portions  of  the  flight  envelope  can  be  simulated  in  the  wind  tunnel  for  a  variety  of  air¬ 
craft.  These  constraints  are  given  by  the  observance  of  the  laws  of  similarity  (Ref.  6) 
and  by  the  limited  freedom  of  movement  in  the  wind  tunnel.  The  installation  for  Dynamic 
Simulation  consists  of  four  main  parts  (Fig.  5): 

-  the  suspension  frame  for  the  model 

-  the  control/data  processing  station 

-  the  gust  generator  system 

-  the  model. 


Suspension  Frame 

The  suspension  frame  consists  of  a  large  tubular  frame  in  combination  with  a  vertical 
rod,  which  allows  freedom  of  motion  in  pitch,  yaw,  heave  and  to  some  extent  in  roll.  The 
frame  surrounds  the  open  test  section  of  the  3  m-subsonic  wind  tunnel;  the  distance  be¬ 
tween  frame  and  airflow  is  0.5  m.  The  resonant  frequency  of  the  rod/frame  system  is  about 
14  Hz.  This  value  is  high  enough  to  allow  measurements  up  to  frequencies  of  10  Hz.  The 
maximum  pitch  motion  is  +  10  degrees,  the  model  can  heave  +  0.4  m. 

A  servo  controlled  vertical  force  generator  can  produce  constant  vertical  forces  in¬ 
dependent  of  the  model  motion.  This  device  is  necessary  due  to  the  laws  of  similarity 
(Froude  number)  and  in  order  to  control  the  model  in  the  airflow. 


Control / Data  Processing  Station 

The  central  control  station  is  located  in  a  container  next  to  the  test  section.  This 
container  houses  the  model  control  devices,  the  measurement  data  processor,  and  various 
monitoring  devices. 


Gust  Generator  System 

Two  movable  flaps  are  installed  in  the  nozzle  of  the  wind  tunnel.  They  are  driven  by 
an  electro-hydraulic  actuator.  This  device  allows  a  deflection  of  the  airflow  within  the 
test  section  of  up  to  10  degrees.  The  gust  generator  can  generate  gusts  in  the  frequency 
range  from  zero  to  15  Hz.  It  is  possible  to  generate  various  types  of  gust  profiles,  such 
as  impulsive  or  stochastic  gusts.  The  properties  of  the  gust  generator  allow  the  simula¬ 
tion  of  a  scaled  stochastic  gust  field  with  a  special  characteristic  (for  example  Dryden) 


Model 

The  model  (Fig.  6)  is  equipped  with  control  surfaces  (inner  flaps,  outer  flaps,  ele¬ 
vator)  which  are  driven  by  fast  acting  servo  actuators.  Sensors  such  as  accelerometers, 
rate  gyros,  pressure  transducers,  potentiometers  for  the  control  surfaces,  various  angle 
of  attack  probes  are  installed  at  different  locations  of  the  model  to  measure  the  motion 
and  the  disturbances.  Power  supply,  control  signals  and  measured  data  are  transmitted  to 
and  from  the  model  via  cables. 

The  equation  of  the  longitudinal  motion  of  a  suspended  model  in  comparison  with  the 
equation  of  a  free-flying  model  shows  that  due  to  the  blockage  of  the  x-degree  of  freedom 
the  phugoid  motion  is  fully  suppressed.  The  short  period  mode,  however,  is  not  affected 
significantly  because  the  corresponding  terms  in  the  equations  are  small.  Figure  7  shows 
the  Bode  plot  of  the  response  of  the  suspended  model  and  the  free-flying  model  due  to  an 
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elevator  input  (Ref.  7).  There  is  good  agreement  between  the  motion  of  both  models  for 
frequencies  equal  or  higher  than  the  short  period  mode.  In  this  frequency  range  good  trans¬ 
ferability  of  the  results  can  be  obtained.  At  frequencies  lower  than  half  the  short  period 
mode, the  suppression  of  the  phugoid  mode  results  in  major  differences. 

The  Dynamic  Simulation  was  performed  at  a  Reynolds  number  of  Re  =  0.48  •  106  correspond¬ 
ing  to  a  wind  tunnel  speed  of  V  =  30  m/s.  This  leads  to  a  reduced  frequency  of  the  short 
period  motion  of  u*  =  0.08. 

The  wind  tunnel  experiments  conducted  show  that  due  to  the  special  suspension  technique 
some  additional  influences  exist  which  affect  the  movement  of  the  model: 

(1)  The  cables  for  data  transmission  to  and  from  the  model  create  small  forces  and 
moments  which  are  dependent  on  the  heave  of  the  model  (Ref.  8). 

(2)  Although  it  is  outside  the  test  section  the  large  suspension  frame  produces  a  con¬ 
traction  of  the  airflow.,  in  the  plane  of  the  suspension  frame,  but  leads  to  an  expan¬ 

sion  of  the  airflow  behind  the  frame. This  results  in  a  gradient  S.-i/3z,  which  varies 
according  to  the  position  in  the  test  section  (Ref.  8). 

(3)  The  two-dimensional  gust  field  which  is  produced  by  the  gust  generator  shows  a  non¬ 
linear  propagation  dependent  on  frequency  and  position  (Ref.  9). 

Thus  the  wind  tunnel  investigations  began  with  extensive  experiments  for  the  identi¬ 
fication  of  the  model  motion  and  all  disturbing  effects.  The  goal  was  to  obtain  a  mathe¬ 
matical  description  which  models  all  effects.  Difficulties  arose  in  arriving  at  a  mathe¬ 
matical  model  of  the  gust  field.  But  despite  some  deficiencies  a  good  agreement  now  exists 

between  the  results  of  measured  and  computed  gust  field  within  the  frequency  range  from 
0.8  Hz  to  5  Hz. 

One  of  the  main  advantages  of  the  DSW  is  the  possibility  of  performing  wind  tunnel 
tests  in  a  scaled  turbulence  field  with  various  gust  signals  over  an  extended  period  of 
time  and  to  perform  parametric  studies. 


IMFL-Catapult  Free  Flight  Model  Tests  ICFF) 

The  laboratory  catapult  free-flight  model  test  technique  has  been  developed  in  exten¬ 
sion  of  similar  techniques  applied  initially  for  spin  research  and  based  on  free  model 
tests  in  wind  tunnel  (Refs.  10,  11). 

These  techniques  were  especially  developed  to  contribute  in  dynamic  effects  and  un¬ 
steady  phenomena  investigations  such  as: 

-  dynamic  stability  parameter  identification 

-  control  efficiency 

-  gust  effects  (also  ground  effects) 

-  flight  qualities  studies  integrating  ACT  concept. 

The  main  specifications  of  the  technique  will  be  recalled  here  as  far  as  they  concern 
dynamic  effect  investigations.  (More  details  can  be  found  in  Ref.  10). 

Basically  the  test  method  is  very  simple: 

Unpropelled  models,  dynamically  scaled,  are  launched  in  free  flight  by  means  of  a  catapult 
system.  The  flight  is  performed  over  50  meters  in  a  laboratory  and  the  model  is  recovered. 

A  scheme  of  the  facility  is  presented  in  Fig.  8.  All  initial  conditions  of  the  flight  can 
be  adjusted.  The  flights  can  be  performed  in  still  air  including  in  board  or  ground  based 
control  loops.  Gust  generators  can  be  introduced  creating  various  gust  profiles  (intensity 
up  to  lagUSt  =  6°  and  frequency  range  up  to  15  Hz).  An  optical  tra jectography  system  de¬ 
livers  the  coordinates  of  the  CG  and  Euler  angles  during  the  flight.  The  accuracy  is  of 
.01  m  on  positions  and  .05°  on  angles.  All  the  informations  coming  from  in  board  transducers 
(accelerometers,  gyro,  pressure  transducers  ...)  are  transmitted  to  ground  via  PCM  tele¬ 
metry  system  (30  channels,  word  of  12  bytes,  bandwidth  of  250  Hz  on  each  channel). 

Fig.  9  shows  the  Do  28  TNT  model  in  flight  after  crossing  the  vertical  gust  generator 
and  the  trajectory  of  optical  reference  points  of  the  model.  The  free  flight  model  was  in 
Froude  similarity. 

The  on  board  instrumentation  for  symmetric  flights  consisted  of: 

-  accelerometers  for  longitudinal  and  vertical  motion, 

-  pitch  gyrometer, 

-  pressure  probe  situated  on  the  nose  for  angle  of  attack  and  kinetic  pressure  measure¬ 
ments, 

-  actuators  for  symmetric  deflection  of  the  ailerons  and  horizontal  tailplane, 

-  micro  processor  for  a  generation  of  predetermined  control  deflections  and  for  open 

loop  gust  alleviation  control  laws, 

-  PCM-coder  associated  to  telemetry  system, 

-  opto-electronical  system  for  speed  and  tra jectography  measurements. 
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The  main  characteristic  of  the  equipment  is  the  large  bandwidth  (pressure  measure¬ 
ments:  response  to  a  step  15  ms,  actuators  20  Hz  with  30°  phase  angle  for  5°  amplitude  ...). 

For  gust  response  tests  the  nature  of  the  gust  was  chosen  to  be  critical  regarding  to 
the  penetration  problem  and  ^he  frequency  range  for  alleviation.  (Aa„ust  from  3  to  5°, 
iTqust  =  -1  sec  so  the  1ust  length  is  about  1.5  length  of  the  aircraft,  impulsive  type). 

The  advantage  of  the  test  method  is  that  the  gust  profile  is  well-known  because  generated 
by  a  closed-loop  wind  tunnel  and  the  speed  distribution  of  the  gust  can  be  easily  adjusted 
and  controlled. 

On  this  aspect  needs  for  complementary  tests  arise  mainly  because  no  harmonic  or  sto¬ 
chastic  gust  inputs  can  be  created  and  actually  only  short  gusts  can  be  generated. 

Some  specific  aspects  of  tl|e  OFF  are  shown  in  Fig.  10. 


Full-Scale  Flight  Tests  (FSA) 

The  full-scale  flight  tests  were  performed  by  the  Dornier  company  with  the  Do  28  TNT 
experimental  aircraft.  Fig.  11  Ahows  a  picture  of  this  aircraft.  The  aircraft  was  equipped 
with  an  instrumentation  system  permitting  the  measurement  of  all  parameters  necessary  for 
system  identification  and  some  additional  redundant  parameters.  The  flight  test  program 
consisted  of  flights  at  different  reference  flight  conditions.  Different  types  of  elevator 
inputs  were  used  to  excite  the  aircraft  longitudinal  motion. 


System  Identification  Technique  (SI) 

To  get  detailed  information  about  the  dynamic  behaviour,  system  identification  tech¬ 
niques  were  applied  extensively  to  the  dynamic  tests  (DSW,  CFF,  FSA).  More  than  other 
techniques,  system  identification  provides  the  basis  for  flight/ground  testing  correlation 
by  extracting  as  much  information  as  possible  from  subscale  dynamic  wind  tunnel  investi¬ 
gations  and  full-scale  free  flight  tests. 

System  identification  includes  the  following  three  essential  elements  (see  Fig.  12, 
Ref.  12): 

(1) 


(2) 


(3) 


Detailed  investigations  were  made  to  ensure  compliance  with  all  of  these  requirements. 

Two  methods  of  SI  were  applied. 

(1)  At  DFVLR  a  maximum  likelihood  estimation  method  was  used  to  determine  the  stability, 
control  and/dynamic  derivatives  from  dynamic  flight  tests.  The  method  used  is  an 
iterative  technique  that  minimizes  a  weighted  function  of  the  difference  between  the 
aircraft 1 s {measured  and  computed  response  by  adjusting  the  derivative  values  used  in 
calculating  the  computed  response.  A  modified  Newton-Raphson  method  is  used  to  attain 
the  minimization^.  After  each  iteration  step,  the  weight  factors  are  automatically 
updated  according  to  the  resulting  output  errors.  The  method  also  takes  into  account 
an  unknown  constant  shift  in  each  equation  and  for  each  measurement  (bias) .  This 
method  is  described  in  Ref.  13.  In  addition  this  method  provides  uncertainty  levels 
associated  with  each  derivative.  Uncertainty  levels  are  proportional  to  the  approxi¬ 
mation  of  the  Cramer-Rao  bounds  and  are  analogues  to  standard  deviations  of  the 
estimated  derivatives.  The  larger  the  uncertainty  level,  the  greater  is  the  uncer¬ 
tainty  in  the  estimated  derivative. 

(2)  At  IMFL  a  conjugated  gradient  method  is  used  to  minimize  the  cost  function  in  the 
identification  algorithm.  The  cost  function  is  calculated  on  the  basis  of  weighted 
state  vector  components  and  its  derivatives.  Up  to  now  no  bias  terms  are  introduced 
in  the  differential  and  observation  equations  which  could  be  identified  in  the  same 
process  but  could  lead  to  some  numerical  difficulties  if  considering  several  flights 
all  together  in  one  identification  run.  The  method  doesn't  give  confidence  level 
estimation  on  the  identified  parameters.  To  supply  to  this  deficiency  sensitivity 
tests  were  performed  to  define  for  any  iteration,  for  any  flight  and  unknown  parame¬ 
ter  the  contribution  to  the  gradient  and  each  flight  contribution  to  the  cost  func¬ 
tion  (s.  Refs.  14,  15) . 


Proper  input  signals:  t 

The  input  signals  must, excite  all  of  the  aircraft  response  modes.  They  have  to  be 
optimized  to  achieve  q(bcurate  identifications. 

t 

Adequate  instrumentation: 

This  covers  the  entire  data  acquisition  process  and  takes  into  account  the  effect 
of  measurement  noisd  and  sensor  dynamics.  The  extracted  derivatives  are  a  direct 
function  of  the  accuracy  of  the  instrumentation  system. 

Identification  procedure: 

This  describes  th/  analysis  of  flight  test  data  and  includes 

-  the  mathematical  model  of  the  dynamic  behaviour  of  the  aircraft, 

-  the  iterative  computational  algorithm  to  minimize  the  response  error  and  to  iden¬ 
tify  the  derivatives. 
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4.  RESULTS  AND  DISCUSSION 


An  overview  of  the  tests  which  were  performed  and  the  methods  which  were  applied  in 
the  program  is  given  in  Fig.  13.  This  figure  shows  that,  beside  theoretical  prediction,  a 
series  of  static  wind  tunnel  measurements  were  performed.  The  dynamic  tests  include  semi- 
and  free-flight  model  tests  and  full-scale  flight  tests. 


Static  Measurements 

Classic  static  wind  tunnel  tests  were  performed.  In  this  test  program  different  mount¬ 
ing  systems  and  test  sections  were  used.  DFVLR:  open  test  section  (wire  mounting,  vertical 
sting  mounting) ,  closed  test  section  (vertical  sting  mounting) .  IMFL:  closed  test  section 
(profiled  pylons) . 

A  comparison  of  the  results  of  the  different  wind  tunnel  measurements  shows  a  good 
agreement.  As  an  example,  Cm  and  C^j  are  presented  in  Fig.  14.  The  small  differences 
which  occur  in  the  slope  may' be  due  to  the  fact  that  the  model  was  slightly  changed  during 
the  different  project  steps.  On  the  other  hand,  there  are  some  small  influences  of  the 
different  mounting  systems  and  of  the  different  kind  of  test  sections. 

Some  small  discrepancy  is  observed  on  Cmo  (.IC^q  =  0.025)  which  can  be  introduced  by 
support  effects,  too. 

To  validate  in  another  way  the  static  wind  tunnel  measurements  permanent  free-flight 
tests  were  performed  with  the  same  model  and  Reynolds  number.  The  main  observations  are: 

-  The  trim  gonditions  for  equilibrium  flights  are  slightly  shifted  (max  value 

=  .25°)  mainly  due  to  C  definition, 
e  mo 

-  The  gain  on  ia/&Se  for  equilibrium  flights  is  quite  similar  for  the  free-flight  and 
for  the  wind  tunnel  (1  .8)  .  A  good  confidence  on  Ctna  and  Cm6e  can  be  observed  in  this 
range  of  angle  of  attack  taking  into  account  some  nonlinearities  particularly  in  C 
characteristic . 

-  The  wind  tunnels  drag  measurements  differ  with  a  maximum  of  1  %  of  CXq .  CXJ  is  in 
good  agreement.  From  the  free-flight  the  drag  obtained  has  an  intermediate  value  bet¬ 
ween  the  tunnel  results. 

In  total,  the  results  show  that  the  confidence  level  of  the  values  of  the  different 
wind  tunnels  is  good  and  that  the  classical  wind  tunnel  correction  programs  applied  to 
each  facility  worked  efficiently.  Comparison  with  the  theoretically  obtained  values  shows 
that  for  a  classical  aircraft  configuration  the  prediction  is  satisfactory. 


Dynamic  Tests 

To  get  the  usual  set  of  derivatives  including  stability  derivatives,  control  deriva¬ 
tives  and  dynamic  derivatives,  various  complementary  techniques  were  developed  and  applied. 
The  techniques  combine  dynamic  tests  in  different  facilities  with  specific  evaluation 
procedures : 

(1)  Optimization  of  t ho  test  program  researching  the  most  sensitive  inputs  for  the 
determination  of  the  dynamic  terms, 

(2)  Dynamic  tests  performed  in  wind  tunnels  (MOD  and  Dynamic  Simulation  in  Wind  Tunnel), 
in  laboratory  (Catapult/Free  Flight  Tests)  and  on  the  real  aircraft, 

(3)  Extensive  use  of  system  id ent i f icat ion  technique . 


(t)  Optimization  of  the  test  program 

The  importance  of  adequate  design  of  flight  test  maneuvers  for  system  identification 
purposes  is  well  recognized  (Ref.  16).  The  reliability  of  aircraft  parameter  extraction 
from  dynamic  test  maneuvers  depends  heavily  on  the  amount  of  information  available  in  the 
response.  Therefore,  the  shapes  of  the  control  inputs  should  be  chosen  such  that  they 
excite  the  aircraft  dynamics  as  much  as  possible  in  the  frequency  region  of  interest. 

For  the  determination  of  optimal  input  signals  a  procedure  was  applied  which  uses  the 
Bode  plot  of  the  frequency  responses  (Ref.  17).  In  this  procedure  the  magnitude  of  the 
frequency  responses  multiplied  by  the  corresponding  equation  coefficient  is  plotted.  For 
the  Catapult  Free-Flight  tests  in  Fig.  15  the  dependency  of  the  terms  of  the  pitching 
moment  and  vertical  acceleration  equations  on  the  frequency  is  shown.  If  an  input  signal 
is  introduced  with  a  definite  frequency,  only  these  coefficients  can  be  determined  which 
have  an  essential  influence  at  this  frequency.  Fig.  15  shows  that  for  lower  frequencies 
of  the  6  ,  6a-input  the  inertia  term  is  of  small  importance.  This  leads  to  the  fact  that 
only  ratios  of  coefficients  can  be  determined  in  that  frequency  range.  For  high  frequen¬ 
cies  the  <>,  q-terms  are  small  compared  with  the  other  terms  of  the  equation  and  therefore 
not  identifiable. 
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In  Fig.  16  the  required  frequency  ranges  of  the  input  signals  for  the  determinoLion 
of  a  specific  set  of  derivatives  are  shown.  In  these  frequency  ranges  the  magnitude  of 
the  coefficient  term  is  not  smaller  than  10  %  of  the  maximum  term  of  the  equation. 

It  can  be  seen  that  the  best  frequency  for  identifying  the  a,  q,  6e,  ta  derivatives 
is  the  short  period  oscillation  frequency  (~  1  Hz).  To  identify  instationary  effects 
(derivatives  due  to  flap  deflections  rate)  input  signals  are  necessary  with  frequencies 
higher  than  approximately  5  Hz. 

Because  a  narrow  band  input  is  not  sufficient  for  identifying  more  than  two  deriva¬ 
tives  of  the  pitch  equation  a  signal  with  a  broad  bandwidth  ( 3-2- 1 -1 -signal )  was  used  in 
the  tests.  In  both  the  dynamic  simulation  in  wind  tunnel  and  in  free-flight  tests  (model 
and  full-scale)  the  time-scaling  of  the  input  was  defined  in  such  a  way  that  the 
maximum  of  the  input  power  spectrum  was  located  near  the  short  period  oscillation  fre¬ 
quency  . 

(2)  Dynamic  Test  Program 

Fig.  17  gives  an  overview  of  the  tests  performed  with  the  three  facilities,  i.e.  the 
input  types,  the  actuated  controls  and  the  measured  parameters.  It  can  be  seen  that  in 
the  DSW,  in  addition  to  the  inputs  to  the  three  control  surfaces  (elevator,  outer  flaps, 
inner  flaps)  a  vertical  force  input  could  be  given  using  the  weight  compensation  system. 
Also,  well-known  scaled  gusts  (harmonic,  deterministic,  stochastic)  were  applied. 

In  the  CFF  inputs  were  given  to  elevator  and  outer  flaps.  Also  impulsive-type  gusts 
could  be  generated  which  were  well  defined  and  exact  measured. 

In  the  flight  test  program  with  the  full-scale  aircraft  only  the  elevator  could  be 
used  to  excite  the  aircraft  motion.  This  resulted  in  a  reduction  in  the  information  con¬ 
tent  and,  therefore,  a  somewhat  greater  uncertainty  in  the  determination  of  the  z-deriva- 
tive . 


(3)  System  ident if ication 

For  the  data  evaluation  and  the  correlation  of  the  results  two  approaches  were  used 
(Fig.  18). 

The  first  approach  starts  from  measurements  of  different  dynamic  test  facilities  and 
applies  one  identification  method  to  the  data  from  the  different  measurements.  By  using 
this  approach  it  is  possible  to  prevent,  in  the  comparison,  method  specific  effects  from 
influencing  the  correlation  aspects.  The  approach  used  was  to  apply  the  DFVLR-system 
identification  method  to  the  measurements  of  the  Dynamic  Simulation  in  wind  Tunnel,  the 
Catapult  Free-Flight  Tests  and  the  Full-Scale  Aircraft  Flight  Tests. 

In  the  identification  process,  nonlinearities  have  to  be  taken  into  account  because 
the  aerodynamics  of  the  Do  28  TNT  show  some  nonlinearities  when  considered  over  a  range 
of  angle  of  attack.  For  example,  the  pitching  moment  coefficient  as  a  function  of  <  is 

quite  nonlinear  which  can  be  seen  on  the  derivative  C  in  Fig.  14. 

ma  3 

In  the  DFVLR  system  identification  method  the  nonlinear  behaviour  has  been  approxi¬ 
mated  by  segments  about  the  reference  point  where  is  locally  linearized  over  a. 

Because  the  flight  tests  were  conducted  in  a  certain  region  of  angle  of  attack  about  the 
reference  point  this  dependency  on  n  has  been  taken  into  account  in  the  identification 
procedure . 

The  results  of  the  identification  of  the  different  measurements  using  the  same  identi¬ 
fication  method  are  presented  in  Fig.  19,  20  (No.  5,  6,  7).  It  can  be  seen  that  the  overall 
agreement  of  the  estimated  values  is  good. 

The  identification  results  based  on  the  DSW  measurements  show  a  generally  higher  degree 
of  standard  deviation  in  comparison  with  the  results  based  on  the  CFF  and  FSA  measurements. 
This  can  be  attributed  to  the  relatively  high  turbulence  occuring  in  the  wind  tunnel.  This 
turbulence  is  interpreted  ir  the  system  identification  algorithm  as  an  additional  measure¬ 
ment  noise  which  leads  to  this  higher  values  of  standard  deviation.  By  comparison,  both 
the  CFF  and  FSA  measurements  were  performed  in  calm  atmosphere. 

In  Fig.  19  it  can  be  seen  that  the  identification  results  for  the  FSA  in  the  case  of 
small  values  of  angle-of-attack ,  corresponding  to  high  speed,  exhibit  a  high  discrepancy 
in  CmiJ  in  comparison  to  all  other  wind  tunnel  and  free  flight  model  tests.  Normally  the 
identification  values  of  the  derivatives  would  overlap  for  segments  of  similar  angle  of 
attack.  These  discrepancies  which  only  occur  in  the  FSA  measurements  may  have  their  cause 
in  speed  dependent  aeroelastic  effects  due  to  fuselage  bending.  Another  cause  for  these 
discrepancies  may  be  the  thrust  influence.  To  investigate  this  influence  additional  wind 
tunnel  measurements  with  model  engines  were  performed.  But  in  these  measurements  only 
minor  thrust  influences  could  be  identified.  It  should  be  mentioned,  however,  that  only 
the  propeller  diameter  and  the  thrust  coefficient  were  modeled.  This  effect  has  not  yet 
been  clarified  and  will  be  analyzed  in  the  future. 

It  cp ,1  be  seen  vom  Fig.  19/20  that  the  DSW  can  lead  to  values  comparable  with  free- 
flight  •  del  tests  though  it  is  a  semi-flight  facility.  Thus  the  influence  of  the  model 
suspens  '  'cab  1  .  od,  frame  ...)  on  the  aerodynamics  is  relatively  small  if  a  proper 


mathematical  model  of  this  influence  has  been  integrated  in  the  evaluation  process  and 
the  identification  method.  In  addition,  the  comparison  shows  that  the  blockage  of  the  x- 
degree  of  freedom  has  only  minor  effects  on  the  determination  of  the  z  and  M  derivatives. 

A  simpler  mathematical  model  can  be  used  in  the  evaluation  of  the  measurements  obtained 
in  the  CFF  because  there  are  no  suspension  effects.  The  mathematical  model  includes  also 
the  x-der ivatives . 

In  the  FSA  tests  only  inputs  to  the  elevator  could  be  given.  Therefore,  no  derivatives 
due  to  flap  deflection  could  be  estimated  from  these  flight  tests.  This  also  reduces  the 
information  content  with  respect  to  the  z-der ivatives .  Nevertheless,  these  measurements 
yielded  relatively  small  standard  deviations.  This  can  be  attributed  to  the  long  measure¬ 
ment  time  in  comparison  to  the  DSW  and  CFF  (5  times  that  of  CFF)  which  could  be  used  in 
the  identi f ication  process.  This  leads  to  an  overall  reduction  in  the  computed  standard 
deviation. 

A  principal  source  of  inaccuracy  in  identifying  aircraft  parameters  is  the  error  in 
the  flight  test  instrumentation  and  data  reduction.  The  system  identification  accuracy  is 
highly  dependent  on  the  quality  of  the  measured  data.  Because  all  measurements  were  ob¬ 
tained  with  different  instrumentation  systems,  extensive  redundancy  calculations  for  the 
measured  signals  of  all  instrumentation  systems  were  performed  to  improve  the  confidence 
level  of  the  measurements.  From  this,  a  corrected  set  of  signals  was  computed  and  then 
applied  to  the  identification  process. 

The  /second  data  evaluation  approach  begins  with  the  measurement  of  only  one  facility 
and  applies  different  identification  algorithms  to  these  data.  This  approach  was  done 
using  the  CFF  tests  and  applying  both  DFVLR  and  IMFL  system  identification  methods  to 
these  measurements.  This  can  show  specific  effects  and  yields  information  about  the  per¬ 
formance  of  the  system  identification  methods  used. 

The  results  of  this  approach  can  be  seen  in  Fig.  19  and  in  Fig.  20  No.  7  and  8.  No 
uncertainty  levels  could  be  given  in  the  results  of  No.  8  due  to  the  identification  method 
used.  Although  the  overall  agreement  is  quite  good  some  differences  occur.  To  try  to  give 
reasons  for  the  differences  in  the  estimated  values  it  should  be  mentioned  that 

(1)  the  IMFL  mathematical  model  -  as  it  was  used  in  the  program  -  does  not  take  into 
account  the  nonlinearities  in  the  aerodynamic  characteristics  which  are  observed 
for  this  aircraft, 

(2)  the  IMFL  identification  procedure  does  not  include  an  automatic  weighting  optimi¬ 
zation  algorithm  of  the  state  vector, 

(3)  no  bias  terms  are  introduced  in  the  differential  and  observation  equations. 

This  can  lead  to  some  different  values,  which  in  particular  occur  in  the  values  which 
only  have  low  importance,  for  example  (Czq  +  CZ(i)  . 

From  the  MOD-balance  measurements,  stability  parameters  were  determined  which  lie 
within  the  limits  of  the  static  wind  tunnel  measurements  and  the  dynamic  tests  (see  Fig. 
19).  The  somewhat  higher  value  of  C,^  may  be  attributed  to  the  relatively  thick  vertical 
sting  which  has  a  small  influence  on  the  pitching  moment  behaviour.  The  dynamic  derivatives 
can  also  be  determined  within  the  limits  of  the  values  of  the  other  dynamic  measurements 
(Fig.  20).  Thus  the  MOD-balance  measurements  show  that  it  is  possible  to  determine  repro- 
ducable  dynamic  derivatives  with  a  relatively  high  confidence  level.  This  can  also  be  seen 
from  the  deviations  of  each  individual  measurement  within  one  test  run. 

It  is  important  to  note  that,  similar  to  the  other  dynamic  measurements,  a  separate 
determination  of  the  dynamic  pitch  and  heave  derivatives  is  not  possible.  To  demonstrate 
this  situation  some  calculations  have  been  made  to  show  the  degree  of  measurement  error 
in  the  instationary  force  of  the  MOD-balance  (Fig.  21).  It  can  be  seen  that  in  the  longi¬ 
tudinal  motion  the  dynamic  derivatives  due  to  pitching  can  be  measured  accurately.  The 
derivatives  due  to  heave  motion  are  not  measurable  because  of  their  low  importance  in  the 
instationary  force. 


5.  AERODYNAMIC  TRANSIENT  EFFECTS 

Problems  to  be  considered  for  transport  aircraft  flying  in  turbulent  situations  in 
connection  with  a  gust  alleviation  system  are 

(1)  the  modeling  of  the  influence  of  high  frequency  control  inputs  used  for  gust  alle¬ 
viation, 

(2)  the  measurement  of  the  gust  and,  in  particular,  the  modeling  of  the  influence  of 
short  length  gusts  including  penetration  effects, 

(3)  the  design  and  optimization  of  gust  alleviation  control  laws  using  mathematical 
modeling . 

All  three  areas  were  investigated  in  the  program  using  both  facilities  the  DSW  and  the 
CFF  in  a  complementary  manner. 
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(1)  Modeling  the  non-steady  downwash  effect  due  to  quick  acting  flaps 

For  the  description  of  the  aircraft  behaviour,  a  linear  mathematical  model  is  normally 
used.  This  model  takes  into  account  only  the  effect  of  relatively  low  frequency  changes  of 
lift  on  the  downwash  at  the  elevator.  Such  a  model  does  not  take  into  account  aerodynamic 
dependent  phenomena.  For  high  frequency  flap  inputs,  required  for  gust  alleviation  system 
(GAS),  this  mathematical  model  is  not  applicable.  This  can  be  seen  in  a  comparison  of  the 
identification  results  with  measurements  obtained  from  the  DSW .  Discrepancies  occur  in  the 
response  of  the  wind  tunnel  model  and  the  computer  model  (see  left  side  of  Fig.  22)  which 
are  particularly  evident  in  a  time  shift  of  the  pitching  motion.  The  reason  for  this  is 
the  nonstationary  wing-tail  interference:  the  variation  in  the  flap  position  produces  a 
variation  in  the  lift  on  the  wing  and  in  this  way  a  somewhat  delayed  onset  in  change  of 
pitching  moment  as  a  result  of  the  downwash  variation  on  the  elevator.  Thus,  an  additional 
pitching  moment  occurs  directly  after  the  adjustment  of  the  flap  until  the  new  stationary 
downwash  is  established  on  the  elevator.  The  angle  of  attack  change  on  the  elevator  due 
to  flap  deflection  '  is  a  function  of  wing  lift  coefficient  CLw 
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with  t  denotes  the  time  required  for  the  flow  to  travel  from  the  wing  to  the  elevator. 

The  relative  error  of  the  normal  linearization  by  Taylor’s  series  of  first  order  for 
;  (t-  tL)  will  exceed  10  %  if  *  »  0.45  /t^.  The  flight  tests  were  performed  with  a  model 
with  a  distance  from  wing  to  tailplane  of  about  1  m  and  a  speed  of  30  m/sec  which  leads 
to  t^  =  0.033  sec  and  fLjmit  =  2.2  Hz.  As  the  total  flap  movement  took  place  within  1/60 
sec  the  frequency  of  the  flap  actuation  was  so  high  that  the  Taylor's  series  expansion  is 
not  applicable  here. 

To  avoid  the  discrepancy  in  modeling  of  quick  flow  changes,  a  new  mathematical  model 
was  introduced  (Ref.  18):  In  this  model  the  steady  values  were  separated  from  the  non¬ 
steady  values.  The  steady  values  proportional  to  t (t)  are  already  contained  in  the 
stationary  derivatives.  The  non-stationary  contributions  were  introduced  by  the  differen¬ 
tial  signal 


and  the  non-stationary  flap  derivatives  CL.L^G  and  Cm> LAG.  The  use  of  this  model,  which 
takes  the  time  lag  of  the  downwash  on  the  elevator  into  account,  leads  to  a  better  curve 
fit  in  the  pitching  motion  between  measured  and  computed  data  as  can  be  seen  on  the  right 
side  of  Fig.  22. 


(2)  Modeling  the  Just  Response 

The  preceding  section  has  shown  that  the  description  of  the  aircraft  behaviour  in  the 
case  of  quick  flow  changes  due  to  high  frequency  flap  inputs  by  using  only  global  deriva¬ 
tives  is  not  sufficient.  This  is  true  in  particular  for  the  determination  of  the  interac¬ 
tion  of  short  gusts  with  the  airframe.  It  is  necessary  to  separate  the  effect  into  several 
components  which  produce  a  delayed  influence  on  the  major  aerodynamic  surfaces. 

Two  approaches  for  modeling  such  phenomena  have  been  investigated. 

The  first  approach  (DFVLR) ,  which  was  also  used  for  the  modeling  of  the  non-steady 
downwash  effect  due  to  quick  acting  flaps,  is  based  on  the  assumption  that  the  entire  air¬ 
craft  is  located  in  a  stationary  gust.  The  effect  of  the  variation  in  turbulence  alcng 
the  aircraft  will  be  described  by  additional  dynamic  correction  factors.  These  are  deter¬ 
mined  by  the  differences  in  turbulence  angle  of  attack  measurements  on  the  forward  fuselage, 
wing  and  horizontal  tail  (Refs.  8,  19).  These  terms  become  significant  only  at  higher 
turbulence  frequencies  (shorter  turbulence  wave  lengths) . 

Some  results  of  system  identification  using  this  approach  are  presented  in  Fig.  23  and 
24.  Fig.  23a  shows  the  results  for  the  case  where  no  time-shift  was  taken  into  account. 

Large  discrepancies  occur  in  both  the  heave  and  the  pitching  motion.  As  a  first  approxi¬ 
mation,  the  delayed  interaction  of  the  measured  gust  on  the  wing  was  taken  into  account 
(Fig.  23b).  The  results  show  a  better  curve  fit  only  in  the  heave  motion.  Taking  the 
total  time-shift  of  the  measured  gust  signal  into  account,  an  overall  good  curve  fit  is 
received  (Fig.  23c).  In  Figure  24  the  influence  of  the  different  model  structures  on  the 
estimated  derivatives  and  the  cost  function  of  the  system  identification  algorithm  is 
presented.  It  can  be  seen  that  both  the  uncertainty  level  and  the  value  of  the  cost  func¬ 
tion  is  reduced  when  changing  from  model  A  to  model  C. 

In  the  second  approach  for  the  modeling  of  the  gust  response  (IMFL) ,  the  effect  of  the 
turbulence  is  calculated  separately  for  three  positions  on  the  aircraft  (forward  fuselage, 
wing,  horizontal  tail)  from  the  local  angles  of  attack  and  their  derivatives.  As  a  result, 
in  contrast  to  the  first  method,  it  is  necessary  to  superimpose  the  contributions  from 
several  positions  even  when  turbulence  along  the  aircraft  is  constant  (Refs.  20,  21). 

This  approach  is  illustrated  in  Fig.  25  showing  three  segments  of  the  aircraft  with 
their  local  parameters  and  an  example  of  the  time  histories  of  local  angle  of  attack. 
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For  each  element,  local  state  variai  les  are  defined  at  a  reference  point,  taking  into 
account  aircraft  motion,  gust  input  and  interactions  such  as  wing  to  tailplane,  and  dy¬ 
namic  effects. 

From  the  local  state  variables,  three  local  contributions  to  the  aerodynamic  forces 
and  moments  are  determined  and  introduced  in  the  matrices  A  and  C.  This  part  of  the  model 
must  be  in  accordance  with  the  behaviour  of  the  aircraft  described  by  the  global  repre¬ 
sentative  model  (without  gusts) . 

For  the  three  elements,  gust  terms  are  introduced  separately,  considering  ‘gUSt  and 
•‘gust  vectors  associated  to  the  matrices  D  and  E. 

A  control  input  vector  is  defined,  taking  into  account  time  shifts  for  wing  to  tailplane 
interactions  for  aileron  deflection  and  associating  specific  free  flight  inputs  as  steps 
in  z  due  to  change  of  mass  (.\i.)  and  q  due  to  char.qe  of  c.g.  position  (x). 

-  For  practical  application  a  three  element  model  needs  more  information  about  the  aero¬ 
dynamic  characteristics  of  the  separate  elements.  For  this  purpose,  specific  static 
wind  tunnel  tests  were  performed  on  these  elements,  separately  or  in  combined  configu¬ 
rations,  in  order  to  identify  their  individual  characteristics  and  the  interactions 
effects.  The  tests  were  performed  in  the  IMFL  horizontal  wind  tunnel.  Global  longitu¬ 
dinal  characteristic  measurements  on  the  elements  where  associated  to  measurements  on 
the  tailplane  through  a  local  two  components  strain-gauges  balance. 

From  these  characteristics  (shown  in  Fig.  26)  static  coefficients  and  local  deriva¬ 
tives  were  extracted  and  wing-fuselage  /  wing-tai lplane  interference  was  modeled. 

-  An  example  of  Do  28  TNT  gust  test  results  compared  with  simulation  results  with  the 
three  elements  mathematical  model  is  given  in  Fig.  27  (left  side). 

The  gust  is  a  short  impulse  of  T  =  .1  s,  introducing  significant  frequencies  up  to 
10  Hz.  For  comparison,  the  global  math,  model  gives  in  this  case  a  completely  wrong 
solution  (see  q  time  history). 

In  the  second  part  of  the  figure  an  example  is  shown  comparing  simulation  results  of 
the  three  elements  model  and  the  global  model  (without  gusts)  to  verify  the  identity 
of  both  models  for  the  case  without  gusts  and  flap  input. 

-  Some  improvements  will  be  added  in  the  future,  particularly  concerning  the  choice  of 
the  reference  points  for  each  element  and  the  direct  identification  of  the  aerodynamic 
characteristics  from  gust  response  tests. 


(3)  Gust  Alleviation  System 

Gust  alleviation  is  of  interest  for  small  transport  aircraft  flying  at  medium  altitudes 
where  most  turbulence  is  encountered.  For  these  aircraft  the  improvement  of  passenger  ride 
comfort  during  cruise  is  the  main  aim  of  gust  alleviation.  For  the  Do  28  TNT  the  DFVLR 
chose  an  open  loop  system.  This  system  has  the  advantage  that  the  time  which  the  gust  needs 
to  pass  the  distance  from  the  angle  of  attack  sensor  to  the  major  surfaces  of  the  airframe 
can  be  used  to  compensate  the  actuator  lag.  Fig.  28  (Pef.  22)  shows  a  block  diagram  of  the 
open  loop  gust  alleviation  system. 

The  investigations  in  the  DSW  have  shown  that  the  efficiency  of  such  a  system  is  in¬ 
fluenced  by  the  gust  angle  of  attack  measurement  and,  in  particular,  by  the  complicated 
interaction  of  downwashes,  dead-times,  actuator  l.gs,  sensor  positions  and  unsteady  aero¬ 
dynamic  transient  effects.  This  means  that  an  optimized  realization  is  only  possible  if 
the  dynamic  effects  are  fully  understood  and  if  they  can  be  modeled  properly. 

In  the  following  example,  the  influence  of  the  modeling  of  the  dynamic  effects  on  the 
efficiency  of  an  open  loop  gust  alleviation  system  (OLGA)  is  shown. 

Referring  to  the  block  diagram  in  Fig.  28,  in  the  first  case  the  computed  gust  signal 
was  fed  directly  to  the  control  surface  actuators.  No  time  shift  of  the  measured  gust  sig¬ 
nal  and  its  influence  on  the  dynamic  reaction  was  taken  into  account.  This  case  corresponds 
to  model  A  in  Fig.  23a  and  Fig.  24.  Fig.  29  shows  the  efficiency  of  the  OLGA.  In  this 
figure  the  frequency  response  measurements  of  the  vertical  acceleration  due  to  gust  inputs 
are  plotted  without  OLGA  and  with  OLGA  engaged  but  using  various  aerodynamic  models.  It 
can  be  seen  that  the  OLGA  without  considering  a  time  shift  leads  to  a  10  dB  reduction  of 
the  acceleration  amplitude  for  frequencies  near  the  short  period  frequency.  At  higher  gust 
frequencies,  however,  this  type  of  OLGA  begins  to  destabilize  the  model  motion.  The  OLGA 
capability  is  rather  limited  because  the  phase  conditions  are  not  satisfied. 

In  the  second  case  both  the  delayed  interaction  of  the  gust  on  the  wing  and  the  ele¬ 
vator  and  the  delayed  onset  in  change  of  the  downwash  on  the  elevator  due  to  the  quick 
acting  flaps  were  taken  into  account.  Fig.  29  shows  that  in  this  case,  which  corresponds 
to  model  C,  the  efficiency  of  the  OLGA  can  be  improved. 

Fig.  30  shows  the  response  of  the  model  flying  in  a  scaled  gust  field  in  the  DSW.  It 
can  be  seen  that  in  the  first  case  the  plot  shows  a  reduction  of  the  vertical  accelera¬ 
tion,  while  the  pitching  acceleration  remains  nearly  unchanged.  Using  the  model  C  for  the 
design  of  the  OLGA  the  efficiency  of  the  system  is  significantly  better. 
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6.  CONCLUSIONS 

A  common  research  program  is  underway  at  IMFL  and  DFVLR .  This  program  includes  the 
application  of  complementary  ground  test  facilities  and  methods. 

In  this  paper  the  results  obtained  with  the  different  techniques  were  compared  and 
system  identification  aspects  were  presented.  Two  alternate  approaches  for  modeling  aero¬ 
dynamic  transient  effects  were  given.  The  effect  of  modeling  on  an  open  loop  gust  allevia¬ 
tion  system  was  discussed. 

Although  further  analysis  of  the  experimental  data  is  required  the  following  conclu¬ 
sions  can  be  drawn: 

(1)  Each  technique  applied  in  the  program  has  special  advantages  and  problems.  The  com¬ 
bination  of  test  results  of  complementary  techniques  makes  it  possible  to  identify 
and  to  compensate  problem  areas  in  each  technique.  The  obtained  results  can  be  con¬ 
firmed  and  the  techniques  can  be  improved. 

(2)  The  possibilities  of  undertaking  investigations  in  special  research  areas  are  gr 
improved  through  the  availability  of  test  data  on  complementary  facilities. 

(3)  It  is  difficult  to  compare  the  results  of  different  techniques,  because  each  facility 
has  specific  influences  which  have  to  be  included  in  the  respective  mathematical 
model.  Failure  to  model  these  facility-specific  effects  can  lead  to  differences  in 
the  derivatives. 

(4)  The  results  were  influenced,  in  addition,  by  the  evaluation  method  applied  to  the 
measurements,  i.e.  by  the  identification  algorithm,  by  the  weighting  of  the  measured 
signals,  by  the  choice  of  the  time  history. 

(5)  Even  when  the  comparison  of  the  results  from  the  ground  facilities  is  satisfactory, 
the  correlation  of  these  results  to  the  full-scale  aircraft  remains  problematic.  It 
is  therefore  necessary  to  identify  which  additional  effects  are  present  in  the  be¬ 
haviour  of  the  full-scale  aircraft  and  to  integrate  these  effects  in  the  mathemati¬ 
cal  model. 

(6)  For  the  investigation  of  aerodynamic  transient  effects,  dynamic  measurements  under 
reproducable  conditions  are  necessary  (i.e.  dynamic  model  tests  in  wind  tunnels  or 
laboratories) .  The  determination  of  these  effects  is  possible  only  if  system  identi¬ 
fication  techniques  are  applied  to  the  measurements. 

(7)  The  choice  of  suitable  input  signals  is  important  for  the  performance  of  successful 
system  identification. 

(8)  An  ACT-system,  such  as  an  open-loop  gust  alleviation  system,  is  very  sensitive  to 
incorrect  modeling  of  the  aircraft  behaviour.  An  optimized  realization  of  such  a 
system  is  only  possible  if  the  dynamic  effects  can  be  modeled  properly. 

(9)  In  the  case  of  sudden  flow  changes  due  to  short  length  gusts  or  high  frequency  flap 
inputs,  the  description  of  the  aircraft  behaviour  by  using  only  global  derivatives 
is  not  sufficient.  It  is  necessary  to  separate  the  effect  into  several  components 
which  produce  a  delayed  influence  on  the  major  aerodynamic  surfaces. 

(10)  The  two  approaches  for  modeling  aerodynamic  transient  effects  have  shown  that  they 
can  lead  to  a  good  description  of  the  non-stationary  effects. 

(11)  Future  research  activities  with  regard  to  modeling  aerodynamic  transient  effects 
will  be  directed  toward: 

(1)  further  investigation  of  the  two  approaches  to  modeling  aircraft  gust  response. 

(2)  exact  determination  of  gust  inputs  from  flight  test  measurements. 
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Fig.  11:  Do  28  TNT  full-scale 
experimental  aircraft 
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Fig.  15:  Sensitivity  investigation  in  frequency  domain 
(Bode-plot  of  M/Z  equation  terms) 
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Fig.  17:  Overview  of  the  test  program 
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Fig.  16s  Optimum  frequency  ranges 
of  the  input  signals 
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Fig.  23:  Estimated  model  outputs  compared  with  direct  measurements 
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Fig.  24:  Effect  of  time  shift  of  the 
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Fig.  26:  Static  wind  tunnel  measurements 
for  separate  elements 
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Fig.  28:  Block  diagram  of 
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Fig.  29:  Frequency  response  of  the 

vertical  acceleration.  Effect 
of  gust  alleviation  system 
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The  .lin  of  this  paper  is  to  present  some  experimental  or  analytic  si  m»or  o:s  which  .•  mtr iputa 
to  trie  comprehension  and  prediction  of  aircraft  behaviour  at  high  angles  c*‘  atta.d-  .I'-q  st  al  1/st  i-- . 

To  illustrate  these  different  methods,  we  present  three  examples  of  recent  works  realized 
at  I r-IFL  on  this  subject  : 

A, Spin  description  method. 

A  combat.  aircraft  can  start  a  spin  departure  around  an  horizontal  trajectory  which  cones 
vertical  after  several  spin  turns.  The  comparison  between  such  a  spin  an.;  that,  observed  in  vertical  wi nj 
tunnel  on  free  flight,  model  is  not  easy,  particularly  if  these  movements  are  agitated,  We  will  s  .grest 
a  representation  of  high  angle  motions  visually  giving  the  principal  characteristics  cf  the  phenomena, 
independently  o+'  the  trajectory.  Such  a  representation  allows  the  correlation  of  spin  motions  between 
the  vertical  wind  tunnel  and  the  full  scale  flight. 

n.Spin  correlation. 

One  of  the  basic  parameters  which  could  modify  the  duality  of  the  correction  c+*  spin  tests 
realized  in  Frnud  similitude  is  the  Reynolds  number.  We  will  show,  with  a  typical  example  conceiving 
a  light  aircraft,  the  important  influence  of  Reynolds  number  on  spin  equilibrium  state,  an o  Pt  test 
method  which  allows  to  understand  and  correlate  the  pheronena. 

C. Modeling  and  Simulation. 

With  a  typical  example  concerning  a  combat  aircraft,  we  will  expose  some  measurement  results 
on  a  dynamic  balance  allowing  the  evaluation  of  tin;  aerodynamic  force  system  at.  high  angle  of  attack, 
the  model'  ,g  of  aerodynamic  effects  and  then  spin  simulations  which  can  be  compared  with  vertical  wind 
tunnel  results  on  free  flight  model. 

i:r?op!;c:ic*i 

Ces  Jemi*'v,  ;j  annees  ont  vu  1 ’apparition,  dans  1  •aoronautiqun,  :e  techno  logics  "ruvellcs  oc-re 
la  CAG,  les  naterieux  composites,  les  micrcprocesseurs  embarques  ...  Or  cos  progr-'s  technologic-on  ont 
sen  sibl  orient  influe  sur  1 'architecture  des  avions,  nc lament  les  avions  d'armes,  of  ont  peir-is  cV  I  argil' 
considerate lement  lour  domains  de  vol.  Ces  plus  grandes  possibilit.es  offrrt.es  au  pilotage  ont,  par  vein  dr 
-on sequence ,  soul eve  les  problemes  lies  a  la  nqnoeuvrabil i te,  aux  quail t os  »Je  vcl  ot  ont  mis  1 'accent  5«r 
1*  aspect  s*'curite, 

Les  avions  do  combat  pouvant  evolucr  a  des  incidences  de  plus  no  plus  elev-  es,  effezt-.jer  den 
manoeuvres  tie  plus  on  plus  serroes,  ont  atteint  un  domaine  do  vol  noressi tant  pour  so  nait.ri  so  Y:s  •  t  ..:os 
et  des  recherchos  importantes,  tant.  pour  connattre  son  aerodynaroiqut:-  quo  pour  comprondrc  les 
observes  ot  prodire  sen  mouvenents. 

ties  etudes  passent  notamment  par  des  nssais  en  snuff lerie  sur  maquette,  souf florae  cu  il  est 
tres  difficile,  pour  no  pas  di re  impossible,  do  reproduire  1 'ensemble  du  don aim:  do  vol.  P*  nut.V't  quo 
beaucoup  d'evolutions  aux  grands  angles  des  avions  mode  men,  on  partioulier  les  vrilles,  sent,  do venues 
do  plus  en  plus  complexes  fit  dif  fifties  a  docrire  :  les  nnuvpnonts  do  1 'avion  do  combat  comp  or  tant.  bier- 
sou vent  bos  aginations  ampins  autour  do  trajentoi  res  tonduos,  no  pnmot.t  mt.  pas  la  comparai  so*'  di recto 
avec  la  snuff  lerie  verticale  ou  les  maquettes  sont.  testeos  en  vrille  aut.our  .In  t.rajcctoire.-  vertieales. 

Par  alllourf?,  pour  les  avions  lepers  essent-ie llemeot,  pout,  intervenir  un  effet  Reyna  1  .Js  renii.vd 
lelieato  la  correlation  ont.ro  la  souf  florin  verticale  ot  Ins  essais  on  vol. 

;  *ob  jeef  i  f  bo  cot  expose  est  do  presenter  quelquns  methmlos  *vxp* -pinout  a  les  ou  q' analyse  ^'ti  i- 
:  jent  a  J  a  comp  rr  *  hen  r*  i  on  fit  a  la  prod  inti  on  du  c  omp  or  tenon  t:  -1*  un  avion  qans  le  ‘nnaine  d'VrPijh>  (  «.  ;;t- 

brutes  do  enntrflln,  do  r.os  vrilles  et  evolutions  di versos. 

Afin  d*  i  Hunt.  r*jr  cos  rlifferentns  net.hodos,  onus  prusentons,  dans  co  papier.  tn  jr.  a,- 

travaux  reconnect  ent.ropris  sur  no  sujet  a  1*1  Mi  1  : 

A  -  Ff^iurai  fn*i  vrille  -  .*lre;V v  epjvirV  c»? 

i  Jr  i  nont  per  a  quo  les  tmnsposi  t  i  ■. *r  s  5m  m-s-.  jynrient  i-nt  r<»  la  nmjff lerie  verMra'a  -a  ’•  »  * ; 


•’?*.  o’'  zc'^  ittr?  1  1  3-'v*'r it-s,  "e  ’1  ~c-s  a  dc~-c  .ntJ^s  3  '.-.isir  *r:is  .aria- Is 2  jc 
:~-v"Jir  i-Vir-ir,  ::p  .r  t-.js  lor.  primira  .v  ::*v  rop,-'”esl  leurs  caracturisr.iq  .es  t?ssc.r  *.  iel lee  ot 
j-c  siit  la  trn  j-r.r.cin?  le  I'a.-im  r..  :•  la  •»  a  tte. 

j  •  "Vwv? .a  t  c  r rc‘  e r  <?t«r . 

3  , i v -an 1 5  ~  ou  s  ? n  t  sen[i  1  o.  * co-danon ttux, 

a.  Iff  c.iract^r*2  plat  cu  pi  ;  traduit  par  1  ’incidence,  f’es*  rsr-rv  tre  trrs  i 
nien  sou vent  Ins  ccnsip^es  de  sortie  de  vrille  ^pendent  d  sa  valour  nr,-.'-  -  - .  L’a^tro  r  irt , 
vri  i  In  est  ferten*..- 1  apitee,  1  'evol  ution  vers  la  sortie  n'est  pas  tr-jeurs  •’  •.  i  ::e--te  r-  !•:  r 
la  .-j.'crolssancG  en  r.oyonne  de  1 ’incidence  aui  pout  on  infemer  1 ' in£e'--ioer  s-ivart  les  ii' 


0.  In  caractnre  "le-rt  cu  rapine"  :  tra  ‘.sit  par  la  conrosarte  de  ve.to 
suivant  le  vecteur  vitease  f  ft  .  V/Vl .  Ce  facteur  associ**  n-j  r-iract*  re  plat  est 
s-'v^rite  ci'-ng  vrille.  r'lus  no  vrille  plate  est  rapidc  r-t  ’1;,3  la  durre  do  srr 
■rilles  tr*‘  s  rapides  necessifent  d’arrliquer  sur  les  j;°,Jvrrr,w  tensile  de 
V  irs  avant  de  quitter  la  vrille.  D'autre  part,  le  sipne  de^ll  .V  )  ,  c’cst-Vdi 
;  ,i  n'ent  pas  tau  jours  bien  pergu  par  le  pi  Into  lr-rs  des  vri lies  tr-  s  aritres, 
npeliquer  la  consigns  sur  la  direction  et  le  gauchlssenen* . 


c.  le  caractere  "calne"  n«j  "apite"  :  trn^uit  par  1’ autre  oonres arte  d>;  ve.:- 
le  plan  perpenrjiculaire  au  vecteur  vitesso  (  .O.  a.  V  /  V)  *  1  nnno  nous  1 ’avers  sif/'-nl- 
est.  bien  sou  vent  tr^s  difficile,  pour  un  pilotn,  de  distinpuer  los  api  tatirnr-  d. :  r— 
de  1* avion. 

Par  centre,  1 'existence  d’agitat inns,  surtnat  lnrsqur*  cel  :•  s-ri  rrei  r, 
tns  snuvpnt  un  facteur  favorable  a  in  recuperation,  nu  tout  an  rni-e;  '1  jn,'  »'v:  1  .* ;  •" 
d'equi  1  ihre.  La  connaissance  fie  1'aspKCt  ar.ite  on  cal^ie  est  dn^'-  i^>r^r*ant  pear  1*1’ 
diffe  rentes  grandeurs  nous  ont  done  senbl»-  es  sent!  el  lea  pour  carnet-':  iser  ur»  n-- j-.-ert.." 
traduire  1'etat  aerndynarriique  de  I'avinn  pt  pernettre  lone,  t  la  1  uni  err  des  result,  t 
litjre  sur  l«a  naquette  en  snufflerir  verticale,  Jonner  la  enttsirno  nr:»?f1.e  >  v*'*i 
p.ouvnmes  pour  snrtir  fJe  vrille. 


pour  carnet-  :  ise: 
one,  't  la  1  uni  err 
!'  la  t;fif^sipn»?  ■  sir! 
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utilisant  ces  truis  variables,  nous  uvuns  durr  ivalis*  j m»  rep r*v.un ?al  | nr.  tri  Jimuesio'  r  el  It 
l*t  tat  de  1' avion  ou  lie  la  niaquet.  t.e. 


l-!t>pronant  la  lassi  »'l  imt.  i  ;n  :*>s  qi  f  *V-r>"  *  r.  T  yp>  s  Jo  vrille  (  d ) ,  noi  =  s  ;  nuvof-s  over..  ru  -re 
»'  i  i’;j  :„j  t  i  r.-i,  representor  u?  i  .Vn  ? :  f  iur  clai  r  les  pr  i 1  oip.a;,;*  phgnnrs.r.us  v.i.M'ts  : 

-  la  vrille  .mV'ip  pi  :  j«’  o  :  car  I't^ris- r  par  1  nc  iqtjnr.p  -in  I’urire  .in  ••  ‘  °  .  nci*-  s  e? 

rrta?  i  ,t  constant.  illo  eat  ’►>  * .)  i  :*■  avi'-nu  1*  gers. 


-  la  vrille  plate  e?  rapidt?  :  1 '  i,%  :iclrr>{;e  ert.  5iu ;  *  rieure  i  *  °  «;t  In  'if.  rotation  f.tr 

important  [  *  to  nr  ur*  nei*'s  .in  ur  .vs 1  •  Ge?  ?*■  vri  i  I*,  e  r.  t.  ssuvo'-t  u  r-ni  :  •»’ ’•  ■  ~ur-r .»_•  s*  .<  m  car  lea 

sorties  son  t  so-.,  ven  t  longues  Djuurj  £?llec*  ?>e  s?  n?  ;  as  imj  i  ssj; -les )  # 


et  )  irv 


-  la  vrille  dos  :  1  *  incidence  est.  n»  r-itivn, 

-  ip  Jeep-stall  :  il  on  s’agi?  pas  de  vrille  prtr remen?  Cite 
ipnce  tie  vrille. 

■  ous  It’s  mouvcments  pr»-c  it*s  son?.  nmj  verne 'V  s  Jits  calmes 


atior 


nai s  il  exist c  egalenert  : 


-  lea  vrilles  moyunnenent  agit/es  :  sent  la  suporrosi tinn  o'osci  1  lations  on  tangage  ft  de 
rojlir.  sur  une  vrille  ralme,  l.ps  ; *  ri ? re  snot.  g*'n**ralemf.nr.  ;;as  egaies, 

-  Iejs  vrilles  agit*'*es  erconn*' e;$  :  compnrtent  les  oscillations  sur  les  treis  axes  fy  compris  lr 

lacet  •  ct  J  *  anpl  i  tu.ies  impcrtant.es  t?  t.  r.yrli  pen  .  fn  nnuv'enent.  ot.rf?  apparente  au  mciuvomrnt  c3*L;.1li'- 

Poinsot, 


-  Ins  vrilles  'i  ay. it.it i  '  .: 

:rri ssante  jusqj'i  ce  q-je  la  vrille  ;p 
passage  ;ios  :  :  '•  *<'*'? 

s  j>jt ntomeaux  :  la  vito 


'n*e''t.es  :  •  e  s  Xf-t  if  n  vriilr 
•:•  ;-i.  1 1 ■  laisst-r  :  1  me  i  ■ 

*..<••  a  lener-t  par  rn.lis, 

rr u  :  i  s  ?  s t.  pranq,  :ans  . 


or  tour  vitossn  ot  Ip  veotn  ;r  rotation  or.*,  i-f.nrt  ir,?. 


-.'.  1 ’arp.lir ..qr  .>:s  ayitatir 


'  any  j 


-  les  oscillations  rcuiis-la-:e*  :  -e  mr  .v-^nt.  ost  rr-nr:rntr*'  s  .r  Jos  a  vims  iv  si  start  *  la  vril 
raracterise  par  dos  oscil  latirr.s  pt  rio;:i  lues  ur  r.vlis  ot  lacet,  main  il  no  s’ayit  pas  do  vrilln, 


-  l-i  vrille  apt  tee  dosordonnee  :  los  imitations  n’r-nt  pas  de  periede  rnynlit  re  «t.  les  ro-venents 
do  1  'avion  sentient  a  lea  to  ires  :  1 '  incidenpo  i  o-;t  nrianper  dp  sigr.e. 


•t)  "ode  Ic  rerrdcoK* at 


A  cPaq'jo  instant,  l'otat  de  l'avirn  est  donq  represent-'  tans  un  tri;'dre  conpcrta'-t  suivart  x 

1  ‘  i^ciaenoe,  s.ilvant  .  In  ta;x  do  rot  a  tin-  a  .tour  de  vecte.r  -'^tesse  f  CL  /  V?  et  s.,ivant. 

l'a..ire  compnsante  do  sita^-e  tins  le  plan  porpendir; . laire  /  V).  La  representation 

pout  St  re  faite  en  tt-rps  reel  sur  .,n  ••rran  rraphirp-e  lors  dos  essais  on  vol  instrument?,  le  temps  ;:r. 
talc  ;  1  necessairo  pr  .t  ret.ro-jver  res  -.;u-.inti  ?•’  s  \  paitir  do  1 '  instrunontation  •’ tant  rnlat.i venent  fai i:  lr. * 
l)‘?  plus,  a-^in  de  me 1. 1 re  en  evidence  *  'aspect  "c-vnh/tim  du  nc> uvemcn r.’*,  on  conserve  sur  3  'reran  de  la 
representation,  1' image  cies  1”  ou  It  ot.ats  procL. dents,  Tela  pernet  ai'-’si  do  traduire  une  notion  do  la 

valoir  dos  q.'rivees  Jos  different.es  juantitv  s,  Dans  le  cas  o',  il  ovisto  dos  agitations,  par  exenple, 

aspect  J*  rivf*c  permet  de  savnir  si  ur-o  vrille  diverge,  si  1  ’avio*  est  s-jscept.iblp  do  quitter  sa  vrille. 


un  axomplo  -jo  representation  est  ..Jonno  planche  /, 

A  fin  d'illustrer  la  m*' thode  do  reprAsenta?  i  rn,  onus  prose  r,tf'ns  ini  :r'  fi  3m  d'a^imatirn  r-'j  srnt. 
simulA-r.  les  principoux  phAnom'-nes  grands  angles  pr»*  r/ujennent  j*'rrits,  Gn  pout  al^si  de  gayer  :ans  3 'os:  a. a 
jo  ror  r-'  sentatirin  les  regions  prnprns  '»  .no  .^at.Agnrio  dr>  fT>o-jvemef't.s  domes,  ['’ail  lours,  c:nmmo  n:>,.jS  In 
mpntro  la  planch*;  1,  dans  le  plan  (  <|  ,  w  ,  V  /  V3  nous  pouvnns  } ')  y  reoc^nmiltre  *os  dr-mai^r-s  ro 3  at  i 
•i  duelques  mnuvements  hien  typiques. 


f )  ’r'OK<?lU8iO‘n, 

fn  conclusion,  nous  dirons  qu'une  t.olle  t  npresmtati  on  u'a  pas  o>  la  pretention  ne  po..vi’ii 
traduire,  a  l'aide  uniquement  des  A  variatiles  preni  tAes,  t.n-is  les  mouvnment.s  possiPlrrS  -df;  1'avio'  ,  !‘n 
tel  -fessein  nenesst terait  un  nombre  do  grandeurs  physique?*.)  hi-^n  plus  important. 

File  r> 'a  eu  pour  objoettf  que  de  donner,  de  fayon  synthetique,  les  caranteristiquus  1,.  "(^jv-ri'd 
qui  nous  nnt.  snmble  nssentielles  afin  d’identifinr  rapidenent  le  mouvenent,  d'nn  -^eduire  la  srv«  :it»' 
ainsi  rjue  la  consigne  -If?  gouvernes  adequate  pour  en  snrtir,  Car,  Pien  sou  vent,  les  cor  ignes  ;!i  rent 
scion  les  oaracteres  plat  ou  pique,  dos  ou  ventre  ou  d’autres  encore.  He  plus,  1 ’» volution  du  phL nor* -a? 
pent  <5t re  favorable  srilnn  1 ’aspect  des  agitations. 

Pour  le  pilote  soumis  a  un  fort,  fact.eur  de  charge,  voyant.  1’horirnn  defiler  et.  t-asrulrr 
rapi  dement. ,  1  ’  identification  du  mnuvement  n'nst  pas  simple,  I  'experienre  a  non  t  re  quo  la  i:nn*ur,inn  pe..t. 
so  produire  entre  une  vrillf?  ot  un  t.nnneau,  une  vrillf?  ventre  el  une  vrille  dos  «?t.  memo  entre  une  'vrille 
'i  gauche  ot  une  vrille  a  tirni  to. 


k 


17B-4 


tnt'in,  pour  terminer,  nous  sip/nilnrons  r. ♦  >  1  1  * •  repa  •  ■.*  f i *  -it .i cm  ;.ou 

motlle-are  ;•  lassi  ficut  inn  Mes  Ji  ff^rent.  $  phonon*  ’vs,  .j  r*  i  1  !».-■. m  .annai  ssarv.  < 

1  *  inj-t-n ii»ur  JVssui  on  soufflerie  Jo  otmpnrer  :irv  ter.,:'  v  l,u  viill*:.  r- ‘eur  o’ 
Mioij.jotto  Inrs  tins  lancers  man  on  Is  j  la  son  f'l'  In ri  *  v->  r*  i .  i ! .  • . 

p  -  roFFriArio.v  MAQrmr-AvrM  hfia'ttvf  a  la  vfllj.f 


Fj't ! r  :  p/  !:,*t:CK  ?,■**; 


luiir  •  i  ’.i.t 

P  -1  . 

1  It  L.  f  !>t.  :•:.*- 


on  1  14 r  quo  t'nmcnc'' font  Ins  ossa is  ip  vriile  s.jr  »•  iq  jot tns  •"  sc  f*'jer  :«  1  • 

f  i  i  ip*. top,  •  J ' av i n'l;;  toes  tyi  **s  '  im*  s,  av.rs,  * :  amst  r-r‘ 
e-j  rr-ff’it'tis  i  1  '  Ptf  i.  proviso  Ini  son  I  I  i  :eu“:  v>  o  >  :  . 

ie-jrs . 

f  n  o t' •'*>♦.,  l.i  p !*• '  ; i  >'f  !  on  Jp  la  sr>ij»'*'lerie  s'est  aver*  »  =  *r*  ::  no  (yf-ri.  a  j  :  a  mi  tpr  :  *  *.  ir  *  : 

j'arnes  quo  poor  lor.  jvitvui  1*  i’.ors  ‘  near,  ■'  lartons  is:  I  os  avium*  :«■  *  ranspu-rt .  : 

Hites  .In  oompijrai  son  eus  vrll  Ion  naquotte  et  avion  no  peuvnr *  nt.ro  *  r*'  s  rams'. 

Airv.i,  prior  In  i  avionr.  ii'cimes,  la  fuu  ] ns  )  v r  x  II*?  1  n  i  re* ■rr-r^.r>  o  :  •; •  •  .qranJe  ,  c- 
i  lours  rami  s-Hes  trnuv»-.>s  on  Sea*  *'leri o. 

It?.'  rams  ran  m,  la  norm  '.at:  inn  nanuette-avi  r:r  n’es*  pa:;  one  r 
.  :  r  •  *'rnt,  11  arrive  ;ue  po-jr  on  avion  ayant  p L --ars  fr.-pms  in  vr 
-.i  t-  i  to  ,  :'i-  outto  pr-  . It  1  :  on  :i  to  r.  *  tv*  re  ri  ave  si 


.p'r.ii  i  i  •<  j !  ■  *'.}r  i  li  <  »-:r  la  mnstrort.  i  on  .pj  :•  1»>,  1  In  ‘  •; 

’ o>‘ i  ii '  : '  ■' :  :*•  :•  jottr  j  on  ot'i'ot.  son  •''■v.>r»'jr>'  •  *.  ii  *.  :o  ,  :1  m 

:*  avion:!  1*  '•.vrr-  a  I  viai  .;uos  ost  souvont  Jo  1 '  on  irr*  -lo  .  ,:*■  *s.  ♦. ,  --a  I,*!--  In  *oi 

ln:l  1  inprv.i  ■  Jn  port  a  Ins  Jo  snr,  •' lnnont.il  r-t.ainnt  ,->nonr»-  ;  «  u  paj-t  :  rul  1 r 

If  v  - ■  i  1  j !"t'  n*-  t.iit.  ,;un  Jo  .V  on. 


Ajparavant,  one  snulo  ruirluot-to  Jo  «:o  t.yp-o  1’av'ia»'  .ivii*.  ft*'  »■;•  ••  o*-  s  . '  J  i  i. 

I'a^issait  Jij  M  t'nnvorguro  rnaquetto  :  1,.’4  nt  pour  lotpjol  l  ’aoocrj  pn*ro  los  r/sult  a*  s  r. 

:!viori  f t.  pop. 

n  1  !! :  $  t  er:  quf  dee  eseaie  av:o>i  et  natTUd  t»\ 


l..n  t.inloriu  ci-aprrs  prosen  to,  so  Ion  lour  «’rJro  rin  onp-lori  t;o.  Ins 
relatives  'i  la  vrillo  Ju  moto-planeur  (or.nais  ^ranJour  ',r  r.-ir  na.iimtt  «•! ,  Pa»> 
;uo  telle  phase  J'essais  sur  maquetto  pst  la  r.onr.^  p.onro  .ti  m.-to  Jo  roultr 
V  men  Jen  to  J*psnais  sur  avion,  l.e  tableau  so  Unite  a  flonner  un  i>ro+*  r>  suno 
repris  «n  rietail  par  la  suite. 


verses  ranp.ir^es  res 
'•r  t.at'loau  il  appnra* 
nt’tenur.  :ans  la  phase 
s  t-f  si;  1 1  at  s  s  rr.iv-r{ 


■ '..impagne 
.1 1  essais 

Essais  avion 

:  seals  n.aque^fre 

1 

f  ssais  "onus  t  r-n:  tour  a" 

Apr* s  plusieurs  vrilles  saines,  nht.**i it. i on 
a'une  vrille  non  rnattrisee. 

Pas  q * eriny i s trements  d’nu  renseignenents 
sort  out  qual  itdti  fr, 

£ ssais  tiffed  u*-s  pour  tent  er  de  iv  tr  .r/er  , 
vri  11..  critique  truuyi'e  en  1  ainei  : ■  j* ■  ;:i  .: 
couvrir  lus  futurs  essais 

Led  vii  lies  ot»  tenues  sunt  tou  jo^rs  parfaitt- 
nent  saint's,  sans  au.  un  pro.  1  de  r*’ i  .3- 

tiun.  | 

Dependant,  par  securi  t*  ■,  vtud,:  d'un  "•c-yur.  or  i 
secours  qui  serait  install/  r.ur  l'avicr  pc.jT  \ 
la  en-  'Payne  3 

Moyen  retenu  :  fqs/p  sous  1'ext.rfimp  arri*  re 
fuselage  et  agissant  en  tangage. 

3' 

Essais  au  G.E.V.  et  done  avec  enre- 
gist.rements  • 

.  Environ  40  vrilles  effectuees 
.  Programme  prevo  inache ve 
.  no  %  des  phenomenes  obtenus  sent 

semblables  a  ceux  de  la  souf^lerie  3 
done  aucun  probleme. 

Dans  10  °0  des  cas  la  recuperation  est 
plus  longue,  parfois  tres  longue.  La 
derniere  vrille  refuse  de  s’arr§ter. 
Utilisation,  avec  succes,  de  la  fus6e. 

Done  confirmation  des  possibilites  de 
vrille  critique  trouvee  lors  des 
essais  1 

i 

1 

1 

i 

j 

i 

1 

1 

4 

Ftude  orientee  vers  la  recherche  d'un  eventual 
effet.  Reynolds  pour  tenter  de  retrouver  la 
vrille  inncintrdlable  de  I 'avion. 

Geometrie  de  la  maquette  modifiee  dans  ce  but. 
Avec  la  maquette  "Reynolds"  vrilles  critiques 
*  et  3  retrouvees. 

Gar  demande  du  construrteur,  recherche  d'une 
nouvelle  geometrie  de  l'arriere  susceptible  de 
r».>nijrfJ  t out es  les  vrillps  saines. 

Solution  retenue  :  empennages  en  T 

Essais  tutors  aver,  empennages  en  T 

i.es  prnOains  paragraphes  rnprendront  Rn  dr  tail  Ins  rr  •  v  •  j  1  tat  s  des  diverses  campagnes  d 'essais 
relatives  t  la  vrille  du  RF  in. 

4 '  phase  1  :  Premiere  aampat i^ie  df  essais  avion, 

V'us  reprnduisnns  ci-dessnus  quelques  extra! ts  rlu  rapport  '  ;  pi  Into. 

-  Plusieurs  vrilles  gauche  et  drnite  de  1  a  f_>  tours, 

-  Vrilles  qualifiers  de  conf  ort.ables  et  sained  R  ^  -4 ,  Cl  ~  4  s/tour 

-  Sortie  en  3/4  tour  avec  ’  consigne  ,  Plane  hr*  pousse  •  jnoeuvre  preponrlerante) 

.  Pied  nr  it  re 
•  Ailerons  vers  li  neutre 

-  Pnursultn  den  essais  jusqu’a  2 'obtention  d’unn  vrille  ini tialement  prevue  a  3  tours  et  pour 
lap. ‘lie  diverges  manoeuvres  fie  sortie  n'ont  eu  aucun  effet  fhinn  que  la  vrille  snit  du  menp 
type  due  celle  des  essais  precedents! 

-  Le  pilots  "saute"  vers  le  1?eme  tour 

-  "rjnrtle"  de  vrille  de  1 'avion  apres  abandon  du  pi  Into. 


S)  Phase 


:  Premiere  dtude  en  soufflerie . 


Les  tableaux  de  la  planche  5  presentent  les  resultats  de  soufflerie.* 

Dans  cette  planche  nous  voyons  en  premier  lieu  que  la  vrille  maintenue  est  moyennement  piquee 
cu  piquee  et  peu  raplde  (3  a  3,5  s/t  valeur  avion). 

La  vrille  se  perpetue  dans  un  domains  je  gouvernes  approximati vement  egal  au  1/3  du  Hnmaine 
total,  Tar  vole  de  consequence  le  domains  des  gouvernes  favoraoles  a  la  sortie  ost  tres  ju  ;  '  =i 
recuperation  ne  presente  done  pas  de  difficult.es  particul lores  ;  el  le  peut  @t.re  obten  .  avec  une 
consigns  simple  telle  que  : 

-  direction  Centre  et  profondeur  au  neutrn  ou  d  piquer  voire  memo  :  toutes  gouvernes  recentrees. 

fn  tout  e  tat  de  cause  la  consigns  optimale  de  sortie  deficit*  dans  la  planche  5  n*est  absolyment 
pas  indispensable  pour  obtenir  une  bonne  sortie, 

A  noter  que?  les  resultats  de  la  planche  5  ont.  etc  obtenur,  nfi.nn  dans  des  conditions  a  priori 
severes  vis-a-vis  de  la  vrille  fpar  exemple  a  un  cent rage  anormalement  arrieru).  Malgre  cette  severite 
nous  n’avons  jamais  retrouve  la  vrille  critique  de  1' avion, 

>-ette  premiere  etude  en  soufflerie  s'est  term! nee  rar  la  recherche  d ’ un  noyen  de  secours  en  vue 
de  proteger  1 'avion  pour  sa  future  campagne  de  vrille.  Nous  avons  c?  turtle  une  fusee  placee  a  1 'extreme 
arriere  du  fuselage  et  agissant  success! vement  en  laeet  et  en  tagage  ;  e'est  la  fusee  "tangage"  qui  fut 
re tenue . 


La  comparaison  de  ces  resultats  et  des  comnentaires  pilote  de  la  phase  d'essais  1'  fait 
apparaltre  dr  nombreux  points  d’ accord,  notamment  sur  : 


-  le  caractere  des  vrilles, 

-  1'effica cite  de  la  profondeur, 

-  les  consignes  de  sortie, 

Mai 3  il  s'agit  la  de  points  de  detail  dans  la  nesure  ou,  sur  le  point  le  plus  important 
(risquPs  dr  vrille  i ocontrAlab le) ,  le  disaccord  reste  total. 

f '  rlase  ?  :  Peuxidme  campagne  dfessais  avion . 

6'.  7  -  Programe  dfessais . 

te  programme  d'essais  prevoyait  des  vrilles  : 

-  gauche  et  droite, 

-  moteur  reduit  ou  coupe, 

-  de  cjurees  diverses  Cl  t  ,  ?t,  3t  et  5t) 

-  aorofreins  rentres  ou  sartis, 

-  '}  difr/rer>ts  centrages. 

f.n  ce  qui  concerne  les  gouvernes,  la  vrille  etait  lancee  fpuis  naintenue)  avec  les  manoeuvres 
classiques  pour  un  avion  16ger,  soit  : 


-  Direction  dans  le  sens  souhaite, 

-  Man che  tire. 


Les  ai lerons  eta lent  : 


-  lalsses  au  neutre 

-  ou  mis  Avec  (soit  pro-vrille 

-  parfois  Contre  fsoit  anti-vrille 


selon  la  soufflerie  et  pour  ret;  avion) 


Pour  la  sortie  la  manoeuvre  initiale  fut  toujours  : 

-  Direction  inve rsee 

-  Manche  pousse. 

La  campagne  d'essais  fut  interrompue  <S  la  3/emf?  vrille  i  de  ce  fait  1 'etude  de  certains  para- 
m^tres  n'a  pu  fitre  termintfe. 

6,2  -  Lee  vrille r  fr^quentee. 

Par  vrilles  fn?quentes  nous  entendons  les  phf*nomenes  qui  furent.  obtnnus  dans  -  DO  “«  des  cas  et 
qui  peuvent  $tre  presentes  en  une  seule  et.  memo  description. 


Dans  les  tableaux  de  resultats,  direction 
gouvernes  sent  hraqi/u?s  pour  nu  centre  un 


et  ailerons  snnt  dit.s  "Aver"  oij  Tontre" 
virage  de  mflme  sens  que  la  vrille. 


lorsque  ces 


A 
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Les  rvsultats  sent  }  Ksentrs  dans  la  pi  inm»-  *.  ;  lb,  j.l  r*.  re  ■:>  cribs  .ivr.n.  -Ji.it  : 


Resultats  1 

! 

i-.i  sri-»f  *'ler ie 

1 

C  iractr  re  de  la  vr  ille  :  ^ 

moyennement  piqu^e  ; 

peu  rapide 

Influence  des  ailerons  durant  la  vrille  : 
Vrille  t?i«n  main  ten  ue  ailerons 

Neutre  ou  Avec 

[volution  vers  un  arret  ailerons 

Con t re 

i  bon 

Recuperation 

Rapide  (  4£  1  tour)  avec  la  consigne 
Direction  l.’ontre 

Manche  pousse  i 

Tr-si 

.  bon 

De  ces  resultats  presentes  jusqu’ici  noun  retiendrons  la  rarfaite  correlation  existant  e  r  t re 
les  vrilles  maquette  et  avion. 

6 , 3  -  La  vri lie  arit ique . 

Pour  environ  in  “a  cles  vrilles  or?  1 ‘avion.  Ins  resultats  so  sont  done  ecartes  dp  ceux  de  la 
soufflerie  en  ce  sens  quo  la  recuperation  t  ut  plus  longue,  parfois  trC.s  longue  et  enfin  impossible  ( Ju 
rioins  par  les  gouvernes)  pour-  la  derninre  vri  lie, 

Le  present  paragraphs  concerne  la  vri lie  iocont rfilabln  par  les  gouvernes  (nous  reviendrons 
ul terieurement  sur  les  “longues’*  sorties), 

De  la  plancbe  /,  qui  contient  1‘essentiel  drs  res, vl tats  de  cette  vri He,  nous  pouvcns  faire 
quelques  commen taires . 

Au  moment  de  la  manoeuvre  de  sortie  fa  la  fin  du  .?eme  tour),  la  vrille  etait  moyennenent 
piquee  et  moyennement  rapide  (elle  etait  legerement  plus  rapide  que  les  vrilles  prtcedent.es)  , 

La  premiere  tentative  de  sortie  ffait.e  avec  les  manoeuvres  qui,  jusqu'ici,  avaiont  etc 
efficaces)  n'amene  pas  la  recuperation  ;  au  contraire  la  vrille  s'aplatit  legerement,  Les  gouvernes  ont 
4*te  naintenues  pendant  7  tours, 

Lars  de  la  deuxieme  tentative  de  sortie  le  pilots  applique  la  consigne  optinale  preconisee 
par  la  soufflerie  ;  cette  consigne  est  maintenue  pendant  4  tours  mais  cela  n'crmpeche  pas  la  vrille  de 
s ’ agg raver  (vrille  devenant.  plus  plate  et  plus  rapide),  Le  pilote  a  alors  recours  a  la  fusee  et  1 'arret 
est  immediat. 


II  est  evident  que  cette  description  est  en  total  disaccord  (mise  a  part  l’efficacite  de  la 
fusee)  avec  ce  qui  fut  trouve  en  soufflerie  puisqun  au  cours  des  tent.atives  d»  >ortie,  non  seulement 
1‘ arret  n’a  pas  ete  obtenu  mais  la  vrille  s’ est  aggravee  fee  qui  ne  veut  pas  dire  que  ce  sont  les 
manoeuvres  de  sortie  qui  ont  aggrave  la  vrille,  car  nous  ignorons  ce  qu’elle  serai t  devonue  si  les 
gouvernes  avaiont  ete  laisscps  pro- vri 1 le 1 . 

Mais  si  ce  resultat.  est  en  drsacr.ord  avec  la  soufflerie  il  faut  egalement  remarquer  que  cette 
vrille  fet  surtout  sa  sortie)  s 'e carte  aussi  fort.empnt  des  phenomenes  p rncedenment  trnuves  sur  net  avion, 
II  y  a  done  ega lement  one  dispersion  a  1 ’ inter ieur  memo  de  la  campagne  d'essais  avion,  dispersion  que 
nous  avons  tente  d'expliquer  par  urie  analyse  apprnfnndin  tie  toutes  les  vrilles  et  que  nous  pivsentons 
dans  le  prochain  paragraphe, 

F,4  -  Analyse  de  J  'ensemble  des  vrilles, 

Au  cours  de  cette  analyse  nous  avnns  recherche  1 ‘influence  des  divers  parametres  (sens  de  la 
vrille,  sa  duree,  le  moteur  [.  t  il  est  apparu  que  scale  la  duree  de  la  vrille  lit,  7t ,  H  ou  l't) 

avait  une  action  marquee  sur  la  duree  de  sortie. 


fn  effet,  et  nomme  le  mont.rp  la  plannhe  A,  les  sorties  sont  sy s tenat iquenen t  sat.isfaisant.es, 
sauf  lorsque  la  manoeuvre  de  sortie  est  tentee  a  la  fir.  du  7 erne  tour  j  dans  r:e  ras  la  recuperat  i no 
peut  St  re  : 


-  encore  satisfaiaante 

-  icceptable 

-  tres  longue 

-  impossible 


Os) 
f  4s  1 

r  /  5,  i 

(utilisation  de  la  fusee) 


r.es  result.  >t.s  sent,  pour  le  mot  ns  surprenants  car,  entre  autres,  nous  pourrinns  en  i  ijnii.jp  qu, 
si  toutes  les  vrilles  de  1 ‘avion  .jvalent  etc  longues  f  >  d  tours)  il  n‘y  aurait.  Jamais  eu  de  pint  defies. 


Comp t.e- ten u  de  ces  premiers  resultats  nous  avons  puusse  plus  loin  1‘analyso  des  vrilles  j  .  el  i 
nous  a  conduits  aux  resultats  Inrlus  dans  la  planche  d  qui,  dans  une  rnrtaine  mesure,  pnijrnrb’nt  foul-nil 
une  explication  aux  fli  f  f  iciilt«'*s  de  sortie  rencnnt.rees  apres  tours  de  vrille. 


l 
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Dans  la  planche  lJ  nous  voyons  en  effet  qu’a  la  fin  ilu  7eme  tour  la  vrille  est  plus  severe,  et 
ce  pourrait  etre  cette  aggravation  pas sage re  de  la  vrille  qui  deteriorerai t  les  sorties. 

II  faut  cependant  reconnattre  que  cette  explication  ne  peut  pas  nous  satisfaire  totalement  j 
nous  avons  deju  precise  qu‘il  existait  une  certaine  dispersion  entre  les  resultats  avion  et  cela  apparaft 
nettement  dans  la  planche  10  ,•  dans  cette  planche,  deux  essais  lances  cans  des  conditions  (sens,  mo  tear, 
centrage  ...1  identiques  ont.  donne  des  vrilles  tres  voisines  a  parti r  desquelles  la  recuperation  a  ete 
sat ist'aisante  pour  l’urie  et  tres  longue  pour  l'autre. 

L ' interruption  prpmaturee  ties  essais  n'a  pas  permis  d'apporter  de  nouveaux  eclairci ssenents 
sur  ce  point,  et  ce  n'est  pas  des  essais  en  soufflerie  verticale  qui  peuvent.  le  fairs. 

7)  Phase  4  :  DeuxiPme  dtude  en  soufflerie . 

L1  incident  que  nous  venons  de  decrire  a  provoque  une  etude  compl»'»mentaire  en  soufflerie  ; 
conpte  tenu  de  la  geometrie  de  la  maquette  et  notamment.  de  la  faible  cordo  de  l'aile  en^son  extremitc 
nous  avons  envisage  une  influence  du  nombre  de  Reynolds  sur  la  voiluro  '  ji:  avion  *  .3 . 1  n  , 

Jl.  naquette  3  0,06.10°  ;  nos  essais  ont  done  ete  orientes  dans  ce  sens.  Avant  de  presenter  les  resultats 
de  cette  phase  d’essais,  nous  donnons  quelq ues  renseignements  qui  nous  furent  tres  utiles  pour  la 
conduite  de  1 ’etude, 

7.2  -  PJsultats  NASA . 

La  planche  11  presente  quelques  resultats  de  rnesures  qui  furent  effectues  a  la  NASA. 

Le  premier  graphique  montre  1 ’evolution  des  courbes  C  =  f(  (V  )  en  fonction  de  fref.1)  j 
nous  voyons  en  particulier  que  : 

a)  pour  un  domaine  d' incidence  relativenent.  et.endu  ( de  10°  a  40°}  1’  influence  de  est  bien 
marquee  et  se  caracterise  par  : 

-  une  modification  de  la  valeur  de  1* incidence  de  decrochage 

-  une  variation  du  max 

-  des  inversions  du  gradient  de  portance. 

bl  1 ’effet  Reynolds  dispuratt  pour  rt  >45°. 

Le  second  graphique  montre  les  possibility  de  modifier  sur  une  maquette  les  caract£ristiques 
aerodynamiques  (pour  se  rapprocher  de  celles  avion)  en  modifiant  le  profil  de  la  voilure.  Le  remrde 
consiste  a  ajouter  un  bee  sur  toute  ou  partie  de  l’envergure  (ref.  7). 

7..?  -  Incidences  7 real rs  durant  une  vrille . 

Du  premier  graphique  de  la  planche  11  nous  pourrions  nonclure  que  1’ effet  Reynolds  ne  se 
manifeste  pas  dans  le  domaine  d’incidence  de  vrille  ;  en  effet  au  cours  d’une  vrille  1 ’ incidence3  atteint 
frequemment  45°  et  peut  m^me  aller  beaucoup  plus  loin,  rje  1’ordre  de  70°  pour  une  vrille  plate,  ^ais  11 
ne  s’agit  la  que  d’incidences  moyennes,  celles  concernant  le  plan  de  symetrie. 

Or  si  nous  prenons  en  compte  les  incidences  locales,  interessant  en  particulier  la  voilure, 
nous  constatons  (voir  planche  17)  que,  par  exenple,  en  extrSmite  de  l'aile  exterieure  1’ incidence  est 
relativement  faible  (surt.out  pour  un  planeur)  t  en  tout,  etat  de  cause,  au  vu  de  la  planche  11,  cette 
extrSmlte  d’aile  peut  tres  bien  gt.re  concemee  par  1 ’effet  Reynolds,  ce  qui  peut.  remettre  en  question 
la  representativit.e  des  phases  de  vrille  en  soufflerie. 

Cortes  il  n'y  a  pas  lieu  de  generaliser  cette  rnmarque  a  tous  les  avions  legers,  car  I'nn  salt, 
que  1 ’effet  Reynolds  en  vrille  est  tres  dependant  des  caracteri stiques  de  la  voilure  (profil, 
envorgure  ,,.). 

7.7  -  Fssaie  prdl iminaires  a  I'TMFl , 

Au  vu  des  resultats  NASA  nous  avons  commence  la  deux temp  etude  du  moto-planeur  par  do a  mesi.res 
sur  bilance  en  bquipant  la  voilure  de  bees  de  formes  di verses  (voir  planche  13)  et.  parfois  tie  petits 
volets  braques.  Par  la  suite,  pour  les  essais  de  vrille  libre,  il  suffisait  alors  de  choisir  la  geometric 
de  voilure  qui  donnait.  des  C  f  d )  les  plus  proches  de  ceux  de  1 'avion. 

Un  obstacle  se  presents! t  oopendant  car  pour  1 'avion  concerne  (et  e'est  sou\ ent  le  cas  po.d 
des  avions  legers)  nous  n 'avions  que  tres  peu  de  renseignements  sur  ses  r.aracterist.iq  es  aerodynami q.;cs 
(seul  le  C^max  6tait  oonnu).  Cn  1' absence  de  ces  renseignements  nous  avons  alnrs  proc£de  ainsi  : 

La  vrille  critique  de  1 ’avion  (que  nous  dovions  reproduire  en  soufflerie)  et.ait  bien  definie  } 
en  particulier  nous  ennnaissions  sen  principales  caract.eristiques  (assiett.e  longi t.udinale ,  tfur£e  de 
1  tour)  et  cela  pour  trnis  phases  de  vrille  bien  precises  et  correspondant  chacune  a  une  combinaison  de 
braquage  de  gouvernes  bien  definie,  soit  : 

a)  maintien  de  la  vrille  : 

Direction  Avec  *  Mane ho  tire  ♦  Ailerons  neutre 

b)  premiere  tentative  de  sortie  : 

Direction  Centre  ♦  Manche  pousse  ♦  Ailerons  nout.re 

cl  deuxieme  tentative  de  sortie  : 

Direction  Centre  ♦  Manche  ptiussr  *  Ailerons  centre 


voir  planche  ? 
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Nous  avons  alors  reproduit  sur  la  maquette  ces  trois  combinaisons  de  gnuvernes  et,  pour  chac^ne 
d'elles,  nous  avons  tente  de  retrouver  la  vrille  de  l'avion  en  utilisant  successivument  les  differentes 
geometries  de  voilure  mises  a  notre  disposition  par  les  mesures  sur  balance, 

Le  resultat  escompte  fut  obtenu  avec  une  geometrie  de  voilure  qui,  lnrs  des  ne cures  sur  balance, 
a  donne  les  resultats  inclus  dans  la  planche  14.  Les  resultats  de  vrille  libre  nbtenus  avec  la  nouvelle 
geometrie  sont  donnes  dans  la  planche  IS  (qu'il  faut  comparer  a  la  planche  /)  ;  It:  senl  ecart  bien  mariue 
concerne  le  phenomena  obtenu  avec  les  gouvernes  pro-vrille  et  pour  losquelles  la  vrille  or  soufflerie  est 
plus  plate  i  mais  cet  ecart  peut  £tre  at trihue  au  fait  que  sur  l'avion,  i  la  fin  du  b*me  tour,  la  vrille 
stabilisee  n'etait  pas  encore  atteinte. 

7.4  -  Etude  complete  de  vrille  libre. 

Apres  obtention  de  ces  premiers  resultats  nous  avons  approfondi  les  essais  :e  vrille  libre  avec 
la  voilure  "Reynolds". 

Les  resultats  de  cette  investigation  sont  donnes  dans  la  planche  lb  a  partir  d*.-  laquelle  trcis 
constatations  importantes  peuvent  §tre  faites. 

En  premier  lieu  nous  voyons  que  dans  un  domaine  de  gouvernes  (d'ailleurs  asse/  restraint  1 ,  res 
vrilles  tres  plates  (0  *  -10°)  et  tres  rapides  M  s/t  avion)  sont  observers  ;  ces  vrilles  sort  not turnon* 
plus  severes  que  ce 1 les  de  l'avion,  mais  cela  n«  const! tue  pas  un  disaccord  car  1«  domaine  "pro  vrill‘j 
plate"  trouv^  en  soufflerie  n'a  pas  ete  explore  sur  l'avion. 

La  deuxieme  remarque  importante  concerne  l'etendue  du  dornaine  de~  gouvernes  a  1  ’  int>  ri‘'ur  duj.xl 
la  vrille  se  perpetue  ou  se  maintient.  lorigtemps  ;  ce  domaine  recouvre,  ou  presque,  la  totalis’  domain* 
des  gouvernes  j  en  d'autres  termes  les  possibi  li  tea  de  sortie  sont.  nullns  ou  fait)  les.  be  la  r.«mf  i  r^-i?  les 
problemes  de  l'avion. 


Cnfin  troisieme  remarque,  d* apres  la  plane 
n'existent  que  si  : 

a)  La  direction  est  rnise  contre 
et  le  manche  est  pousse 

b)  Et  si,  en  plus  les  ailerons 
sent  mis  Avec 

Nous  nous  t.rouvons  ainsi  devant.  un  cas  (qui 
d' action  d'une  gouverne  (et  done  la  consigne)  change, 
a  vaincre. 


1  1b  les  possibilites  ffaihles)  de  rbv.up*  rati.:'. 

f  i.onsicnr  i.rent  i  quo  '•  i».  tiouv»K  ;  r  •  •  .V'-mer. t  « 

la  naquette  "origi'H5”  (•  t  xu *'irm  *•  su:  avi;^) 

alors  que  la  consigne  prbr  t.ni  «•>»  o  avre  la  muquett  r 
origin?  ‘fait  «u  lerrns  font  re  f  ■„  ■•1  r  ;  1.‘ 

n'est  d’ailleurs  pas  unique)  pool  leq.jp  1  1»  sic  s 
pour  un  n£me  avion,  scion  le  r'arar  t? :  o  do  la  .rill* 


Ainsi,  lors  de  la  vrille  critique  de  l'avion,  le  piloto,  se  fiant  au*  consignee  cs  par 

la  soufflerie  ( trouvees  sur  la  maquette  "origine"  et  definios  pour  contrer  une  vrille  pique?)  ?  'a  pas 
applique  la  consigne  totals  permettant  de  vaincre  une  vrille  plate. 


f.n  conclusion,  les  essais  en  soufflerie  avec  la  maquette  "Reynt  Ids"  ont  permis  de  retrouver  la 
vrille  incontrolee  de  l'avion  j  mais  ces  essais  ont  aussi  mnntre  que  la  soufflerie  n'avait.  pas  fciurni  au 
pilote  la  total ite  ties  informations  susceptihles  de  mat t riser  la  vrille  ;  ou  plus  exactemont  la  soufflerie 
avait  donne  tous  renseignementn  va lab les  pour  contrer  une  vrille  piquet?,  mais  non  valables,  dans  lour 
totality,  pour  vaincre  une  vrille  plate. 

Remarque  :  Pour  Jes  raisons  t)ien  comp  rot  iensi  tiles,  1* etude  on  souftlerie  a  pc.r't  sur  les  points  les 

plus  interossants  pour  l’avion,  a  savnir  :  la  vrille  critique  et  les  moyens  d*y  remoter 
(ce  qui  fera  l'objet  du  paragraphe  A). 

"ependant  de  quelques  essais  fai  ts  avec  voilure  Reynolds  11  senhle  que.  aver  crtde  r»n..;.-:p 
gnome  trie,  nous  pouvons  egalement  reprnduire  la  vrille  la  plus  frequente  do  l'ivi^r, 
e’est-a-dire  la  vrille  piquee  sans  prnblnme. 

He  ces  quelques  essais  il  semblerait.  dnni:  ressortir  qu'unn  g*  nm.  trie  dr  maq  .et  tr.  ♦  i  •--» 

pour  remedior  a  l'effet.  Reynolds,  n'*>linifte  p.is  pour  autant  <»r>  «;n-;f f lt-r  ie.  f  er1aiM  < 
formes  de  vrille  que  l'avion  est  susceptible  de  rencont rei . 

8)  phaee  (5;  :  Troieifime  >*tude  en  pouf  fieri  . 

Sur  demantle  du  const  run  ten  r,  nous  avons  et.udie  diversrs  noli  *  i  cat  i  n»  s  iir  m.rjueMr-  i  •  ie?  1  ‘ r  1  * ' "  ■  * 1 J 
equlpee  de  la  voilure  "Reynolds")  afin  rj'eliminer  tout,  risque  <ie  vrillt'  i rfi  lab  1»*. 

be  resultat.  a  ete  nhtonu  avec  —  .  les  empnnnaj'.es  en  T  f\/oir  ;  lie,1..  ’ ju  i  ,  '-nn.par*  e  a  la 

planche  i>,,  mnntre  une  notte  ame  1 1  oration  1 . 


p)  f'onolup  ion. 


-.rir» 


be  cas  de  muuvai-.°  prediction  (ou  plus  evai  ti-nent  •]•-  pr*:ii«tin»i  i  i>  -.np.1  •  t  r  1  qu»> 
’est.  present.*':  rarement.  au  enurs  dec.  AD  anfu'es  d*«  ssais  de  sm i ff  1‘ Ti *•  i  1  1 41  1  . 


repenrlant,  lorsqu*  une  mauvaise  <  i-ji-r  1.  d  i  <»n  e<vt  tun'd,  d 
ecart  est.  tr*  r»  r'.nuvent  danc.  li>  sens  i  ed»  •;  i  i  ah  1*-  f  du  l-oir.t  dr  v<;>’ 
rb-sul'rits  r  If  >  soufflerie  sent  op  t  jmi  st  ms  . 


.'T  i  i  les  maquet  •  e  et  a. 
•.Icn'l  .ans  1.1 
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Ces  ecarts  nous  ont  conduits  a  modifier  progress! vement  notre  methode  d'essais,  ainsi  d’ailleurs 
que  notre  fagon  d *  interpreter  les  resultats  de  soufflerie.  A  titre  d'exemple,  et  compte  tenu  des  resultats 
du  moto-planeur,  les  essais  de  vrille  libre  sont  maintenant  precedes  de  mesures  sur  balance  et  cola  pour 
toutes  les  maquettes  d'avions  legers  ;  en  effet  si  nous  considerons  que  la  vrille  d ' un  planeur  peut,  le 
plus,  etre  affecte  par  1 'effet  Reynolds,  certains  resultats  NASA  et  IHFL  ont  montre  que  les  avions  legers 
classiques  n'etaient  pas  a  l'abri  de  tels  problemes. 


C  -  MODEL TS AVION  ET  SIMULATION  DE  LA  VRILLE  PLATE. 

Au  cours  de  ces  dernieres  annees,  ont  ete  effectues  a  1'IMFL  sur  une  m£me  maquette  d' avion 
d'armes,  a  la  fois  des  essais  de  vrille  libre  en  soufflerie  verticale  et  des  mesures  sur  montages  dynami- 
ques  du  torseur  aerodynamique  global. 

Or,  sur  cette  maquette,  on  a  retrouve  en  vrille  libre,  une  vrille  plate  et  rapide,  Sur  la  base 
des  resultats  de  mesures  obtenus  sur  balance  en  soufflerie,  nous  avons  done  essaye  d'6crire  un  modele 
aerodynamique,  d’en  identifier  les  principaux  coefficients  et  de  retrouver  en  simulation  la  vrille  plate 
et  rapide  reconnue  lors  des  lancers  manuels  a  la  soufrlerie  verticale.  Ceci  dans  l’objectif  d'essayer  de 
correler,  a  travers  un  modele  aerodynamique  limite  et  adapte  au  domaine  de  la  vrille  plate,  les  mesures 
experimentales  sur  balance  avec  le  mouvement  retrouve  sur  maquette  en  vol  libre. 

L'interSt  d'une  recherche  de  comprehension  des  phenomenes  lies  a  la  vrille  plate  reside  dans  le 
fait  que  ces  vrilles  sont  les  plus  critiques,  souvent  i rrecuperables  par  le  jeu  des  gouvernes  convention- 
nel  les. 


Au  cours  de  cet  expose,  nous  presenterons  successivement  : 

1)  Les  resultats  experimentaux  en  soufflerie. 

2)  Le  modele  aerodynamique. 

31  Les  resultats  de  simulation. 

I  -  Resultats  experimentaux. 

Montages  dynamiques . 

L'Institut  de  Mecanique  des  Fluides  est  dote  de  deux  montages  pernettant  d'effectuer  des  essais 
dynamiques  jusqu'aux  tres  grandes  incidences  dans  le  domaine  incompressible. 

Le  premier  presente  (pi. 18)  est  un  montage  tournant  installs  dans  la  soufflerie  verticale  de 
4  m.  de  diametre  et  permettant  d'effectuer  des  mesures  de  coefficients  en  rotation  continue. 

Ce  montage  est  particulierement  adapte  a  simuler  la  vrille  puisqu'il  permet  d'effectuer  des 
taux  de  rotation  importants  autour  du  vecteur  vitesse  jusqu'aux  tres  grandes  incidences. 

Le  second  presente  (pi. 19)  est  un  montage  d 'osci 1 lations  forcees  installs  dans  la  soufflerie 
horizontale  de  l'TMFL  et  qui  permet  notamment  les  oscillations  en  roulis  et  t.angage  jusqu’a  90°  d'inci- 
dence. 

Maque t te . 

La  maquette  utilise  est  une  maquette  d'avlon  d'armes  de  type  general,  presentant  notamment 
les  varact^ri  stiquos  genmotriques  suivantes  :  aile  en  f 16che  a  prnfil  voi  lure  basse  et  f  jnd 

fuselage  plat, 

i '  Essais  sur  montage  tournant. 

t es  essais  sur  la  balance  rotative  ont  etc  effectues  a  une  vitesse  de  3D  m/s,  soi t  un  nombro  de 
Reynolds  par  rapport  a  la  cr.rdR  de  idO  000.  Le  programme,  realise  pour  d'autres  objectifs,  couvrait.  un 
large  domaine  q©  vnl  et  ne  compt.ait  qu'un  r-ombre  d’essais  limite  :  mesures  par  pas  de  dix  degres  en 
incidence,  reile-r  i  variant  de  1  a  90  degres.  Des  essais  en  derapage  ont  egalenent  'te  effectues  par  pas 
de  dix  degr  s.  Pour  rhaque  valpur  du  couple  (  O'  ,  )  les  mesures  ont  ete  faites  en  statique  et.  en 

rotation  ervd  *  fiue  pear  trnis  valours  distinctes  de  ne/v . 

Po'ir  des  raisons  de  conmndi to,  prop  res  a  la  mode  1  i  sat  ion,  les  resultats  experimentaux  fournis 

sont  les  valours  des  coefficients  aerodynamique s  en  repere  lie  au  vent  (C  ,  F  .  L  1  et  les  coefficient 

xa  ya  za 

rje  moment  en  repf  re  maquette  (e^  ,  0^  ,  f^)  .  Nous  presentons  les  resultats  d’essais  en  essayant  de  degage 
1 '  inf luence  rje  chaque  variable,  a  savoir  success! vement.  1 'incidence,  le  derapage  et  la  rotation  continue, 

m  Variations  en  fonotion  de  l  'incidence . 

ta  remarque  la  plus  notoire  en  ce  qui  conrerne  la  variation  des  coefficients  vis-a-vis  de 
est.  1 '  appari  t  i  ort  d'une  important.^  discontinuity1  des  valours  du  moment  fie  lacet.  et.  de  la  force  laterale  a 
ft  T  d,  pour  tjrm  valeur  de  1 'incidence  comprise  ent.re  4n  et  80  degres  (pi. 20). 

Au  vii  de  nombreux  resultats  experimentaux  tant.  frangals  (IMF l,  ('FAT  ...1  qu’iH  ranger  (NASA  ...), 
ret.te  « 1 1  sc  ont  lnui  t6  correspond  a  un  effet.  hten  nnnnu  de  pnintn  avant  : 
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.  cette  discontinut to  semble  apparattre  simul tanement  sur  C  et  C 

y  a  n 

.  les  valours  de  L  et  C  sont  de  mSme  signe 
ya  n 

•  le  monent  de  roulis  (Cg  1  reste,  quant  a  lui,  de  tres  faible  amplitude.  Cette  asymetrie 
attribute  a  l'existence  de  vortex  dissymet  riquJS  a*j  riiveau  du  nez  de  l'avion  (4).  Cette 
structure  d'ecoulement  croe  une  importante  force  de  pression  laterals  dont  le  point  d'appli- 
cation  se  trouve  a  proximite  de  l1 axe  longitudinal  et  a  l’avant  de  la  maquette. 

Au-dela  de  cette  dissymetrie,  le  moment  tie  lacet  redevient  en  module  beaucoup  plus  faible. 

Par  contre,  le  moment  de  tangage  reste  quant  a  lui  constamment  negatif,  decroissant  en  fonction 
de  1’ incidence,  et  de  module  tres  important  compare  au  moment  de  lacet. 


far  ailleurs,  nous  donnons  (pi. 21]  le  trace  de  la  polaire  de  cette  maquette  qui,  nous  le  verrons 
plus  loin,  jouera  un  r51e  important  dans  la  modc’lisation  de  la  vrille  plate. 

m  Variations  en  fonction  du  derapage . 

Plusieurs  principaux  resultats  d’experience  peuvent  etre  resumes  ainsi  : 


-  Les  parametres  longitudinaux  (C  ,  C  ,  C  1  se  trouvent  relativement  peu  influences  par  le 

xa  za  m 

derapage,  to.  t  au  moins  tant  que  celui-ci  ne  depasse  pas  en  module  ID  degres. 


-  Le  moment  tie  roulis,  par  contre,  depend  fortement  de  la  valeur  du  derapage  corrne  le  mont.re 
la  planche  22  ou  l’on  peut  voir  que,  jusqu’aux  tres  grandes  incidences,  C »  reste  lineal  re  en  fonction 

de  ft  ,  la  derivee  conservant  sur  un  large  domaine  d* incidence  une  valeur  quasi -constante  et  restant 

de  toute  fagon  negative  :  l'effet  "diedre"  est  conserve  jusqu’a  90  degres  d’incidence. 


-  Les  coefficients  f  et 
ya 

du  derapage  comme  nous  le  mont'^nt 
peuvent  Stre  notes. 


sont,  eux  aussi,  jusqu'aux  tres  grandes  incidences,  fort  dependants 
les  planches  23  et  24.  D'ailleurs  a  ce  sujet  deux  faits  importants 


.  Les  derivees  C 

n  & 

<!e  de  l’ordre  de  .'3  degres. 
tevient  instable  en  derapage. 


et  ^  s'annulent  et  changent  de  signe  simul tanement  pour  une  valeur 
A  partir  de  cette  incidence,  l'effet  "girouette"  disparaft.  et  la  maquette 


.  La  discontinuity  trouvee  a  /$  nul  existe  encore  lorsqu’il  y  a  du  derapage  et  agit  dans  le  meme 
sens  que  prone demment.  On  peut  considerer  que  l’on  a  ici  superposition  de  dejx  effets,  l’effet  de  dera- 
page  et  celui  do  pointe  avant.  La  courbe  obtenue  a  /5  =  0  pouvant  en  premiere  approximation  etre  considered 
comme  la  courbe  moyenne  de  celle  a  =  >10°  et  =  -10°.  De  plus,  nous  pouvons  considerer  que  les 
coefficients  aux  tres  grands  angles  varient  lineairemer. *.  avec  le  derapage. 

*  Variations  en  fonction  de  flC/V  . 


La  rotation  imposee  a  la  maquette  est  une  rotation  centree  sur  le  centre  d’inertie  autour  du 
vocteur  vitesse.  Au  r.ours  d’un  tour  incidence  et  derapage  sont  done  constants.  Sur  la  planche  2r>  nous 
pnuvons  noter  la  dependance  du  moment  de  lacet  vis-a-vis  de  la  rotation.  Sur  cette  figure,  nous  pnuvons 
dist.inguer  grossierement  trois  zones  d’incidence  ou  le  comportement  du  semhle  different  : 

.  La  zone  nfj  a  est  inferieur  a  3D  degres  d’incidence.  Dans  cette  region,  le  cumpor  terser  t  en 
lacet  pout,  tres  Men  se  traduire  grace  a  un  modele  lineaire  comport.ant  les  derivoes  de  stability 

dynamiques  classiques  :  C  et  C 

np  nr 

.  La  zone  comprise  entre  3fl  et  SO  degres  d' incidence  ou  quelle  que  soil,  la  valeur  de  Q  0.  A/, 
on  re trouve  1  * asymotrin  de  l'ocoulement  et  la  disenntinui to  trouvee  en  statique.  Pans  cette  zone, 
at. feint  ijn  minimum  aux  alentours  de  50°  pour  une  valeur  comprise  ent.re  .12  et  .IS. 


.  fnfin  la  zone  des  truss  grandes  incidences  nu  le  moment  revient  en  module  a  ties  valeurs 
beaucoup  plus  faihles,  Dans  cette  region  la  depnndance  vis-a-vis  do  Cl  l/\I  apparalt  complexe  et.  surtout. 
difficile  i  identifier  ear  les  moments  de  lacet  cormspondants  sent  petits,  la  determination  do  deriveos 
dans  un  domaine  de  variation  aussi  etroit  est  tn-s  sensible  aux  bruits  de  mesure.  Nous  verrons  d'ailleurs 
par  la  suite  que,  pour  la  vrille  plate  et  rapide,  le  monent  de  lacet  aorodynanique  est  en  valeur  absolue 
f  r*  s  faible,  Dais  sa  variation,  sa  dependance  vis-a-vis  ties  variables  d'etat,  joue  un  role  important  dans 
i  b'-qul  1  ibre  de  vrille. 


b)  Fssais  en  oscillations  forces. 


Le  montage  balance  rotative  favorise  cinema t.iquemen t ,  dans  le  domaine  de  la  vrille  plate,  la 
vitesse  de  lacet  par  rapport  aux  aut.res  vi  tosses  de  rotation.  Pelles-ci  ont  tins  nodules  trnp  fait  les  pour 
permett.ro  une  bor  -.n  identification  des  coefficients  de  st.nhilite  correspnndants,  nr*  l  'nr.currnnre  les 

coefficients  d  ’  amort. i  ssemnn t  r  ot,  f  ,  , 

nq  <  P 

Nous  dtsposinns  de  resultats  d’essais  en  o.sri  1  lat.inns  forcoes  nffert.uees  dans  la  souf fieri*1 
hnriznnt.ale  rie  2  m  de  diametrn  rle  1’IMFI  ,  Ce  montage  pnrmot  d ’ ef fnctuer,  jusque  dans  If?  domaine  dps  t  r*‘ s 
grandes  incidences,  des  nsr.i  1  lat.i nns  fie  tangage  et  de  roulis  (pi.  191, 

le  t.rai  foment.  de  res  roes*  ires  noir,  permnt  tt  ’  i  dnnt.i  f  ier  les  nnof firiunt s  d-riv^s  d«  ’  stuMiit*  . 


L 
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II  -  Moduli  sat  ion  dc  la  vrille  plate . 

A  partir  des  donnees  aerodynamiques  presentees  preceriemment ,  nous  avons  essaye  d'errire  lt 
modele  prenant  en  compte  les  principaux  effets  aerodynamiques  dans  le  domaine  de  la  vrille  p  1  ^ i *? . 

Mais  l'objectif  fixe  etait  surtout  d'essayer  de  degager  certains  facteurs  structured  .mpcrtants 
dans  un  tel  modele  aerodynamique.  Ce  modele  tente  done  de  traduire  schematiquement  les  caractei  istiques 
essentie lies . 

Nous  avons  done  ete  amenes  a  faire  une  serie  d ’ hypotheses,  certaines  d'entre  elles  tiennent 
aussi  a  la  limitation  du  nombre  de  mesures  effectuees  et  de  la  quantity  g ' inf ormations  disponibles. 

Les  efforts  aerodynamiques  sont  supposes  5tre  la  superposition  de  differents  effets  bien  distincts 

.  L'effet  de  1' incidence  j  ce  parametre  est  fondamental.  Les  resultats  de  mesure  obtenus  en 

statique,  en  fonction  de  1 'incidence*  sont  consideres  cornme  des  fonctions  a  part  entiere  C  .  fa).  pcur 

xi 

chaque  coefficient  les  courbes  C  ( (*  ]  sont  tabulees,  mises  en  memoire  et  utilisees  comme  une  dennee 
aerodynamique  de  base. 

.  L'effet  du  derapage, 

Comme  nous  1' avons  signal^  precedemment ,  dans  le  domaine  qui  nous  interesse,  l'effet  du  cera- 
page  peut  Stre  considere  comme  lineaire.  II  intervient  done  par  1 ' intermedia ire  d'une  derivee  premiere. 

.  L'effet  de  la  rotation  de  vrille. 

Nous  avons  vu,  a  travers  les  courbes  experimentales  de  C  (pi, 251,  qu'il  etait  difficile  de 
distinguer  l'effet  de  la  rotation  aux  tres  grandes  incidences.  Les  differentes  valeurs  du  coefficient 
de  moment  restant  en  module  petites,  empSchent  une  identification  ou  meme  une  1 inearisation ,  II  faudrait 
pour  cela  une  tres  grande  precision  de  mesure  et  quand  bien  meme  y  arriverai t-or.  que  le  problems  du 
choix  du  modele  de  representation  se  poserait  encore.  Or,  il  est  evidenment  necessaire  de  bien  prendre 
en  compte  les  caractoristiques  du  moment  de  lacet  lorsque  1'on  veut  pouvoir  simuler  une  vrille  plate 
et  rapide  stable,  et  1  *  introduction  dans  le  modele  de  simples  termes  derives  par  rapport  a  la  rotation 
ne  sont  pas  apparus  sati sfaisants  pour  simuler  une  vrille  plate  et  rapide. 

Nous  avons  done  essaye  de  modeliser  l’effet  de  la  rotation  an  partant  de  considerations 
physiques  et  en  effectuant  certaines  hypotheses. 

Tout  d’abord  l'effet  de  la  rotation  sur  le  moment  de  lacet  est  suppose  §tre  la  superposition  oe 
deux  phenomenes  differents  : 

.  Jn  effet  d’amortissement  du  nptamment  a  la  presence  du  fuselage  et  de  la  derive,  lequel  peut 
en  premiere  approximation  §tre  considere  lineaire. 

.  Un  effet  du  a  la  variation  d'incidence  suivant  l'envergure  lorsque  la  voilure  est  en  rctaticn, 

En  effet,  chaque  section  de  l'aile  avangante  voit  une  incidence  locale  d'autant  plus  faible  qu'eile  se 
trouve  pres  de  l’extremite,  tandis  qu’ inversement  sur  l’aile  reculante  l'incidence  locale  crolt. 

Connaissant  la  polaire  du  profil  on  peut  alors  calculer  les  efforts  aerodynamiques  locaux  et  en  deduire 
par  integration  les  couples  resultants.  Ceci  revient  a  faire  l’hypothese  de  1 ' ecoulement  par  tranches. 

Une  methode  analogue  a  deja,  par  le  passe,  et§  utilisee,  notamment  par  Glauert  et  Knight  afin  d'expliquer 
les  phenomenes  d ' autorotation  d'aile  seule. 

Mais  par  ailleurs,  faute  de  donnees  aerodynamiques  sur  les  profils,  nous  avons  ete  amenes  a 
utiliser  pour  ces  calculs  la  polaire  de  la  maquette  mesurde  en  soufflerie,  oe  aui  revient  : 

-  d'une  part  a  considerer  que  le  1/2  avion  gauche  et  le  1/2  avion  droit  ont  m@me  prlaire  (une 
telle  hypothese  serai t  plus  delicate  dans  la  region  d’incidence  ou  1 ’ecoulement  est  apparu  fortement 
dissymetrique] , 

-  d’autre  part  a  considerer  que  l'effet  de  la  rotation  peut  gtre  traduit  en  prenant  pour  chaque 
section  la  meme  polaire,  celle  mesuree  globalement  sur  la  maquette.  Cette  hypothese  est  discutable  mais 
n'a  toutefois  ete  utilisee  que  parce  que  l’on  se  trouvait  dans  le  domaine  des  tres  grandes  incidences, 

1£  ou  1 'ecoulement  est  completement  dgcroche. 

Le  modele  aerodynamique  utilise  est  presente  planche  26.  Tous  les  termes  de  ce  modele  corres- 
pondant  a  des  coefficients  derives  ont  ete  identifies,  a  partir  des  mesures  experimentales,  par  la 
methode  des  moindres  carres. 

III  -  Simulation . 

Avant  de  presenter  les  resultats  de  simulation,  il  convient  de  presenter  un  pen  plus  preen  semen t 
les  resultats  experimentaux  obtenus  sur  la  maquette  en  vrille  libre. 

Rdsultats  de  vrille  libre . 

Dans  un  grand  domaine  des  gouvernes,  on  retrouve  en  vol  libre  dans  la  soufflerie  verticale  de 
1 ' IMFL  deux  principaux  types  de  phenomenes.:  -  la  vrille  plate  et  rapide  stable, 

-  des  vrilles  a  agitations  divergentes. 
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r'our  une  mene  condition  i le?  cent,  rage  et  unt>  mono  position  tier.  gouvernos,  les  <**?_*>-  pt inner-.'  r.os  • 

retrouver  tin  function  des  condi  tines  i ni t  i a  les  dcnrvvns  lore,  du  lancer  manjol  on  vri lie.  N’.ni:J  ^ 

vri  I  le  staMfi,  1 '  incidence  so  situ*:  toujoura  entre  ,f-  et  A 9  deg  res,  It*  t.u*  dc  rotati.  •  tp  ti  *.*  .  et 
tours  par  seconds,  eeci  en  •‘onctinn  des  conditions  do  oer trage  et  des  gouvernes. 


nu  l  a  t  tor . 

A  partir  du  modMe  do  torseur  des  efforts  Ui.-rodynami  que  a  f  pi .  iv  1  ,  nn  ;>v.  .  t  i  rit.  •  «•  r* :  1  I*:  ■  : 
de  la  mocanique  (pl.2'1  et  nbtenir  1  'evolution  tempore 1  le  do  toutns  les  varia:  l»-s.  f.r  puss*  dan*  :o 
resultats  relati  *5  aux  efficaoites  do  gouvernes,  nous  n'avtins  etudii  ,  duo  pour  of  t*  mono  r.  n: .f  i gur  jtu  -  : 
tout  au  neutre,  1  'influence  des  conditions  initialos  do  lar.cor  sur  les  ►  tats  d'dqui lit  re  d»  .rill*;  c:  t*:*-  ^ . 


Dans  los  equations  d’equilibre  on  roulis  ot  lacet,  les  r.buples  .V.rcirv.aniq.jes  :~s  :  a:  i  :t 

J*  incidence  sur  la  vni  lure  interviennent ,  Ur  ceex-ci  sent  calcdtls  is  partir  do  la  t’cnn-  ti  jc  ;  :  lairc 
en  statique.  flais,  rappelons-le,  cettc?  polaire  a  o  to  mesuree  avec  ..n  grand  pas  a '  in;:  i  Conor .  It.  ;  lus  :♦  i 
dans  le  mo-dole  la  memo  polaire  en  chuque  section  rt'aile  est  one  app  ro>  i nation  «*.  rhrmati .  :  tart  dm'-- 
qu  *  il  est  nocessaire  pour  Ip  calcul  d* avoir  pour  chaque  valour  pr- rise  do  1  '  ini, icon. :»>  urn  valeur 

et  du  Ct  ,  nous  avons  nffectur  la  simulation  pour  deux  types  de  ;r;iairo  ;ui,  come  on  pout.  It  voir 

sur  la  planche  71,  tout  en  passant  par  les  mSnes  points  de  nesure,  different  dans  la  region  des  tn  s 
grands  angles. 

Or,  pour  les  deux  cas,  nous  retrouvons  en  simulation  un  comportenont  *crt  different  : 

.  Dans  le  premier  cas  (polaire  11,  quelles  que  soient  les  conditions  initialed  donnees  't  la 
maquette  on  ne  retrouve  pas  de  vri lie  stable. 

.  Dans  le  second  cas  (polaire  7)  nous  retrouvons  tant  pour  un  lancer  1  droite  d-  *  \  gduChe  un 
equilibre  stable  de  vri  lie  plate  et  rapide.  De  plus  on  note  ega lament  on  simulation  urn  depontiar.ee  du 
mouvement  obtenu  vis-a-vis  des  conditions  de  lancer  : 

-  pour  un  lancer  plat  et  rapide,  on  retrouve  une  vrille  plate  (  cl  ^  c'  ,  rapide  1.  lc-«rs/sl 

et  stable.  Cette  vrille  est  hien  calme  corvne  le  montre  la  planche  Ctf .A  et  1 'assietfe  iatoralr  >  est 

tres  faible,  mais  non  nulle  (de  l'ordre  de  -1°].  Cette  caractcristiquo  est  tn's  difficile  .i  mosurer  a 
partir  des  films  de  vrille  libre,  cela  necessi terai t  une  ins trumenta tion  de  In  maquette  apprepriee, 

-  si  le  lancer  est  un  peu  moins  plat  et  un  peu  moins  rapide,  la  maquette  attest  la 
vrille,  mais  le  mouvement  comporte  de  legcres  agitations  stables  el les  aussi  (pi.  CA.B2, 

-  enfin,  pour  un  lancer  Rncore  noins  plat  et  moins  rapide, la  vrille  conporto  de  *crtes 
agitations  de  tangage  et  de  roulis,  lesquelles  font  diverger  vers  la  sortie  (pi,  7P.D. 

Ces  resultats  appellent  quelques  remarques  : 


-  Une  bonne  definition  de  la  polaire  est  necessaire  dans  notre  module  pour  prendre  en  ccrpto 
correctement  l'effet  de  la  variation  d' incidence  due  a  la  rotation  et  retrouver  un  ♦•qui libre  stable  dc 
vrille  plate  et  rapide. 


-  Dans  les  deux  cas  on  peut,  pour  differentes  valeurs  de  la  rotation  et  dc  1  *  incidence  au 
c.d.g.,  calculer  les  couples  induits  par  la  variation  d'incidence  en  envergure.  Nous  demons,  a  'e  sujet , 

sur  la  planche  29  les  valeurs  en  terme  de  coefficient  du  moment  autour  du  vecteur  vitesse  (C,  1  dans 

t«v 

les  deux  cas  de  polaire.  Cn  comparant  les  deux  planches  29. A  et  29. B,  nous  pnuvnns  voir  que  p;  ..r  le  point 
d'equi libre  de  vrille  plate  retrouve  (75°  d'incidence,  7?0°/sl.  les  valeurs  du  couple  ne  soot  pas 
sensiblement  differentes,  el les  sont  d'ailleurs  dans  les  deux  uas  negatives.  Par  centre  autour  de  ce 
point,  la  valeur  du  gradient  par  rapport  a  di f fere  completement .  L'obtention,  dans  le  cas  de  la  polaire 
2  d’une  derivee  locale  39.  /<)«.  de  signe  contraire  au  sens  de  la  vrille,  clone  oppose-  a  celui  de  O.  , 
jouarit  un  rQle  stabilisant.  sur  la  vrille. 

D'ailleurs,  nous  montrons  en  annexe,  que  cette  caracteriatique  peut  §tre  retrouvee  en  ccrivant 
1 'equation  aux  petits  mouvements  autour  d'un  etat  d* equi 1 ibre  de  vrille  plate. 

TV  -  Conclusion, 


Cette  etude  n'est  evidenment  qu'un  premier  pas  vers  one  mode lis.it .1  on  et  une  simulation  dr  la 
vrille  plate  et  rapide  prenant  en  conpt.e  le  phenomenn  dans  son  integrality’,  Dependant,  le  module  berrit  ici, 
bien  que  simplifie,  a  quand  m@me  pnrmis  de  ret.rnuver  une  vrille  [ilate  et.  raride  stable,  et  a  d'autre  part 
mis  1 'accent  sur  une  caracteriatique  aerodynamique  pnuv.int  sensitii  1  i  snr  de  fagon  importante  la  stability'1 
de  la  vrille  plate. 


Certaines  hypotheses  du  module  pnurraient  ^ tre  levees  en  disposant  d'une  dannue  rnd\namitiue 
plus  riche,  ce  qui  permet trait  de  mieux  etudier  la  fiatiilit^  du  mod*  lr*  et  son  dnmoinn  dr  valitJitu.  7i  un 

tel  moflele  se  revele  su3ceptitile  de  representor  le  ph»'-nom»  no  dn  vrille  plate,  il  est  alrrs  envisagrable 

d'en  tirer  des  enseignementn  tres  interrssants,  d'aut.ant  qu»:  la  vrille  plate  et.  r.-iplde  pr*  r>*’nt.e  bien 

snuvent  un  caractero  rtangnreux  pour  la  security-  du  pi  Into  et  de  1 'avion. 
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Ainsi  par  exemple,  I'effet  du  gauchissement ,  jui  se  revile  trds  important  sur  une  telle  vrille, 
pourrait  trouver  son  explication  dans  le  module  :  un  braquage  ties  ailerons  revenant  a  nodi  tier  sensiblenent 
le  profil,  done  la  polaife  sur  une  section  rionnee  de  la  voilure.  Lie  neme,  I'effet  pro-agi tations  des 
ailerons,  qui  apparalt  parfois  en  vrille  plate  et  rapide,  pourrait  correspond re  a  un  effet  destabi lisant 
du  a  la  modification  du  terme  Autour  du  point  d'equilibre.  Ces  agitations  pouvant,  par  ailleurs, 

faire  diverger  la  vrille  et  engager  la  sortie. 

Cnfin  d'autres  applications  pratiques  sont  envi sageables  :  souvent  1 'extreme  sever! te  de  la  vrill 
plate  et  rapide  empeche  toute  sortie  quelle  que  soit  la  position  des  gouvernes.  II  convient  done  de  trouver 
en  soufflerie  verticale,  une  modification  geometrique  de  la  maquette  pemettant  de  rend  re  saine  une  telle 
vrille.  Une  telle  modification  pourrait  alcrs  6tre  aiguillee  par  un  model e  aerodynamique  prenant  sjffisar.- 
ment  en  compte  les  phenomenes  physiques  essentiels. 
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ABSTRACT 

For  the  past  20  years,  a  significant  effort  has  been  made  to  understand  and  predict  the  structural 
aeroelastic  stability  characteristics  of  the  tilt  rotor  concept.  Beginning  with  the  rotor-pylon  oscilla¬ 
tion  of  the  XV-3  aircraft,  the  problem  was  identified  and  then  subjected  to  a  series  of  theoretical  studies, 
plus  model  and  full-scale  wind  tunnel  tests.  From  this  data  base,  methods  were  developed  to  predict  the 
structural  aeroelastic  stability  characteristics  of  the  XV- 1 5  Tilt  Rotor  Research  Aircraft.  This  paper 
examines  the  predicted  aeroelastic  characteristics  in  light  of  the  major  parameters  effecting  rotor-pylon¬ 
wing  stability;  describes  flight  test  techniques  used  to  obtain  XV- 1 5  aeroelastic  stability;  presents  a 
summary  of  flight  test  results;  compares  the  flight  test  results  to  the  predicted  values;  and  presents  a 
limited  comparison  of  wind  tunnel  results,  flight  test  results,  and  their  correlation  with  predicted  values. 


1.  BACKGROUND  -  PROBLEM  IDENTIFICATION 

The  XV-3  Tilt  Rotor  Aircraft,  shown  in  Fig.  1,  identified  a  problem  of  possible  rotor-pylon-wing 
instability  during  maneuvers  in  the  airplane  mode.  During  the  196?  NASA  Ames  40-  by  80-Foot  Wind  Tunnel 
test  of  the  XV-3  aircraft,  a  sustained  rotor-pylon  oscillation  was  encountered.  An  extensive  program  of 
analyses  and  model  testing  was  begun  to  investigate  the  low  frequency  rotor-pylon  oscillation  phenomenon, 
and  the  results  are  reported  in  Refs.  1  and  2.  The  objectives  of  these  investigations  were  to  provide  a 
physical  understanding  of  rotor-pylon  stability,  and  to  establish  means  of  assuring  stable  configurations 
for  the  XV-3  and  future  tilt  rotor  VTOL  designs.  The  sustained  oscillation  (decreased  damping)  was  gen¬ 
erated  by  destabilizing  rotor  forces  that,  at  high  inflow  angles,  could  become  significant  in  determining 
the  coupled  rotor-pylon  stability.  Figure  2  illustrates  the  forces  acting  on  a  rotor  and  pylon  system 
during  steady  pitching  motion.  A  complete  description  of  this  phenomenon  is  described  in  Ref.  1,  but,  in 
brief,  the  destabilizing  moment  is  generated  by  the  H  forces  that  add  to  produce  a  hub  shear  force  in  the 
direction  of  the  pylon  pitching  rate.  The  destabilizing  moment  is  directly  proportional  to  blade  inertia, 
the  number  of  blades,  mast  length,  airspeed,  and  is  inversely  proportional  to  rotor  radius  squared.  The 
results  of  *hese  analytical  and  model  testing  programs  defined  the  major  parameters  that  can  affect  rotor- 
pylon-wing  stability.  These  major  parameters,  and  their  affects  on  aeroelastic  stability,  are  outlined 
in  Table  1 . 


TARLE  1.  MAJOR  PARAMETERS  AFFECTING  ROTOR-PYLON-WING  AEROELASTIC  STABILITY 


Parameter 

Affect 

Comments 

High  pylon 
mounti ng 
sti ffness 

Stabil  izing 

Increasing  the  pylon  stiffness  increases  the  frequency  of 
the  pylon  oscillation  so  that  the  rotor  cannot  follow,  and 
the  rotor  mode  of  oscillation  remains  highly  damped. 

Swashpl ate/ 
pylon  coupling 

Destabi 1 i zing 

Rotor  controls  must  be  isolated  from  pylon  motion  to  preven 
destabilizing  forces  that  are  generated  when  the  rotor  plan 
is  disturbed. 

Delta  three 
control 

Destabil i zi ng 

The  use  of  negative  delta  three  control  reduces  maneuvering 
induced  rotor  flapping,  but  has  a  destabilizing  effect  on 
rotor-pylon-wing  stability 

Rotor  elastic 

flapping 

restraint 

Stabil i zing 

Spring  restraint  on  rotor  flapping  produces  a  stabilizing 
effect. 

Wing  mode 
effects 

Destabi 1 i zing 

Wing  beam  and  torsional  degrees-of- freedom  produce  a  de¬ 
stabilizing  effect  by  lowering  the  pylon  stiffness  and 
consequently  the  pylon  natural  frequency. 

Increas i ng 
a i rspeed 

Oestabi 1 i zing 

Increasing  airspeed  is  destabilizing  because  it  is  accom¬ 
panied  by  increasing  destabilizing  rotor  forces  at  high 
in- flow  angles. 

Increasing 
rotor  thrust 

Stabil  i zing 

Increasing  rotor  thrust  has  a  stabilizing  effect  because  it 
has  the  effect  of  increasing  pylon  stiffness. 

Increasing 
rotor  rpm 

Destabi  1  i  zing 

Increasing  rotor  rpm  is  destabilizing  because  the  increase 
in  rotor  angular  momentum  produces  an  increase  in  proces¬ 
sional  moments  resulting  in  greater  rotor  destabilizing 
forces . 
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2.  PREDICTED  XV-15  STRUCTURAL  AEROELASTIC  STAS IL I TV 

The  technology  base  derived  from  the  earlier  analytical  and  model  testing  programs  made  it  possible 
to  predict  the  structural  aeroelastic  stability  of  the  XV-15  Rotor  Research  Aircraft  Kith  a  high  degree 
of  confidence.  The  validity  of  these  predictions  were  then  evaluated  by  additional  model  and  full-scale 
tests.  The  results  of  these  tests  are  presented  and  discussed  in  a  later  section  of  this  paper. 

The  XV-15  predictions  produced  by  the  Bell  Helicopter  Company  were  based  on  a  linear  analysis  (BHC 
Proprotor  Stability  Analysis,  DYN4),  and  a  nonlinear  analysis  (BHC  Proprotor  Aerolastic  Analysis,  DYN5) 
techniques.  The  DYN4  and  DYN5  analysis  techniques  are  described  in  Ref.  3.  The  DYN5  program  is  an  ex¬ 
panded  version  of  a  math  model  and  computer  program  developed  for  the  Air  Force  Flight  Dynamic  Laboratory 
and  is  described  in  Ref.  4. 

The  XV-15  predictions  produced  by  the  NASA-Ames  Research  Center  are  presented  in  Ref.  5,  and  updated 
predictions  are  presented  in  Ref.  6. 

The  predicted  rotor-pylon-wing  stability  characteristics  of  the  XV-15  tn  airplane  mode  are  presented 
in  the  root  locust  format  in  Figs.  3,  4,  5,  and  6.  Bell  predictions  for  the  symmetric  and  asymmetric 
modes  are  presented  in  Fig.  3  and  4,  respectively.  The  NASA-Ames  predictions  for  the  symmetric  and 
asymmetric  modes  are  presented  in  Figs.  5  and  6,  respectively.  They  both  show: 

1.  Low  frequency,  highly  damped  rotor  modes. 

2.  High  frequency,  lightly  damped  pylon  modes. 

3.  Low  frequency,  lightly  damped  wing  modes. 

These  predictions  are  also  compared  to  flight  test  results  as  a  function  of  damping  ratio  (4)  and  air¬ 
speed. 

Differences  in  the  predicted  damping  levels  for  the  various  modes  may  result  from  differences  in 
the  analysis  techniques.  These  differences  are  listed  in  Table  2. 


TABLE  2.  ANALYSIS  DIFFERENCES 


Bell  Helicopter 
(linear  analysis) 

Government 

Wing  motion 

Discrete  masses,  inertias  and  springs 
which  are  coupled  to  match  the  6  fun¬ 
damental  wing  modes  and  pylon  pitch 
and  yaw  modes 

NASTRAN  mode  shapes  (all  six  components) 

Rotor  blade  lag  motion 

Purely  inplane,  rigid  body  rotation 
about  offset  hinge  with  spring  that 
represents  first  in-plane  cyclic  mode 

Coupled  inplane/out-of-plane  bending  modes  of 
elastic  blade 

Rotor  aerodynamics 

Analytical  integration  over  rotor  disk, 
using  single  lift-curve  slope  value 
(corrected  for  compressibility) 

(ideally  twisted  blade  @  3/4  radius) 

Numerical  integration  over  disk,  using  lift- 
curve  slope  based  on  local  angle-of-attack  and 
Mach  number 

Axial  flow  and  high  inflow  only 

Applicable  to  conversion  and  helicopter  mode 
flight  also 

Rotor  dynamics 

No  blade  torsion  dynamics 

Coupled  blade  bending  and  torsion 

Pitch/lag  coupling  calculated  from 
separate  analysis 

Pitch/lag  coupling  calculated  automatically 

3.  AIRCRAFT  DESCRIPTION 

The  XV-15  aircraft  is  powered  by  two  Lycoming  T-53  turboshaft  engines,  which  have  been  uprated  and 
modified  for  both  vertical  and  horizontal  operation.  The  three-blade  proprotors  are  7.62  m  (25  ft)  in 
diameter,  and  the  blade  twist  is  45°  from  root  to  tip.  The  rotors  are  gimbal -mounted  to  the  hub  with  an 
elastomeric  spring  for  flapping  restraint.  The  winq  span  is  q.75m  (32  ft)  from  spinner  to  spinner,  and 
the  aircraft  is  12.8  m  (42  ft)  long,  excluding  the  Instrumentation  boom.  Aircraft  dimensions  are  shown  on 
the  three-view  drawing  in  Fig.  7.  Wing  loading  is  3687  n/m?  (77  Ibs/ft*),  and  disc  loading  at  the  design 
gross  weight  of  13,000  lbs.  is  632  n/m*  (13.2  1  bs/ft2 ) .  The  XV-15  carries  669  kg  (1  ,475  lbs)  of  fuel, 
which  allows  a  research  flight  of  about  1  hour.  It  is  equipped  with  LW-3B  rocket  seats  which  provide  a 
O-altltude/O-alrspeed  recovery  capability  for  the  crew. 

The  key  design  features  and  the  reason  for  selection  in  the  XV-15  desfgn  are  listed  in  Table  3. 

The  XV-15  flight  control  system  Includes  exciter  actuators  in  the  right-hand  flaperon  and  right-hand 
collective  control  systems  to  excite  the  modes  shown  in  Fig.  8.  Inflight  structural  aeroelastic  stability 
investigations  used  the  flaperon  exciter  actuator  to  excite  thr  wing  beam  and  torsional  symmetrical,  and 
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TABLE  3.  KEY  XV- 1 5  DESIGN  FEATURES 


Design  Feature 


Reason  for  Selection 


Torsionally  stiff  wing  and  stiff  Ample  stability  margin  at  low  technical  risk 
pylon-to-wing  attachment 

Forward-swept  wing  planform  Ample  clearance  (12  degrees)  for  flapping  in 

severe  maneuvers  and  gust  encounters 


Gimbaled,  stiff-inplane,  over-  Proprotor  loads  not  sensitive  to  flapping 
mass-balanced  proprotor 

Air  and  ground  resonance  problems  avoided 

Blade  pitch-flap-lag  instabilities  and  stall 
flutter  problems  avoided 


Large  tail  volume,  H  configura-  Good  damping  of  Dutch  roll  and  short-period 
tion  fl ight  modes 


asymmetrical  bending  modes.  The  collective  exciter  actuator  was  used  to  excite  the  wing  chord  symmetric 
and  asymmetric  bending  modes.  Inflight  use  of  these  exciter  actuators  are  shown  and  discussed  in  the 
following  section. 

4.  FLIGHT  TEST  TECHNIQUES 

Structural  aeroelastic  stability  flight  test  evaluations  were  conducted  at  the  contractor's  Flight 
Research  Facility  in  Arlington,  Texas,  and  at  the  NASA  Dryden  Flight  Research  Center  at  Edwards  AFB, 
California.  These  tests  were  conducted  within  the  limits  listed  below: 

1.  Design  gross  weight  of  5900  kg  (13,000  lbs)  and  a  neutral  C.G.  location. 

2.  At  density  altitudes  of  1,500,  3,000,  and  4,600  meters  (5,000,  10,000,  and  15,000  feet). 

3.  In  airplane  mode  (pylons  down  and  locked)  within  the  true  airspeed  range  of  170  to  296  knots. 

4.  At  two  rotor  speeds  of  98%  (589  rpm)  and  86%  (517  rpm). 

The  XV- 1 5  aircraft  was  predicted  to  have  low  frequency,  lightly  damped  wing  beam,  chord  and  torsion 
bending  modes.  The  three  techniques  used  to  excite  these  modes  are: 

1.  Atmospheric  turbulence. 

2.  Exciter  frequency  sweeps. 

3.  Exciter  frequency  dwell /decay. 

Strain  gages,  mounted  on  the  left  and  right  wing,  measured  the  beam,  chord,  and  torsional  bending 
response  of  the  wing  to  the  exciting  force.  The  left  and  right  gages  were  combined  in  a  sum/difference 
network  to  separate  the  symmetric  and  asymmetric  modes. 

In  the  first  technique,  the  aircraft  was  flown  in  moderate  turbulence  that  provided  a  broad  band 
excitation  force.  Continuous  time  history  records  of  the  wing  gages  were  taken  while  the  aircraft  was 
flown  in  trimmed  level  flight  in  turbulence.  The  digital  time  history  of  the  wing  beam,  chord,  and 
torsional  bending  data  were  then  analyzed  to  determine  the  natural  (or  resonant)  frequencies  of  the  wing 
structural  modes,  and  to  calculate  the  associated  structural  damping  ratio  for  each  mode.  The  method 
used  to  analyze  this  data  is  the  Random  Decrement  Signatures  (RAND0HDEC)  program  described  in  Ref.  7. 

In  the  second  technique,  the  aircraft  was  flown  in  trimmed  level  flight  while  a  constant  amplitude 
automatic  frequency  sweep  from  1  to  10  Hz.  was  performed  with  either  the  flaperon  or  the  collective 
exciter.  Again,  continuous  time  history  records  were  taken  during  the  frequency  sweeps.  The  data  were 
analyzed  off-line  using  the  RAND0MDEC  program  and/or  a  modal  analysis  technique  developed  by  the  Grumman 
Corporation. 

The  third  method  used  the  frequency  dwell/decay  technique.  In  this  technique,  the  pilot  flew  the 
aircraft  in  trimmed  level  flight  or  descending  wind-milling  (power  off)  flight,  and  the  copilot  tuned 
the  selected  exciter  to  the  desired  frequency  and  amplitude  as  dictated  by  the  on-line  monitoring  in  the 
ground  control  room.  Once  the  exciter  was  tuned  to  the  desired  wing  bending  mode,  it  was  turned  on  and 
the  mode  excited  at  a  constant  amplitude  and  constant  frequency.  Once  the  desired  mode  was  excited,  the 
exciter  was  turned  off,  and  the  excitation  decay  was  qualitatively  evaluated  in  the  control  room  before 
the  test  was  repeated.  These  decays  were  later  analyzed  off-line  using  an  Interactive  computer  program 
to  obtain  frequency  and  damping  values.  This  interactive  program  is  discussed  in  Ref.  8  and  described 
in  detail  in  Bell  Helicopter  Company  Report  299-099-898. 

Figures  9  through  12  present  examples  of  the  dwell  and  decay  technique  for  the  symmetric  and  asym¬ 
metric  modes,  with  and  without  the  sum  and  difference  on-line  analysis  technique.  For  example.  Fig.  9 
presents  a  frequency  dwell  at  3.3  Hz.,  and  a  decay  response  of  the  symmetric  wing  beam  bending  mode  with¬ 
out  using  the  sum-and-di fference  technique.  As  shown,  both  the  right  and  left  beam  bending  modes  are 
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excited.  The  right  wing  beam  bending  load  is  higher  than  the  left,  because  the  flaperon  exciter  is  oper¬ 
ating  on  the  right  wing  only.  rrom  these  traces,  it  is  difficult  to  determine  if  the  symmetric  or  asym¬ 
metric  beam  bending  mode  is  excited. 

Figure  10  is  the  same  frequency  dwell/decay  record  using  the  sum  and  difference  technique.  Comparison 
of  the  amplitude  of  the  two  traces  makes  it  apparent  that  the  symmetric  wing  mode  has  been  excited.  The 
positive  damping  of  the  symmetric  wing  beam  bending  mode  is  easily  recognized  by  the  shape  of  the  decay 
envelope  in  Fig.  9  or  10.  The  sum  and  difference  was  only  used  to  identify  the  wing  bending  mode.  The 
dwel 1-and-decay  technique  worked  very  well  on  the  beam  bending  mode  for  three  reasons.  First,  the  damping 
level  is  positive,  but  low,  making  it  easy  to  excite  the  load.  Second,  the  ambient  noise  level  was  low 
(nonturbulent  flight  conditions),  and  the  signal-to-noise  ratio  is  high  without  abusing  the  structure  with 
excessively  high  exciter  input  forces.  Third,  the  symmetric  natural  frequency  of  3.4  Hz.  was  sufficiently 
separated  from  the  asymmetric  natural  frequency  of  6.7  Hz.  to  prevent  coupling  of  the  two  modes. 

An  example  of  coupled  symmetric  and  asymmetric  response  is  shown  in  Figs.  11  and  13.  Figure  11 
presents  a  frequency  dwell/decay  record  of  the  symmetrical  wing  torsion  mode.  Both  the  left  and  right 
wing  loads  have  a  "beat"  type  response  caused  by  the  coupling  of  the  symmetric  and  asymmetric  modes  which 
have  a  natural  frequency  of  7.7  and  8.2,  respectively,  and  are  very  close  to  the  1  per  revolution  frequency  of 
the  rotor  which  is  8.6  Hz.  Figure  14  presents  the  same  dwell/decay  record  using  the  sum  and  difference 
technique.  Again,  the  sum  and  difference  technique  is  used  to  identify  which  mode  is  excited,  but  the 
damping  level  is  not  easily  recognized  because  of  the  "beat”  type  response  that  still  exists  in  the  "sum" 
trace . 

The  dwell  and  decay  technique  was  the  primary  tool  used  to  measure  the  aeroelastic  stability  of  the 
XV- 1 5  aircraft.  Its  advantages  are: 

1.  It  provides  a  point-by-point  evaluation  of  the  aeroelastic  modes. 

2.  It  provides,  in  most  cases,  the  opportunity  to  qualitatively  evaluate  the  damping  level  at  each 
point. 

3.  Final  calculations  of  natural  frequency  and  damping  are  relatively  easy  using  the  analysis  tech¬ 
nique  described  in  Ref.  8. 

4.  It  is  easy  to  abort  a  test  (turn  off  exciter)  if  a  problem  is  encountered. 

Its  disadvantages  are: 

1.  It  is  time  consuming  to  do  a  point-by-point  evaluation. 

2.  It  requires  nonturbulent  atmospheric  conditions. 

3.  It  requires  extensive  qround-to-ai r- to-ground  coordination. 

4.  It  was  difficult  to  excite  the  desired  symmetric  or  asymmetric  modes  because  the  flaperon  and 
collective  exciter  actuators  were  mounted  only  on  the  right  wing  and  right  rotor.  In  the  future,  the 
exciters  should  be  incorporated  on  both  rotors  and  wings. 

Data  obtained  by  flying  in  moderate  turbulence  using  the  RANDOMDEC  analysis  method  compared  very  well 

with  data  from  the  dwell/decay  technique  as  shown  in  Ref.  8.  The  advantages  of  this  method  are: 

1.  Tests  can  be  conducted  in  turbulent  air. 

2.  It  is  time  efficient  in  that  data  for  all  modes  are  collected  simultaneously. 

3.  Very  little  ground-to-air- to-ground  coordination  is  required. 

4.  It  may  identify  an  overlooked  resonant  frequency. 

Its  disadvantages  are: 

1.  It  does  not  provide  an  on-line  point-by-point  evaluation  of  individual  aeroelastic  modes. 

2.  Without  this  point-by-point  evaluation  capability,  it  is  not  as  easy  to  detect  stability 
augmentation/airframe  coupling  as  was  encountered  during  evaluations  of  the  asymmetric  wing  beam  bending 
mode.  (This  problem  is  discussed  in  Test  Results  section  of  this  paper.) 

3.  If  a  problem  is  encountered,  it  is  more  difficult  to  abort  the  test,  as  it  is  harder  to  "turn 

off"  the  turbulence  than  it  is  to  turn  off  the  exciter  in  the  dwell/decay  technique. 

4.  It  is  difficult  to  get  the  right  amount  of  turbulence  at  the  higher  altitudes. 

5.  The  data  is  more  difficult  to  analyze,  because  of  the  multiple  mode  content  of  the  data. 

The  automatic  frequency  sweep  technique  was  only  used  occasionally  during  these  tests.  Data  obtained 
using  the  RANDOMDEC  analysis  compared  favorably  with  other  data,  but  the  disadvantages  of  the  technique 
outweighed  the  advantages.  Its  advantages  are: 

1.  It  can  help  to  identify  overlooked  resonant  frequencies  in  the  range  of  the  frequency  sweep, 

1  to  10  Hz. 

2.  Tests  can  be  aborted  easily  if  a  problem  is  encountered. 
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Its  disadvantages  are: 


1.  Tests  must  be  flown  in  nonturbulent  atmospheric  conditions. 

2.  It  is  time  consuming,  because  it  requires  a  po in t-by- point  data  collection  process. 

3.  It  does  not  provide  a  good  point-by-point  evaluation  of  individual  modes. 

4.  Control  system/airframe  coupling  is  not  easily  recognized. 

5.  It  requires  considerable  ground- to-ai r- to-ground  coordination. 

6.  The  data  is  difficult  to  analyze  because  of  the  multiple  mode  content  of  the  data. 


5.  FLIGHT  TEST  RESULTS 

The  results  of  the  structural  aeroelastic  stability  tests  conducted  with  the  X\M5  Tilt  Rotor  Research 
Aircraft  are  summarized  in  Fig.  13.  Natural  frequency  and  damping  ratio  data  is  plotted  as  a  function  of 
calibrated  airspeed. 

The  predicted  natural  frequencies  of  the  six  primary  wing  bending  modes  agree  very  well  with  those 
measured  in  flight  as  shown  in  Table  4.  Both  Bell  Helicopter  Company  and  NASA  Ames  used  the  NASA  NASTRAN 
program  to  predict  mode  natural  frequencies.  NASA  Ames  and  Bell  Helicopter  predicted  curves  of  aeroelastic 
structural  damping  levels  (as  a  function  of  airspeed)  are  also  presented  in  Fig.  13.  The  largest  discrepancy 
between  the  two  prediction  techniques  is  seen  in  the  symmetric  and  asymmetric  wing  beam  bending  modes. 

The  NASA  Ames  prediction  appears  to  be  correlated  with  the  symmetric  beam  bending  mode,  whereas  the  Bell 
prediction  has  better  correlation  with  the  asymmetric  beam  bending  mode.  But  the  point  of  greatest  interest 
in  these  predictions  is  the  airspeed  where  the  damping  ratio  approaches  zero:  neither  of  these  prediction 
techniques  have  been  tested  in  this  area  as  airspeeds  to  date  have  not  approached  the  stability  boundary 
limits.  Data  presented  in  Fig.  13  represents  data  up  to  the  maximum  speed  obtainable  in  level  flight  with 
maximum  continuous  power  at  86*  (517  rpm)  rotor  speed. 


TABLE  4.  COMPARISON  OF  PREDICTED  AND  MEASURED  XV- 1 5  WING  MODE  NATURAL  FREQUENCIES 


Wing  Bending  Modes  predicted 

Frequency  Hz 

Measured 

Symmetric  beam  bending 

3.1 

3 

.3 

to 

3.4 

Asymmetric  beam  bending 

5.7 

6. 

.1 

to 

6.7 

Symmetric  Chord  bending 

5.9 

6, 

.3 

to 

7.6 

Asymmetric  chord  bending  5 

.7/8.1* 

7. 

.5 

to 

8.2 

Symmetric  torsional  bending 

7.9 

7, 

,5 

to 

8.6 

Asymmetric  torsional  bending 

7.5 

7, 

.1 

to 

8.3 

‘First  NASTRAN  model  did  not  include  a  wing/fuselage  shear 
tie  member.  Inclusion  of  this  member  increased  stiffness 
and  frequency. 


The  next  point  of  interest  is  the  large  variation  in  measured  damping  ratios  for  a  given  mode  and 
flight  condition.  The  symmetric  wing  beam  bending  mode  has  the  least  amount  of  scatter.  This  is  caused 
by  two  factors.  First,  it  has  low  damping  level  and  is  easily  excited  by  the  flaperon.  Second,  its 
natural  frequency  (3.4  Hz.)  is  significantly  lower  than  the  other  modes,  and  the  absence  of  mode  coupling 
makes  it  easier  to  analyze  (see  Figs.  9  and  10).  Other  modes,  specifically  the  symmetric  wing  chord  bend¬ 
ing  mode,  have  a  high  damping  level  at  the  airspeeds  tested,  and  the  modes  are  difficult  to  excite  with 
only  a  right-hand  exciter  system.  The  greater  the  scatter  In  the  data,  the  more  difficult  it  is  to  detect 
trends  in  the  data. 

The  third  point  of  interest  on  this  summary  plot  is  the  coupling  of  the  roll  stability  and  control 
augmentation  system  (SCAS)  with  the  asymmetric  wing  beam  bending  mode.  Coupling  of  the  roll  SCAS  caused 
the  oscillation  to  continue  after  the  flaperon  exciter  was  turned  off,  giving  the  appearance  of  low 
damping,  see  Fig.  14.  Checks  made  with  the  roll  SCAS  turned  off  produced  significantly  higher  levels  of 
damping.  Its  permanent  solution  was  the  incorporation  of  a  "notched"  filter  in  the  roll  SCAS  to  prevent 
coupling  at  the  natural  frequency  of  6,0  Hz. 


6.  COMPARISON  OF  WIND  TUNNEL  FLIGHT  TEST  RESULTS 

Over  the  past  20  years,  a  significant  theoretical  and  model  testing  effort  has  been  made  to  under¬ 
stand  and  to  predict  the  structural  aeroelastic  stability  characteristics  of  the  tilt  rotor  concept. 

Using  only  one  mode,  the  symmetric  wing  beam  bending  mode,  an  attempt  is  made  to  show  correlation  between 
ground  and  flight  test  results.  This  mode  was  selected  because  it  had  a  low  predicted  damping  level,  and 
therefore,  it  is  used  most  often  by  those  conducting  model  tests  to  evaluate  prediction  methods.  Figure  15 
is  a  composite  photograph  showing  four  major  ground  tests  conducted  prior  to  the  flight  tests.  These  tests 
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Fig.  15A  -  Wind  tunnel  test  of  the  1/5  scale  semispan  wing 
Fig.  158  -  Wind  tunnel  test  of  the  full  scale  semispan  wing 
Fig.  15C  -  Wind  tunnel  tests  of  the  1/5  scale  XV- 1 5  aircraft 
Fig.  15D  -  Wind  tunnel  test  of  the  XV-15  aircraft 

Figure  16  presents  data  from  each  of  these  tests  with  a  comparison  to  flight  test  results.  In  general, 
there  appears  to  be  fairly  good  agreement  between  ground  and  flight  tests  results,  with  the  model  tests 
tending  to  be  optimistic.  Figure  17  presents  the  same  data  on  a  single  plot  and  includes  Bell  Helicopter 
Company  and  NASA  Ames  prediction  curves.  The  ground  test  results  tend  to  confirm  the  Bell  predictions, 
whereas  the  flight  test  results  tend  to  confirm  the  NASA  Ames  predictions.  It  must,  however,  be  pointed 
out  again  that  it  is  this  mode,  the  wing  beam  mode,  where  the  greatest  difference  was  noted  between  the 
two  prediction  techniques.  Comparison  with  the  ground  tests  results  to  the  Bell  prediction  curve  indi¬ 
cates  that  the  Bell  prediction  methods  are  conservative.  Flight  test  results  have  not  been  conducted  at 
high  enough  speeds  to  determine  if  the  NASA  Ames  curve  is  also  conservati ve. 


7.  CONCLUSIONS 

1.  Within  the  airspeeds  tested,  the  XV-15  is  free  of  structural  aeroelastic  instabil i ties . 

2.  Resonant  frequencies  can  be  reliably  predicted  using  the  NASTRAN  method. 

3.  The  aeroelastic  testing  indicating  that  the  theoretical  and  model  testing  effort  resulted  in 
prediction  methods  that  are,  in  general,  conservative  and  adequate  for  future  development  of  the  tilt 
rotor  concept. 

4.  Flight  test  techniques  need  to  he  refined  to  lower  the  risk  to  the  aircrew,  decrease  the  time  re¬ 
quired  for  data  collection,  and  permit  better  excitation  of  selected  structural  modes.  (Exciters  should 
be  installed  on  both  wings  and  rotors.) 

5.  Postflight  off-line  data  analysis  method  should  be  refined,  and  if  possible,  moved  to  on-line 
data  processing  system. 
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Fig.  4.  Bell  stability  predictions  of  the  XV-15  asymmetric  rotor-pylon-wing  modes. 
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Fig.  5.  NASA  Ames  stability  predictions  of  the  XV- 1 5  syimietric  rotor-pylon-wing  modes. 


i 


140 


Fig.  6.  NASA  Ames  stability  predictions  of  the  XV- 1 5  asynmetric  rotor-pylon-wing  modes. 


FREQUENCY,  VI  -  K*  ^n,  rad/sec 


Fig.  8.  XV- 1 5  rotor/pylon/wing  aeroelastic  modes. 
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Fig.  10.  Synmetrlc  wing  beam  bending  mode  using  the  sym/di fference  technique. 
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Fig.  12.  Symmetric  wing  torsion  mode  using  the  sum/difference  technique 
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Fig.  13.  Summary  of  aeroelastic  stability  data. 
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Fig.  15C.  1  5  scale  aircraft  model 


Fig.  15.  Composite  photo  of  4  ma,; 
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Fig.  17.  Plot  of  all  data  from  4  major  individual  ground  tests  and  flight  tests. 
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INTRODUCTION 

The  Tornado  is  a  twin  engine,  two  seater  variable  geometry  aircraft.  The  wing  sweep  can  be  varied 
between  25  and  66  degree  and  is  the  feature  which  allows  the  Tornado  to  take  off  and  land  on  short  run¬ 
ways  at  very  low  speed  and  on  the  other  extreme  grants  a  considerable  high  speed,  supersonic  performance. 
Compared  to  aircraft  with  similar  performance  and  weapon  loading  capability  the  Tornado  is  a  very  small 
aircraft  (Fig.  1). 

The  development  of  this  aircraft  was  started  in  early  1970.  Since  several  nations  and  companies  had 
left  the  consortium  already  in  1969,  a  trinational  project  was  started  and  British  Aerospace  for  the  UK, 
Air  Italia  for  IT  and  MBB  for  GE  formed  the  manaqing  body  Panavia  to  develop,  build  and  support  the 
Weapon  Systems.  Some  major  milestones  of  the  programme  are  mentioned:  The  development  period  up 
to  1973  was  determined  oy  4  check  points  at  which  the  nations  decided  on  the  continuation  of  the  programme. 
The  first  prototype  out  of  a  fleet  of  nine  prototype  and  six  preseries  A/C  was  flown  by  MBB  in  August 
1974.  End  of  1975  the  UK  decided  to  develop  part  of  their  fleet  as  air  defense  versions  (ADV),  the  flight 
testing  of  which  started  by  the  end  of  1978.  First  flight  of  a  production  aircraft  took  place  in  early 
1979  and  initiated  the  series  build  of  the  Tornado.  Currently  more  than  150  A/C  have  already  been  handed 
over  to  the  customers  and  the  introduction  to  the  airforces  did  not  present  any  major  problems  so  far. 

The  operat'onal  requirement  that  initiated  the  development  of  the  Tornado  was  dominated  by  the  need 
for  an  aircraft  which  had  low  and  high  speed  capabilities  and  simultaneously  would  show  highest  maneuver¬ 
ability  and  flight  performance  throughout  the  envelope,  li.  order  to  achieve  this  goal  for  all  aircraft 
configurations  and  loading  cases  an  intelligent  fly  by  wire-flight  control  system  was  designed,  features 
of  which  are  shown  in  Fig.  2.  The  primary  and  secondary  flight  control  system  consists  of  the  differ¬ 
ential  tailerons,  the  rudder,  air  brakes,  flaps,  slats  and  spoilers  which  grant  comfortable  ride  and 
good  control  of  the  A/C  in  all  sweep  conditions  and  for  flights  at  lowest  altitudes.  The  picture  also 
shows  the  three  spool  Turbo  Union  engines  which  especially  have  been  developed  for  the  Tornado.  Note  the 
thrust  reverser  mechanism  which  is  an  important  help  to  achieve  short  landing  distances.  An  important 
feature  of  the  aircraft  is  its  terrain  following  capability  (Fig.  3). 

The  aircraft  is  directed  by  a  TF-radar  detecting  the  terrain,  monitored  by  a  radar  altimeter.  The 
information  is  computed  and  an  autopilot  mechanizes  the  commands  to  the  pilot  for  manual  flights  or  di¬ 
rectly  to  the  CSAS  for  automatic  flight.  Thus  the  aircraft  is  capable  of  flying  at  very  low  altitudes 
and,  due  to  the  high  performance  engines  even  at  supersonic  speeds,  close  to  the  terrain  overflown. 


FIG.  1  TORNADO  AIRCRAFT 


•  See  page  |‘>A4X  lor  Absfracl  of  Ihw  paper 
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In  most  cases  the  structural  integrity  is  demonstrated  successfully  by  the  ground  test  program  where 
component  and  element  tests  define  or  verify  the  basic  allowables  and  major  static  and  fatigue  tests  de¬ 
monstrate  that  the  aircraft  is  adequate  for  the  different  design  load  conditions. 

Dio  selection  of  these  design  load  conditions  however  is  a  complicated  and  risk  burdened  iterative 
process  which  has  to  show  that  in  the  whole  Mach- A!  t  i  tude  -Manoeuvre  envelope  no  additional  design  con¬ 
ditions  -  beyond  those  already  considered  -  are  likely  to  be  expected. 

This  is  done  by  using  progressively  refined  rational  mathematical  models  representing  the  aerodytiami' 
inertia  and  dynamic  behaviour  of  ttie  aircraft  incl.  flight  control  and  actuator  systems 

to  simulate  c.g.  responses  (time  histories)  in  design  critical  flight-  and  ground  'lanoeuvres 
and  of  the  major  aircraft  components 

to  cover  their  desiqn  loadings  during  this  manoeuvering  and  in  spec ial cases  their  reaction  on  c.g.  re¬ 
sponse  (hinge  rn'ients  and  component  dynamics'. 


FIG.  4  WINDTUNNEL  -  MODEL  WITH  BENT  WING 


This  matching  of  mathematical  models  for  advanced  high  performance  aircraft  naturally  starts  with  the 
update  of  theoretical  aerodynamic  data  by  means  of  windtunnel  test  results.  A  special  tool  is  the  use  of 
pressure  plotting  models,  which  turned  out  to  be  a  relatively  reliable  means  for  covering  major  A/C  compo¬ 
nents  aerodynamic  loading. 

The  pressure  model  (fig.  4)  for  the  Tornado  aircraft  consisted  of  a 
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The  model  was  supplied  with  rigid  unbent  and  bent  wings  (representing  an  Sg  design  condition)  in 
order  to  demonstrate  nonlinear  aerodynamic  effects  in  high  ' g 1  conditions  on  components  -  especially  on 
elastically  corrected  load  distributions  of  wing  and  tailplane  -  and  the  interference  effects  on  total 
aircraft  aerodynamic  coefficients. 

Test  results  for  unbent  wing,  corrected  by  static  aeroelastic  functions,  have  been  used  to  define 
max.  design  cases  (shear,  bending,  torque)  and  load  predictions  for  the  whole  Mach-Al t i tude  range. 


FI ight  load  Survey 

The  design  loads  which  are  based  on  the  predictions  from  wind  tunnel  models  and  on  analytical  pre¬ 
dictions  -  which  in  recent  years  have  made  great  progress  -  still  can  yield  error  based  on  uncertainties  or 
unconsidered  effects.  Especially  in  the  transonic  regimes,  where  analysis  and  wind  tunnel  model  cannot 
accurately  represent  the  aircraft  a  flight  load  survey  will  help  to  overcome  these  uncertainties. 


FIG.  5  BASIC  STRUCTURAL  LOADS 


INSTRUMENTATION  LOCATIONS 


19A-5 


Therefore  a  coniprehensi ve  flight  load  survey  has  been  planned  as  an  integral  part  of  the  design  and 
development  of  the  Tornado  and  was  conducted  both  for  the  aircraft  without  and  with  external  stores. 

The  flight  load  survey  was  performed  on  two  prototypes  one  of  which  was  instrumented  for  the  clean 
A/C  load  survey,  the  instrumentation  of  the  other  was  tailored  to  the  store  loads  measurement  task. 

The  clean  A/C  survey  prototype  was  instrumented  to  measure  wing-bending,  torque  and  -  shear  in  4  span- 
wise  sections  and  fuselage  loads  in  2  sections.  The  wing  carry  through  box  as  well  as  taiieron  fin  and 
rudder  had  attachment  loads  instrumentation.  So  were  instrumented  for  attachment  loads  other  structural 
components  as  high  lift  devices,  spoiler,  airbrakes,  arrestor  hook,  flight  refueling  probe,  main  and  nose 
undercarriage  and  wing  sweep-,  Krueger  flap  -  and  intake  ramp  actuators.  Loads  in  the  area  of  air  intake 
and  fixed  wing  area  have  been  determined  by  means  of  pressure  distribution  measurements. 

Fig.  5  shows  a  schematic  view  of  the  instrumented  airframe  sections. 

The  A/C  which  was  used  for  store  loads  measurements  had  a  reduced  airframe  instrumentation,  but 
additional  pylon  and  store  attachment  loads  instrumentation. 

Calibration  of  the  strain  gauge  instrumentation  to  the  applied  load  was  either  done  in  a  component 
rig,  whenever  the  instrumented  component  could  be  removed  from  the  A/C,  or  in  a  complete  A/C  ground  loa¬ 
ding  rig  providing  enough  loading  to  cover  nonlinear  effects. 

Certain  loads  parameters  as  for  example  wing  sweep  or  taiieron  actuator  loads  or  for  loads  of  nose 
or  main  undercarriage  have  been  installed  into  some  other  prototypes  and  relevant  data  were  additionally 
gathered  during  other  test  tasks  than  flight  load  survey. 
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FIG.  6  COMPARISON  OF  MEASURED  AND  PREDICTED  AERO¬ 
DYNAMIC  TRANSONIC  WING  BENDING  MOMENT  (AT  l/B  STN) 


The  necessity  of  a  flight  load  survey  is  best  demonstrated  by  Fig.  6.  This  figure  shows  a  comparison 
of  measured  and  predicted  aerodynamic  wing  bending  moments  versus  A/C  trimmed  lift  coefficient  in  the 
transonic  region  for  3  Mach  numbers.  Above  the  predicted  linear  region  measurements  show  the  linear  loa¬ 
ding  relationship  to  be  sustained  to  higher  lift  coefficients. 

Especially  at  the  near  sonic  Mach  numbers  this  effect  of  bad  correlation  can  only  be  explained  by 
a  combination  of  real  Reynolds  number  and  Mach  effects  being  established  at  high  incidence  starting  at 
a  slightly  lower  Mach  number  inflight,  than  in  the  wind  tunnel,  resulting  in  higher  wing  and  rear  fuse¬ 
lage  loads. 

A  few  examples  are  presented  now  which  show  the  interrelations  of  predictions  and  ground-  and  flight 
test  data. 


External  Stores  Design  Loads  and  Rapid  Rolling  (RR)  Clearance 

External  stores  have  been  designed  for  manoeuvres  from  MIL-Spec.  requirements  based  on  initial  re¬ 
sponse  calculations  and  component  loads  monitoring  with  wind  tunnel  data. 


The  store  loads  data  set  has  subsequently  been  matched  in  the  mentioned  flight  load  survey  program 
performing  the  following  test  manoeuvres: 

roller  coasters  and  wind  up  turns  from  0  to  high  ‘ g ‘  in  order  j  cover  the  angle  of  attack  effect 
steady  heading  sideslip  at  1  g  in  order  to  cover  the  sideslip  effect. 


For  these  manoeuvres  the  store  loads  including  pylon  and  inertia  effects  were  measured  at  the  spigot 
point.  From  flight  parameter  records  the  inertia  loads  were  extracted  in  order  to  get  the  aerodynamic 
loads  on  the  store/pylon  combination.  Fig.  7  shows  the  test  set  up  and  Fig.  8  and  Fig.  9  show  a  direct 
comparison  between  windtunnel  (WTT)  and  flight  test  data  (FLS)  for  symmetric  (alpha)  and  asymmetric 
(sideslip)  manoeuvres  respectively  on  an  i/b  wing  mounted  external  tank.  Fig.  10  presents  the  final 
comparison  from  the  regression  analysis  of  the  FLS-data  including  windtunnel  based  extrapolations  which 
now  is  used  for  check  stress  load  calculations  which  may  lead  to  redesign  or  limitations  of  prototype 
flying. 

Just  in  context  with  the  qualification  of  external  stores  configurations  it  seems  worth-while  to  touch 
on  the  so-called  "rapid  rolling  clearance  procedure". 

Rolling  is  an  essential  manoeuvre  for  a  combat  aircraft  for  which  there  are  requirements  on  performance 
and  handling  qualities.  Rapid  rolling  responses  are  complicated  by  inertial  and  aerodynamic  coupling  effects, 
which  can  produce  large  disturbances  in  sideslip  and  incidence  when  rolling  an  aircraft  rapidly  from  mano¬ 
euvring  flight. 

As  a  result  high  structural  loads  and  handling  problems  (e.g.  tendency  to  autorotation)  can  arise.  Con¬ 
sequently,  adequate  safety  margins  from  critical  conditions  are  essential  when  giving  clearance  for  RR-mano- 
euvres.  This  implies  a  good  knowledge  of  the  aircraft's  characteristics  in  flight  to  enable  critical  handling 
and  loading  areas  to  be  defined.  The  aerodynamic  coefficients  required  to  predict  rapid  rolling  characteristics 
have  to  be  extrapolated  from  measurements  of  aircraft  stability  and  control  in  small  amplitude  manoeuvres  and 
of  matched  data  from  less  severe  entry  conditions  (entry  g,  pitch  stick  trim  e.g.).  Thus  a  gradual  work  up  of 
the  severity  of  entry  conditions  must  be  carried  out  with  the  safety  of  each  stage  being  assessed  by  predic¬ 
tions  (=  response  calculations)  made  between  flights.  It  is  essential  to  point  out,  that  this  final  operating 
clearance  may  well  be  limited  though  the  design  conditions  according  to  MIL-Spec.  (e.g.  -  1  g  to  0.8  * g '  max) 
are  not  exceeded.  This  can  be  seen  on  Fig.  11  where  the  steep  gradients  near  -Ig  for  load  component  1  and  at 
5  g  for  load  component  3  prohibit  even  small  tolerances  on  design  conditions  -  loads  being  very  sensitive 
on  those  parameters. 


FIG.  7  WIND  TUNNEL  MODEL  WITH  STORES 


ROLLING  MOMENT  COEFFICIENT  VS.  ALPHA 


FIG.  10  FLIGHT  MATCHED  ROLLING  MOMENT  COEFFICIENT 
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FIG.  1 1  LOAD  CRITICALITY  VS.  ENTRY  ’G’  IN 
RAPID  ROLLING  MANOEUVRES 


Hammershock  jndjjced  Loads  in  the  Intake  of  the  Tornado i_Aircr-aft 

The  Tornado  propulsion  system  is  equipped  with  two  variable  geometry  two-dimensional  three-shock  in¬ 
takes  which  are  controlled  by  an  electrohydraul ic  control  system  (see  Fig.  12).  It  has  three  ramps.  The 

first  is  fixed,  the  second  one  (supersonic  ramp)  is  variable.  The  third  ramp  (subsonic  ramp)  is  mechani¬ 
cally  linked  to  the  second  and  both  are  operated  by  a  single  actuator. 

For  engine  air  intake  load  assessment  the  occurrence  of  engine  surges  must  be  considered.  An  engine 

surge  can  be  described  as  sudden  reduction  in  flow  in  the  compressor  caused  by  abrupt  flow  breakdown  or 
aerodynamic  stalling  of  the  blades  in  a  portion  of  the  compressor.  This  sudden  reduction  in  flow  crea¬ 
tes  a  strong  shock  wave,  with  high  peak  pressures  frequently  referred  to  as  a  hammershock,  which  moves 
upstream  of  the  intake  duct. 

An  engine  surge  can  be  initiated  either  by  engine  related  factors  (overfuel  1 ing,  control  transients) 
or  by  intake  induced  flow  distortions.  Shape  and  propagation  velocity  of  the  shock  wave  are  dependent  on 
intake  operating  condition,  flight  altitude  and  flight  Mach  number.  A  typical  example  of  the  pressures  at 
different  intake  positions  is  shown  in  Fig.  13.  The  associated  load  acts  only  over  a  very  short  time  period, 
however,  high  peak  levels  can  be  experienced.  For  example,  the  incremental  load  on  the  subsonic  ramp  caused 
by  a  strong  hammershock  amounts  to  some  130  kN  with  a  duration  of  only  0.0075  s. 

The  total  load  of  the  ramp  system  is  the  sum  of  a  steady-state  pressure  under  running  conditions  and 
the  dynamic  pressure  caused  by  a  hammershock.  The  final  loads  analysis  corresponding  to  MIL-A-008860  requi¬ 
res,  that 

-  limit  loads  shall  neither  cause  plastic  deformations  nor  inhibit  or  degrade  the  mechanical  functioning 

-  ultimate  loads  shall  not  cause  a  failure  of  the  structure  (ultimate  load  generally  will  be  obtained  by 
multyplying  the  limit  load  by  the  factor  of  safety  1.5) 

-  the  dynamic  behaviour  of  the  structure  and  load  in  amplitude  and  distribution  must  be  considered  when 
short-time  processes  occur. 


The  best  possibility  to  accomplish  a  realistic  loads  assessment  for  all  components  of  the  air  intake 
would  be  a  dynamic  load  test.  Such  a  test  is  not  feasible. 

Therefore  a  number  of  theoretical  investigations  had  to  be  accomplished.  Static  tests  of  critical 
parts  of  the  structure  were  carried  out  using  the  calculated  loads. 

The  final  loads  proof  analysis  procedure  was  the  following 

setup  of  a  dynamic  model  with  regard  to  the  kinematic  and  dynamic  properties 

calculation  of  the  natural  modes'  frequencies 


MACH  2 


FIG.  12  TORNADO  PROPULSION  SYSTEM 


Time  after  surge  pressure  rise  at  engine  face  rake  plane:  I  [msec! 


FIG.  13  SURGE  PRESSURE  HISTORIES  IN  INTAKE  AND  DUCT 
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FIG.  14  GROUND  TEST  RESULTS  FOR  RAMPS 


verification  of  the  dynamic  model  in  a  ground  vibration  test  and  determination  of  damping  (Fig.  14). 
This  figure  also  shows  the  nonlinear  behaviour  of  the  ramps. 

-  calculation  of  gain-factors  for  maximum  hammershocks  and  propagation  velocities  (Fig.  15) 

-  measured  hammershock  loads  (  Fig.  16  )  and  comparison  with  calculated  results  (  Fig.  17  ).  Since  corre¬ 
lation  was  good  theoretical  loads  could  be  used  for  the  stress  analysis. 


FIG.  1 5  GAIN  FACTOR  VERSUS  HAMMERSHOCK  PROGRESSION 
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FIG.  16  LOADS  CAUSED  BY  A  HAMMERSHOCK  DURING 
TAKE-OFF-PHASE  (MAX.  REHEAT) 
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FIG.  17  DYN.  ACTUATOR  LOAD  VERSUS  TIME 


Loads  Induced  by  Dispenser  Weapon  Store  Release  and  Emergency  Store  Release 

The  problem  of  a  dispenser  weapon  system  consisting  of  several  single  container  will  be  discussed 
because  of  the  strong  dynamic  excitations  at  the  still  attached  containers  during  jettison  within  a  very 
short  programmed  time  sequence  resulting  in  dynamic  design  load  cases  for  the  surrounding  structure.  The 
dispenser  weapon  system  consists  of  four  separate  dispensers  and  is  carried  with  two  underfuselage  pylons 
(Fig.  18  ). 

Each  pylon  is  attached  to  the  fuselage  by  means  of  four  spigots  (FSS,  FMS,  AMS  and  ASS),  each  dispenser  is 
suspended  in  one  ERU  at  the  left  and  right  hand  pylon.  The  dispenser  weapon  system  is  a  comparatively  heavy 
store  (  25  percent  of  the  aircraft  take-off-mass) .  (ERU  =  Ejection  Release  Unit) 

Normally  the  empty  dispensers  are  getting  jettisoned,  in  the  case  of  emergency  the  full  dispensers 
also.  For  the  required  release  behaviour  strong  jettison  pulses  (-^150  kN  for  each  dispenser,  this  corres¬ 
ponds  with  3/4  of  the  take-off  weight)  and  a  release  time  of  less  than  one  second  for  all  dispensers  to¬ 
gether  are  necessary. 

The  theoretical  investigations  carried  out  are  of  fundamental  importance  for  the  layout  of  dispensers, 
pylons,  ERU's  and  underfuselage  attachments  as  well  as  for  the  demonstration  of  the  dynamic  behaviour  of 
the  whole  aircraft,  and  herewith  for  the  flight  clearance,  which  has  to  be  based  on  the  MIL-Spec.  (A-8861  A) 
requirements: 


§  3.19.5  Emergency  stores  release 

Emergency  release  of  the  most  critical  combination  of  required  carriage 
stores  shall  not  result  in  exceedance  of  limit  strength  of  the  airplane 
for  the  following  conditions: 

a)  At  speeds  up  to  the  maximum  for  such  release  with  all  values  of 
vertical  load  factor  between  0.5  and  2.0 

b)  At  speeds  up  to  l^f  with  devices  in  their  applicable  position  for 
take  off  with  all  values  of  vertical  load  factor  between  1.0  and  1.5. 


The  model  for  dynamic  investigations  consists  of  tfce  elastic  components  of  pylons  and  dispensers  con¬ 
nected  to  the  aircraft  center  of  gravity  representing  the  kinematic  behaviour  and  the  short-time  inter¬ 
action  of  the  jettison  pulse  (0.05  sec.)  The  distributed  mass  is  replaced  by  a  number  of  discrete  mass 
points  (  Fig.  19).  In  preliminary  calcs  it  could  be  demonstrated  that  it  was  sufficient  to  attach  the 
elastic  dispenser  weapon  to  the  rigid  free-free  aircraft  rather  than  using  the  whole  elastic  aircraft. 

So  a  very  cost  efficient  mathematical  model  could  be  generated. 


FIG.  1 8  DISPENSER  WEAPON  ON  TORNADO 


•  MASS  POINT 


FIG.  19  DYNAMIC  MODEL  DISPENSER  WEAPON 


In  Fig.  20  two  characteristical  natural  modes  are  shown.  The  highest  mode  considered  for  load  cal 
culations  had  a  frequency  of  120  Hz. 


FIG.  20  CHARACTERISTIC  NATURAL  MODES 


CALCULATION  LOADS  FLIGHT  TEST  LOADS 


Representative  for  flight  test  results.  Fig.  21  shows  a  sequential  emergency  release  of  the  four 
empty  dispensers  at  Ma  =  0.92,  Fig.  22  shows  the  comparison  of  measured  and  precalculated  spigot  loads 
during  release  of  the  first  full  dispenser.  Good  correlation  was  achieved.  _ 


FIG.  21  EMERGENCY  RELEASE  DISPENSER  WEAPON,  EMPTY, 
SPIGOT  LOAD  ON  AMS,  Z-DIRECTION 


RESPONSE  AT  AMS, 
Z-DIRECTION 


FIG.  22  DISPENSER  WEAPON  1 ,  FULL,  EMERGENCY  RELEASE, 

COMPARISON  OF  CALCULATED  SPIGOT  LOADS  WITH  FLIGHT 
TEST  RESULTS,  MA  =  0.92 
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UNDERCARRIAGE 

The  Tornado  undercarriage  design  was  performed  according  to  a  tailored  specification.  After  rig 
testing  (drop  test,  strength  test  etc.)  the  undercarriage  was  cleared  for  prototype  flying.  During 
appropriate  flight  trials  unsatisfactory  torsional  stiffness  of  the  main  U'C  was  discovered.  The  problem 
was  sulved  mainly  by  stiffening  the  torque  links  in  combination  with  the  introduction  of  a  slight  wneel 
toe-in  and  a  re-adjustment  of  the  hydraulic  damping. 

Additionally  the  nose  gear  airspring  was  modified  in  order  to  cover  unexpected  high  loads  from  thrust 
reverser  operation. 


Main  U/C  Drop  Test 

Wheel  spin-up  force  at  landing  touchdown  bends  the  U./C  backwards.  On  Tornado  main  U/C,  this  bending  is 
accompanied  by  leg  twisting,  since  the  sinqle  wheel  is  laterally  offset  from  the  leg.  After  spin-up,  the 
c i rcumferent ia I  tyre  force  reduces,  which  initiates  both  bending  and  twisting  spring-back.  At  the  same 
time,  the  tyre  attains  full  side-force  capability.  Therefore,  the  twisting  oscillation  spurs  a  lateral 
osc illation  as  well. 

Due  to  the  many  non  I ineari ties  involved  (especially  with  regard  to  tyre  behaviour)  a  comprehensive 
drop  test  program  was  performed  with  a  heavily  instrumented  main  U/C  attached  to  a  quarter  fuselage 
section  (Fig.  ?3! .  Approx imately  70  drops  were  performed  onto  a  rotating  drum,  varying  "forward  speed", 

A/C  mass.  1 ift-to-weight  ratio,  sinkrate,  pitch  angle,  bank  angle,  yaw  angle  as  well  as  wheel  toe-in 
angle  and  different  stiff  torque  links.  Tests  were  accompanied  by  computer  simulations  aiming  mainly  at 
dynamic  correlation  of  the  load  triplet, vertical  load,  fore/aft  load,  and  lateral  load. 

The  results  of  the  drop  tests  were  introduced  into  a  combined  undercarriage  airplane  simulation 
programme,  which  was  very  successfully  applied  to  prediction  and  recalculation  of  U/C  flight  tests  as  well 
as  for  clearance  of  Tornado  landing  condition  envelope  (Fig.  24). 

After  this  chain  of  rig  and  flight  testing  in  combination  with  model  improvements  the  full  required 
undercarriage  performance  was  achieved  including  a  remarkable  repaired  runway  capability  of  the  aircraft. 


FIG.  23 


MAIN  UNDERCARRIAGE  DROP  TEST  SETUP 


AXIAL  FORCE 
P V  Z 


-  CALCULATION 

- TEST  RESULT 


A/C  MASS  16  to 

SiNKRATE  3  m/s 

LANDING  SPEED  70  m/s 

PITCH  ATTITUDE  9  degr 

$ANK  ANGLE  8  degr 

DRIFT  ANGLE  6  degr 

LIFT /MASS  RATIO  (17S 


TIME  (sec) 

FIG.  24  DROP  TEST  -  TRIPLE  LOAD  COMPARISON 

Tornado  U/C  design  copes  with  operation  from  bases  with  runway  roughness  equivalent  to  semiprepared 
fields.  However,  from  an  operational  point  of  view  the  capability  to  operate  from  a  regular  runway  which 
was  bomb  damaged  and  rapidly  repaired  is  very  interesting,  too. 

Therefore,  "Repaired  Runway  Trials"  have  been  planned  and  were  carried  out.  AM  2  repair  mats 
(3.8  cm  thickness)  were  laid  out  on  undamaged  original  pavement. 

[n  contrast  to  usual  flight  loads,  which  mostly  are  of  linear  or  degressive  character  (e.g.  lift 
versus  angle  of  attack),  the  airspring  of  an  undercarriage  exhibits  a  strongly  progressive  load/stroke 
characteristic.  Therefore,  "Repaired  Runway  Trials"  are  to  be  very  carefully  planned  and  monitored  in 
order  to  keep  the  risk  of  inadvertently  exceeding  structural  limits  at  an  acceptable  level. 


Fig.  25  shows  traces  from  a  Tornado  traverse  of  two  AM  2  repair  mats  at  Manching.  The  dot:  mark 
the  respective  extreme  points  of  the  corresponding  computer  simulation.  Considering  the  U/C  nonlineari 
ties  correlation  is  very  good  over  a  considerable  time  period. 


FIG.  25  TRAVERSE  OF  TWO  AM-2  RUNWAY  REPAIR  MATS 
DURING  A  MAX.  DECELERATING  LANDING-RUN 
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STRESS  ANALYSIS 

Stress  analysis  is  the  key  analysis  needed  for  detail  design.  It  uses  the  loads  previously  described 
and  represents  the  structure  by  finite  elements  (deformation  method).  The  basic  airframe  parts  were  ideali 
zed  and  then  coupled  together  by  substructure  technique  in  order  to  check  each  part  separately  and  save 
computer  cost.  As  a  typical  example  the  stress  analysis  and  manufacturing  procedure  for  the  Tornado  wing 
box  is  illustrated. 


Tornado  Wing  Carry  Through  Box 

The  Tornado  wing  carry  through  box,  the  "heart  of  the  aircraft”,  is  a  high  strength  safety  class  1 
type  of  structure  (Fig.  26).  Stress  analysis  of  the  wing  carry  through  box  was  done  using  finite  element 
methode.  The  finite  element  mesh  is  indicated  by  Fig.  27.  High  stress  gradients,  an  example  is  given  in 
Fig.  28,  required  a  large  number  of  finite  elements.  The  total  number  of  finite  elements  for  half  of  the 
wing  carry  through  box,  i.e.  on  one  side  of  the  symmetry  plane,  is  3824  elements  having  2370  nodal  points. 
For  this,  the  number  of  static  undeterminates  is  9700.  Because  of  the  large  amount  of  finite  elements  it 
was  necessary  to  use  substructure  technique  for  inclusion  of  the  wing  carry  through  box  in  the  unified 
stress  analysis  of  the  whole  aircraft  structure.  The  computer  program  used  was  NASTRAN.  Because  of  the 
very  much  refined  structural  schematization  the  computer  results  could  be  used  directly  for  stress  checking. 
Comparison  of  the  computer  results  with  strain  gauge  measurements  from  static  tests  on  the  wing  carry  through 
box  have  shown  good  correlation. 

The  material  used  for  the  wing  carry  through  box  is  titanium  alloy  T i 6A1 4V  annealed,  except  the 
upper  load  plate  which  is  made  from  Ti6A16V2Sn.  The  assembly  of  the  carry  through  box  is  mainly  by  elec¬ 
tron  beam  welding.  Only  the  upper  plate  is  bolted  to  the  box.  With  the  welded  concept  a  significant  weight 
saving  was  achieved,  because  there  are  no  holes  for  mechanical  fasteners  through  the  lower  fatigue  criti¬ 
cal  plate.  Sealing  problems  are  also  substantially  reduced.  The  lower  load  plate  consists  of  two  integral 
plates,  NC  machined  and  welded  together  in  the  symmetry  plane  of  the  box.  The  sidewalls  and  facewalls  are 
dye  forged  components.  The  rigs  are  made  from  hot  formed  titanium  sheets.  The  upper  load  plate  is  one 
piece  integrally  machined.  Upper  load  plate  and  ribs  are  bolted  against  the  lower  part  of  the  wing  carry 
through  box.  The  attachment  of  the  upper  load  plate  is  being  sealed  because  the  wing  carry  through  box 
is  used  as  an  integral  tank  too. 

A  lot  of  development  work  had  been  done  in  order  to  end  up  with  a  reliable  welded  construction.  The 
result  of  this  extensive  work  is,  that  the  welded  connection  has  the  same  static  strength  as  the  basic 
material  and  also  the  fatigue  properties  are  very  similar  to  those  of  the  basic  material.  Just  in  order 
to  cater  for  possible  micro  flaws  in  the  welded  area  which  could  induce  stress  concentrations,  the  thick¬ 
ness  of  the  joined  components  had  been  locally  increased  at  the  weld  planes. 

Oue  to  large  progress  made  by  MBB  in  EB  welding  of  titanium  material  it  is  now  possible  to  allow  EB 
welding  repairs.  For  later  production,  the  material  of  the  upper  load  plate  was  changed  to  T i 6 A 1 4 V  with 
the  possibility  to  make  this  from  two  pieces  welded  together  in  the  symmetry  line. 

After  having  done  the  EB  welding  process  the  wing  carry  through  box  is  being  annealed  in  order  to 
relieve  residual  stresses.  Glass  ball  shot  peening  is  applied  on  the  surfaces. 
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FIG.  27  FINITE  ELEMENT  GRID  OF  WING  CARRY  THROUGH  BOX 
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FIG.  28  STRESS  DISTRIBUTION  FOR  LOWER  PIVOT  LUG 


FATIGUE  LIFE  VERIFICATION 

For  modern  fighter  aircraft  fatigue  life  of  the  structure  is  of  great  importance.  Indeed  the  number  of 
missions  and  provable  life  hours  is  considerable  less  than  for  commercial  aircraft,  however  the  number  of 
load  cycles  per  flight  hour  and  the  severity  of  the  fatigue  load  spectrum  is  considerably  higher.  The  basic 
design  requirement  for  the  Tornado  structure  was  a  pure  fatigue  life  demonstration  up  to  four  times  of  the 
operational  life.  There  was  no  requirement  to  demonstrate  damage  tolerance  according  to  MIL  83444.  However, 
damage  tolerance  was  extensively  applied  to  wing  carry  through  box  and  wing  sweep  actuator  support. 

The  basic  load  spectrum  has  been  defined  by  the  customer  and  was  part  of  the  Performance  and  Design 
Requirements  (PDR).  The  customer  has  derived  the  spectrum  from  the  experience  of  fighter  aircraft  still  in 
service  with  the  air  forces  of  the  Tornado  partner  countries  and  extrapolated  it  to  the  likely  usage  of  the 
Tornado  A/C. 


Fatigue  Life  Analysis 


Miner's  Rule  has  been  used  as  the  basic  method  of  calculating  damage  accumulation,  with  the  assumption 
of  failure  occuring  when  damage  accumulation  equals  1. 

For  each  component  the  most  appropriate  S-N  curve  has  been  chosen  according  to  the  experience  of  the 
particular  company  which  in  many  cases  has  been  gained  from  the  analysis  of  test  results  on  similar  compo¬ 
nents. 

Whenever  possible  the  results  of  fatigue  tests  on  the  Tornado  structure  have  been  included  in  the  ana¬ 
lysis  by  the  use  of  factors  which  correlate  the  S-N  curve  with  the  test  results. 

In  certain  cases  the  results  of  fatigue  tests  on  coupon  specimens  with  flight  by  flight  loading  have 
been  read  across  to  Tornado  components  by  use  of  the  relative  Miner  Rule. 

To  cover  scatter  in  load  spectra  and  fatigue  endurance  a  safe  fatigue  life  factor  of  4  as  required  by 
the  P.D.R.  is  used. 

During  the  development  and  production  phase  a  considerable  number  of  fatigue  tests  on  specimens  anu 
components  besides  the  full  scale  airframe  tests  have  been  carried  out. 

The  main  objective  for  fatigue  testing  is  to  generate  basic  fatigue  design  data,  to  reduce  the  deve¬ 
lopment  risk  e.g.  for  components  with  new  production  technique  and  to  verify  the  fatigue  life  for  the  final 
structure. 

In  the  following  the  most  important  fatigue  life  verification  tests,  namely,  Full  Scale  Hinge  Fatigue 
Test  (FSHFT)  and  the  Major  Airframe  Fatigue  Test  (MAFT)  are  described. 
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Full  Scale  Hinge  Fatigue  Test 

The  full  Scale  Hinge  Fatigue  Test  was  to  demonstrate  the  fatigue  behaviour  of  the  most  essential 
section  of  the  Tornado  structure  during  a  reasonably  early  programme  stage. 

The  test  set-up  (Fig.  29  )  comprised  a  fuselage  centre  section  shortened  on  the  rear  end,  together 
with  a  complete  wing  carry-through  structure,  a  production  wing  box  with  both  pylons,  I/B  -  flap  and  dis¬ 
cus  on  the  RH  side  and  a  dummy  wing  with  dummy  I/B  flap  on  the  LH  side.  Front  and  rear  fuselage  sections, 
air  intakes  and  main  landing  gear  were  replaced  by  appropriate  dummy  structures. 

The  loading  system  was  made  up  bv  six  rigid  struts  which  kept  the  test  specimen  in  position  plus  22 
hydraulic  jacks  which  were  distributed  as  follows:  (Fig.  30). 

6  at  the  RH  original  wing  box 

4  at  the  wing  pylons  (horizontal  loads  only) 

3  at  the  LH  dummy  wing 

2  at  the  air  intake  dummies 

2  at  the  centre  fuselage  structure 

1  at  the  MLG  dummy 

2  at  the  fuselage  dummies  (front  and  rear)  and 


for  sweeping  the  slave  wings  which  reacted  the  RH  and  LH 
wing  loading  jacks  and  also  drove  the  RH  wing  box  and  the 
LH  dummy  wing  by  means  of  hinged  struts  attached  to  cantilevers. 


A  pneumatic  system  applied  pressure  to  the  air  intake  ducts  by  means  of  rubber  bags  and  the  wing  slot 
sealing  bags.  Only  symmetric  load  cases  were  simulated.  The  airframe  was  loaded  according  to  a  flight  by 
flight  load  programme  consisting  of  42  flights  of  random  sequence  compiled  of  542  load  cases. 

Strain  gauge  instrumentation  comprised  an  overall  coverage  of  critical  areas  at  the  beginning  of  the 
test  with  subsequent  extension  as  damage  and  repair  events  demanded.  (Maximum  725  strain  gauges  at  a  time). 
Inspection  were  performed  in  predetermined  intervals  (minimum  1000  hrs)  and  as  triggered  by  damages. 


The  Major  Airframe  Fatigue  Test  (MAFT)  giving  the  final  fatigue  life  proof  for  Tornado  is  unique  in 
its  extent  with  respect  to  the  loading  system  and  loading  programme.  The  requirement  is  to  demonstrate 
a  safe  airframe  life  of  4000  flight  hours  which  with  a  scatter  factor  of  4  means,  that  16  000  flight  hours 
have  to  be  simulated  on  the  test. 

The  test  specimen  comprises  a  complete,  unequipped  airframe  except  for  the  following  components  which 
are  dummies 


o  Engines 

o  Airbrakes 

o  Tailerons 

o  Rudder 

o  Radome 

o  Nose  and  Main  Landing  Gears 

o  0/B  Flaps  (2,3  and  4) 

o  Slats 

o  Movable  intake  ramps 


All  of  which  are  tested  separately.  The  dummies  are  designed  in  such  a  manner  that  correct  loading 
can  be  introduced  to  the  relevant  attachment  points. 

A  total  of  79  servo-controlled  hydraulic  jacks,  6  statically  determinate  struts  and  6  different  pneu¬ 
matic  systems  serve  to  simulate  the  required  flight  conditions.  68  of  the  jacks  apply  net  aerodynamic/ 
inertia  loads  (including  stores),  1  applies  thrust  and  reverse  thrust  to  the  dummy  engines,  8  apply  lan¬ 
ding  loads  to  the  nose  and  main  gear.  The  remaining  two  sweep  the  slave  wings  which  in  turn  are  attached 
to  the  aircraft  wings  by  struts. 
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The  pneumatic  systems  apply  pressure  to  the  cockpit,  cockpit  seal,  fuel  tanks,  intakes,  bleed  chamber, 
and  wing  slot  seal.  Fig.  31  shows  the  principal  arrangement  of  the  test  and  the  jacks  and  struts. 


A  randomised  flight-by-flight  test  programme  is  performed.  40  different  flights  are  derived  from  6 
basic  missions  which  have  been  defined  by  the  Air  Staffs.  To  cover  all  conditions  a  total  of  1095  load 
cases  have  been  evaluated  comprising. 

555  Symmetric  Steady  State  manoeuvres 

110  Symmetric  response  manoeuvres 

330  Asymmetric  Steady  State  manoeuvres 

100  Landing  Cases 


85  000  different  actuator  loads  are  required  to  match  the  load  cases.  During  the  16  000  hours  there 
will  be  a  total  of  2.88  million  load  cycles  and  112  000  wing  sweeps. 


Two  computers  are  used  for  the  control  and  monitoring  systems.  Jacks  are  operated  through  a  closed 
loop  servo-system  to  a  guaranteed  accuracy  of  0.5  %  of  the  maximum  load. 

To  assure  the  safety  of  the  test  airframe  against  incorrect  loading,  several  safety  devices  are  in¬ 
stalled.  If  the  difference  between  demand  values  and  actual  values  exceeds  a  pre-set  threshold  the  test 
will  be  shut  down  immediately.  The  computer  monitors  also  the  load  distribution  and  load  sequence. 

As  a  final  safety  device,  mechanically  acting  load  limiters  are  installed.  A  central  control  desk 
displays  all  information  needed  by  the  test  engineer  to  survey  and  command  the  test. 

The  test  specimen  is  fitted  with  609  strain  gauge  channels  and  61  deflection  transducers.  Recordings 
will  be  taken  every  1000  test  hours  via  a  high  speed  data  acquisition  system  which  will  simultaneously 
record  the  loading  distribution. 

In  addition  a  number  of  crack  detection  wires  are  applied  in  areas  suspected  of  being  critical  e.g. 
wing  lower  surface ,  fin  and  side  skins. 

Visual  external  inspections  are  carried  out  daily.  On  completion  of  every  1000  test  hours  the  airframe 
will  be  inspected  using  visual,  eddy-current  magnetic  and  X-Ray  techniques.  After  every  2000  test  hours  a 
major  inspection  will  be  carried  out.  In  addition  to  the  1000  test  hour  inspection  it  will  involve  the  re¬ 
moval  of  considerable  parts  of  the  rig  and  dummy  components.  At  the  end  of  16  000  hours  there  will  be  a 
complete  strip-down. 


Fatigue  Life  Monitoring  for  Tornado 

The  fatigue  life  of  the  Tornado  is  monitored  in  phase  I  by  a  g-counter  being  installed  in  each  A/C. 

The  g-counter  records  the  centre  of  gravity  spectrum  for  each  wing  position.  Besides  the  mission,  configura¬ 
tion,  fuel  weight  and  the  number  of  landings  will  be  registered  on  a  data  sheet.  The  fatigue  damage  respec¬ 
tively  the  residual  fatigue  life  will  be  determined  for  certain  structural  areas  applying  appropriate  ana¬ 
lytical  functions  which  give  a  correlation  between  g-counting  and  data  sheet  at  the  one  hand  and  the  local 
stressing  at  the  other  hand.  The  fatigue  life  monitoring  will  be  limited  to  such  structural  areas  which 
meet  the  following  requirements: 


through  monitoring  the  structural  area  has  !o  be  expected  to  show  a  high  degree  of  economic  profit 
the  structural  area  can  be  monitored  with  sufficient  reliability. 


Basically  the  structural  areas  which  will  be  selected  for  fatigue  life  monitoring  are  potential  fatigue 
life  critical  components  within  the  primary  wing  and  centre  fuselage  structure  requiring  a  considerable  in¬ 
spection  effort. 

In  phase  II  it  is  intended  to  install  a  statistical ly  representative  number  of  maintenance  fecorders 
in  order  to  improve  the  accuracy  of  the  residual  fatique  life  prediction  and  to  increase  the  structural 
area  for  fatigue  life  monitoring.  The  maintenance  recorder  is  intended  to  monitor  both  the  structure  and 
the  engines.  The  following  deals  only  with  ttf  monitoring  of  the  structure. 
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The  damage  respectively  residual  fatigue  life  will  be  determined  using  the  flight  parameters  measured 
and  registered  by  the  maintenance  recorder.  The  correlation  between  flight  parameters  and  local  damage  will 
be  performed  by  regression  analysis.  The  important  parameters  being  recorded  are  listed  below 

Pressure  A1 ti tude 
Calibrated  Airspeed 
Normal  Acceleration 
Angle  of  Attack 
Roll  Rate 
Pitch  Rate 
Yaw  Rate 

Taileron  Position  Port 

Taileron  Position  Starboard 

Outboard  Spoiler  Position  Port 

Inboard  Spoiler  Position  Starboard 

Rudder  Position 

Wing  Sweep  Angle 

etc. 


8efore  introducing  the  maintenance  recorder  in  the  production  A/C  a  qualification  programme  has  to  be 
performed: 

in  the  first  step  it  will  be  demonstrated  that  the  MR  together  with  its  sensors  and  wiring  is  compa¬ 
tible  with  the  Tornado  and  able  to  collect  and  to  record  the  data  with  high  fidelity 

in  the  second  step  the  functioning  of  the  complete  system  consisting  of  data  acquisition  data 
analysis  and  fatigue  life  analysis  will  be  tested  an  a  trade  study  of  an  operational  structure 
and  engine  control  by  the  MR  will  be  carried  out. 


Referring  to  ma inta inabi 1 i ty  the  introduction  of  the  MR  has  the  following  aims: 

Fatigue  life  monitoring  is  an  additional  measure  for  the  maintenance  and  inspection  programme  to  in¬ 
crease  the  safety  and  to  confirm  the  assumptions  made  for  the  design. 

Fatigue  life  monitoring  is  a  measure  to  rationalize  the  maintenance  i.e.,  reduction  of  the  inspection 
effort  by  optimizing  the  inspection  interval  through  damage  equivalent  inspection. 


STRUCTURAL  DYNAMICS 


With  the  increased  emphasis  on  high  performance-multipurpose  aircraft  the  role  of  structural  dynamics 
in  the  design  process  has  become  much  more  important.  Parameters  that  improve  performance  characteristics 
such  as  lower  thickness  to  chord  ratio,  larger  surface  areas  and  higher  aspect  ratios  are  driven  to  near 
optimum  values  within  the  constraints  of  weight  and  structural  dynamics  limitations  such  as  flutter,  vibra¬ 
tion  environment  (including  accoustics),  control  surface  effectiveness,  buffet  response.  Because  the  Tornado 
features  a  powerful  fly  by  wire  Command  and  Stability  Augmentation  System  aeroservoelastic  analyses  and  tests 
had  to  be  performed  to  avoid  adverse  coupling  of  the  C5AS  with  the  structure.  Since  the  aircraft  also  car¬ 
ries  a  tremendous  number  of  external  stores  on  two  underwing  pylons  for  each  wing  and  on  the  fuselage  dif¬ 
fering  in  weight  and  radius  of  gyration  the  problem  of  giving  flutter  clearances  must  be  tackled  with  very 
careful  selection  of  certain  stores  -  for  each  wing  sweep  -  to  define  corner  points  and  a  read  across  of 
the  in  between  stores.  The  problem  gets  more  complicated  when  tanks  are  considered  and  flutter  free  fuel 
emptying  sequencies  have  to  be  defined.  It  should  also  be  mentioned  here  that  covering  the  supersonic  flight 
regime  almost  doubles  the  analytical  and  test  efforts  compared  to  subsonic  airplanes. 


Buffet  Investigations 

The  high  maneuverabi 1 i ty  requirements  for  military  aircraft  necessitates  predictions  how  much  the  pi¬ 
lots  performance  is  affected  by  structural  vibrations. 

The  central  problem  in  predicting  the  buffet  response  of  a  full  scale  aircraft  is  the  difficulty  in 
estimating  the  excitation  due  to  the  separated  flow  over  the  wing.  The  unsteady  component  of  the  buffet 
pressures  were  measured  on  a  rigid  model  by  direct  pressure  transducers  at  a  number  of  points  on  the  wing. 

The  model  as  shown  in  Fig.  32  consisted  of  a  half  fuselage  part  without  tail  and  a  sweepable  wing. 
Pressure  pickups  were  located  at  three  spanwise  sections,  at  0.87,  0.67  and  0.47  s  in  the  25'  sweep  posi¬ 
tion  on  the  wing  upper  side,  six  at  each  section.  In  addition  there  were  six  accelerometers  installed,  to 
investigate  the  dynamic,  response  of  the  model.  The  test  program  included  the  measurement  of  two  sweep  po¬ 
sitions,  25"  and  45",  the  Mach  numbers  M  =  0.75  and  0.8  for  25  and  M  =  0.7,  0.75,  0.B  and  0.825  for  45’ . 
The  incidence  could  be  varied  stepwise  (A -  0.5")  in  the  region  4°  -CfX_<l3  .  The  wind  tunnel  tests 
were  performed  in  ARA  Bedford  8'  x  9'  transonic  wind  tunnel  at  1  atm. 


A  M 
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MODAL  TRANSFERFUNCTION  OF  TOTAL  AIRCRAFT 
H(itj)  =  (—  u  M  +  (1  +  ig)  K  +  L  (iu)J'^ 

M,  K,  L  =  generalized  inertia,  stiffness  and  aerodynamic  stiffness  and  damping 


GENERALIZED  SPECTRA  OF  THE  EXCITATION  FROM  MODE L  PRESSURE 
MEASUREMENTS 


Sy  (iui)  =  /  R(r)e  '“Tdr 

R(r)  =  lim  i  /  (r  ♦  /  Pj(t)dF]  |I  *  / p,(t  +  r)tJF)dt 

»«  To j-f  1  fi  i  j-i  *r  i 


Rim  =  generalized  cross  correlation 

CROSS  POWER  SPECTRA  OF  THE 
DYNAMIC  RESPONSE 
S  (itj)  =  $  H  (-ita)  SQ  (icj)  H  (ita) 
s0  (ita)  =  ip/pm)*  <v/vm£  (S/s  f  sM 


eigenvector  m 
panel  area  j 


M  =  MODEL 


FIG.  34  ILLUSTRATION  OF  THE  BUFFET  PREDICTION  ANALYSIS 


FIG.  35  PSD  OF  WING  TIP  ACCELERATIONS 
Oc  =  12°,  MA  =  0.7,  A  LE  =  45° 


Gust  and  Manouvre  Load  Analysis 

In  order  to  produce  reliable  gust  and  manouvre  load  predictions  it  is  absolutely  necessary  to  re¬ 
present  the  elastic  aircraft  as  well  as  the  command  and  stability  augmentation  system  in  the  mathematical 
model.  The  degree  of  refinement  needed  to  give  good  results  differs  considerably  varying  from  representing 
the  aircraft  aerodynamics  and  elastic  properties  with  elastically  corrected  derivatives  and  the  control 
system  -  including  load  dependent  actuators  -  with  lag  functions  up  to  a  full  elastic  aircraft  with  all 
important  structural  modes  and  a  highly  sophisticated  control  system  with  all  structural  feedbacks.  The 
elastic  aircraft  behaviour  is  tested  in  the  "Ground  Resonance  Test”.  The  control  systems  behaviour  -  at 
zero  airspeed  -  can  be  checked  and  corrected  using  results  of  the  so-called  "Structural  Mode  Coupling  Test" 
which  is  described  later. 


Fig.  36  shows  the  transfer  function  of  the  fin  root  shear  force  and  of  the  lateral  acceleration  on 
the  fin  leading  edge  tip  with  and  without  CSAS. 

It  can  be  seen  from  this  picture,  that  there  is  a  big  influence  of  CSAS  on  fin  shear  force  because  the 
power  spectrum  of  turbulence  has  its  maximum  at  low  frequencies.  Little  influence  of  CSAS  can  be  expected 
on  the  tip  acceleration. 
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FIG.  36  FIN  TRANSFER  FUNCTIONS  FOR  LATERAL  GUST 


In  Fig.  37  the  frequency  of  exceedance  of  the  wing  root  bending  moment  due  to  vertical  stochastic 
gust  excitation  and  the  shear  force  on  the  fin  root  due  to  lateral  stochastic  gust  excitation  is  shown. 
The  constants  used  for  this  calculation  were  taken  from  the  US-Airforce  Military  Specification  8861  A 
(May  1960).  The  influence  of  the  CSAS  on  the  fin  root  shear  force  is  considerable. 


FIG.  37  FREQUENCY  OF  EXCEEDANCE  OF 
WING  ROOT  BENDING  MOMENT 
AND  FIN  ROOT  SHEAR  FORCE 
FOR  GUST  EXCITATION 


19A-28 


The  influence  of  CSAS  on  response  calculations  due  to  a  normalized  manoeuvre  is  shown  in  the  next 
figures.  In  order  to  sort  out  the  different  influences  three  different  kinds  of  tailplane  movements  were 
considered: 

a)  the  theoretical  trapezoidal  tailplane  movement 

b)  the  trapezoidal  tailplane  movement  multiplied  with  the  actuator  functions 

c)  the  trapezoidal  tailplane  movement  multiplied  with  the  transfer  function  of  the  command  augmentation 
system  (CAS)  and  the  actuator. 

These  three  tailplane  motions  are  presented  in  Fig.  38. 


FIG.  38  TAILPLANE  ANGLE  INPUT  SIGNAL 


These  three  motions  were  introduced  as  tailplane  manoeuvre  input  into  the  rigid  and  elastic  mathema 
tical  model.  In  Fig.  39  the  vertical  acceleration  of  the  center  of  gravity  is  depicted. 


-  wmics  vs 

- WITH  c AS 

- *  —  WITH  ACTUATOR  TRANSFER  EUMTION 

-  TRAPEZOID  \L  INPUT 


FIG.  39  A/C  CENTER  OF  GRAVITY  VERTICAL  ACCELERATION 
DUE  TO  MANOEUVRE  (ELASTIC  A/C) 
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The  corresponding  vertical  accelerations  on  the  wing  tip  are  presented  in  Fig.  40. 

It  should  be  pointed  out,  that  design  loads  from  gusts  are  altered  considerably  by  inclusion  of  a 
CSAS.  Design  loads  from  manoeuvres  however  have  always  to  be  assigned  to  the  same  MIL-Spec.  requirements 
(e.g.  ' g '  level),  that  means  the  pilot  input  has  to  be  chosen  in  order  to  produce  equivalent  ' g 1  levels 
with  and  without  CSAS  respectively. 


WITH  CSAS 
WITH  CAS 

WITH  ACTUATOR  TRANSFER  FUNCTION 
TRAPLZOIIJAL  input 


FIG.  40  WING  TIP  VERTICAL  ACCELERATION  DUE  TO 
MANOEUVRE  (ELASTIC  A/C) 


Flutter  Investigations 

Dynamically  scaled  models  were  used  to  predict  the  flutter  behaviour  of  the  Tornado  A/C  with  and 
without  underwing  stores.  Model  test  results  were  also  used  to  check  and  correct  analytical  predictions. 
Unsteady  pressure  measurement  were  performed  in  the  subsonic  regime  to  check  interference  air  forces  be¬ 
tween  wing  and  tailplane  and  in  the  transonic  regime  to  check  rudder  air  forces  against  predictions.  A 
rather  exotic  wind  tunnel  flutter  test  peculiar  to  the  Tornado  sweep  wing  aircraft  was  done  on  the  wing 
slot  seal  bag. 
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FIG.  41  WIND  TUNNEL  MODEL  FOR  UNSTEADY  PRESSURE  MEASUREMENT 


Unsteady  Aerodynamic  Interference  Airforces 


During  earlier  wind  tunnel  test  a  flutter  problem  was  detected  which  could  not  be  predicted  analyti¬ 
cally  because  unsteady  interference  air  forces  were  neglected.  The  flutter  speed  was  highly  dependant  on 
vertical  offset  between  wing  and  tail  and  on  fuselage  stiffness.  A  new  unsteady  air  force  theory  was  deve¬ 
loped  and  its  validity  was  proven  with  a  rigid  model  (Fig.  41).  Fig.  42  shows  some  results  of  the  wind 
tunnel  tests  compared  with  predictions.  Because  correlation  was  very  good  the  new  air  force  theory  was 
proven. 


FIG.  42  INDUCED  THEORETICAL  AND  EXPERIMENTAL  PRESSURE 
DISTRIBUTION  ON  THE  STEADY  TAIL  DUE  TO  WING  PITCH 
REDUCED  FREQUENCY  K  =  2.39;  WING  SWEEP  25°,  4 0°,  70°,  PLANAR 
CONFIGURATION 


Unsteady  Pressures  due  to  Control  Surface  Rotation  at  Low  Supersonic  Speed 

The  accuracy  of  control  surface  unsteady  aerodynamics  is  particularly  important  on  modern  combat 
aircraft  at  low  supersonic  Mach  number/high  frequency  parameter  combinations.  In  order  to  assess  the 
accuracy  of  current  theories,  a  nominally  rigid  model  has  been  designed,  built  and  tested  at  NLR,  Amster¬ 
dam,  at  Mach  numbers  up  1.3  and  reduced  frequencies,  based  on  semispan,  up  to  1.6. 

Geometry  and  the  location  of  tube  pressure  holes  is  shown  in  Fig.  43. 

Rudder  rotation  was  excited  by  an  electrodynamic  exciter  in  resonance  condition.  This  resonance  con¬ 
dition  was  fulfilled  by  attaching  the  rudder  with  various  springs  to  the  fin.  To  account  for  tube  system 
dynamics  with  wind  on  some  direct  pressure  transducers  were  installed  and  thereby  a  correct  calibration 
could  be  established. 


FIG.  43  LOCATION  OF  TUBE  PRESSURE  HOLES 


M  =  1.089  AC 
f  =  148  Hz 
k  =  0.800 


o  *  experiment 
(Acp’,ACp) 


FIG.  44  EXPERIMENTAL  AND  THEORETICAL 
PRESSURES  AT  TEST  STATIONS 


Theory  and  experiment  were  compared  for  4  stations  in  Fig.  44  .  It  can  be  stated  that  agreement  is 
satisfactory. 

A  very  interesting  result  is  shown  in  Fig.  45  were  rudder  hinge  moment  is  depic  ted  versus  Mach  number. 
The  imaginary  part  of  the  moment  may  drop  below  zero  which  means  that  one  degree  of  freedom  flutter  could 
occur.  This  effect  is  also  predicted  by  theory. 


FIG.  45  HINGE  MOMENT  VS  MACH  NUMBER 


Subsonic  Flutter  Model 

Complete  free-free  flying  flutter  model  were  used  to  assess  the  A/C  flutter  behaviour.  The  model  was 
used  firstly  to  find  appropriate  measures  to  clear  a  T i  surfaces  to  required  speeds  and  define  the  sensi¬ 
tivity  to  parameters.  Fig.  46  shows  the  model  used. 


FIG.  46  SUBSONIC  FLUTTER  MODEL  AND  SUSPENSION  SYSTEM 


FIG.  47  FLUTTER  SPEED  VERSUS  FUSELAGE 
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In  Fig.  47  a  flutter  case  is  shown  which  is  caused  by  aerodynamic  interaction  between  the  swept  wing 
and  the  tailplane.  The  figure  shows  flutter  speeds  versus  aft  fuselage  stiffness  computed  with  and  with¬ 
out  interference  air  forces.  Using  conventional  unsteady  air  forces  the  flutter  speeds  are  completely 
different  from  the  test  results.  By  introducing  interference  air  forces  a  good  correlation  between  test 
and  calculation  was  found.  In  Fig.  48  the  trend  of  flutter  speed  versus  tailplane  mass  balance  is  pre¬ 
sented. 


FIG.  48  FLUTTER  SPEED  VS  TAILPLANE 
MASS  BALANCE 
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FIG.  49 


FIG.  50 


FLUTTER  SPEED  VERSUS  INBOARD 
STORE  WEIGT  FOR  VARYING 
INBOARD  STORES  AND  CONSTANT 
OUTBOARD  STORE 


FLUTTER  SPEED  VERSUS  INBOARD 
STORE  RADIUS  OF  GYRATION 
FOR  VARYING  INBOARD  AND 
CONSTANT  OUTBOARD  STORE 
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The  second  purpose  of  the  model  was  to  find  contour  plots  of  flutter  speeds  for  external  stores  carried 
on  the  wing  for  various  parameters  such  as  wing  stiffness,  pylon  stiffness,  etc.  The  flutter  model  testing 
described  was  found  to  be  a  powerful  method  for  economical  store  flutter  investigations.  Typical  results 
of  store  testing  are  depicted  in  the  next  figures.  Fig.  49  shows  a  strong  dependency  of  the  flutter  speed 
of  two  store  inboard  and  outbaord  on  a  wing  with  inboard  store  weight.  Fig.  50  shows  the  variation  of  flut¬ 
ter  speed  of  an  airplane  as  a  function  of  radius  of  gyration  of  the  inboard  store.  These  results  were  com¬ 
pared  with  predictions  and  good  con  elation  was  achieved.  From  the  latter  figures  a  contour  plot  as  shown 
in  Fig.  51  can  be  constructed. 


STORE  RAOIUS  OF  GYRATION  [m] 

FIG.  51 

STABILITY  REGIONS  FOR  VARIOUS  STORES 


Transonic  Flutter  Model 

A  dynamically  scaled  model  of  the  fin  and  rudder  was  built  to  investigate  the  transonic  effects  on 
the  flutter  speed  (Fig.  52).  Such  a  model  requires  a  rather  sophisticated  design  compared  to  a  subsonic 
model.  Frequencies  and  dampings  were  measured  with  autocorrelation  techniques  using  the  wind  tunnel  tur¬ 
bulence  for  excitation  (Fig.  53).  A  result  is  shown  for  zero  rudder  jack  stiffness  which  correlates  quite 
well  with  predictions  (Fig.  54). 


FIG.  52 


TRANSONIC  MODEL  IN  WIND  TUNNEL 


FREQUENCY  IHil  DAMPING  IGI 
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FIG.  53 

AUTOCORRELATION  FUNCTIONS  AND  POWERSPECTRA  OF  THE 
MODEL  RESPONSE  AT  MA.  =  1.2  AND  V/VREF  =  0.415 


FIG.  54  FLUTTER  SPEED  VERSUS  DAMPING  AND  FREQUENCY 
OF  FIN  WITH  ZERO  RUDDER  JACK  STIFFNESS 


A 


The  slot,  which  takes  the  movable  part  of  the  wing  when  it  is  swept  back,  is  closed  with  an  air- 
filled  bag,  consisting  of  an  upper  and  lower  section,  providing  an  aerodynamical ly  clean  fuselage  contour. 
Height  of  the  wing  slot  seal  have  been  dictated  by  the  elastic  “flection  of  the  swept  back  wing  under 
maneouver  load. 

The  design  made  use  of  rubber  sealed  nylon  fabric  material  with  an  outer  teflon  layer  for  wear  re¬ 
duction  and  previous  experience  indicated  the  tendency  for  flutter  of  the  bag  unless  stabilized  by 
sufficiently  high  internal  overpressure. 

In  order  to  determine  the  minimum  required  system  overpressure  to  reliably  prevent  flutter  and  thus 
rapid  destruction  of  the  bags,  a  wind  tunnel  test  was  performed  with  a  slot  seal  system  mounted  flush 
into  the  wind  tunnel  wall  of  the  Mod ane  S2  tunnel  (transonic  and  supersonic  test  section)  and  with  a  stub 
wing  representing  the  wing  trailing  edge  in  relation  to  the  slot  seal .  Conditions  with  compressed  bags  from 
the  wing  under  load  could  be  simulated  by  tilting  the  bags  about  the  stub  wing. 


Through  the  test,  the  minimum  required  differential  pressures  to  prevent  bag  flutter  under  all  opera¬ 
tional  conditions  could  be  determined,  thus  enabling  a  weight  optimized  wing  slot  seal  and  fuselaqe  backup 
structure.  v 


stub  wing 


leading 
edge  y 


FIG.  55  WING  SLOT  SEAL  -  FLUTTER  MODEL  IN  TRANSONIC 
WIND  TUNNEL 
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INTERACTION  8ETWEEN  AIRCRAFT  STRUCTURE  AND  COMMAND  AND  STABILITY  AUGMENTATION  SYSTEM 

As  previously  mentioned  the  CSAS  must  be  introduced  into  the  mathematical  models  for  load  prediction. 
It  is  also  mandatory  to  consider  its  effects  on  the  aeroelastic  properties  and  to  check  predictions  on 
ground  and  in  air  with  relatively  extensive  tests. 

During  the  ground  testing  of  Tornado  an  instability  was  encountered  involving  symmetrical  oscillations 
at  about  13  Hz.  This  instability  was  created  by  detrimental  coupling  of  the  command  and  stability  augment- 
tation  system  -  CSAS  -  with  the  elastic  aircraft. 

The  surfaces  controlled  by  the  CSAS  are  a  di fferentially  moving  tailplane  (taileron),  a  rudder  and 
wing  mounted  spoilers.  These  surfaces  are  actuated  by  hydraulic  jacks.  The  aircraft  motion  is  sensed  and 
fed  back  by  rate  gyros.  Fig.  56  shows  a  block  diagram  of  the  aircraft  with  CSAS. 


FIG.  56 

BLOCK  DIAGRAM  OF  AIRCRAFT  WITH  CSAS 


The  airplane,  being  a  combat  aircraft,  carries  a  huge  amount  of  stores  varying  tremendously  in  mass 
and  inertia  properties  at  four  sweepable  stations  on  the  wing  and  under  the  fuselage.  Combining  wing  sweep 
with  external  stores  a  large  number  of  configurations  must  be  investigated.  Thus  it  is  absolutely  necessary 
to  have  an  analytical  procedure  which  can  predict  the  aeroelastic  behaviour  of  the  aircraft  reliably  so 
that  test  work  can  be  restricted  to  a  few  check  points.  The  mathematical  model  must  be  laid  out  in  such  a 
way  that  in  can  be  easily  adjusted  to  match  test  results. 

The  investigation  method  is  shown  in  the  block  diagram  of  Fig.  57. 

The  first  step  was  to  calculate  the  vibration  modes  and  frequencies  based  on  theoretical  stiffness  and 
inertia  information.  These  modes  and  frequencies  were  compared  with  ground  resonance  test  results  and  the 
mathematical  model  was  adjusted  to  match  test  results.  Theoretical  information  about  the  CSAS  was  introduced 
into  the  mathematical  model  and  later  on  replaced  by  test  results  (actuator  impedance  and  transfer  function 
measurements).  Predictions  gained  from  this  theoretical  model  were  compared  with  the  CSAS-structural  coupling 
test.  Unsteady  aerodynamic  forces  were  fed  into  the  mathematical  model  and  the  result  of  v-g  plots  were  com¬ 
pared  with  flight  flutter  test  results. 


FIG.  57  BLOCK  DIAGRAM  OF  CSAS-AEROELASTIC  COUPLING 
INVESTIGATION 


FJ iqht  Flutter  Test  Results 

Tests  were  performed  at  a  few  air  speeds  with  the  unaugmented  and  augmented  aircraft.  First  data  eva¬ 
luations  show  that  differences  in  frequencies  and  dampings  of  these  two  conditions  are  within  measuring 
accuracy.  In  Fig.  58  the  measured  and  predicted  frequencies  and  dampings  versus  airspeed  are  plotted  for 
the  most  important  mode. 


Flight  Flutter  Test 
Clean  Aircraft: 

Signals  were  telemetered  to  the  ground  station  for  quick  look  inspection.  Post  flight  analysis  was 
conducted  with  data  stored  on  tape.  Data  evaluation  was  done  with  a  special  purpose  digital  computer  using 
Fast  Fourier  Transform  Techniques. 

The  philosophy  underlying  the  flight  flutter  test  phase  was  not  only  the  rapid  clearance  of  the  flut¬ 
ter  test  aircraft  (by  tracing  the  most  critical  modes)  but  also  the  identification  of  the  behaviour  of  the 
majority  of  the  vibration  modes.  This  has  been  undertaken  in  order  to  provide  a  comprehensive  description 
of  the  aircraft's  vibration  characteristics,  thus  allowing  more  economic  testing,  in  the  future,  of  other 
prototype  and  production  variants,  even  to  the  extent  of  clearance  based  only  on  calculations  and  simple 
demonstration  flights. 


FIG.  58 

COMPARISON  OF  ANALYSIS  AND  FLIGHT  TEST  RESULTS 


Prior  to  flight  flutter  tests,  clearance  was  given,  based  upon  the  previously-described  calculations 
and  ground  tests,  for  flying  within  an  envelope  a  little  greater  than  half  of  the  design  envelope.  Flutter 
testing  then  proceeded  on  a  Mach  Number  and  airspeed  grid,  covering  the  required  range  of  Mach  number  at 
a  particular  airspeed  before  clearance  to  a  higher  airspeed  was  granted. 

Following  the  identifications  from  the  calculations  that  there  was  little  effect  of  CSAS,  and  that 
this  was  slightly  beneficial,  the  initial  flutter  test  phase  was  conducted  in  the  CSAS  reversionary  state, 
which  possesses  no  autostabilization  in  the  pitch  and  roll  axes,  and  with  the  wings  at  the  most  critical 
sweep  angle  (full  sweep,  where  interference  flutter  effects  are  greatest).  Tests  were  then  made  with  the 
CSAS  engaged  and  at  different  wing  sweep  angles  to  establish  the  effect  of  these  variables  upon  the  vibra¬ 
tion  characteristics. 


Following  this  phase,  during  which  the  entire  subsonic  envelope  was  cleared,  the  next  phase  adopted 
a  similar  approach  initially,  until  further  confidence  was  gained  that  the  differences  between  the  various 
configurations  was  not  great.  Following  this  specific  excitation  has  been  made  at  the  most  critical  wing 
sweep  angle  and  with  the  CSAS  in  its  reversionary  state,  with  pilot  inputs  sufficing  in  the  other  configura¬ 
tions. 


It  is  worth  noting  that  maximum  level  speed  at  minimum  safe  altitude  was  achieved  seven  months  after 
the  first  flight  of  the  flutter  test  aircraft. 


Excitation  and  Instrumentation 


It  was  planned  from  the  outset  of  the  project  that  two  separate  excitation  systems  should  be  provided 
in  order  to  maximise  the  number  of  modes  excited.  This  is  consistent  with  the  philosophy  of  identifying 
the  maximum  number  of  modes. 

Bonkers  are  installed  at  the  extremities  of  the  taileron  and  fin  and  in  a  special  pylon  attached  to 
the  outer  wing  station.  Inertia  exciters  (mass  shakers)  are  installed  in  the  taileron  and  fin.  The  location 
and  force  levels  of  the  excitation  equipment  were  defined  by  calculation  -  a  compromise  was  achieved  be¬ 
tween  excitation  effectiveness  and  the  effect  upon  the  flutter  characteristics. 


The  inertia  exciters  are  electrohydraul ic  devices  driving  a  heavy  metal  wedge  by  two  small  actuators 
working  in  a  push-push  fashion.  Their  force  output  is  very  close  to  the  theoretical  maximum  achievable 
within  the  defined  space  limitations.  The  wedge  angle  is  used  as  the  control  parameter,  being  scheduled 
against  frequency  to  respect  amplitude  limits  at  low  frequency  and  a  force  limit  at  higher  frequencies. 

A  maximum  force  of  1700  Newtons  is  obtained. 


Correlation  between  Flight  Test  and  Calculation 

All  modes  of  importance  have  been  monitored  throughout  and  predictions  have  so  far  been  validated  in 
every  respect.  It  has  proved  necessary  to  increase  apex  mass  from  60  to  00  .  on  completion  of  the  sub¬ 
sonic  envelope  expansion,  and  from  80  to  100  during  the  supersonic  clearance.  Modal  damping  variations 
with  airspeed  are  compared  with  prediction  in  Fig.  59  for  supersonic  airspeeds.  The  v-g  plot  shows  'easured 
and  calculated  results  of  the  antisymmetrical  taileron  flutter  mode  for  the  test  configuration  with  60 
to  100  taileron  balance  weight.  2.5  structural  damping  are  added  to  the  calculated  results  according 
to  the  values  measured  in  ground  resonance  test.  The  frequency  of  this  flutter  mode  was  predicted  with  20 
to  21  Hz  whereas  flight  test  results  show  frequencies  between  19  and  20  Hz. 

In  agreement  with  experience  the  predictions  are  conservative  but  dependencies  of  the  flutter  trend 
upon  flutter  parameters  are  in  line  with  flight  test  results  and  extrapolation  of  the  flight  test  data 
seems  to  match  the  predicted  flutter  speed. 


FIG.  59  COMPARISON  BETWEEN  CALCULATION  AND  FLIGHT  TEST  AT 
SUPERSONIC  AIRSPEEDS  FOR  DIFFERENT  BALANCE  WEIGHTS 
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Aircraft  with  Underwing  Stores 
System  Description 

In  order  to  excite  the  vibration  modes  of  the  Tornado  with  stores  during  the  flight  flutter  tests  a 
special  store  (  ig.60  !  was  designed  with  the  aerodynamic  shape  of  a  tank  with  the  following  possibilities: 


FIG.  60  FLUTTER  FLIGHT  EXCITATION  SYSTEM 


to  simulate  a  large  variety  of  stores  by  operating  on  a  set  of  ballast  masses  which  could  be  added  in¬ 
side  to  change  weight,  inertia  and  C.G.  position 

to  excite  the  A/C  during  flight  by  means  of  a  built-in  electrohydraul ical ly  driven  vanes  excitation 
system. 

Fitting  two  stores  on  underwing  pylons  both  symmetric  and  antisymmetric  excitations  could  be  per¬ 
formed  driving  the  two  vanes  coupled  in  phase  or  out  of  phase.  Different  sets  of  vanes  could  be  fitted  to 
cover  subsonic  -  transonic  -  supersonic  speed  ranges. 

The  excitation  system  included: 

a)  Excitation  signal  generator,  giving  sinus  (frequency  sweep)  random  or  pulse  input  signals,  adjustable 
for  amplitude,  frequency  range,  sweep  rate. 

b)  Actuator  fed  by  the  signal  generator,  driving  the  two  vanes  shaft. 

c)  Hydraulic  power  unit  (motor  +  pump  +  reservoir)  giving  oil  pressure  to  drive  the  actuator. 

d)  Pilot  and/or  Copilot  control  panels  to  choose  the  excitation  kind  and  amplitude  and  to  start/stop  the 
system. 

e)  Electronic  control  unit  which,  accordingly  to  the  control  panel  and  signal  generator  setting,  controls 
all  functions.  This  unit  included  also  the  safety  devices,  which  prevented  operation  with  excess  force 
or  unsafe  conditions. 

During  the  flight  flutter  test  the  system  was  used  for  clearance  of  numerous  stores  and  store  combi¬ 
nation  and  has  worked  very  successfully. 


Interpretation  of  Flight  Flutter  Test  Results 

Sometimes  it  is  very  difficult  to  understand  flight  test  results  and  correlate  it  with  the  findings 
of  analysis  and  previous  ground  and  wind  tunnel  tests.  If  correlation  is  very  bad  one  has  to  look  for  the 
different  conditions  of  the  various  test.  Usually  the  structural  model  and  the  unsteady  aerodynamic  forces 
are  assumed  to  be  linear.  When  large  structural  nonlinearities  -  friction  and  backlash  for  instance  - 
exist  then  the  flight  test  results  depend  on  the  excitation  amplitudes  and  sometimes  it  is  not  possible 
to  reach  linear  conditions  in  flight  test  because  inputs  are  to  large.  As  an  example  dampings  of  a  store 
vibration  mode  are  shown  which  give  quite  different  results  for  lateral  or  longitudinal  stick  jerks  (F'9-  61) 
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FIG.  61  IN  FLIGHT  MEASURED  DAMPING  VALUES  OF  INITIAL  MODE 
COMPARED  WITH  COMPUTED  CURVES 


It  is  necessary  to  have  an  analytical  method  which  can  deal  with  those  nonlinearities  so  required  flight 
conditions  can  be  defined. 

Unsteady  aerodynamic  forces  also  can  be  very  much  dependent  on  stationary  angle  of  attack  when  stall 
conditions  are  approached  at  high  Mach  numbers.  Fig.  63  shows  how  the  aerodynamic  damping  of  the  wing  ben¬ 
ding  mode  reduces  with  stationary  angle  of  attack.  Sometimes  high  buffet  levels  on  the  wing  may  occur 
which  can  be  attributed  to  this  phenomenon.  For  this  reason  it  is  required  to  have  analysis  methods  avail¬ 
able  which  can  deal  with  these  problems. 
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Vibration  Qualification 

The  vibration  qualification  procedure  consists  of  several  steps 
o  Analytical  assessment  of  the  vibration  environment 
o  Vibration  qualification  using  these  predicted  environments 
o  Verification  flight  for  environment  levels 

This  procedure  applies  for  aerodynamic  and  engine  noise  produced  general  vibration  environment  as 
well  as  gunfire  induced  dynamic  environmnent.  Three  typical  examples  are  presented  in  the  following. 


Gunfire  Environment 


An  example  with  characteristic  acceleration  time  history  is  shown  in  Fig. 63.  This  time  history  indi¬ 
cates  the  typical  signal  nature  of  such  environment  caused  by  gunblast-  and  mechanical  induced  excitation 
energy.  The  impulse  response  in  the  sequence  of  gun  firing  rate  superimposed  with  broadband  random  can  be 
clearly  recognized.  The  corresponding  accumulated  exposure  time  of  gunfire  environment  is  relatively  short 
but  the  levels  in  the  vicinity  of  the  guns  are  generally  considerable  above  the  general  vibration  environ¬ 
ment. 


To  avoid  overtesting  and  to  provide  realistic  environmental  test  data  a  step  by  step  approach  was 
accomplished  during  gunrig  firing  tests,  A/C  ground  firing-  and  A/C  airfiring  tests. 

P-eliminary  gunfire  vibration  measurements  were  made  on  a  gun  rig,  which  represented  the  aircraft 
forward  fuselage  structure  with  left  hand  and  right  hand  mounted  gun  and  with  simulated  fuselage  mass 
distribution. 


FIG.  63  TYPICAL  GUNFIRE  VIBRATION  RESPONSE 


Equipment  gunfiring  clearance  was  based  on  combined  test  spectra,  derived  from  these  gunrig  tests, 
consisting  of  sinusoidal  signals  representing  the  gunfiring  rate  and  up  to  3  harmonics  and  with  super¬ 
imposed  broadband  random  signal  (Fig.  64  ). 


FREQUENCY 

FIG.  64  COMPOSITE  SPECTRUM  FOR  GUNFIRE-QUALIFICATION 


Further  measurements  during  A/C  ground  firing  trials  were  used  to  update  the  test  spectra  and  equip¬ 
ment  clearance.  During  A/C  airfiring  tests  further  gunfire  vibration  measurements  were  performed  (Fig.  66) 
to  provide  the  final  inputs  for  equipment  qualification  comparable  to  Fig.  65. 


FIG.  65  MEASURED  GUNFIRE  VIBRATION  SPECTRA 
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Special  attention  is  required  in  case  of  large  gun  size  with  low  firing  frequency  in  the  vicinity  of 
fundamental  A/C  structural  vibration  modes  and  in  case  of  shock  mounted  equipment.  The  use  of  measured  gun¬ 
fire  vibration  data  proved  as  a  realistic  procedure  to  account  for  the  real  environment. 

Similar  procedures  can  be  applied  to  cover  the  dynamic  environment  caused  by  firing  of  dispenser  pods 
in  the  equipment  qualification. 


Dynamic  A/C  Component  Tests 


Ground  resonance  tests  on  rig  mounted  A/C  components  have  been  performed  to  define  the  vibration  be¬ 
haviour  and  to  adjust  the  mathematical  model  used  in  vibration-  and  dynamic  response  calculations.  Typical 
examples  were  GRT  on  rig  mounted  vertical  fin  and  taileron  as  well  as  rig  mounted  pylons  with  single  and 
with  multiple  store  configurations. 


Vibration  Quali fication  of  Assembled  Stores 

Instead  of  rigid  shaker  mounted  stores  rig  mounted  subsystems  of  store,  ERU's  and  adapters  or  pylons 
have  been  used  to  simulate  reasonable  store  environment.  The  test  procedure  was  based  on  MIL-Std.  810  C, 
Method  514,  Procedure  II  B.  Key  points  of  this  procedure  are  the  control  of  store  response  data  in  forward 
and  rear  store  reference  plane  and  direct  excitation  of  the  store  by  means  of  rod  mounted  shakers.  The 
shaker  attachment  outside  the  store  CG  allows  for  instance  also  the  excitation  of  important  store  yaw  and 
pitch  modes.  Fig.  67  is  an  example  of  a  subsystem  test  rig  close  to  the  mounting  condition  on  the  A/C.  Good 
test  experience  has  been  gained  with  this  new  test  procedure.  Fig.  68  shows  the  determination  of  resonance 
peaks  and  the  test  spectrum  for  the  functional  test. 


FIG.  66  STORE  VIBRATION  TEST  RIG 
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determination  of  resonance  peaks  vibration  test  with  "functional  level" 


FIG.  67  VIBRATION  QUALIFICATION  FOR  EXTERNAL  STORES 
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Abstract 


The  paper  starts  with  a  short  description  of  the  Tornado  program.  The  complex 
requirements  for  this  all-weather  combat  aircraft  resulted  in  an  optimal  concept  in¬ 
cluding  features  like 

highly  loaded  swing  wing  in  combination  with  a  sophisticated  high  lift  system 
fly-by-wire  and  automatic  terrain  following 
supersonic  inlet 

2  three  spool  engines  with  integrated  thrust  reverser 

To  accomodate  all  the  mentioned  features  in  a  minimum  size/weight  aircraft,  it 
is  necessary  to  give  special  attention  to  the  structural  aspects. 

A  description  of  some  typical  examples  for  structural  certification  is  presented: 
load  and  flutter  models 
structural  component  tests 

design  verification  tests,  especially  for  the  wing  suspension  and  pivot  system 
proof  and  ultimate  load  testing 
fatigue  life  assessment 

Comparisons  of  selected  predictions  with  ground  and  flight  test  results  will  be 
presented  for  the  important  structural  disciplines: 

stresses  and  deflections  of  important  components 
loads 

aeroelastics 

Some  examples  of  bad  correlation  between  theory  and  test  will  be  discussed  together 
with  possible  explanations. 

The  merits  and  disadvantages  of  the  most  important  theoretical  methods  will  be 
highl ighted 
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Summary 

An  extensive  programme  of  flight  loads  measurements  has  been  made  on  Tornado  to  contribute  to 
service  clearance  as  reguired  by  the  American  Mil  Spec. 

A  brief  resume  is  presented  of  the  purpose  of  flight  load  measurements,  the  overall  programme,  the 
calibration  of  the  load  measurement  devices,  the  data  reduction  facilities,  the  flying  technigues 
and  of  the  methods  used  for  detailed  analysis  of  the  results. 

Comparisons  are  made  between  flight  measurements  and  predictions  for  several  aircraft  components  for 
specific  manoeuvres  and  for  rates  of  change  of  load  with  change  of  aircraft  parameters.  The 
contribution  of  flight  load  measurements  to  the  extension  of  the  flight  envelope  in  rapid  roll 
manoeuvres  is  discussed  and  the  usefulness  to  the  final  Tornado  flight  clearance  is  also  assessed. 


1.  Introduction 


At  the  FMP  Symposium  in  1976  a  paper  (ref  1)  was  presented  which  described  the  ongoing  flight 
load  measurement  programme  on  Tornado.  Few  results  had  been  obtained  at  that  time  and  the 
emphasis  of  the  paper  was  on  the  programme  of  preparation,  calibration  and  aquisition  of 
data.  This  paper  recaps  on  the  overall  load  measurement  programme,  calibration,  preparation 
and  analysis  methods  and  gives  the  technical  background  to  the  requirement  for  the  flight 
measurement  programme. 

Examples  are  given  of  comparison  between  flight  load  measurement  and  prediction.  Taileron 
torques  are  shown  to  be  less  than  those  based  on  wind  tunnel  data  and  within  the  actuator 
capacility,  rear  fuselage  bending  loads  in  a  heavy  store  configuration  are  shown  to  be  far 
greater  than  predicted.  A  large  increase  in  the  available  manoeuvre  envelope  with  manoeuvre 
devices  has  resulted  from  flight  loads  measurement  analysis  and  for  the  clean  aircraft  some 
strengthening  and  small  reduction  in  the  transonic  flight  envelope  has  been  shown  to  be 
necessary.  Some  of  the  methods  used  to  resolve  discrepancies  in  measurements  are  discussed. 


2.  Background  to  Flight  Measurement  Programme 

Confidence  in  the  structural  integrity  of  an  aircraft  is  dependent  on  demonstration  that  the 
structure  can  withstand  the  design  loads  and  that  the  actual  loads  experienced  throughout  the 
flight  envelope  do  not  exceed  the  limit  strength  of  the  structure.  The  ability  of  the 
structure  to  withstand  the  design  loads  has  traditionally  been  demonstrated  by  component  and 
whole  aircraft  static  ground  tests  to  limit  load,  ultimate  load,  and  testing  to  fatigue  duty 
cycles. 

Flight  load  measurments  need  to  be  made  to  demonstrate  integrity  of  the  load  estimates.  In 
Britain  it  has  been  traditional  not  to  carry  out  comprehensive  flight  load  measurements  but 
to  identify  only  components  of  major  concern,  such  as  the  T  tail  of  BAC  111,  for  flight  load 
measurement.  For  aircraft  which  have  a  low  g  (wing)  loading  (i.e.  where  nw/Sa  is  low)  and 
do  not  penetrate  transonic  flight  conditions  high  loads  occur  almost  exclusively  in 
conditions  of  linearity  of  the  aerodynamic  characteristics,  where  estimates  of  aerodynamic 
loading  are  at  their  most  reliable  and  differences  due  to  scale  effect  between  wind  tunnel 
model  results  and  flight  are  likely  to  be  small.  It  is  not  unreasonable  therefore  to  have 
adopted  this  approach. 

For  Tornado  the  g  loading  is  several  times  greater  than  for  Civil  Airliners,  resulting  in 
flight  at  much  greater  incidences  as  shown  in  fiqure  2.1,  so  that  design  loads  occur  almost 
exclusively  in  conditions  of  non  linearity  of  the  aerodynamic  characteristics  resulting  from 
flow  breakdown,  shock  separation,  etc.  In  many  instances  this  results  in  loads  smaller  than 
would  result  from  attached  flow  conditions  and  hence  smaller  than  would  be  predicted  by 
available  theoretical  methods.  Use  of  the  lower  loads  will  result  in  a  minimum  weight 
structure.  In  other  cases  the  loads  are  greater  than  predicted  by  theoretical  methods.  Also 
for  Tornado  large  static  aeroelastic  effects  were  predicted,  but  the  only  methods  available 
for  the  calculation  of  aeroelastic  effects  assume  attached  flow.  How  relevant  are  these 
results  in  conditions  where  the  flow  is  partially  separated7  Wind  Tunnel  data  can  provide 
data  only  at  relatively  low  Reynolds  number.  Significant  scale  effects  have  been  recorded 
elsewhere . 


INCIDENCE 


Figure  2.1:  Comparison  of  Incidence  for  Maximum  Normal  Acceleration 
at  Maximum  Speed  and  for  Flow  Breakdown 


Consideration  may  be  given  to  the  possibility  of  over  designing  the  structure  either  by  the 
use  of  an  arbitrary  factor  or  by  careful  consideration  of  the  likely  tolerances  on  available 
data  for  each  aircraft  component.  This  procedure  inevitably  leads  to  some  structural  weight 
increase  which  was  decided  to  be  unacceptable  on  Tornado.  For  these  reasons  it  was  chosen  to 
base  flight  load  measurements  on  the  Mil  Spec  requirements. 

3.  Flight  Testing 

Two  prototype  aircraft  were  instrumented  to  measure  in-flight  loads,  the  instrumentation 
being  calibrated  on  ground. 

An  extensive  flight  load  survey  was  performed  on  the  clean  and  external  stores  configuration 
throughout  the  whole  of  the  flight  envelope,  for  comparison  with  prediction. 

The  manoeuvres  involved  for  the  testing  were  basically, 

-  roller  coasters,  a  gentle  push  to  Og  and  pull  to  3-Ag 

-  wind  up  turns 

-  constant  alpha  (under  g)  slowdown 

-  steady  heading  sideslip  at  lg 

-  rapid  rolling  manoeuvres 

For  the  last  of  these  a  particular  method  of  analysis  has  been  developed  and  will  be  later 
described. 

During  the  flight  of  the  two  prototypes  load  measurements  were  continuously  monitored  in  most 
of  the  cases  by  a  telemetry  link,  so  a3  to  safeguard  the  structural  integrity  of  the 
aircraft,  to  gather  more  data  outside  the  expected  critical  areas  and  to  assess  the  high 
frequency  loading  characteristics  throughout  the  flight  envelope. 


L 


. 1  Instrumentation 

Various  methods  of  measuring  in-flight  loads  were  used  i.e.  pressure  transducers, 
accelerometers,  acoustic  pickups  and  strain  gauges.  The  last  method  is  the  most  generally 
useful  since  it  produces  directly  the  loading  characteristics  in  terms  of  shear,  bending  and 
torsion  acting  on  an  aircraft  component,  as  well  as  local  stress  distribution. 

Both  wings,  taileron  and  fin  were  instrumented  with  strain  gauges  to  give  loading 
characteristics  and,  in  the  case  of  the  wing,  loading  distribution  by  means  of  measuring 
loads  at  four  wing  stations  (root,  adjacent  to  inboard  and  outboard  pylons  and  an  outboard 
station)  -  see  fig  3.1. 


Three  shear  bridges  and  two  bending  bridges  were  installed  on  each  spar  at  each  wing 
station.  Because  of  the  complexity  of  the  structure  each  of  these  bridges  became  responsive 
to  shear  and  bending  and  torsion,  although  it  was  possible  to  establish  the  main  sensitivity 
to  one  of  these  characteristics.  An  electrical  combination  of  the  bridges  was  carried  out 
(using  Skopinsky  method,  see  reference  2)  in  order  to  compensate  the  main  bridges  for  the 
secondary  load  effect  and  to  reduce  the  number  of  channels  to  be  recorded. 

An  alternative  method  of  recording  the  output  of  each  bridge  to  cure  secondarv  effects  was 
used  on  the  fin  and  taileron  instrumental i on.  Both  methods  proved  reliable,  the  choice  being 
subject  to  individual  preferences  and  local  constraints. 

In  addition  to  the  main  lifting  surface  inst rumentat ion  various  areas  of  the  aircraft 
structure  were  instrumented, 

-  wing  carry  through  box 
leading  edge  slat 

-  trailing  edge  flap 

-  spoilers 

-  rudder 

-  airbrake 

-  wing  pylons  (store  +  pylon  loads) 

store  attachment  and  release  unit  (store  lohds) 
rear  fuselage  transport  joint 

-  front  fuselage  transport  joint 
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All  these  measurements  were  recorded  In  flight  using  PCM  (Pulse  Code  Modulation)  in  order  to 
obtain  quasi  steady  loads.  Continuous  recording  of  some  of  these  parameters  was  also  done  via 
FM  (frequency  modulation)  in  order  to  assess  "buffet"  loads. 

All  parameters  prior  to  the  recording  were  connected  to  filters  and  amplifier  circuits  to 
precondition  the  electrical  signals  and  make  them  compatible  with  the  recording  system. 


5.2  Calibration 


Instrumentation  was  calibrated  up  to  60S  of  the  limit  load.  This  level  of  load  was  believed 
to  be  high  enough  to  detect  all  non-linearities  and  to  have  sufficient  safety  margins  in  the 
extrapolations  to  limit  loads.  Calibration  was  extended  from  60S  up  to  90S  in  some  instances, 
after  examination  of  the  original  calibration  data  showed  non-linearities. 

Calibration  involved  the  application  of  point  loading  in  various  areas  of  the  aircraft 
structure  to  cover  the  possible  theoretical  excursion  of  the  centres  of  pressure.  The 
aircraft  was  loaded  in  a  complex  loading  rig  and  all  the  applied  loads  were  reacted  via  the 
undercarriage,  the  nose  undercarriage  being  modified  for  the  job. 

When  passible  aircraft  components,  mainly  actuators,  were  calibrated  off  the  aircraft  in  a 
much  smaller  rig. 

The  intent  of  the  calibration  was  derivation  of  the  equation  relating  the  bridge  responses  to 
the  combination  of  shear,  bending  and  torsion  applied.  Where  possible  the  bridges  were 
electrically  combined  to  directly  measure  shear  or  bending  or  torsion  using  the  Skopinsky 
method. 

Some  complex  areas  of  the  structure  i.e.  wing  box  and  rear  transport  joint,  proved  very 
difficult  to  instrument  and  calibrate  and  alternative  methods  have  been  derived  in  flight  to 
provide  cross  checks  of  the  instrumentation. 

3.2.1  Thermal  dri ft  ca 1 ibration 

As  an  integral  part  of  the  calibration  a  flight  was  dedicated  to  the  derivation  of 
temperature  effect  on  the  instrumentation  (i.e.  thermal  effect  on  a  bridge  or  thermal 
stress  on  the  structure).  A  roller  coaster  and  a  sideslip  at  the  same  flight 
conditions  were  performed  before  and  after  a  hot  soak  (i.e.  cruise  for  say  13  minutes 
at  low  altitude)  and  a  cold  soak  (i.e.  cruise  for  say  13  minutes  at  high  altitude). 
Different  levels  of  loads  were  encountered  in  the  taileron  instrumentation  and  the 
instrumentation  scheme  was  subsequently  successfully  revised  and  re-calibrated. 

3.2.2  Calibration  accuracy 

Taking  into  account  the  scatter  of  the  calibration  data  used  to  derive  the  calibration 
equation,  it  can  be  said  that  an  accuracy  of  better  than  +  2 %  of  the  limit  load  can  be 
expected.  Together  with  the  rigging,  geometry,  applied  load,  electrical  amplifiers 
errors,  the  overall  accuracy  of  all  the  measurements  is  believed  to  be  within  +■  3%  of 
the  full  scale. 

Although  bridge  non-linearities,  when  present,  can  be  analytically  accounted  for,  they 
do  penalise  the  overall  accuracy  of  the  data  to  a  level  which  in  some  cases  made  the 
measurement  unacceptable. 

Although  the  calibration  errors  can  be  established,  much  effort  was  necessary  to 
monitor  and  maintain  the  integrity  of  the  electrical  aspects  of  the  instrumentation. 


3.3  Flight  Load3  Programme 


The  flight  programme  carried  out  on  Tornado  could  be  split  as  follows: 

-  Flight  loads  survey, where  essentially  roller  coasters  and  sideslip  manoeuvres  were 
performed  at  60-80%  of  the  strength  envelope.  The  flight  manoeuvres  covered  an  intensive 
range  of  Mach  and  altitude,  as  well  as  sweep,  flap  and  stores  configuration. 

In  order  to  reduce  extrapolation,  especially  in  areas  of  non-linearities,  a  set  of  wind  up 
turns  and  negative  g  pulls  was  performed,  reaching  90S  of  the  limit  strength.  In  addition, 
slow  downs  at  constant  incidence  (high  g)  were  performed  in  the  transonic  region  to 
further  assess  the  Mach  effect  on  the  aircraft  structure. 

Following  the  subsequent  data  analysis,  the  aircraft  demonstrated  the  structural 
capability  in  two  manoeuvres  predicted  from  the  previous  flight  data  to  be  the  worst 
loading  cases  for  different  aircraft  components.  These  two  "demonstration"  manouevres 
were  performed  in  two  separate  flights  and  structural  and  geometry  inspections  were 
performed  between  the  flights  to  safeguard  tile  overall  structural  integrity. 


In  parallel  to  the  above  the  aircraft  started  a  comprehensive  testing  of  "rapid 
rolling"  manoeuvres.  These  tests,  being  dynamic,  do  not  really  allow  for  simple 
extrapolation.  A  process  of  prediction  -  flight  data  matching  and  prediction  of  next 
most  severe  condition  was  used  to  extend  the  flight  envelope  for  rapid  rolling  to  the 
boundaries  of  the  manoeuvre  envelope.  This  phase  covered  various  external  stores 
configurations  and  although  it  reguired  an  extensive  use  of  computer  and  man  power  it 
maximised  the  aircraft  flight  envelope  and  at  the  same  time  reduced  the  risk  involved 
in  progressing  the  flight  testing. 

-  Datum  manouvres;  each  loads  flight  was  initiated  and  terminated  with: 

-  a  ground  datum  manoeuvre  to  zero  the  load  measurement  when  the  aircraft  is 
stationary  on  ground  in  a  particular  engine  and  control  surface  setting. 

-  an  in-flight  datum  manouevre  i.e.  roller  coaster  and  sideslip  at  fixed  condition  to 
assess  the  consistency.  The  Og  point  is  of  particular  significance  in  this  datum 
manoeuvre. 

3 . 4  Point s  to  C onsider 

The  Tornado  flight  programme  emphasised  the  need  to  consider  the  following  points: 
Instrumentation: 

-  strain  gauges  method  can  give  good  results 

-  use  electrical  gauges  combination,  if  possible 

-  a  bad  instrumentation  scheme  will  ruin  the  whole  of  the  exercise,  therefore 

-  minimise  thermal  effect  on  the  gauges  responses 

-  select  accurately  the  positioning  of  the  gauges,  avoid  areas  of  stress  concentration,  aim 
to  find  linearities  in  the  gauge  response  versus  applied  load 

Calibration : 

-  apply  enough  cases  to  cover  the  possible  range  of  load  distribution  in  flight 

-  apply  loads  up  to  60%  of  the  limit  loads 

-  discard  gauges  which  do  not  respond  linearly  to  applied  loads 
Flight  Programme: 

-  test  for  thermal  effect  on  the  gauges 

-  perform  datum  manoeuvres  at  each  flight 

-  perform  symmetric  and  asymmetric  manoeuvres  at  various  combinations  of  Wach  and  altitude 
to  cover  the  area  of  the  flight  envelope  surrounding  the  design  points. 


4 .  Data  Analysis 

The  vast  amount  of  data  acquired  from  Tornado  flights  was  analysed  at  various  levels.  An 
in-flight  monitor  and  between  flight  analysis  of  data  were  carried  out  to  ensure  safety 
during  the  flight  trials.  This  was  followed  by  a  more  detailed  analysis,  the  methods  of 
which  are  explained. 

4 . 1  In-flight  monitor 

All  load  measurements  and  flight  condition  parameters  recorded  on  the  airborne  magnetic  tape 
were  also  transmitted  via  telemetry  to  a  ground  station  which  displayed  some  selected 
parameters  on  digital  analogue  displays  and  paper  recorders.  It  was  thus  possible  to, 

-  monitor  the  aircraft  structural  safety  presenting  to  the  engineer  the  structural  behaviour 
of  the  aircraft  during  the  whole  of  the  flight. 

-  assist  the  pilot  to  set  up  the  correct  conditions  for  each  test  point  and  check  the 
correct  execution  of  the  requested  manoeuvre. 

monitor  the  instrumentation  behaviour,  in  order  to  produce  good  quality  data  from  each 
flight. 


It  is  obviously  difficult  to  directly  quantify  the  advantages  of  the  telemetry  system  but  in 
comparison  with  previous  projects  it  is  believed  that  the  number  of  flights  required  to 
complete  the  flight  programme  has  been  significantly  reduced. 
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4.2  Between  flight  analysis 

4.2.1  Symmetric/ quasi  static  manoeuvres 

Although  an  assessment  of  the  data  was  already  performed  during  telemetry  subsequent 
to  each  flight  a  more  detailed  analysis  was  required.  It  consisted  of, 

max  min  monitor,  a  summary  of  the  maximum  load  achieved  on  each  component  during 
each  manoeuvre.  These  total  loads  were  compared  against  limit  strength  envelopes. 

total  loads  plots;  all  loads  parameters  were  plotted  versus  the  product  of  normal 
acceleration  times  mass  (NZW)  on  summary  plots  to  confirm  general  load  trends  and 
data  consistency.  The  apparent  scatter  was  largely  due  to  the  Mach  and  altitude 
spread  of  the  manoeuvres  (see  figure  4.1). 

detailed  analysis  of  the  problems,  when  encountered,  during  particular  flights  to 
assess  the  implication  for  the  future  flights. 

-  instrumentation  checks  on  the  serviceability  for  the  next  flight. 

A  selection  of  the  data  was  then  transferred  to  the  main  computer  to  provide  permanent 
storage  of  selected  manoeuvres  for  detailed  analysis. 


Figure  4.1:  Total  Loads  —  Summary  Plot 
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Figura  4.2:  Summary  of  Load  Maasuramanti  During  Rapid  Rollt 


In  view  of  the  potentially  hazardous  nature  of  rapid  rolling  manoeuvres  a  special 
procedure  was  used  to  expand  the  flight  envelope  as  indicated  in  para  5.3.  Special 
attention  was  paid  to  the  presentation  of  measured  loads  during  this  flying.  A  summary 
of  the  total  loads  achieved  during  the  rapid  rolling  testing  of  each  particular  test 
condition  was  produced  (see  figure  4.2).  Measured  loads  were  plotted  against  the  NZW 
product  to  establish  general  load  trends.  Although  the  rapid  rolling  manoeuvres  were 
analysed  individually  this  presentation  assisted  the  engineer  to  confidently  accept 
the  extrapolations  to  the  next  entry  g,  see  boxes  in  the  figure. 

4 . 5  Detailed  Analysis 

[he  detailed  analysis  has  been  carried  out  for  symmetric  quasi-static  manoeuvres  and  for 
dynamic  manoeuvres.  The  two  types  of  manoeuvre  require  very  different  methods  of  analysis. 


4.3.1  Symmetrical  Quasi  Static  Manoeuvres 

for  quasi  steady  conditions  the  equation  for  any  load  on  the  aircraft  in  flight  takes 
the  general  form: 

L  =  Aerodynamic  Load  +  Inertia  Load  (1) 


The  inertia  load  is  simply  a  product  of  mass  and  normal  acceleration  and  does  not 
require  derivation  from  flight.  The  aerodynamic  contribution  may  be  written: 

laero  =  laero  +  laero  f  (n) 
at  n  =  0 

These  terms  vary  with  aircraft  mass  and  centre  of  gravity  and  due  to  aeroelastic 
effects  and  with  wing  fuel  state;  both  terms  vary  with  Mach  number. 


-  Rigid  Aircraft 

for  a  given  mass,  c.g.,  wing  fuel  state  and  Mach  and  for  a  rigid  aircraft  with  linear 
characteristics,  equation  (2)  becomes: 

q  (dL  )  n  W  x  (dL,) 

laero  =  - ~  ♦  — 

(dq  )  n  z  CONST  (d  nW)  q  =  CONST 

where  q  is  dynamic  pressure 

n  is  normal  acceleration 
W  is  aircraft  mass 


Subscript  A  denotes  aerodynamic  load 

The  aerodynamic  load  may  be  plotted  as  a  carpet  versus  q  and  nW  and  as  a  carpet  of 
'3emi  non-dimensional'  load  versus  q  and  nW/q  shown  in  figures  A. 5  and  A. A. 

It  can  be  seen  that  L,  =  const  -t-  f  (nW)  (A) 


Figure  4.3:  Variation  of  Aerodynamic  Load  with 
Dynamic  Pressure  and  Normal  Acceleration  for 
Rigid  Data 


Figure  4.4:  Variation  of  Load  Coefficient  with 
Dynamic  Pressure  and  Lift  Coefficient  for  Rigid 
Data 
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-  Aeroelastics  and  Non  Linear  Characteristics 

If  we  consider  a  flexible  aeroplane  in  which  the  aerodynamic  characteristics  are 
affected  by  the  structural  deformation  resulting  from  application  of  load,  the  load  at 
n  -  0  and  the  load  due  to  normal  acceleration  become  separate  functions  of  dynamic 
pressure.  Ignoring  the  relatively  small  effect  of  the  distortion  due  to  inertia, 
equation  (3)  becomes: 

L4F»n  =  q  dLA  f(q)  +  nW  X  dLA  f(q)  (5) 
dq  (n  i  0)  dnW 


At  high  lift  coefficients  the  wing  flow  starts  to  break  down.  This  phenomenon  is  very 
dependent  on  Mach  number  and  the  development  of  the  shock  system,  culminating  in 
separation.  This  affects  loads  on  other  parts  of  the  airframe.  For  example  the  rear 
fuselage  bending  results  from  aerodynamic  loading  on  tails  and  rear  fuselage  which 
balances  the  moments  created  by  forward  fuselage,  intake,  nib  and  wing  -  hence  changes 
of  the  wing  flow  conditions  will  result  in  changes  to  the  rear  fuselage  bending. 


Due  to  these  changes  in  wing  distributions  the  structural  deformation  resulting  from 
applied  loading  will  be  different  from  that  in  the  attached  flow  (linear)  situation. 
The  combined  effects  of  aeroelastics  and  non-linearity  will  result  in  a  modification 
to  the  rigid  aircraft,  shown  in  Figs.  4.3  and  4.4,  to  give  the  characteristics  shown 
in  Figs.  4.5  and  4.6. 


Figure.  4.5:  Variation  of  Aerodynamic 
Load  with  Dynamic  Pressure  and 
Normal  Acceleration  for  Flexible  Aircraft 
Including  Conditions  of  Flow  Breakdown 


Figure  4.6:  Variation  of  Load  Coefficient 
with  Dynamic  Pressure  and  Lift  Coefficient 
for  Flexible  Aircraft  Including  Conditions 
of  Flow  Breakdown 


In  order  to  analyse  the  flight  data  within  this  analysis  framework,  conditions  of  near 
constant  Mach  must  be  selected  and  the  estimated  contribution  of  inertia  must  be 
subtracted  from  the  measurements.  "Worm  plots"  (figure  4.7)  were  also  produced,  to 
show  the  variation  of  load  factors  superposed  on  a  presentation  of  altitude,  to  allow 
the  engineer  to  establish  the  accuracy  of  the  manoeuvre  and  a  useful  visual  record  of 
the  availability  of  flight  data. 


ynamic  Manoeuvres 


The  detailed  analysis  concentrates  not  only  on  the  more  precise  definition  of  quasi 
static  loading  derivatives,  taking  into  account  the  secondary  control  variables,  but 
also  on  the  analysis  of  the  dynamic  manoeuvres  since  these  cannot  be  analysed  by  quasi 
static  techniques.  In  the  CBse  of  the  dynamic  manoeuvres,  predictions  have  been  made 
for  standard  control  inputs,  to  provide  flight  clearances  and  a  guide  to  upper  bounds 
for  monitoring  purposes.  These  predictions  are  of  little  help  in  msking  a  quick 
analysis  of  measured  loads  because  the  aircraft  response  and  resultant  loads  depend 
upon  the  individual  control  inputs.  This  can  be  illustrated  by  considering  a  pitch 
stick  jerk.  The  taileron  load  is  a  function  of  the  direct  loading  derivatives  due  to 
aircraft  angle  of  attack,  taileron  angle  and  pitch  rate  and  the  aerodynamics  due  to 
the  distortion  of  the  structure  under  normal  and  pitch  acceleration  inertia  loads. 


For  detailed  analysis  one  technique  used  is  to  predict  loads  from  the  representation: 


LOAO  (L)=  3  L  rt  +  3  L  p  .... 

cTq,  Sp 


altitude  step 
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Figure  4.7:  Load  Factors  Versus  Mach  and  Altitude.  ("  Worm  Plots  ") 
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by  (1)  interpolating  loading  derivatives  such  as  d  L/  c>  g,  to  the  measured  Flight 
condition  -  the  loading  derivatives  being  represented  at  a  discreet  set  of 
sweeps,  Mach  numbers,  speeds,  incidences,  control  angles  and  aircraft 
configurations  -  interpolation  is  by  splined  hypercubes, 

(2)  scaling  these  interpolated  loading  derivatives  by  the  measured  aircraft 
control  input  and  response  parameters  such  as  taileron  angle  (r^)  and  roll 
rate  (p),  etc.,  extracted  from  the  data  base, 

and  (3)  summing  the  scaled  contributions 


Because  of  the  volume  of  data  to  be  handled  the  scheme  is  computerised  but  with  a 
large  involvement  of  the  engineer.  The  predicted  and  measured  loads  and  their 
difference  can  be  machine  plotted  in  a  variety  of  forms;  and  if  the  engineer  considers 
the  comparison  inadequate  he  can  instruct  the  computer  to  "match"  the  difference  by  a 
range  of  functions  which  he  selects.  The  results  of  such  analyses  over  the  flown 
flight  envelope  are  assessed  as  a  whole  and  are  used  to  refine  the  computer  stored 
representation  of  the  predicted  loading  derivatives.  In  parallel,  analyses  are  made 
of  measured  prototype  responses  to  refine  the  predicted  aircraft  stability 
derivatives.  This  data,  with  extrapolations  if  necessary,  is  then  used  to  predict 
aircraft  responses  and  loads  for  standard  control  inputs  and  these  form  the  basis  for: 


-  clearance  for  future  high  load  level  flights  and 


-  structural  re-assessment  at  design  conditions. 


The  following  example  illustrates  the  matching  procedure  used. 


Fig  4.8  shows  taileron  bending  moment  coefficient  versus  time  in  a  raoid  roll 
manoeuvre.  Comparison  is  made  between  the  flight  measured  data  and  values  predicted 
using  measured  flight  mechanics  parameters  with  wind  tunnel  based  loading  derivatives. 
The  differences  shown  imply  that  one  or  more  of  the  loading  derivatives  is  different 
in  flight.  To  establish  whether  a  linear  correlation  exists  between  the  load 
difference  and  one  or  more  response  parameters  the  difference  is  plotted  against 
relevant  response  parameters. 
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Figure  4.8:  Comparison  of  Wind  Tunnel  Prediction  and  Flight  Measured  Tail 
Bending  During  a  Rapid  Roll  Manoeuvre. 


Fig  4.9  shows  a  good  correlation  against  differential  tail  whilst  fig  4.10  shows  no 
correlation  against  roll  rate  for  the  same  manoeuvre.  Hence  a  changed  derivative  due 
to  differential  tail  angle  is  indicated.  Having  established  which  loading  derivatives 
are  likely  to  be  different  the  automatic  matching  technique  is  used,  with  freedom  to 
vary  these  loading  derivatives  to  obtain  a  minimum  difference  between  predicted  and 
flight  measured  loads. 


MEASURED  PREDICTED 
TAIL  BENDING  MOMENT 


Figure  4.9  Comparison  of  the  Difference  Between 
Flight  Measured  and  Wind  Tunnel 
Predicted  Tail  Bending  Moment 
Versus  Differential  Tail  Angle. 
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Figure  4.10:  Comparison  of  the  Difference  Between 
Flight  Measured  and  Predicted  Tail 
Bending  Moment  Versus  Roll  Rate. 


Fig  4.11  shows  the  comparison  of  the  flight  data  and  the  new  prediction  which  resulted 
in  this  case  from  a  155S  change  to  the  taileron  bending  moment  derivative  due  to 
differential  tail  angle. 

Completion  of  the  detailed  analysis  resulted  in  a  revised  loading  derivative  data  set. 
This  data  set  is  being  used  as  the  basis  for  final  service  clearance,  and  will  be  used 
for  further  fatigue  assessment. 
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Figure  4.11:  Comparison  of  Flight  Based  Prediction  and  Flight  Measured  Tail 
Bending  During  a  Rapid  Roll  Manoeuvre 


Discussion  of  selected  results 
1  Tai leron  Torques 

The  results  of  wind  tunnel  testing  of  two  Tornado  models  indicated  that  tai leron  torques  in 
excess  of  the  actuator  capability  could  be  encountered.  However,  the  two  models  generated  very 
different  torque  characteristics  with  respect  to  Mach  number,  leading  to  doubts  as  to  the 
validity  of  either  set  of  data.  Figure  5.1  shows  the  variation  with  Mach  number  of  the 
maximum  positive  and  negative  torques,  for  steady  flight  conditions  at  the  maximum  and  minimum 
normal  acceleration.  Comparison  with  the  single  system  actuator  capability  shows  that  from 
both  models  excessive  values  were  predicted.  Doubts  about  the  validity  of  these  predictions 
were  increased  by  the  fact  that  the  taileron  torques  are  very  dependent  on  the  theoretically 
estimated  aeroeiastic  characteristics  of  both  the  taileron  panel  and  the  downwash  field  behind 
the  flexible  wing. 
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Figure  5.1:  Variation  with  Mach  Number  of  Maximum  Positive  and  Negative 
Torques,  for  Steady  Flight  Conditions  at  the  Maximum  anu 
Minimum  Normal  Acceleration 
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This  led  to  the  initial  prototype  trials  being  flown  within  a  restricted  flight  envelope  to 
allow  detailed  analysis  of  flight  data,  but  the  measured  flight  data  was  found  to  be 
significantly  different  from  the  wind  tunnel  based  results  and  it  can  be  seen  from  fig  5.1 
that  the  taileron  torques  do  not  exceed  the  actuator  capability. 

Detailed  examination  of  the  results  shows  a  broad  similarity  with  the  Model  3  data  except  that 
values  at  low  incidences  are  consistently  less  positive  than  for  the  model  (a  difference  in 
C  )  and  where  both  models  indicated  a  consistent  increase  in  negative  torque  with  increase  in 
iK8idence,  the  flight  data  indicated  a  levelling  off  at  higher  incidences.  Comparisons  of  the 
variation  with  incidence  between  model  5  and  flight  can  be  seen  in  figure  5.2.  Figure  5.3 
shows  the  comparison  between  flight  and  model  5  based  prediction  of  taileron  torque  in  a  rapid 
roll  at  4g  at  Mach  0.95  and  the  comparison,  after  a  change  of  the  torque  derivatives  with 
incidence  and  with  differential  tail  setting  derived  from  matching,  is  shown  in  figure  5.4. 
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Figure  5.2:  Variation  of  Taileron 
Torque  with  Incidence  for  Model  5 
and  Flight  Measurements. 
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Model  5  was  a  final  prototype  check  out  model  and  most  closely  represented  the  lines  of  the 
actual  aircraft. All  early  flight  clearance  work  was  based  on  this  model  data.  The  data  from 
Model  5  however  does  not  exhibit  consistent  trends  in  comparison  with  the  flight  data.  It  is 
not  possible  to  be  certain  but  this  leads  to  the  tentative  conclusion  that  the  Model  5  wind 
tunnel  results  were  inaccurate  due  to  strain  gauge  balance  inadequacy  rather  than  differing 
aerodynamic  characteristics  model  to  flight.  A  drift  of  the  balance  zero  for  different  Mach 
numbers  is  the  most  likely  explanation.  A  reasonable  match  between  the  Model  3  results  and 
flight  can  be  obtained  by  modifying  the  estimated  aeroelastic  contributions. 

Further  examination  of  the  wind  tunnel  data  has  shown  that  at  high  speed  the  maximum  allowable 
torque  is  compatible  with  less  than  10%  of  the  full  range  capability  of  the  wind  tunnel  model 
strain  gauge  balance.  The  difference  between  the  two  models  or  between  model  and  flight 
represents  only  about  3  or  4%  of  model  capability  in  these  conditions.  The  need  for  high 
model  capability  results  from  the  fact  that  the  full  incidence  range  needs  to  be  tested  at 
maximum  dynamic  pressure  to  obtain  data  appropriate  to  high  altitude  and  therefore  low  dynamic 
pressure  in  flight.  It  i9  apparent  therefore  that  an  order  of  magnitude  improvement  in  the 
accuracy  of  the  wind  tunnel  model  balance  was  necessary. 


For  the  trim  conditions  presented  here  the  taileron  shear  is  very  small,  the  effect  of 
incidence  being  offset  by  taileron  setting  to  maintain  trim.  The  torque  at  negative  normal 
acceleration  results  mainly  from  the  camber  shape  of  the  taileron.  The  rapid  variation  with 
normal  acceleration  supersonically  results  primarily  from  the  fact  that  the  centres  of 
pressure  due  to  incidence  and  due  to  taileron  angle  are  in  very  different  places  due  to  the 
effects  of  a  vortex  from  the  side  intakes  and  due  to  proximity  of  the  taileron  to  the  wing 
trailing  edge,  involving  shock  interactions  between  the  two  surfaces.  The  camber  shape  of  the 
taileron  was  chosen  so  as  to  equalise  the  maximum  positive  and  negative  torques.  Theoretical 
methods  available  at  the  time  gave  values  due  to  camber  similar  to  those  measured  but  the 
predicted  variation  with  normal  acceleration  was  very  much  smaller.  The  theoretical  results 
underestimated  the  required  size  of  the  actuator  by  a  factor  of  2.*?. 


In  conclusion: 

*  The  use  of  flight  load  measurements  has  avoided  the  need  to  increase  actuator  size  or 
restrict  the  flight  envelope. 

*  A  high  level  of  accuracy  is  required  of  wind  tunnel  measurements. 


5 . 2  Effect  of  Heavy  St or^Confi (jurat ion  on  rear  fuselage  bending 

For  a  configuration  with  heavy  stores  underwing  and  under  fusel  age ,  depicted  in  fig  b.b  it  was 
found  at  Mach  0.92  from  monitoring  that  trim  taileron  angles  and  incidence  were  greatly 
different  from  those  predicted  (Figures  ^.6  and  *>.7).  A  calculation  assuming  the  wind  tunnel 
based  loading  ’derivatives’  in  combination  with  flight  measured  incidence  and  taileron  setting 
implied  rear  fuselage  loads  far  in  excess  of  the  aircraft  strength  (fig  ^>.8).  This  result 
appeared  to  be  compatible  with  the  high  measured  taileron  bending  moments,  if  the  centre  of 
pressure  of  the  taileron  load  was  assumed  to  be  as  for  the  clean  aircraft.  Unacceptable 
restrictions  on  the  flight  envelope  in  this  conf igurat ion  were  indicated. 


Figure  5.5 


Figure  5.6:  Comparison  of  Tail  Angle  to  Trim 
for  Wind  Tunnel  and  Flight 
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Figure  5.7:  Comparison  of  Trim  Incidence 
for  Wind  Tunnel  and  Flight 


Figure  5.8:  Variation  of  Rear  Fuselage 
up  Bending  Moment  with  Normal  Acceleration 
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The  fact  that  the  tail  angle  to  trim  was  different  from  wind  tunnel  data  indicates  either  a 
difference  in  the  wing  and  fuselage  characteristics  requiring  a  change  of  tail  load  to  balance 
the  aircraft,  or  a  difference  in  downwash,  requiring  a  change  of  tail  setting  with  no  change 
of  tail  load.  It  is  most  likely  to  be  a  combination  of  these.  It  is  not  possible  therefore 
to  be  certain  whether  the  different  trim  angles  result  in  the  load  change  indicated. 

Detailed  analysis  of  flight  load  measurements  for  this  configuration  showed  that  the  variation 
of  taileron  3hear  with  incidence  and  at  zero  tail  setting  was  very  different  from  that  found 
in  the  wind  tunnel,  as  shown  in  fig  5.9.  The  similarity  of  bending  moment  indicates  a 
different  centre  of  pressure  on  the  taileron. 
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Figure  5.9:  Variation  of  Taileron  Loading  with  Incidence 


The  resulting  flight  measured  loads  are  seen  in  fig  5.8  to  be  greatly  below  those  implied  by 
the  simple  expedient  of  using  flight  trim  angles  with  wind  tunnel  loads  data,  although  they 
are  greater  than  the  pure  wind  tunnel  based  values  for  this  configuration,  which  by  prediction 
was  not  a  critical  design  case  for  the  structure.  However,  they  are  greater  than  the  original 
design  loads,  albeit  less  than  the  actual  strength  established  by  check  stress.  In  the  event 
no  restrictions  were  necessary. 


Several  lessons  emerge: 

*  The  use  of  flight  measured  flight  parameters  with  wind  tunnel  predicted  loads  derivatives 
can  be  misleading. 

*  The  use  of  incomplete  flight  load  measurements  can  be  misleading. 

*  Care  mu3t  be  taken  to  monitor  a  broad  spectrum  of  configurations  and  flight  conditions  -  not 
just  those  predicted  to  be  critical. 


5.3  Expansion  of  Flight  Envelope  with  Manoeuvre  devices  deployed 

The  structure  of  Tornado  was  designed  to  withstand  the  loads  resulting  from  flight  throughout 
the  full  flight  envelope  without  flaps  deployed.  The  "fallout"  flight  envelope  available 
within  the  strength,  with  the  flaps  deployed  to  manoeuvre  setting  was  determined  from  wind 
tunnel  data.  Although  this  resulted  in  acceptable  symmetric  g  capability,  full  stick  (rapid) 
rolls  were  severely  limited.  Fig  5.10  shows  the  variation  of  roll  rate  with  normal 
acceleration  resulting  from  a  full  nilot  roll  control  application  compared  with  the  boundary 
for  which  100%  design  load  on  the  wii  g  results  from  calculations  using  wind  tunnel  based  data. 

Progressive  flight  envelope  expansion  involving  detailed  analysis  of  flight  measured  data 
established  that  loads  at  higher  incidences  were  lower  than  predicted  allowing  a  clearance  for 
full  stick  rolls  up  to  80%  of  the  symmetric  limit.  The  comparison  of  predicted  wing  bending 
moment  in  rapid  roll  manoeuvres  between  prediction  and  flight  measurements  is  shown  in  figure 
5.11  in  which  it  can  be  seen  that  the  flight  values  are  significantly  less  than  the  predicted 
values. 
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Figure  5.10:  Variation  of  Maximum  Roll  Rate  Figure  5.11:  Variation  of  Wing  Bending  Moment 
with  Normal  Acceleration  with  Normal  Acceleration 
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Figure  5.12:  Wing  Loading  Characteristics  Due  to  Roll  Rate  and  Incidence 


Fig  S.12  9hows  the  comparison  of  wind  tunnel,  theoretical  estimates  and  flight  data  of  the 
variation  of  wing  bending  moment  due  to  roll  rate  and  of  wing  bending  moment  due  to  incidence 
(symmetric  contribution).  Although  the  three  are  similar  at  low  incidence  the  high  incidence 
characteristics  are  seen  to  differ  greatly,  the  reduction  of  symmetric  bending  moment  at 
moderate  incidences  being  reflected  in  the  variation  of  bending  moment  due  to  roll  rate. The 
combination  of  these  two  effects,  which  are  associated  with  the  development  of  shocks  as 
transonic  conditions  are  encountered,  results  in  smaller  loads  which  allow  clearance  to  a 
larger  flight  envelope. 

*  The  availability  of  a  means  of  flight  load  measurement  has  clearly  been  of  great  benefit  in 
this  instance  in  providing  a  far  better  service  clearance  than  would  otherwise  have  been 
possible. 


I4B-I6 


Figure  5.13:  Comparison  of  Measured  and  Predicted  Aerodynamic  Wing  Bending 
Moment  (at  STN.  y1205)  in  tne  Transonic  Region 


5 . 4  Transonic  Effects  on  Flight  Clearance 

Flight  load  measurements  for  mid  sweep  have  shown  a  rapid  variation  of  wing  bending  moment  as 
mach  number  is  varied.  Figure  5.13  shows  a  typical  example  at  23000  feet  of  the  variation  of 
wing  bending  moment  co-efficient  versus  lift  coefficient  for  a  selection  of  mach  numbers.  At 
low  incidences  where  the  wind  tunnel  data  is  linear  the  agreement  with  flight  is  good.  At 
transonic  mach  numbers,  above  the  predicted  linear  region  the  flight  measurements  show  the 
linear  loading  relationship  to  be  sustained  to  higher  lift  coefficients. 

Examination  of  the  wing  shear  measurements  has  shown  that  the  main  non  linearity  results  from 
an  inboard  movement  of  the  wing  centre  of  pressure  which  is  delayed  to  higher  incidences  in 
the  case  of  the  flight  data.  Since  the  wing  is  swept  this  results  in  greater  nose  down 
pitching  moments  at  the  higher  incidences  which  need  to  be  balanced  by  greater  down  tail  load. 
The  flight  tail  load  measurements  confirm  this  effect. 

These  transonic  effects  can  only  be  explained  by  a  combination  of  full  scale  Reynolds  numbers 
and  mach  effects  resulting  in  "supersonic"  type  flow  being  established  at  high  incidence  at  a 
slightly  lower  mach  number  in  flight  than  in  the  tunnel.  This  has  given  better  high  incidence 
handling  and  manoeuvrability,  at  the  expense  of  slightly  higher  wing  and  fuselage  loads  in 
this  small  transonic  region. 

Detailed  analysis  of  the  flight  data  has  shown  that  for  the  original  design  flight  envelope 
the  maximum  wing  bending  moment  is  greater  than  the  wing  design  loads.  A  small  change  to  the 
cleared  flight  envelope  in  the  transonic  region  as  shown  in  figure  5.14  results  in  a  variation 
of  maximum  wing  bending  moment  versus  mach  as  shown  in  fig  5.15. 


Figure  5.14:  Limit  Normal  Manoeuvre  Envelope  Figure  5.15:  Variation  of  Maximum  Wing  Bending 

Moment  with  Mach  Number 
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Figure  5.16:  Variation  of  Maximum  Rear  Fuselage  Down  Bending  Moment  with  Mach  Numoer. 


The  increase  in  down  tail  loads  to  trim  the  changed  wing  distribution  adds  to  the  rear 
fuselage  bending  moment.  As  a  result  it  has  been  necessary  to  increase  the  strength  of  thp 
rear  fuselage  as  show  in  figure  5.16.  The  small  change  to  the  cleared  flight  envelope  avoided 
the  need  for  greater  strengthening. 

*  Flight  load  measurements  have  shown  that  in  the  transonic  region  wind  tunnel  data  cannot  be 
relied  upon  to  provide  sufficiently  good  results  for  full  flight  clearance. 


6.  Resolution  of  difficulties  encountered 


The  usefulness  of  a  flight  load  measurement  programme  must  be  judged  on  many  factors.  The 
most  important  of  these  is  possibly  the  extent  to  which  one  can  rely  on  the  accuracy  of  the 
data  measured.  There  is  no  absolute  means  of  determination  of  the  accuracy  of  the  data  but 
various  methods  are  available  which  Can  provide  a  high  level  of  confidence.  Experience  in  the 
Tornado  programme  has  shown  that  a  high  percentage  of  the  data  has  at  one  time  or  other  been 
suspect  and  a  large  proportion  of  the  total  time  used  in  the  analysis  of  the  data  has  been 
used  in  the  identification  of  discrepancies  in  the  data  and  their  resolution.  Some  examples 
are  discussed  here. 


During  early  flying  it  was  found  that  the  variation  of  the  taileron  torques  between  the  pre 
and  post  flight  on  ground  datums  and  the  in  flight  datums  was  outside  the  values  expected. 
The  taileron  shear  also  exhibited  inconsistencies.  The  hot  soak  flight  established  large 
temperature  drift  effects.  Examination  of  the  installation  for  the  measurement  of  taileron 
torque  showed  that  the  bridge  temperature  compensation  gauges  had  been  mounted  too  far  away 
from  the  active  gauges.  In  the  case  of  the  taileron  shear  the  problem  was  far  more  subtle  and 
resulted  from  temperature  stresses  in  the  structure  to  which  the  strain  gauges  were  mounted. 
The  effects  were  large  and  made  a  nonsense  of  the  measurements.  After  developing  several 
different  strain  gauge  installations  to  try  to  establish  a  reliable  measurement  a  satisfactory 
solution  was  found. 

The  datum  manoeuvre  results  were  also  used  to  identify  a  small  apparent  discrepancy  in  the 
wing  bending  moments.  After  much  investigation  it  was  established  that  the  error  lay  not  in 
wing  strain  gauge  measurements  but  that  the  normal  accelerometer  reading  had  a  datum  error. 
Such  findings  give  great  confidence  in  the  accuracy  of  the  load  measurements  but  make  one  very 
wary  of  flight  parameter  measurements.  The  accuracy  of  the  interpreted  loads  is  dependent  on 
both  the  accuracy  of  the  load  measurement  and  the  flight  parameters. 

A  further  source  of  difficulty  in  matching  flight  data  resulted  from  inconsistent  record  of 
incidence.  The  need  to  fully  calibrate  the  incidence  measurement  prior  to  flight  load 
measurement  cannot  be  over  emphasised. 
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Comparison  of  port  and  starboard  results  may  be  sufficient  to  identify  the  differences  but  not 
to  establish  which  (if  either)  is  the  correct  measurement.  On  Tornado  wing  bending  moment  is 
measured  at  4  spanwise  stations.  Port  and  starboard  results  for  the  second  station  from  the 
root  consistently  showed  15%  difference  in  value.  All  other  stations  were  within  2%.  No 
fundamental  instrumentation  checks  had  resolved  this  difference.  A  double  differentiation  of 
the  variation  of  bending  moment  with  span  results  in  a  loading  diagram  and  although  this 
exercise  cannot  be  carried  out  precisely  it  was  sufficiently  good  to  establish  that  the  rogue 
measurement  was  the  lower  value. 

In  several  areas  the  calibration  was  limited  in  order  to  reduce  time  on  the  ground  or  because 
of  difficulty  in  establishing  sufficient  load  application  points  on  the  aircraft.  An  example 
of  this  is  the  front  fuselage  on  which  bending  moments  were  made  by  means  of  strain  gauged 
straps  at  the  front  transport  joint.  Analysis  of  the  results  showed  variation  with  Mach 
number  different  from  the  Tornado  wind  tunnel  data  and  any  available  literature  on  forebodies. 
This  was  believed  to  be  due  to  inadequate  calibration  since  loads  were  applied  at  a  single 
point  and  the  response  of  the  gauges  to  vertical  shear  had  not  been  established,  neither  had 
the  response  to  lateral  loads  on  the  forebody. 


7.  Contribution  of  flight  loads  measurements  tu  clearance  to  service 

Final  clearance  to  service  of  the  aircraft  in  respect  of  structural  loads  has  been  achieved  in 
a  composite  manner,  following  the  test  to  ultimate  load  on  the  static  test  airframe. 
Quasi-static  symmetric  manoeuvres  were  demonstrated  in  the  most  critical  conditions  by 
roller-coasters  and  wind  up  turns,  based  upon  the  results  of  the  survey  to  80%  limit  load. 
Symmetric  dynamic  manoeuvres  have  been  cleared  by  calculation  using  the  flight  based  loading 
derivative  and  aircraft  derivative  data  sets.  Asymmetric  manoeuvres  have  been  cleared  partly 
by  the  rapid  rolling  flight  envelope  expansion  process  and  partly  by  calculation  of  the 
checked  asymmetric  manoeuvres  required  by  the  Mil  Specs  using  the  flight  based  data  sets. 

Loads  measurement  has  allowed  the  rapid  roll  flight  envelope  expansion  programme  to  be 
progressed  with  a  greater  assurance  of  safety,  than  would  otherwise  have  been  the  case.  In 
some  areas  the  rapid  roll  flight  envelope  has  been  extended  beyond  that  predicted  by  the  use 
of  wind  tunnel  data,  greatly  increasing  the  aircraft  operational  capability  with  manoeuvre 
devices. 

In  addition  to  the  overall  contribution  outlined  above,  there  have  been  several  areas  in  which 
the  flight  load  measurements  made  a  special  contribution  to  the  service  clearance, 

*  the  taileron  actuator  size  was  established  to  be  adequate  despite  indications  to  the 
contrary  from  wind  tunnel. 

*  the  availability  of  load  measurement  data  in  heavy  stores  configurations  avoided 
unnecessary  restrictions  on  the  manoeuvre  envelope  which  would  have  resulted  if  only  flight 
parameters  had  been  available. 

*  the  use  of  flight  measurements  has  resulted  in  a  clearance  for  rapid  rolling  in  the 
manoeuvre  wing  configuration  up  to  80%  of  the  symmetric  limit,  compared  with  a  Zg  limit 
based  on  wind  tunnel  and  theoretical  prediction. 

*  flight  loads  measurements  identified  excessive  wing  and  fuselage  loads  for  transonic 
conditions  of  the  clean  aircraft,  allowing  the  determination  of  a  satisfactory  safe 
manoeuvre  envelope  with  a  minimum  of  strengthening.  The  maximum  available  manoeuvre 
envelope  ha3  been  determined  with  a  minimum  of  risk  from  excessive  loads,  within  the 
minimum  weight  philosophy  adopted  for  design. 

*  The  confidence  with  which  service  clearance  can  be  given  has  been  enhanced  by  the 
knowledge,  based  on  flight  loads  measurement  that  the  structural  strength  matches  the 
maximum  loads  expected  in  service. 

*  In  the  longer  term  greater  assurance  of  safety  will  result  from  the  use  of  the  flight  based 
loads  data  sets  in  combination  with  in  service  flight  parameter  measurements  to  determine 
usage  of  fatigue  life. 
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8 .  Cone  l_us  ions 

*  Flight  load  measurements  have  made  a  significant  contribution  to  the  Tornado  service- 
clearance  . 

*  Care  is  needed,  in  defining  the  instrumentation,  gauge  positioning  to  ensure  linear 
responses,  avoiding  extraneous  effects. 

*  Adequate  calibration  of  strain  gauges  must  be  provided,  including  in-flight  datum  and 
calibration  checks. 

*  The  flight  programme  must  cover  a  broad  distribution  of  flight  conditions  in  addition  to 
areas  where  critical  cases  are  predicted  to  occur. 

*  Adequate  facilities  must  be  provided  to  allow  monitoring,  easy  data  acquisition,  storage 
and  retrieval  and  to  carry  out  detailed  analysis. 

*  Flight  load  measurements  in  the  linear  ranqe  for  the  clean  aircraft  have  generally  been  in 
close  agreement  with  predictions. 

*  Wind  tunnel  data  has,  in  some  instances,  for  example  taileron  torque,  been  found  to  be 
unreliable,  possibly  due  to  inadequacy  in  the  measurement  techniques.  In  similar 
circumstances  theoretical  methods  grossly  underestimated  the  loads. 

*  For  transonic  conditions,  where  theoretical  methods  were  not  available,  the  wind  tunnel 
data  was  found  to  be  inadequate,  leading  to  greater  wing  and  rear  fuselage  loads  in  flight 
than  those  predicted. 

*  Small  differences,  between  wind  tunnel  and  flight,  in  the  behaviour  of  the  wing 
aerodynamics  in  the  manoeuvre  flap  configuration  at  high  incidence,  were  sufficiently 
great  to  make  a  significant  difference  to  the  flight  envelope  cleared. 

*  Within  the  context  of  the  minimum  weight  philosophy,  and  hence  untoleranced  loads,  used 
for  Tornado  design  the  flight  measurements  have  been  shown  to  be  an  essential  means  to 
establish  flight  clearance,  since  some  measured  loads  were  found  to  be  different  from 
prediction. 

*  Careful  consideration  should  be  given  to  the  need  for  comprehensive  flight  load 
measurements  based  on  the  requirement  of  the  particular  project.  The  magnitude  of  the 
wing  loading  affects  the  extent  to  which  prediction  and  flight  are  likely  to  disagree, 
tolerances  on  prediction  may  result  in  acceptable  weight  penalties  dependent  on  the 
requirement  of  the  aircraft. 
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ABSTRACT 

The  large  variety  of  external  stores  carried  on  underwing  pylons  of  modern  combat  aircraft 
requires  a  large  amount  of  prediction  work  to  assess  the  flutter  behaviour. 

This  work,  based  on  calculations,  wind  tunnel  and  A/C  ground  testing,  is  to  be  matched  with  flinht 
test  data  for  final  qualification. 

This  paper  reports  the  various  problems  encountered  in  this  matching  work,  e.g.: 

-  structural  nonlinearities,  particularly  due  to  variable  sweep  wing  and  related  pivot 
arrangements 

-  effects  of  excitation  techniques 

-  control  system  interaction  with  structural  modes 

-  transonic  aerodynamics 

The  probable  causes  of  these  problems  are  discussed  and  the  trends  in  which  both  theoretical 
and  test  techniques  should  be  improved  are  highliqhted. 


INTRODUCTION 

During  early  development  stages  of  a  variable  sweep  wing  combat  aircraft  extended  wind  tunnel 
testing  of  wing  store  configurations  on  subsonic  flutter  models  were  performed.  Ground  resonance  tests 
on  aircraft  components , clean  A/C  and  A/C  with  stores  were  conducted  and  the  results  were  incorporated 
into  the  analytical  model.  Flight  Tests  of  the  clean  aircraft  and  of  the  aircraft  with  stores  followed, 
concentrating  only  on  key  configurations. 

This  paper  deals  with  the  difficulties  the  dynamicists  had  to  face  in  correlating  results  with  analy¬ 
tical  simulation  in  the  final  flight  test  period  .  Particular  reference  is  made  to  the  aircraft  with 
underwing  stores,  the  clean  aircraft  development  is  being  dealt  with  in  ref.  5. 


STRUCTURAL  NONLINEARITIES 

The  problem  of  structural  nonlinearities  involves  two  fundamental  aspects: 

-  the  interpretation  of  flutter  flight  test  results,  which  implies  an  assessment  of  how  nonlinear  the 
behaviour  of  flying  prototypes  was  durino  individual  measurements 

-  the  prediction  of  production  aircraft  non-linear  behaviour  durinn  all  service  life,  in  which  any  in¬ 
spection  or  replacement  of  parts  must  be  kept  to  a  minimum. 

The  procedure  leading  to  the  flutter  clearance  for  each  external  store  conf iourat ion  must  of 
course  be  based  on  the  understanding  of  both  aspects. 

A  typical  case  of  such  a  procedure  in  which  the  correlation  problem  was  succesfully  manaqed  is  now 
presented . 
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Reference  1  discussed  both  the  usual  slight  nonlinearities  of  any  aircraft  structure  and  the  large 
one  concentrated  in  the  variable  sweep-underwing  pylons  alignment  system,  figures  1  and  2  presented 
here  show  this  case,  leading  to  the  two  different  kinematic  behaviours: 

-  pylon  clamped  to  the  wing  by  static  friction  in  the  bearings  (yaw  loads  are  transmitted  to  the  winn 
itself  and  the  control  rod  is  not  giving  significant  contribution;  this  condition  is  referred  to  as 
"riqid  control  rod") 

-  pylon  free  to  rotate  relative  to  the  wing  (when  friction  forces  are  exceeded  by  yaw  oscillation 

inertia  forces;  the  yaw  moment  is  transmitted  to  the  control  rod  which  is  therefore  treated  as  "elastic"). 

For  the  store  configuration  considered  (large  tank  on  i/b  pylons)  the  flutter  mechanism  is 
different  for  the  two  kinematic  states.  In  the  first  case  the  store  yaw  mode  frequency  lies  in  the 
range  of  the  two  modes  qiving  the  critical  couplinn  (first  wino  bending  and  store  pitch).  This 
improves  the  flutter  behaviour  as  it  is  shown  in  fin.  3  in  which  the  computed  flutter  speed  is 
presented  versus  the  pylon  yaw  flexibility.  Any  uncertainty  in  the  definition  of  this  important 
parameter  (affected  by  the  usual  slight  nonl inearities  above  mentioned)  leads  to  the  shown  considerable 
differences  in  flutter  speed.  The  trend  can  be  explained  easily:  increasing  the  vaw  flexibility,  the 
yaw  frequency,  formerly  higher  than  those  of  wing  bendinq  and  store  pitch,  reduces  and  crosses  this 
range  causinq  energy  absorbtion  (yaw  of  a  heavy  store)  and  a  yaw-pitch  modal  exchange,  which,  by  raising 
the  pitch,  decouples  the  critical  modes  and  therefore  raises  the  flutter  speed  drastically  (figures  3,  4). 
When  the  yaw  flexibility  is  further  increased,  the  flutter  speed  aoain  decreases  as  the  yaw  mode  dis¬ 
appears  downward  from  the  coupling  area. 

If  the  elastic  control  rod  is  considered,  the  pylon  yaw  flexibility  is  drastically  increased  by  the  rod 
flexibility  added  in  series  and  the  total  value  is  high  enough  to  decouple  the  yaw  mode  completely,  being 
now  at  very  low  frequency. 

Therefore  the  flutter  speed  is  practically  constant  in  the  whole  plot  range  (figure  3). 

For  the  nominal  value  of  the  pylon  yaw  flexibility  the  elastic  control  rod  case  is  more  critical  and  this 
unfavourable  difference  could  be  significantly  larger  if  the  possible  effective  flexibility  ranoe,  due 
to  slight  nonlinearities  and  normal  differences  between  various  production  aircrafts, is  taken  into 
account.  Therefore  the  problem  of  correlation,  having  a  considerable  impact  on  final  clearance,  was 
solved  with  the  following  approach. 

The  first  logical  suggestion  was  of  course  to  try  to  excite  the  store  yaw  mode  at  high  amplituue  in 
order  to  generate  the  more  critical  elastic  control  rod  case  as  the  starting  condition  for  the  aircraft 
flutter  mode  evolution  to  be  measured.  This  was  difficult  to  do  as  all  excitation  devices  were  as  usual 
designed  to  provide  a  vertical  bendino-pi tch  excitation.  On  the  other  hand  it  must  be  noted  that  the 
flutter  mode  related  to  the  elastic  control  rod  case  does  not  contain  a  significant  store  yaw  component 
as  for  the  rigid  case  (see  figure  5).  It  is  decoupled,  at  lower  frequency  as  shown  above.  As  a  consequence, 
it  can  be  stated  that  the  flutter  mode  itself  is  showing  the  nature  of  the  kinematic  condition. 

A  proper  indication  of  this  condition  can  therefore  be  built  up  taking  the  ratio  of  store  yaw  to 
pitch  motion  V  0  for  the  critical  mode  which  is  eacv  to  excite  during  flight  tests.  The  important 
feature  of  this  parameter  is  that  its  trend  versus  the  yaw  flexibility  and  versus  the  kinematic  condi¬ 
tion  follows  the  flutter  speed  trend  quite  well  (see  figures  6  and  3). 

At  this  point  the  procedure  is  clear: 

1.  -  compute  the  plots  of  figures  3  and  6  for  prototype  A/C  taking  into  account  for  important  modes 

the  structural  damping  measured  during  ground  resonance  tests  (performed  over  wide  amplitude  range) 
at  the  amplitude  normally  achieved  during  flioht  tests 

2.  -  take  from  inflight  measured  mode  shapes  the  value  of  ^  G 

3.  -  compare  this  value  with  the  computed  plot  of  fig.  6.  This  will  show  which  kinematic  behaviour 

(rigid  or  elastic  control  rod)  has  been  achieved  and,  in  the  rinid  rod  case,  also  the  proper  value 
of  the  yaw  flexibility  "operating"  during  the  test 

4.  -  take  the  corresponding  computed  flutter  speed  from  the  plot  of  fioure  3  and  compare  this  with 

the  values  extrapolated  from  test  results;  build  up  if  necessary  a  correcting  factor 

5.  -  apply  this  correcting  factor  to  the  flutter  speed  computed  for  service  aircraft  using  for  critical 

modes  the  structural  damping  factors  considered  reliable  for  both  large  amplitude  of  oscillations 
(where  the  friction  part  of  damping  tends  to  disappear)  and  for  all  service  life.  Fiqure  7  shows 
the  pitch  mode  damping  measured  during  ground  resonance  test  of  a  prototype  after  a  considerable 
amount  of  flyinq  hours.  From  this  plot  a  reliable  damping  value  of  6%  was  taken.  For  those  calcu¬ 
lations  of  course  the  elastic  control  rod  case  must  be  considered  as  this  is  sooner  or  later 
reached  for  both  increasing  oscillations  and  wear  of  the  pylon  to  wing  connection. 

6.  -  define  flutter  clearance  on  the  basis  of  the  flutter  speed  obtained  above  corrected  by  the  usual 

15%  safety  factor. 

The  comparison  of  flutter  speed  of  point  4  is  particularly  useful  in  defininq  the  correcting 
factor  if  excitation  during  flight  tests  indicates  both  elastic  and  rinid  control  rod  behaviours. 

This  was  the  case  for  the  referenced  configuration  where  a  first  set  of  flight  tests  showed  the  rigid 
rod  case  only  (figure  5  c)  and  a  second  set  performed  with  the  same  prototype  in  a  ?nd  test  stane  (havina 
more  flown  hours  and  coupling  wear)  showed  also  the  elastic  rod  case  (figure  5  b).  It  can  be  noted  from 
figure  6  that  the  experimental  values  of Y/O  correlate  quite  well  with  the  calculated  values. 

If  the  flutter  clearance  had  been  given  on  the  basis  of  the  first  set  of  flioht  tests  only,  without  this 
specific  correlation  study  confirmed  by  the  second  set,  a  dangerous  situation  for  in  service  aircraft  iould 
have  been  created. 
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EFFECTS  OF  EXCITATION  TECHNIQUES 

The  particular  requirement  for  this  aircraft  was  to  obtain  sufficient  excitation  and  hence  signal 
to  noise  ratio  to  achieve  the  free  or  large  amplitude  kinematic  state  described  previously.  This  was 
furthermore  required  for  a  large  number  of  underwinq  store  confiqurations. 

Both  inertia  exciter  and  bonker  excitation  (rocket  motors)  were  discarded  at  the  outset  as  means 
of  excitation  since  with  the  low  wing-store  frequencies  expected  for  this  aircraft,  hiah  energy  levels 
would  be  required.  This  would  entail  fairly  larqe  and  massive  installation  which  would  substantially 
effect  the  flutter  characteristics  under  investigation. 

Turbulence  as  a  means  of  excitation  was  similarly  rejected  since  levels  encountered  were  not 
expected  to  be  sufficient  to  obtain  elastic  control  rod  kinematic  conditions. 

In  view  of  the  number  of  stores  to  be  cleared,  the  decision  was  made  to  develop  a  dedicated  flutter 
store,  based  on  an  underwing  fuel  tank  from  the  stores  list,  with  hydraulically  operated  vanes  providino 
the  excitation  force.  This  was  arranged  to  accept  variable  ballast  masses  to  simulate  the  mass,  centre 
of  gravity  and  radius  of  gyration  of  the  critical  stores  to  be  cleared.  The  principal  .-xcitation  used 
was  frequency  sweep  although  psuedo  random  binary  noise  and  selected  pulse  excitations  were  available. 

Since  the  flight  envelope  to  be  explored  was  readily  achievable  in  straight  and  level  flight,  a  slow 
sweep  rate  was  preferred  to  maximise  the  wing-store  response  for  the  available  excitation  force.  A 
facility  for  varying  the  excitation  amplitude  was  included. 

The  response  of  the  aircraft  was  measured  by  means  of  vertical  and  longitudinal  accelerometers  positioned 
on  the  wing  tip  and  triaxial  accelerometers  on  the  nose  and  tail  of  the  flutter  store  and  other  outboard 
underwing  stores  when  present. 

The  results  were  analysed  using  cross  correlation  techniques  to  obtain  an  equivalent  impulsive  re¬ 
sponse,  followed  by  a  process  of  filtering  in  the  frequency  domain  and  subtraction  in  the  time  domain  to 
obtain  the  dominant  and  sub-dominant  modes  o*  interest.  This  process  was  performed  on  an  HP5451C  Fourier 
Analyser  using  the  programs  detailed  in  ref .  5 

The  results  obtained  were  to  be  supplemented  by  manual  analysis  of  the  resoonse  due  to  stick  jerks 
and  wing  sweep  start  and  stop  inputs. 

Since  the  critical  flutter  couplings  under  investigation  were  symmetric  the  obvious  form  of  stick  jerk 
excitation  was  longitudinal.  This,  however,  in  practice  proved  to  give  only  poor  excitation  since  at  the 
taileron  the  displacements  are  generally  low  for  the  wing  store  modes  and  therefore  only  a  limited  amount 
of  energy  can  be  introduced.  Wing  sweeps  were  also  found  to  give  only  a  very  limited  amplitude  of  exci¬ 
tation  again  due  to  the  limitations  of  the  sweep  rate.  It  was  discovered  however  that  lateral  stick  jerks, 
usino  the  wing  spoilers  as  the  main  excitation  device,  could  attain  reasonable  amplitudes  of  response. 
Initially  an  asymmetric  motion  was  excited  which  settled  down  to  a  symmetric  response.  This  led  to  the 
special  dynamic  manoeuvres  used  during  the  flight  programme  where,  in  order  to  maximise  the  response, 
the  pilot  initiated  a  roll,  reversed  it,  and  stopped  the  roll  by  using  rapid  lateral  stick  inputs. 

This  method  of  excitation  achieved  fairly  consistent  results  with  some  stores  (e.o.  for  the  above 
mentioned  tank  cofiguration)  One  problem  encountered  was  that  the  duration  of  the  stick  jerk,  and  there¬ 
fore  its  frequency  components,  was  variable  -  needing  several  manoeuvres  to  obtain  a  few  test  points  with 
adequate  excitation.  This  problem  could  be  overcome  by  injecting  a  preprogrammed  electrical  signal  into 
the  control  system  giving  a  known,  and  repeatable  excitation  source.  Being  impulsive  in  form  such  a 
system  would  have  to  have  a  fairly  large  degree  of  authority  over  the  control  surface  to  generate 
sufficient  response  and  it  follows  that  there  is  a  need  for  it  to  be  fail-safe  in  performance. 

A  further  problem  was  that  by  the  time  fully  symmetric  behaviour  was  estabished  the  signal  had 
often  decayed  to  fairly  low  sianal  noise  ratios.  These  problems  were  compounded  by  the  limited  separa¬ 
tion  of  the  two  critical  modes  (e.g.  approx  0.4  Hz)  which  meant  that  beating  between  the  modes  could 
well  affect  the  results  without  being  readily  apparent  from  the  short  time  history  available. 

The  flutter  store,  using  frequency  sweep  excitation,  proved  to  be  quite  effective  at  exciting  the 
lower  damped  critical  flutter  mode,  and,  by  concentrating  on  accelerometers  which  displayed  the  least 
distortion  or  contamination  by  the  adjacent  higher  damped  mode,  nave  a  reasonably  consistent  set  of 
results.  These  agreed  well  with  the  trends  predicted  by  theoretical  means  for  the  rigid  control  rod 
case.  Reliance  on  detailed  studies  of  critical  parameter  variations  and  their  possible  influences  was 
therefore  necessary  to  define  safe  flutter'clearances  for  use  in  service. 

Neither  of  the  principal  methods  used  (flutter  store  frequency  sweep  or  special  dynamic  manoeuvres) 
could  reliably  extract  good  quality  results  for  the  higher  damped  mode  of  the  flutter  coupling  or  for 
the  pylon  yaw  mode.  For  future  work  it  has  been  proposed  that  the  flutter  store  facilities  should  be 
extended  to  provide  a  means  for  specific  independent  yaw  axis  excitation.  This  would  ensure  that  the 
free  kinematic  state  was  present  during  even  moderate  store  pitch  -wing  bendinn  excitation  and  give 
added  confidence  to  the  final  production  flutter  clearances. 
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INVESTIGATION  Of  STRUCTURAL  MODE  COUPLING  WITH  THE  FLIGHT  CONTROL  SYSTEM 

Modern  aircrafts  are  using  sophisticated  power  control  and  automatic  control  systems,  which  Basically 
are  designed  to  maneuver  the  aircraft  and  to  provide  sufficient  damping  for  the  rigid  body  modes.  Since 
the  sensors  are  attached  to  a  flexible  structure,  motions  of  the  elastic  aircraft  also  are  picked  up  and 
may  be  modified  by  the  system.  Tactical  requirements  lead  to  the  use  of  fast  responding  pressure  feedback 
actuators  capable  of  producing  large  forces  at  structural  mode  frequencies.  In  order  to  avoid  instabilities 
it  is  necessary  to  predict  the  response  of  the  airplane  with  the  control  system  and  to  correlate  with  test 
data.  An  analytical  approach  for  the  complete  system  including  unsteady  aerodynamic  forces  was  devehped 
in  which  the  elastic  structure  is  described  by  normal  modes  modified  by  results  of  a  ground  resonance  sur¬ 
vey  (Ref.  6). 


A  block  diagram  of  the  fully  operative  CSAS  (Command  and  Stability  Augmentation  System)  for  the  high 
speed  range  is  shown  in  Fig.  3.  The  pitch, roll  and  yaw  rate  signals  are  picked  up  by  gyros  and  filtered  and 
shaped  to  provide  pitch, roll  and  yaw  control  by  means  of  an  all-moving  tailplane  (taileron)  and  a  con¬ 
ventional  rudder.  The  possible  implementation  of  a  structural  mode  filter  must  be  provided  in  the  design 
of  the  CSAS  to  suppress  unfavourable  coupling  effects  of  structural  modes.  The  actuator  dynamics  are  highly 
nonlinear  depending  on  preloading,  amplitude,  input,  and  service  conditions.  One  must  be  sure,  therefore, 
that  the  transfer  function  of  the  worst  possible  case  is  introduced  into  the  analysis. 

Whereas  transfer  functions  of  all  of  the  electrical  blocks  in  the  CSAS  can  be  predicted  analytically 
with  sufficient  accuracy,  the  actuator  impedance  and  frequency  response  functions  must  be  measured.  Open 
loop  calculations  have  been  performed  considering  the  dynamics  of  the  aircraft  structure,  the  complete 
CSAS  and  servo  system.  The  excitation  is  represented  by  a  harmonic  oscillating  electrical  input  signal, 
fed  into  the  system  which  was  cut  off  behind  the  rate  gyros.  The  results  of  these  calculations  are  demon¬ 
strated  by  Nyquist  diagrams.  Open  loop  tests  were  conducted  with  the  aircraft  standing  on  inflated  and 
deflated  tires  for  various  fuel  conditions  and  wing  sweep  angles.  The  purpose  of  this  test  was  to  measure 
the  transfer  function  of  elastic  aircraft  with  CSAS  and  close  the  loops  whenever  stability  was  assured.  In 
the  first  test  series  this  was  only  possible  for  the  yaw  loop  because  the  pitch  and  roll  loops  were  unsta¬ 
ble.  After  introducing  a  lag  filter  into  the  actuator  circuit,  the  aircraft  was  stable  but  did  not  yet  ful¬ 
fill  our  requirements  for  safety  margins. 


The  Nyquist  plot  of  Fig.  9  comparing  test  with  analytical  results  for  a  system  without  structural 
mode  filters  (notch  filters)  but  with  the  lag  filter  introduced  into  the  taileron  actuator  circuit  shows 
good  correlation  for  the  pitch  axis.  The  structural  model  had  to  be  adjusted  to  reflect  the  test  condi¬ 
tion  of  the  aircraft  standing  on  tyres  and  structural  damping  g  =  0.02  was  introduced  for  every  vibration 
mode.  Fig.  9  shows  considerable  responses  in  the  three  symmetrical  vibration  modes:  First  symmetrical 
wing  bending  at  6.1  Hz,  first  fuselage  vertical  bending  at  9.9  Hz  and  first  symmetrical  tailplane  bending 
at  13.0  Hz. 

The  aircraft  is  stable  because  the  response  does  not  encircle  the  point  (-1)  on  the  real  axis.  Simi¬ 
lar  results  have  been  obtained  for  the  roll  axis.  The  phase  lag  introduced  into  the  low-frequency  area 
by  a  notch  filter  was  expected  to  be  detrimental  to  the  stability  of  flight  mechanical -CSAS  coupled  modes. 
Since  this  phase  lag  increases  with  higher  notch  filter  attenuation,  there  was  the  requirement  to  keep  the 
attenuation  to  a  minimum.  On  the  other  hand,  it  is  necessary  to  cover  frequency  and  amplitude  shifts  of 
structural  modes  (generated  by  flight  flutter  test  excitation  equipment,  wing  and  fuselage  fuel  contents, 
wing  sweep),  and  gain  and  phase  variation  of  actuators  by  reasonable  margins. 

In  difference  to  the  requirement  for  stability  of  MIL-Spec.  A-008870  A,  asking  for  a  gain  margin  of 
at  least  6  dB  and  separately  for  a  phase  margin  of  at  least  ♦  60°  we  required  a  6  dB  margin  on  the  amplitu¬ 
de  of  each  structural  mode  and  applied  MIL-Spec  philosophy  only  for  failure  cases.  This  approach  seems  to 
be  more  advisable  for  modern  aircraft  using  very  sophisticated  control  systems  and  fast  responding  pressure 
feedback  actuators. 

On  the  basis  of  a  6  dB  margin  for  all  amplitudes,  a  notch  filter  was  designed  for  the  pitch  and  roll 
axis,  considering  various  configurations  and  fuel  conditions.  Fig. 10  shows  the  notch  filter  characteristic 
for  the  pitch  axis,  providing  an  attenuation  of  -30  dB  at  about  11  Hz.  The  calculated  and  measured  open 
loop  diagram  for  the  pitch  axis  with  the  notch  filter  implemented  is  presented  in  Fig.  11. 

Open  loop  tests  in  various  configurations  have  been  performed  also  on  production  aircraft.  It  is 
worth  mentioning  that  the  attenuation  of  the  structural  filters  was  proved  to  be  sufficient  throughout 
all  aircraft  development  stages.  To  avoid  unfavourable  phase  effects  on  the  flight  mechanical  modes,  the 
deletion  of  actuator  lag  filters  is  in  consideration  which  has  been  made  possible  by  improvements  of  the 
actuator  frequency  characteristic. 

When  the  aircraft  was  proved  to  be  stable  on  the  ground  and  reasonable  agreement  was  achieved  between 
test  and  analysis,  the  stability  of  the  CSAS-structural  mode  coupling  behaviour  in  flight  had  to  be  in¬ 
vestigated  by  analyses.  Only  a  few  check  points  had  to  be  tested  with  fully  engaged  CSAS  during  normal 
flutter  test  flights. 


The  open  loop  diagrams  of  the  pitch  response,  as  shown  in  Fig. 12  for  two  different  flight  conditions, 
demonstrate  (in  comparison  with  the  results  obtained  on  the  ground)  the  attenuating  effect  of  unsteady 
aerodynamic  forces.  Close  loop  calculations  indicated  that  there  is  practical ly  no  influence  of  the  CSAS 
on  the  flutter  behaviour.  The  small  effect  of  the  CSAS  on  the  flutter  behaviour  has  been  confirmed  by 
check  points  during  flight  flutter  testing  of  various  clean  aircraft  and  wing  store  configurations.  A 
possible  exception  of  the  general  validity  of  this  result  will  be  discussed  in  the  following  chapter 
which  deals  with  the  influence  of  the  stick  pitch  circuit  on  wing  store  flutter  by  coupling  with  the 
flutter  mode. 
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STICK  PITCH  COUPLING  WITH  STRUCTURAL  MODES 

Approaching  transonic  speeds  durinq  flutter  flight  testina  of  an  inboard  and  outboard  winq  store 
configuration  at  45  degree  wing  sweep,  apparant  zero  damping  was  indicated  by  constant  wing  bending  and 
store  pitch  oscillations  at  4  Hz  after  excitation  by  lateral  stick  jerks.  On  the  inboard  winq  pylons 
flutter  stores  were  carried,  simulating  the  full  external  tank.  The  oscillations  could  be  stopped  bv 
sweeping  the  wing  to  the  back  position.  The  flutter  case  was  predicted  by  conventional  flutter  calcula¬ 
tions  but  the  flutter  speed  was  higher  than  measured  in  flinht  test.  Durinq  the  amplitude  limited  wino 
and  store  oscillations  significant  responses  in  stick  pitch  and  taileron  pitch  were  shown  by  the  stick 
and  taileron  instrumentation.  Therefore  a  contribution  of  the  control  system  to  the  aeroelastic  behaviour 
or  the  aircraft  structure  seems  to  be  likely  and  a  careful  investigation  was  initiated  including  ground 
testing,  coupled  stick  pitch  -  structural  mode  calculations  and  further  flinht  flutter  testing. 

In  Figure  13  the  results  of  a  conventional  flutter  analysis  for  the  inboard  and  outboard  winq  store 
confiauration  considered  are  plotted,  showing  an  inboard  store  pitch  -  wing  bendinq  flutter  at  about 
4  Hz.  Because  in  this  calculation  free  yaw  displacements  of  the  pylons  relative  to  the  winq  are  repre¬ 
sented,  the  inboard  store  yaw  frequency  is  separated  and  contributes  only  little  to  the  flutter  mode. 

For  the  calculations  a  conservative  assumption  of  2  has  been  made  for  the  damping  of  each  structural 
mode  on  the  ground.  In  spite  of  this  fact  the  flight  test  measurements  indicate  a  flutter  speed  which 
is  about  8  lower  than  the  calculated  speed.  The  results  of  the  flight  flutter  test  are  also  depicted  in 
this  figure. 


The  mathematical  model,  developed  to  represent  the  CSAS/structural  mode  coupling  behaviour  could 
also  be  used  for  this  investigation  after  introduction  of  an  additional  degree  of  freedom  for  the  stick 
pitch  feel  system  dynamics  and  after  completion  of  the  control  system  representation  by  the  electrical 
connection  between  the  stick  pitch  pick  up  and  the  taileron.  The  mechanism  of  the  mechanical  and  elec¬ 
trical  stick  pitch  circuit  are  demonstrated  by  the  flow  diagram  in  figure  14. 

The  stick  pitch  sensor  which  is  used  in  the  electrical  (CSAS  or  direct  link)  mode  is  fixed  to 
the  fuselage  structure,  measuring  the  stick  pitch  angle  relative  to  this  fuselage  station.  The 
signal,  therefore,  also  includes  structural  motions  of  the  fuselage  excited  by  the  taileron. 

Secondly,  the  mechanical  parts  of  the  pitch  control  line,  including  stick,  feel  jack,  links  and 
control  rods  up  to  the  clutches  (connected  to  the  taileron  actuators  if  the  aircraft  is  con¬ 
trolled  mechanically)  can  be  excited  by  fuselage  oscillations  at  fuselage  attachment  points. 

Both  effects  are  able  to  close  the  stick  pitch  loop  by  means  of  structural  feedback. 

In  figure  15  a  frequency  response  curve  of  the  pitch  control  line  operating  in  "Direct  link"  is  shown, 
being  available  from  rig  testing  for  various  flight  conditions,  different  amplitudes  and  for  flight  simu¬ 
lation  of  the  "direct  link"  or  the  full  CSAS  condition. 

According  to  the  nonlinear  characteristic  of  the  pitch  feel  spring  system,  amplitudes  and  resonance 
frequency  are  highly  dependent  on  the  excitation.  Due  to  a  nearly  180  phase  shift  at  the  resonance 
frequency,  the  control  line  could  be  represented  by  a  sinqle  mass-spring-damper  svstem  with  a  resonance 
frequency  between  3  and  4  Hz  and  a  structural  damping  of  about  15  ,  Usina  these  data  for  first  analytical 
investigations  of  the  full  dynamical  system  including  the  unbalanced  pitch  control  line  results  in  flutter 
trends  which  are  demonstrated  by  figure  16. 

For  general  illustration  of  nonlinear  feel  system  effects  on  flutter,  the  dampino  of  the  critical 
flutter  mode  is  depicted  for  different  resonance  frequencies  of  the  stick  pitch  mode.  Due  to  the  rapid 
phase  change  at  the  stick  pitch  resonance  frequency  the  coupling  of  the  flutter  mode  with  the  stick  pitch 
mode  can  reduce  the  flutter  speed  for  about  1.  if  the  feel  system  resonance  frequency  is  equal  or  lower 
than  the  critical  flutter  mode  frequency. 

If  the  feel  system  frequency  is  higher  than  the  flutter  mode  frequency,  then  the  effect  on  flutter 
can  be  beneficial.  New  frequency  response  measurements  of  the  control  circuit  werp  performed  on  prototype 
as  well  as  on  production  standard  aircraft.  Similar  characteristics  were  obtained  for  the  different  flight 
mechanical  operation  modes,  but  the  mechanical  mode  exhibited  much  lower  amplitude  responses.  Therefore 
further  investigations  were  concentrated  on  the  "Direct  Link"  and  the  CSAS  mode. 

Stick  pitch  frequency  responses  measured  on  prototype  aircraft  in  "Direct  Link"  operation  are  pre¬ 
sented  in  figure  17.  The  resonance  frequency  drops  from  about  5.3  Hz  at  small  excitation  to  4  Hz  at  large 
excitation  due  to  the  nonlinear  characteri Stic  of  the  feel  actuator.  A  reduction  in  resonance  frequencv 
is  also  obvious  when  the  resonance  conditions  are  approached  from  higher  frequencies.  Further  tests  at 
different  trimm  positions  extended  the  ranqe  of  possible  resonance  frequencies  which  had  to  be  conside¬ 
red  by  calculation  between  6  and  3.5  Hz.  In  contrast  to  the  r:g  test  results  the  phase  change  at  the 
resonance  frequency  was  not  higher  than  90°  for  all  aircraft  measurements  which  is  matched  by  calcula¬ 
tions  just  for  the  resonance  conditions.  Although  some  design  chanqes  had  been  applied  to  the  feel 
spring  system,  the  measurements  on  the  production  aircraft  reveals  similar  results,  but  the  pitch  feel 
system  damping  was  reduced  from  15,  measured  on  prototype  aircraft,  to  about  5  .  Final  determination 
of  the  mass  and  inertia  properties  of  the  complete  pitch  control  line  confirmed  that  the  system  is 
suitably  balanced  for  aircraft  pitch,  fore  and  aft  and  vertical  accelerations.  Using  this  data  in  a 
coupled  "aircraft  structure-control  system"  analysis  and  investigatinq  the  effect  of  the  frequency  and 
mass  parameters  of  the  control  line  yielded  the  following  results: 

The  effects  of  mass  coupling  between  pitch  control  and  aircraft  x  and  z  are  negligible.  The 
influence  of  the  mass  coupling  between  pitch  control  and  aircraft  pitch  is  evident  but  relatively  small. 

The  largest  effects  are  generated  by  the  variation  of  control  line  resonance  frequencv  and  the  control 
line  pitch  inertia  as  represented  by  figure  18  and  figure  19.  However,  the  calculation  indicates  a  de¬ 
trimental  effect  of  the  pitch  control  resonance  frequency  only  for  the  unbalanced  system  whereas  for  the 
balanced  system  values  of  pitch  control  resonance  frequencies  higher  or  lower  than  the  flutter  fre- 


I 


quency  lead  to  flutter  speeds  higher  than  the  speeds  obtained  by  conventional  flutter  calculations. 

It  should  be  mentioned  that  by  addino  the  balance  weiqhts  to  the  control  line,  the  pitch  control 
inertia  was  increased  by  about  40;,  But,  as  shown  in  figure  19,  the  control  line  pitch  inertia  was  also 
proved  to  have  large  influences  on  the  flutter  speed  only  for  values  smaller  than  relevant  aircraft  data. 

Comparing  the  fully  operational  CSAS  mode  with  the  "direct  link"  mode  reveals  a  slightly  bene- 
fical  effect  of  the  CSAS  which  is  presumably  caused  less  by  the  feedback  of  fuselage  motions  via  the 
pitch  rate  gyro  than  by  the  changes  of  circuit  gain  and  phase  in  full  CSAS. 

The  analytical  results  have  indicated  a  possible  reduction  in  flutter  speed  if  certain  conditions 
are  met.  Considering  the  complexity  of  the  problem  and  the  large  number  of  possible  parameter  constella¬ 
tions  due  to  nonlinearities  of  the  control  system  and  aircraft  structure,  nonlinear  calculations  may  be 
necessary  to  cover  the  most  critical  case. 

As  already  shown  by  analytical  investigations  of  the  linearized  problem,  the  possible  reduction 
in  flutter  speed  seems  not  to  be  dramatic  but  it  was  proved  that  in  some  cases  realistic  flutter  speeds 
can  not  be  predicted  without  considering  the  fully  coupled  dynamical  and  flight  mechanical  system. 


TRANSONIC  EFFECTS 

Another  difficult  problem  which  can  hardly  be  predicted  if  no  transonic  flutter  model  or  unsteady 
pressure  distribution  model  is  available,  is  the  influence  of  transonic  aerodynamics  on  store  flutter. 


Carrying  stores  on  the  outboard  winq  pylons,  decreasing  damping  of  the  winq  bending  mode  has  been 
measured  in  first  flight  flutter  tests.  According  to  analytical  predictions  the  mass  and  inertia  proper¬ 
ties  of  the  stores  were  not  flutter  critical.  As  demonstrated  by  figure  20  and  21  the  flight  flutter  test 
was  interrupted  after  a  first  test  series,  when  low  dampings  in  the  winn  bendino  mode  were  indicated  which 
we-e  confirmed  by  repeated  flight  measurements.  The  large  scatter  in  measured  dampings  could  be  explained 
by  transonic  effects,  being  different  for  slightly  changed  fliaht  conditions  as  well  as  by  the  strong 
coupling  between  wing  bending  and  store  yaw  which  generates  two  modes,  both  showing  larae  wing  bendino 
motions  but  different  modal  dampings. 

Before  having  solved  the  problem,  the  outboard  store  configurations  for  the  transonic  speed  range 
had  to  be  limited  to  high  altitudes. 

A  combined  experimental  -  analytical  study  was  initiated  involving  flow  pattern  measurements  on  an 
aeroelastic  research  model  at  RAE  as  well  as  flutter  analyses  including  transonic  effects.  Since  neither 
a  transcnic  flutter  model  nor  an  unsteady  pressure  distribution  model  was  available,  the  calculation  had 
to  be  based  upon  steady  pressure  distributions  measured  on  a  buffet  model  in  the  transonic  range.  The 
doublet  lattice  method  was  used  to  apply  so  called  additive  corrections  to  the  theoretical  pressure  distri¬ 
bution  of  each  individual  panel.  (For  detailed  information,  see  Ref.  7).  Representing  a  typical  example 
for  necessary  transonic  corrections  on  outboard  store  conf iaurations ,  figure  22  demonstrates  the  effect  of 
this  additive  correction  for  the  first  wina  bending  mode  at  a  Mach  number  of  0.9.  As  expected  the 
correction  is  most  effective  at  the  outboard  wing. 

Results  of  flutter  calculations  with  modified  aerodynamic  data  are  plotted  in  figure  23  showina  only 
the  two  important  modes  wing  bending  and  store  yaw  for  Mach  numbers  C.9  and  0.95.  To  compare  calculated 
results  of  figure  23  with  flight  test  results  of  figure  20  and  21,  about  3  structural  dampina  as  measured 
in  ground  resonance  test  for  the  wina  bending  mode  have  to  be  added  to  analytical  results.  It  is  proved 
that  there  is  a  pronounced  transonic  effect  on  the  dampina  of  the  wing  bending  mode,  increasing  with  Mach 
number  and  angle  of  incidence,  but  generating  an  unstability  only  at  very  hinh,  non  realistic  airspeeds. 


Step  by  step  flutter  flight  testing  was  continued,  trying  to  achieve  amplitudes 
large  as  possible  to  overcome  structural  nonl inearities .  The  results  are  demonstrated 
series  data  in  figure  20  and  figure  21  which  confirmed  the  predictions  by  recovering 
increasing  Mach  numbers  and  airspeed. 


of  excitation  as 
by  the  second  test 
damping  values  with 


CONCLUSION 

It  has  been  shown  that  especially  in  connection  with  nonlinearities,  either  generated  by  struc¬ 
tural,  control  system  or  aerodynamic  transonic  effects,  flutter  clearance  can  not  be  based  exclusively 
on  flight  testing  nor  on  conventional  flutter  calculations.  Flutter  fliqht  testing  is  a  useful  and  re¬ 
quired  tool  for  flight  clearance  purposes  but  approaching  areas  with  low  flutter  marains,  good  corre¬ 
lation  with  analytical  investigations  confirmed  by  around  resonance  tests  is  vitally  necessary,  to  be 
able  to  explain  the  physical  behaviour  of  the  flutter  case  and  to  avoid  unsafe  conditions  during  flutter 
flight  testing,  if  correlation  between  flight  test  and  analysis  is  poor,  possible  nonlinear  effects  must 
be  incorporated  into  the  analysis.  Having  proven  good  correlation  with  flight  testing  for  special  test 
conditions,  the  clearance  according  to  the  most  critical  case  during  whole  service  life  and  considerina 
all  possible  amplitudes  has  to  be  provided  by  analysis  if  this  condition  can  not  be  reached  by  fliaht 
testing. 
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FIG.  1  SCHEMATIC  VIEW  OF  THE 

WING  SWEEP  -  UNDERWING 
STORES  AUGMENT  SYSTEM 


FIG.  2  IDEALIZED  SYSTEM  FOR  WING 
AND  STORE  YAW  MOTION 
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FIG.  3  COMPUTED  FLUTTER  SPEED  VERSUS  PYLON  YAW 

FLEXIBILITY  FOR  RIGID  AND  ELASTIC  CONTROL  ROD 
CASES 
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FIG.  4  CRITICAL  MODE  COUPLING  VERSUS  PYLON  YAW 
FLEXIBILITY  FOR  THE  RIGID  CONTROL  ROD  CASE 
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FIG.  15  FREQUENCY  RESPONSES  MEASURED  ON  THE  RIG 
MOUNTED  PITCH  CONTROL  LINE  IN  DIRECT  LINK. 
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FIG.  IS  VARIATION  OF  CALCULATED  FLUTTER  DAMPING  FIG.  17  FREQUENCY  RESPONSES  OF  THE  PITCH 

WITH  STICK  PITCH  RESONANCE  FREQUENCY.  CONTROL  LINE  MEASURED  ON  THE 

UNBALANCED  CONTROL  LINE.  AIRCRAFT 

CSAS  MODE:  DIRECT  LINK. 
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FIG.  18  VARIATION  OF  CALCULATED  FLUTTER  SPEED  WITH 

STICK  PITCH  RESONANCE  FREQUENCY  FOR  DIFFERENT 
BALANCE  CONDITIONS. 
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FIG.  19  INFLUENCE  OF  CONTROL  LINE  PITCH  INERTIA  ON 
CALCULATED  FLUTTER  SPEEDS. 
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FIG.  20  IN  FLIGHT  MEASUREMENTS  OF  WING  BENDING  DAMPING 
FOR  OUTBOARD  STORE  CARRIAGE  VERSUS  MACH 
NUMBER. 
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FIG.  21  IN  FLIGHT  MEASUREMENTS  OF  WING  BENDING  DAMPING 
FOR  OUTBOARD  STORE  CARRIAGE  VERSUS  AIRSPEED. 
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SUMMARY 

Flight  flutter-test  results  of  the  first  aeroelastic  research  wing  (ARW-1)  of  NASA's  drones  for  aerodynamic 
and  structural  testing  (DAST)  program  are  presented.  The  flight-test  operation  and  the  implementation  of  the 
active  flutter-suppression  system  are  described.  The  software  techniques  used  to  obtain  real-time  damping 
estimates  and  the  actual  flutter  testing  procedure  are  also  described  in  detail.  Real-time  analysis  of  fast- frequency 
aileron  excitation  sweeps  provided  reliable  damping  estimates.  The  open-loop  flutter  boundary  was  well  defined 
at  two  altitudes;  a  maximum  Mach  number  of  0.91  was  obtained.  Both  open-loop  and  closed-loop  data  have  been 
of  exceptionally  high  quality.  Although  the  flutter-suppression  system  provided  augmented  damping  at  speeds 
below  the  flutter  boundary ,  an  error  in  the  implementation  of  the  system  resulted  in  the  system  being  less  stable 
than  predicted.  The  vehicle  encountered  system-on  flutter  shortly  after  crossing  the  open-loop  flutter  boundary 
on  the  third  flight  and  was  lost.  The  aircraft  has  been  rebuilt,  and  initial  testing  is  scheduled  for  the  fall  of  1982. 
Changes  made  in  real-time  test  techniques  are  included. 

SYMBOLS  AND  ABBREVIATIONS 


ARW-1 

advanced  research  wing  no.  1 

PCM 

pulse  code  modulation 

ARW-  1R 

advanced  research  wing  no.  1,  rebuilt 

RPRV 

remotely  piloted  research  vehicle 

az 

normal  acceleration ,  g 

s 

Laplace  transform  variable  ,  rad/sec 

CMP 

control  and  monitor  panel 

Sxx 

auto-spectrum  of  x 

d<p/do3 

rate  of  change  of  phase ,  deg/deg 

cross-spectrum  between  x  and  y 

DAST 

drones  for  aerodynamic  and  structural 
testing 

t ,  T 

time ,  sec 

f 

frequency ,  Hz 

u 

intermediate  FSS  variable 

F 

Fourier  transform 

a 

angle  of  attack  ,  deg 

FSS 

flutter-suppression  system 

6,6q 

aileron  position ,  deg 

G 

c 

common  filter-transfer  function 

s 

damping  ratio 

G  ,  G 
s  a 

symmetric  and  antisymmetric  filter- 
transfer  functions 

0 

<P 

$10 

2 

center-of- gravity  roll  acceleration,  rad/sec 

GVT 

ground  vibration  test 

CO 

frequency,  rad /sec 

H 

altitude,  m(ft) 

Subscripts: 

H(s) 

single-degree-of-freedom  transfer 
function 

c 

command  variable 

i 

eg 

center  of  gravity 

K 

FSS  gain 

I,  r 

left,  right 

M 

Mach  number 

s,  a 

symmetric,  antisymmetric 

flutter  Mach  number 

tm 

tip  mass 

1.0  INTRODUCTION 

Correlation  of  theoretical  predictions  and  experimental  flight-test  results  of  aeroelastic  effects  in  the  high 
subsonic  to  transonic  speed  range  are  of  great  interest  because  aeroelastic  effects  frequently  are  critical  in  air 
craft  design.  An  objective  of  NASA's  drones  for  aerodynamic  and  structural  testing  (DAST)  program  (Ref.  1)  is 
(o  pursue  investigations  within  this  speed  range,  using  a  series  of  aeroelastic  research  wings  (ARW)  which  will 
be  flight  tested  in  combination  with  a  modified  Firebee  II  target  drone  vehicle  fuselage  utilizing  the  remotely  piloted 
research  vehicle  (RPRV)  technique  (Ref.  2) .  DAST  is  a  joint  program  of  Langley  Research  Center  and  the 


Dryden  Flight  Research  Facility,  Ames  Research  Center.  The  flight  tests  described  in  this  paper  were 
supported  under  contract  by  the  Boeing  Military  Aircraft  Company,  Wichita  Division.  The  first  wing  to  be 
tested  in  the  DAST  program,  denoted  the  ARW-1,  is  a  sweptback ,  supercritical  airfoil,  transport-type  wing 
with  a  performance  design  point  of  M  =  0.98  at  13.72  km  (45,000  ft). 

The  primary  research  objective  of  the  ARW-1  is  to  investigate,  through  flight  test,  those  systems  synthesis 
and  analysis  techniques  applicable  to  active  control  of  flutter,  utilizing  an  on-board  analog  flutter- suppression 
system  (FSS) .  A  secondary  objective  is  to  use  flight  test  to  validate  analysis  techniques  for  aerodynamic  loads 
predictions.  The  use  of  the  RPRV  technique  poses  special  considerations  in  the  conduct  of  the  flight  testing, 
because  test  time  per  flight  is  quite  limited  and  a  higher  probability  of  vehicle  loss  can  be  an  accepted  risk .  As 
such,  the  flight  testing  of  the  ARW-1  had  the  additional  objective  of  developing  flutter-test  techniques  for  use 
under  these  conditions . 

This  paper  presents  details  of  the  flutter-test  technique  development  and  of  the  implementation  of  the  FSS  on 
the  vehicle.  Frequency  and  damping  estimates  obtained  from  flight  tests  using  this  real-time  estimation  technique 
are  compared  with  predictions  from  Ref,  3.  Newsom  and  Pototsky  (Ref.  3)  present  details  of  the  mathematical 
modeling  and  FSS  design,  and  Bennett  and  Abel  (Ref.  4)  present  more  detailed  frequency  and  damping  estimates 
obtained  using  a  postflight  parameter-estimation  technique.  Three  operational  flights  of  the  ARW-1  were  conducted. 

Because  of  an  error  in  the  implementation  of  a  gain  in  the  FSS ,  the  vehicle  experienced  flutter  on  the  third 
flight;  the  flutter  caused  the  right  wing  to  separate  and  there  was  further  damage  caused  by  ground  impact.  The 
aircraft  has  been  rebuilt  and  is  approaching  a  new  phase  of  flight  testing.  Improvements  made  in  the  real-time 
flutter-test  techniques  are  included  in  this  paper. 

2.0  DAST  SYSTEM  DESCRIPTION 

The  first  wing  to  be  tested  in  the  DAST  program  is  a  6 . 8  aspect  ratio,  sweptback ,  transport-type  wing  with  a 
supercritical  airfoil  shape.  Design  of  this  wing  and  the  active  flutter- suppression  system  is  described  in  Refs.  1 
and  5.  Although  the  supercritical  wing  design  point  was  at  M  =  0.98  and  II  =  13.72  km  (45,000  ft),  the  achieve¬ 
ment  of  the  active  flutter-suppression  experiment  goal  of  a  20%  increase  over  the  unaugmented  flutter  speed  was 
to  be  accomplished  at  altitudes  of  only  3.05-4.57  km  (10,000-15,000  ft) .  The  basic  Firebee  drone  has  no  wing 
control  surfaces;  it  is  controlled  by  deflections  of  the  collective  and  differential  horizontal  stabilizer  and  rudder. 
The  ARW-1  retained  this  method  of  flight  control ,  thus  leaving  the  wing  ailerons  free  to  perform  the  flutter- 
suppression  fuction. 

Figure  1  shows  the  overall  planform  of  the  vehicle.  The  wing  was  constructed  with  front  and  rear  steel  spars, 
with  torsional  stiffness  provided  by  fiberglass  skins.  The  wing  leading  and  trailing  edges  are  constructed  of 
fiberglass;  the  wing  span  is  4.30  m  (14  ft) .  To  produce  wing  flutter  within  the  operational  envelope  of  the 
vehicle ,  torsional  stiffness  was  intentionally  reduced  by  orienting  the  fiberglass  filaments  at  0°  and  90°  to  the 
front  spar.  During  wing  fabrication,  it  became  apparent  that  the  torsional  stiffness  was  higher  than  predicted, 
resulting  in  a  predicted  flutter  boundary  at  a  higher  Mach  number  than  desired.  To  reduce  the  nutter  Mach 
number.  0.91  kg  (2  lb)  of  wingtip  ballast  (encapsulated  lead  shot)  was  added. 

2.1  Tip -Mass  Release  System 

Automatic  or  manual  jettison  of  the  tip  masses  was  viewed  as  a  desirable  feature  in  order  to  aid  recovery  from 
inadvertent  large-amplitude  wing  oscillations.  This  was  accomplished  on  the  ARW-1  by  sensing  wingtip 
accelerations  and  firing  a  pyrotechnic  device  to  allow  the  lead-shot  ballast  to  be  thrown  out  of  its  container.  The 
automatic  firing  sequence  was  initiated  when  the  rms  wingtip  acceleration  exceeded  a  10.6-g  threshold,  with 
the  actual  firing  occurring  after  a  delay  determined  by  the  rms  acceleration  level  in  excess  of  the  threshold.  For 
instance,  a  sinusoidal  wingtip  oscillation  of  ±15  g's  (10.6  g's  rms)  at  20  Hz  would  cause  tip  mass  firing  after 
12  cycles  of  oscillation,  and  an  amplitude  of  ±30  g's  would  release  the  masses  after  3  cycles.  The  threshold  g  level 
was  selected  based  on  the  acceleration  causing  saturation  of  the  FSS  compensator.  It  was  predicted  that  structural 
failure  of  the  wing  would  not  occur  until  wingtip  accelerations  reached  64  g's  and  that  compressive  stress  of  the 
wing  skin  along  the  25%  chord  line  was  the  critical  stress.  It  was  anticipated  that  this  automatic  tip-mass  release 
system  could  save  the  wing  structure  in  event  of  mildly  divergent  wing  oscillations.  A  backup  manual  tip-mass 
release  capability  was  provided  for  the  flutter-test  experimenters  for  activation  at  their  discretion.  Reference  1 
describes  a  wind-tunnel  test  of  this  tip-mass  release  technique  in  which  a  solid  weight  was  manually  released  at 
the  open-loop  flutter  boundary  when  mildly  divergent  oscillations  were  observed.  The  wing  response  changed 
quickly  to  stable  convergent  oscillations,  indicating  an  incremental  increase  in  damping. 

2 . 2  Mathematical  Model 

A  NASTRAN  finite-element  model  of  the  ARW-1  and  Firebee  fuselage-empennage  was  constructed  and  ground 
vibration  tests  (GVT)  were  performed  on  the  vehicle.  Table  1  presents  comparisons  of  the  frequencies  obtained 
by  NASTRAN  and  GVT;  the  results  show  fair  to  good  agreement  between  the  two.  The  differences  between 
NASTRAN  and  GVT  in  first  wing-bending-mode  frequencies  (0.5  Hz  for  symmetric  and  1.2  Hz  for  antisymmetric) 
are  larger  than  desirable;  however,  attempts  to  refine  the  NASTRAN  model  did  not  significantly  improve  the 
agreement  with  the  GVT  result: 

Aeroelastic  analysis,  using  a  doublet  lattice  computer  program,  predicted  classical  wing  bending- torsion 
flutter  in  both  symmetrical  and  antisymmetrical  modes  at  nearly  identical  altitude/Mach  number  conditions.  In 
both  cases,  the  lower  frequency  first  wing-bending  modes  near  10  Hz  combined  with  the  bending-torsion  modes 
near  30  Hz  to  produce  flutter  modes  in  the  range  of  15-20  Hz,  with  the  lower  frequency  bending  modes  becoming 
the  unstable  flutter  modes. 
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All  on  board  data  measurements  were  telemetered  to  the  ground  via  two  pulse- code  modulation  (PCM)  telemetry 
systems;  there  was  no  on  board  recording  capability  .  The  critical  flutter  parameters,  such  as  accelerations, 
aileron  deflections,  excitation  signal,  and  servo  commands,  were  transmitted  at  the  maximum  rate  of  500  sps .  All 
of  these  signals  were  analog  prefiltered  to  prevent  aliasing,  with  most  channels  incorporating  70-Hz,  sixth-order 
filters.  The  remaining  primary  PCM  system  parameters  consisted  of  46  signals  sampled  at  50,  100,  and  250  sps 
comprising  a  standard  flight  iest  instrumentation  lineup.  The  secondary  PCM  system  (Ref.  6)  monitored  sensors, 
installed  in  the  wing,  that  were  devoted  to  the  loads  experiment.  There  were  86  static  upper  and  lower  surface 
pressure  sensors  and  16  strain  gages. 

3.0  FLUTTER-SUPPRESSION  SYSTEM 


The  flutter-suppression  system  (FSS)  was  designed  and  fabricated  under  contract  (Ref.  5)  and  was  imple¬ 
mented  as  an  on-board  analog  system,  as  shown  in  Fig.  1.  No  redundancy  was  provided  for  any  of  the  systems' 
sensors,  electronics,  or  actuators.  The  23%-chord  ailerons  have  a  0.254  m  (10  in)  span  and  are  located  just 
inboard  of  the  wing  closure  rib.  During  the  FSS  design  study,  combinations  of  two  accelerometers  on  each  wing- 
tip  were  considered  for  sensing  wing  motion  ,  but  a  single  accelerometer  mounted  on  the  rear  spar  at  the  out¬ 
board  aileron  edge  was  chosen  . 


Miniaturized  rotary-vane  hydraulic  actuators  (Ref.  7)  were  used  to  control  the  aileron  motion.  Figure  1 
shows  the  location  of  the  hydraulic  pump  and  accumulator  and  the  electrohydraulic  servovalves  which  were 
separated  from  the  actuators  by  2. 14  m  (7  ft)  of  hydraulic  tubing.  The  control  surfaces  were  stabilized  with 
position  and  differential  pressure  feedback  .  The  bandwidth  of  these  control  surfaces  proved  to  be  a  critical 
variable  in  the  FSS  design.  Preliminary  design  of  the  FSS  was  accomplished  assuming  a  mathematical  model  of 
the  controls  with  a  bandwidth  of  100  llz.  When  the  controls  were  fabricated  and  bench  tested,  a  70-Hz  bandwidth 
was  achieved;  when  the  control  surfaces  were  installed  in  the  wing,  the  final  bandwidth  was  50  Hz.  The  resulting 
phase  lag  (=30°  at  20  Hz)  severely  compromised  the  original  FSS  compensator  design. 


Since  suppression  of  both  symmetrical  and  antisymmetries!  flutter  modes  was  required,  the  FSS  compensator 
was  implemented  by  means  of  the  summing  and  differencing  networks  shown  schematically  in  Fig.  2.  The  left  and 
right  wingtip  accelerations,  a  and  a  ,  were  passed  through  common  filters,  C  ,  and  then  summed  to  yield  the 

zl  V  c 

symmetric  intermediate  signal,  u,,  and  differenced  to  yield  the  antisymmetric  intermediate  signal,  u  .  In  order 


to  isolate  the  FSS  dynamics  from  the  lower-frequency  rigid-body  dynamics,  the  center-of-gravity  acceleration, 
u,  .  was  subtracted  from  each  signal  and  the  fuselage  roll  acceleration,  (p,  was  added  to  and  subtracted 
‘ eg  l 

from  .  The  intermediate  signals,  ug  and  uq  ,  were  filtered  by  Gg  and  (7fl ,  and  the  resulting  signals  summed. 


differenced,  and  multiplied  by  the  gain,  K,  to  yield  the  left  and  right  aileron  servo  commands  6^  and  6^  . 

c  c 


Although  predictions  indicated  that  the  reduced  control -surface  bandwidth  previously  mentioned  would  not 
allow  achievement  of  a  20%  increase  in  flutter  speed,  it  was  adequate  for  flutter  suppression  at  speeds  moderately 
above  the  flutter  boundary,  and  it  was  retained  for  the  first  two  flight  operations.  During  this  time  period,  the 
FSS  was  redesigned  incorporating  the  reduced  bandwidth  characteristics  of  the  servoactuator  system .  This 
redesigned  system  was  used  for  the  third  flight  but  because  of  an  implementation  error,  the  flight  system  had 
one-half  the  nominal  design  gain. 

Figure  3  presents  the  predicted  performance  of  the  above  defined  symmetrical  FSS,  showing  the  loci  of  the 
open-loop  bending  and  bending-torsion  modes  versus  Mach  number.  The  open-loop  bending  mode  goes  unstable 
(flutters)  at  approximately  Af  =  0.83  at  a  frequency  of  100  rad/sec  (16  Hz) ,  and  the  open-loop  torsion  mode  becomes 
heavily  damped  as  Mach  number  increases.  Also  shown,  near  to  =  100  rad/sec  is  the  locus  of  the  first  fuselage 
bending  mode,  which  indicates  considerable  coupling  with  the  bending  mode  near  Af^..  The  effect  of  increasing 

the  gain  from  0.0  to  1.0  is  shown  for  M  =  0.75,  0.85,  and  0.90.  Acceptable  damping  is  achieved  at  all  Mach 
numbers  for  nominal  gain  (K  =  1.0),  but  the  bending  mode  is  predicted  to  be  unstable  above  A1  =  0. 85  at  one- half 
nominal  gain.  The  torsion  mode  is  heavily  damped  by  the  FSS  at  all  Mach  numbers. 

4.0  DAST  OPERATIONAL  TECHNIQUE 

The  flight-test  operations  of  the  DAST  program  utilize  the  RPRV  technique  developed  by  Dryden  Flight 
Research  Facility  (Ref.  2).  The  Firebec  II  vehicle  with  the  ARW-1  wing  was  air-launched  from  a  B-52  aircraft, 
flew  a  preplanned  flight  track  and  test  points,  and  was  recovered  in  midair  by  an  Air  Force  helicopter  crew  .  With 
the  ARW-1  wing  installed,  flight-test  time  for  each  flight  varied  between  15  and  30  min,  depending  on  the  flight 
conditions  chosen.  The  vehicle  was  remotely  controlled  from  a  ground-based  RPRV  facility  consisting  of  (1)  a 
PCM  telemetry  downlink  receiver  and  uplink  transmitter,  (2)  a  dedicated,  simulation-type  cockpit  from  which  the 
test  pilot  controls  the  aircraft,  and  (3)  a  ground-based  computer  interfacing  the  telemetry  links  and  the  cockpit 
and  also  providing  closed-loop  remote  control  augmentation.  In  the  event  of  loss  of  the  command  signal  from  the 
ground,  a  backup  controller  in  an  F-104  chase  aircraft  provides  basic  attitude  control  capability  via  an  air-to-air 
telemetry  link . 

The  telemetry  downlink  receives  the  signal  from  the  primary  PCM  system  described  earlier,  and  the  telemetry 
uplink  transmits  proportional  PCM-coded  stabilator,  rudder,  and  throttle  commands.  The  computer  was  pro¬ 
grammed  to  provide  the  pilot  with  selectable  augmentation  modes  in  the  pitch,  roll,  and  yaw  axes.  Rate-damper, 
altitude-hold,  and  attitude-hold  modes  were  provided  in  the  pitch  axis.  The  roll-axis  augmentation  consisted  of 
roll-damper  and  bank-angle  hold  modes,  and  the  yaw-axis  augmentation  consisted  of  a  yaw  damper.  These  modes 
were  additive  and,  when  flying  straight  and  level,  wore  all  engaged.  To  perform  turns,  the  pilot  disengaged  the 
bank-angle  hold  und  selected  roll- rate  damping.  The  intent  of  these  augmented  modes  was  to  allow  the  DAST 
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pilot  t«  control  the  small,  highly  responsive  Firebee  I!  vehicle  and  to  concentrate  maximum  attention  on  Mach 
number  and  altitude  so  that  the  flutter  test  points  c  juld  be  flown  with  precision.  During  the  flight  tests,  the 
pilot  was  able  to  maintain  the  vehicle  to  within  10.01  Mach  number  of  the  desired  test  point  conditions. 

a.O  FLITTER -TEST  TECHNIQUE 

There  are  two  additional  ground  based  facilities  for  monitoring  and  controlling  the  progress  of  the  flight 
test:  the  control  room  and  the  spectrul  analysis  facility.  The  control  room  contains  strip  charts  for  monitoring 
the  vehicle  rigid-body  stability  and  control  functions  and  operational  functions,  radar  plot  boards  for  monitoring 
vehicle  flightpath  .  and  communication  equipment  required  to  coordinate  the  aircraft  involved  in  the  test.  During 
flight  tests,  a  test  pilot  is  stationed  in  the  control  room  to  serve  as  flight  director.  In  the  past,  the  flight 
director  was  the  only  person  to  communicate  directly  with  the  test  pilot,  but  this  procedure  has  been  modified  for 
the  DAST  flutter  test  operations.  Because  of  the  hazardous  nature  of  active  flutter  control  testing,  it  was  recog 
nized  that  direct  communication  between  the  flutter  test  engineers  and  the  test  pilot  was  required.  The  flutter 
test  monitoring  was  performed  in  a  separate  location,  the  spectral  analysis  facility  (SAF). 

5.1  Spectral  Analysis  Facility 

The  spectral  analysis  facility  (SAF)  is  a  dedicated  facility  designed  to  perform  spectral  analysis  of  a  wide 
range  of  experiments  as  well  as  flutter  testing.  Figure  4  is  a  photograph  of  the  SAF  as  it  is  contigured  for  testing 
of  the  rebuilt  ARW  1.  The  main  elements  consist  of  (1)  a  dedicated  PCM  decommutation  station  and  patch  panel, 

(2)  a  minicomputer -based  fast  Fourier  analyzer  (11P-5451C) .  (3)  two  x  y  plotters,  (4)  a  real-time  spectral 
analysis  display  (SD-335,  referred  to  as  a  Spectrascope) .  (5)  the  DAST  control  and  monitor  panel  (CMP), 

(6)  strip  charts,  (7)  video  cathode  ray  tube  (CRT)  displays,  and  (8)  a  plotter  computer  (TI-990). 

Six  flutter-test  engineers  are  required  for  real-time  flutter  clearance:  (1)  flutter-test  conductor,  (2)  primary 
FSS  analyst,  (3)  Spectrascope  operator,  (4)  control  and  monitor  panel  operator.  (5)  primary  flutter  strip-chart 
observer,  and  (6)  FSS  system  health  monitor.  The  flutter-test  conductor  oversees  the  conduct  of  the  flutter  testing 
and  as  such  is  also  in  direct  communication  with  the  RPRV  pilot. 

The  capabilities  of  the  control  and  monitor  panel  are  (1)  FSS  on  or  off.  (2)  frequency  sweep  or  pulse  excita¬ 
tion,  (3)  symmetric  or  antisymmetric  excitation,  (4)  low  or  high  excitation,  (5)  auxiliary  filter  in  or  out  switch, 
and  (6)  tip-mass  release  switch.  In  addition,  the  primary  flutter  strip-chart  observer  is  provided  a  pickle 
switch  to  remotely  jettison  the  tip  masses. 

The  Spectrascope  is  used  as  a  "quick  look"  instrument,  capable  of  providing  real-time  spectral  estimates  of 
one  of  12  preselected  parameters.  The  Spectrascope  has  selectable  bandwidths  and  is  used  primarily  to  loor  for 
problem  areas  other  thun  those  associated  with  the  primary  flutter  frequencies.  In  this  respect,  it  augments  the 
Fourier  analyzer,  which  is  dedicated  to  the  estimation  of  frequency  and  damping  of  the  anticipated  flutter  modes. 

Six  channels  of  high -sample- rate  data  were  input  to  the  Fourier  analyzer  from  the  PCM  station  located  in  the 
SAF.  using  the  multiplexer  preprocessor.  The  data  channels  for  ARW- 1  were  three  wingtip  accelerations  ,  two 
aileron  deflections,  and  the  FSS  excitation  signal.  The  Fourier  analyzer  computes  transfer-function  responses  of 
the  aileron  sweep  maneuvers  from  which  frequency  and  damping  arc  estimated.  These  results  are  displayed  on 
the  CRT  unit.  The  frequency  and  damping  estimates  are  also  summarized  on  the  ,v-v  plotters:  one  for  symmetric 
modes  and  one  for  antisymmetric  modes . 

The  procedure  has  been  automated  such  that  the  Fourier  analyzer  lights  a  ready  light  on  the  CMP.  At  this 
point  the  CMP  operator  can  initiate  the  next  maneuver  command,  providing  flutter  clearance  has  been  granted  and 
the  aircraft  is  at  proper  flight  conditions.  Once  the  maneuver  is  commanded,  a  trigger  signal  is  sent  to  the  Fourier 
analyzer  to  initiate  data  gathering. 

5.2  FSS  Excitation 

Flight  flutter-test  techniques  (Refs.  8  and  9)  have  traditionally  relied  heavily  on  long  duration  testing  to 
obtain  random  turbulence  excited  response  or  on  slow -frequency  sweeps  to  obtain  quasi-steady-state  forced 
response.  The  goal  in  any  case  is  to  obtain  reliable  estimates  of  critical  mode  damping  to  allow  flight  testing  to 
proceed.  The  introduction  of  minicomputer-based  F'ourier  analyzers  utilizing  fast-Fourier-transform  techniques, 
coupled  with  the  measurement  of  both  the  input  forcing  function  (control-surface  displacement)  and  the  response 
(wing  acceleration),  allows  the  use  of  the  transfer-function  analysis  and  greatly  reduces  test  time.  Quasi-steady- 
state  test  methods  are  no  longer  necessary,  and  fast -frequency  sweeps  were  chosen  as  the  preferred  method  of 
excitation.  The  excitation  was  summed  with  the  FSS  feedback  signals,  allowing  the  ailerons  to  be  used  both  to 
excite  the  wing  and  to  control  the  flutter  mode.  A  logarithmic  frequency  sweep  function  was  implemented  as 
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where  a  te^  X  77 (o> j  -  co^)  with  dig  and  oij  the  starting  and  stopping  fequencies  and  T  the  sweep  duration. 

Sweep  amplitudes,  A  ,  of  1°  and  2°  were  available.  Since  the  predicted  flutter  frequency  was  near  20  Hz.  the 
starting  and  stopping  frequencies  were  chosen  to  be  10  and  40  Hz.  A  sweep  duration  of  7  see  was  chosen,  based 
on  an  8-sec  period  required  for  the  Fourier  analyzer  to  take  4,096  data  points  at  the  maximum  rate  of  500  samples 
per  second.  This  allowed  0.5  sec  settling  time  at  the  start  and  end  of  the  sweeps  for  transients  to  die  out.  In 
addition ,  the  sweep-command  amplitude  was  tapered  at  the  beginning  and  end  to  eliminate  transients  (Ref.  10) . 

In  addition  to  the  sweeps,  a  capability  to  pulse  the  uilerons  was  included  so  that  the  test  engineers  could  monitor 
transient  reponses.  The  pulse  consisted  of  a  single  cycle  of  a  20-Hz  sine  wave  with  an  amplitude  of  either  1 .7° 
or  3.4°.  The  primary  benefit  of  the  pulsing  command  was  to  monitor  structural  damping  during  periods  when 
changing  flight  conditions. 


5.3  Transfer-Function  Smoothing 


Because  of  the  limited  flight  time  available  for  a  given  flight,  us  well  as  the  possibility  of  losing  the  aircraft 
during  the  midair  recovery  process,  efficient  use  of  flight  time  was  critical.  Considerable  effort  was  devoted  to 
minimizing  the  time  required  for  single-mode  frequency  and  damping  estimates,  thereby  minimizing  operator 
interaction . 

The  real-time  method  arrived  at  is  diagrammed  in  Fig.  5  for  open-loop  analysis.  The  raw  transfer- function 
estimate  of  acceleration  response  to  aileron  deflection  was  obtained  as  the  cross-spectrum,  S'a  g  ,  divided  by  the 

z  a 

input  autospeetrum ,  Sg  .  Minimal  input  power  existed  outside  the  range  of  the  frequency  sweep;  therefore, 
a  a 

the  transfer  function  was  set  to  zero  below  10  Hz  and  above  40  Hz.  For  closed-loop  analysis,  the  FSS  excitation 
is  used  in  place  of  the  aileron  deflection . 

Normally  it  is  desirable  to  obtain  multiple  maneuvers  and  perform  averaging  in  order  to  produce  reliable 
transfer-function  estimates.  A  single  raw  transfer-function  estimate  quite  often  will  produce  poor  results 
because  of  noise,  truncation,  and  unknown  (i.e. ,  turbulence)  forcing  functions.  When  averaging  is  not  feasible, 
ad  hoc  smoothing  techniques  are  quite  often  required  to  enhance  the  usefulness  of  the  data.  In  the  DAST 
program,  the  luxury  of  multiple  maneuvers  was  not  available  and  therefore,  the  raw  transfer-functions  produced 
were  quite  rough . 

A  number  of  techniques  have  been  investigated  for  smoothing  the  raw  transfer  function,  the  first  of  which  was 
application  of  an  exponential  window  (Ref.  11).  Benefits  of  the  exponential  window  are  euse  of  application  and 
the  simple  damping  correction  factor  at  resonant  frequencies.  The  inverse  Fourier  transform  of  the  transfer 

function,  F  yields  an  estimate  of  the  impulse-response  function.  Block  multiplication  of  the  impulse  response 

by  e  1  forces  the  function  to  zero  and  minimizes  extraneous  effects  for  large  values  of  I.  The  Fourier  transform 
of  the  smoothed  impulse  response  yields  the  smooth  transfer  function.  The  frequency  and  damping  estimates  arc 
then  made  from  this  transfer  function.  The  exponential  window  effects  representing  the  raw  and  smoothed  trans¬ 
fer  functions  of  az/6Q  from  a  symmetrical  FSS  OFF  sweep  at  At  =  0.74  and  an  altitude  of  4.57  km  (15,000  ft)  are 

presented  in  Figs.  6  and  7.  The  magnitude  and  phase  of  the  raw  transfer  function  arc  presented  in  Fig.  6;  the 

results  of  smoothing  with  the  window  e  1  are  in  Fig.  7.  The  lightly  damped  mode  at  f  =  13.3  Hz  is  wing  bending, 
and  the  smaller  mode  near  16  Hz  is  first  vertical  fuselage  bending.  This  window  was  used  during  the  initial 
ARW- 1  testing. 

5.4  damping  Estimation 

The  smooth  transfer  function  is  used  to  estimate  the  frequency  and  damping  of  the  dominant  resonant  peak  . 
Although  many  techniques  for  extracting  resonant  mode  characteristics  arc  available,  a  primary  requirement 
was  for  a  relatively  simple,  automated,  real-time  procedure.  The  technique  selected  consisted  of  searching 
for  the  peak  magnitude  of  the  transfer  function  and  then,  at  that  frequency  ,  determining  a  damping  estimate  from 
the  slope  of  the  phase  curve.  Damping  of  a  single-degree-of-freedom  transfer  function  H  (s)  where 
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is  given  by 


,  _  -1,0 
s  ~  to  (dtp/dto ) 

where  d<p/dco  is  the  slope  of  the  phase  curve  at  resonance.  The  frequency  of  the  peak  resonance  was  estimated 
by  means  of  a  least-squares  curve  fit  of  a  quadratic  function  to  the  five  points  nearest  the  peak  magnitude.  For 
the  first  three  ARW-1  flights,  a  five-point  least-squares  curve  fit  of  a  cubic  function  to  the  phase  curve  was  used. 
The  derivative  of  the  function  was  then  taken  to  obtain  the  slope.  For  well-defined  resonances,  this  five-point 
cubic  fit  provided  good  damping  estimates.  The  real-time  frequency  and  damping  estimates  are  implemented  in 
the  Fourier  analyzer  in  a  fully  automatic  mode. 

The  first  two  flights  of  ARW-1  utilized  the  program  with  the  maximum  data  block  size  available  in  order  to 
obtain  the  best  results  possible  (block  size  of  4096,  500  sps).  This  block  size  rcqi  i  ?d  15  sec  to  process  each 
transfer-function  estimate  and  obtain  frequency  and  damping  estimates.  Postflight  data  processing  indicated 
that  equivalent  results  could  be  obtained  with  a  smaller  block  size  and  the  third  flight  utilized  the  program  with 
a  block  size  of  1024  and  a  sample  rate  of  100  sps.  This  reduced  the  processing  time  to  5  sec. 

The  ARW-1  flight  testing  was  accomplished  at  constant  altitude,  using  preplanned  Mach  number  increments  of 
0.050  and  0.025.  The  test  procedure  at  each  flight  condition  depended  on  whether  the  flight  condition  was  above 
or  below  the  predicted  open-loop  flutter  Mach  number.  At  conditions  below  the  flutter  boundary,  a  sequence  of 
four  sweeps  was  used;  (1)  symmetric,  FSS  OFF,  (2)  antisymmetric,  FSS  OFF.  (3)  antisymmetric.  FSS  ON,  and 
(4)  symmetric ,  FSS  ON  ,  Beyond  the  open-loop  flutter  boundnry  ,  the  FSS  could  obviously  not  be  turned  off  and 
only  the  two  FSS  ON  sweeps  were  to  be  obtained. 

The  left  and  right  wing  aileron  positions  and  accelerations  were  summed  nnd  differenced  to  provide  signals 
for  symmetric  and  antisymmetric  processing.  For  FSS  OFF  tests,  transfer  functions  of  acceleration  due  to 
aileron  motion  provided  open-loop  damping  estimates,  and  transfer  functions  of  acceleration  due  to  the  excitation 
signal  provided  closed-loop  damping  estimates  for  the  FSS  ON  tests.  For  the  FSS  ON  sweeps,  transfer-function 
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estimates  were  also  obtained  for  wing  acceleration  due  to  aileron  motion  in  an  attempt  to  determine  the  open  loop 
damping  from  closed-loop  data.  This  technique  requires  that  the  data  be  relatively  noise  free  and  also  free  from 
extraneous  inputs  such  as  atmospheric  turbulence. 

6.0  FLIGHT  TEST  RESULTS 

It  was  anticipated  that  the  objectives  of  the  flutter-suppression  tests  could  be  accomplished  in  six  flights 
(Ref.  1).  Testing  was  planned  at  low  .  medium,  and  high  altitudes,  with  the  KSS  design  point  to  be  reached  on 
the  fourth  flight  at  3.05  km  (10,000  ft) .  The  first  flight  was  to  be  devoted  to  subcritical  testing,  exercising  the 
F3S  at  Mach  numbers  no  closer  than  0. 1  Al  to  the  predicted  flutter  boundary .  The  second  flight  was  to  test 
0.05  M  past  Al^with  the  FSS  engaged.  Figure  8  shows  the  test  points  that  were  achieved  on  the  three  flights  of 

the  ARW-1  and  gives  the  predicted  flutter  boundaries  that  were  used  to  plan  the  third  flight.  Boundaries  are 
shown  for  FSS  OFF  and  ON  and  for  the  tip  masses  ON  and  OFF.  The  open  symbols  in  Fig.  8  denote  test  points  at 
which  only  FSS  OFF  testing  was  accomplished,  and  the  half-open  symbols  indicate  test  points  for  both  FSS  OFF 
and  FSS  ON  testing.  Solid  symbols  indicate  those  points  that  were  predicted  to  be  at  or  above  the  flutter  Mach 
number,  and  thus  only  FSS  ON  testing  was  done. 

There  were  several  difficulties  during  the  first  flight,  including  failure  of  the  FSS  hydraulic  pump  and  inter¬ 
mittent  loss  of  the  telemetry  uplink  command  signal;  the  latter  resulted  in  a  premature  flight  termination. 

At  the  first  test  point  on  the  second  flight  (Al  =  0 . 7  at  6 . 10  km  (20,000  ft))  a  200-Ilz,  limited  amplitude  insta 
bility  was  observed  when  the  FSS  was  engaged.  Similar  instabilities  had  been  encountered  during  ground  testing; 
they  were  caused  by  the  interaction  of  the  high -bandwidth  aileron  control  systems  with  the  structure.  These 
hydraulic  resonances  observed  during  ground  testing  were  controlled  with  notch  filters,  and  when  they  were 
observed  in  flight  it  was  decided  to  terminate  FSS  ON  testing  for  the  remainder  of  the  flight,  even  though  the  FSS 
was  providing  excellent  control  of  the  bending  modes  at  the  first  test  point.  The  flight  lasted  25  min  and  test  data 
were  obtained  from  14  frequency  sweeps  and  177  pulses.  The  flight  resulted  in  a  very  good  definition  of  the 
flutter  boundary  at  approximately  Al  -  0.92  and  7.62  km  (25,000  ft)  (Fig.  8) ,  whereas  analysis  had  predicted 
Al,  =  0.95  at  this  altitude.  This  led  to  the  incorporation  of  a  correction  factor  (Ref.  3)  into  the  unsteady  airloads; 

this  factor  was  based  on  the  ratio  of  the  static  rigid-body  lift-curve  slope  measured  during  a  wind-tunnel  test  to 
its  predicted  value.  This  correction  factor  was  included  in  the  predictions  used  in  the  planning  of  the  third  flight. 

The  objective  of  the  third  flight  was  to  test  0.05  Al  past  the  open-loop  flutter  boundary  at  4.57  km  (15.000  ft) 
and  6.10  km  (20,000  ft).  Flight  planning  was  based  on  the  more  conservative  flutter  boundary  estimated  from  the 
first  two  flights  (Fig.  8)  rather  than  the  predicted  flutter  boundary,  and  Al  =  0.825  was  the  highest  Mach  number 
to  be  tested  at  4.57  km  (15,000  ft).  Flight  three  continued  for  10  min  before  the  flutter  incident,  during  which 
time  four  test  points  were  achieved  and  data  were  obtained  from  12  frequency  sweeps  and  75  pulses. 

6.1  Frequency-Sweep  Data  Analysis 

The  quality  of  the  flight-test  data  obtained  from  the  ARW-1  was  extremely  good .  The  average  rms  background 
acceleration  level  was  approximately  0.25  g's,  and  responses  due  to  FSS  excitation  signals  ranged  up  to  10  g's. 
Consequently  .  the  signal-to-noise  ratio  was  very  high.  Figure  9  shows  time  histories  of  symmetric  aileron  sweep 
maneuvers  with  FSS  OFF  and  FSS  ON  (low  amplitude)  at  Al  0.74  and  at  4.57  km  (15,000  ft) .  Left  and  right  wing 
tip  accelerations  and  aileron  deflections  are  presented  along  with  the  frequency-sweep  excitation.  The  resonance 
of  the  bending  mode  is  clearly  seen  in  the  FSS  OFF  sweep  of  Fig.  9(a) ,  whereas  this  mode  is  heavily  damped  in 
the  FSS  ON  sweep  of  Fig.  9(b).  Figure  10  gives  the  frequencies  and  dampings  obtained  during  the  second  flight 
at  7.62  km  (25.000  ft)  by  the  real-time  damping  estimation  technique.  The  frequencies  near  25  Hz  are  from  the 
more  highly  damped  torsion  modes  and  were  determined  from  postflight  analysis.  The  faired  curves  through  the 
data  points  give  very  good  indications  of  the  FSS  OFF  flutter  boundaries  between  Al  =0.91  and  0.92  for  both 
symmetric  and  antisymmetric  modes.  Although  the  solid  lines  in  Fig.  10  are  fairings  of  the  real-time  data,  during 
the  flight  the  frequency  and  damping  estimates  were  plotted  on  graphs  containing  preplotted  predictions. 

The  elimination  of  FSS  ON  testing  due  to  the  200-Hz  instability  during  the  second  flight  left  ample  flight  time 
for  repeat  testing  at  Al  =  0.85,  0.875,  and  0.90;  Fig.  10  indicates  good  repeatability  of  the  damping  estimates  at 
these  Mach  numbers.  Also,  at  Al  =  0.85,  data  were  obtained  from  high-amplitude  (i2°)  frequency  sweeps,  and 
the  resulting  damping  estimates  shown  in  Fig.  10  indicate  no  appreciable  amplitude  effect  at  this  Mach  number. 
Between  the  second  and  third  flights,  the  modified  FSS  compensator  was  implemented,  including  the  one-half  gain 
error  described  earlier.  Figure  8  indicates  test  points  at  4.57  km  (15,000  ft)  and  at  Al  =  0.70,  0.75,  0.775,  and 
0.80,  which  were  achieved  before  the  flutter  incident  at  Al  =  0.825.  The  FSS  ON  nominal  gain  flutter  boundary 
was  predicted  to  be  Mj.  =  1.0 6  at  this  altitude  (Fig.  8) . 

The  results  of  the  real-time  damping  estimates  obtained  from  sweeps  on  the  third  flight  are  presented  in 
Figs.  11  and  12  (root  locus  plots  wore  not  maintained  during  the  actual  flutter  testing) .  Comparisons  of  predictions 
and  flight-test  results  are  shown  as  s-plane  root  loci  to  better  explain  the  effects  of  FSS  OFF  and  ON  and  one  half 
nominal  gain .  Figure  11  presents  the  antisymmetric  results.  The  predicted  FSS  OFF  root  loci  of  the  bending  and 
torsion  modes  are  shown  for  0.70  <  Al  <  0.90.  Also  shown  are  the  predictions  of  the  FSS  ON  dominant  mode  root 
loci  for  nominal  and  one-half  gain.  The  effect  of  the  FSS  on  the  bending  mode  is  to  heavily  damp  the  mode  and 
lower  its  frequency  for  Mach  numbers  less  than  A!^.;  the  torsion  mode  is  slightly  destabilized.  Figure  11  indicates 

that  the  antisymmetric  mode  is  predicted  to  be  stable,  even  at  one-hnlf  gain  for  Mach  numbers  up  to  0.90.  The 
flight-test  frequency  and  damping  estimates  are  indicated  by  solid  symbols;  good  agreement  with  these  predictions 
is  apparent.  The  flight  test  open-loop  bending  mode  frequencies  shown  near  100  rad/sec  agree  well  with  predie 
tions,  although  the  damping  is  overpredicted.  The  flight-test  results  appear  to  project  to  nn  open  loop  flutter 
boundary  at  a  lower  Mach  number  and  frequency  than  those  predicted .  The  results  from  the  third  test  point  at 
Al  -  0.775  are  believed  to  be  less  reliable  than  the  others,  since  extraneous  wing  responses,  possibly  because  of 
atmospheric  turbulence,  were  observed  at  this  test  point.  The  FSS  was  kept  on  for  the  Al  0.775  and  0.80  cases; 
therefore.  FSS  OFF  data  wore  calculated  from  the  FSS  ON  sweep  data. 
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The  FSS  ON  antisymmetric  response  of  the  wing  correlates  well  with  predictions,  as  shown  by  the  closed 
symbols  near  160  rad/sec  in  Tig:.  11.  Again  the  AI  0.775  result  appears  to  be  erratic,  and  the  other  three 
estimates  are  close  to  their  predicted  values,  especially  at  Af  -  0.80.  Reference  4  presents  frequency  and  damping 
estimates  of  both  the  bending  and  torsion  modes  obtained  from  postflight  analysis,  and  Ref.  3  gives  more  details 
of  the  predicted  response. 

Similar  information  for  the  symmetric  case  is  presented  in  Tig.  12.  The  estimated  TSS  OFT  frequencies  and 
dampings  near  80  rad/sec  are  lower  than  predicted  and  project  to  an  open- loop  flutter  Mach  number  lower  than 
that  predicted.  The  trend  toward  instability  is  in  reasonable  agreement.  As  with  the  antisymmetric  case,  the 
results  from  Al  -  0.775  appear  erratic.  The  effect  of  the  one  half  gain  error  is  much  more  severe  in  this  case, 
with  instability  predicted  above  Af  =  0.85  with  TSS  ON.  Also,  the  rate  of  change  of  damping  of  the  one-half  gain 
locus  between  M  =  0.825  and  0.850  indicates  a  very  violent  flutter  onset,  whereas  the  nominal-gain  locus,  which 
was  anticipated  during  the  flight,  indicates  increased  damping  above  At  =  0.825.  The  nominal  and  one-half  gain 
locus  have  been  shown  only  for  the  most  critical  structural  mode. 

The  real-time  FSS  ON  damping  estimates  for  Af  =  0.70  and  0.75  were  off  scale  and  are  not  shown.  The  more 
accurate  postflight  damping  estimates  of  Ref.  4  for  these  Mach  numbers  give  values  of  £  =  0.13  and  of 
to  =  125  rud/sec,  corresponding  to  a  root  location  at  s  =  16  i  f  1 25  rad/sec,  close  to  the  predicted  location.  Thus, 
the  real-time  damping  estimation  appears  to  be  suspect  for  damping  ratios  greater  than  0.10.  The  frequency 
and  damping  estimate  obtained  from  the  sweep  data  at  Af  =  0.80  and  the  frequency  of  the  flutter  mode  at  At  0.825 
correlate  very  well  with  the  trend  of  the  predicted  one-half  gain  locus.  Particularly  interesting  is  the  fact  that  the 
doublet-lattice  aerodynamic  theory  predicted  the  control -surface  effectiveness  very  well.  The  mathematical  model 
predicted  an  increase  of  bending-mode  frequency  from  at  -  95  rad/sec  to  131  rad/sec  for  the  one-half  gain  FSS  at 
Af  =  0.80,  whereas  the  flight  data  show  an  increase  from  87  rad/sec  to  125  rud/sec. 

6.2  Pulse  Data 

Pulse- response  data  were,  in  general,  obtained  at  all  times  except  when  sweep  responses  were  being 
measured.  Pulse  responses  were  performed  in  all  four  possible  configurations  of  F'SS  OF'F  or  ON  and  symmetric 
or  antisymmetric;  amplitude  was  also  selectable  as  low  or  high  .  The  basic  requirement  for  the  pulses  was  to 
monitor  structural  damping  characteristics  by  means  of  the  strip  chart.  Figure  13  is  a  representative  pulse 
response  as  observable  on  the  strip  chart  and  was  obtained  at  a  symmetric,  open -loop  configuration  of  Al  =  0.907 
and  at  7.62  km  (25,000  ft).  The  pulse  data  have  been  analyzed,  using  postflight  techniques  to  determine  their  use¬ 
fulness  for  providing  damping  estimates  and  to  study  possible  angle-of-attack  effects  on  damping  at  transonic  Mach 
numbers.  For  the  antisymmetric  mode,  an  increase  in  damping  with  increasing  angle  of  attack  is  apparent,  as 
reported  in  Ref.  12. 

6.3  Nyquist  Analysis 

To  gain  insight  into  FSS  degradation  during  the  third  flight,  a  postflight  Nyquist  analysis  was  performed  on 
the  eight  FSS  ON  maneuvers.  The  maneuvers  analyzed  consisted  of  both  symmetric  and  antisymmetric  sweeps 
obtained  at  Mach  numbers  of  0.70,  0.74,  0.775,  and  0.80.  (The  Nyquist  analysis  procedure  used  is  discussed 
later.)  The  phase-margin  results  are  presented  in  Fig.  14;  gain -margin  results  are  not  presented,  because  they 
were  not  defined  over  the  10-40-Hz  frequency  range  of  interest.  The  phase-margin  results  appear  to  present  a 
clear  indication  of  FSS  ON  degradation  for  the  symmetric  mode.  The  system  design  goal  had  been  to  provide  a 
minimum  30°  margin  over  the  entire  FSS  ON  range.  Although  preflight  predictions  indicated  the  30°  minimum 
could  not  be  obtained  over  the  entire  FSS  ON  range,  the  phase-margin  results  for  the  symmetric  mode  at  Al  -  0.80 
are  significantly  lower  than  expected.  Although  the  trends  arc  smooth .  the  Nyquist  analysis  of  the  symmetric 
sweep  at  Af  =  0.775  did  produce  a  poor  estimate  and  is  the  same  maneuver  referred  to  earlier  as  providing  a  poor 
(high)  damping  estimate,  which  in  turn  led  to  the  impression  the  FSS  was  functioning  normally.  It  should  bo 
noted  that  the  Nyquist  display  of  the  suspect  maneuver  was  very  erratic  and ,  as  such ,  appears  to  provide  a  good 
indication  of  sweep-response  quality  . 

6.4  Flutter  Incident 

As  the  third  flight  progressed,  there  was  no  indication  of  problems  in  the  operation  of  the  TSS  and  no  warning 
evident  to  the  flutter-test  engineers  that  the  FSS  was  operating  at  one-half  nominal  gain.  The  FSS  ON  test  results 
for  Af  =  0.775  and  0.80  shown  in  Figs.  11  and  12  are  similar  to  those  anticipated  for  the  full-gain  FSS.  In  parti¬ 
cular.  the  symmetric  damping  estimate  at  At  =  0.775  was  misleading,  as  described  above,  and  had  a  better  esti¬ 
mate  been  obtained  at  this  Mach  number,  the  trend  toward  a  violent  flutter  condition  would  have  been  apparent 
at  M  =  0.80.  Since  the  results  appeared  to  agree  with  the  nominal- gain  predictions,  which  indicated  a  minimum 
damping  condition  near  Af  =  0.80,  clearance  was  given  to  Af  =  0 . 825 . 

Typical  accelerations  for  Mach  increments  of  0.025  required  from  12  to  15  sec.  During  the  acceleration  from 
Af  =  0.80  to  0.825,  several  pulse  responses  were  obtained  showing  increasingly  lighter  damping.  The  final  pulse 
that  preceded  the  flutter  incident  is  shown  in  Fig.  15.  Shown  are  the  wingtip  FSS  accelerometer  signals,  the 
wingtip-mass  release  accelerometer  signals,  the  aileron-position  signals,  angle  of  attack,  and  Mach  number.  As 
this  pulse  response  was  observed,  the  test  pilot  was  instructed  to  terminate  the  test.  The  throttle  was  retarded  at 
the  2.5-sec  point,  and  the  motion  on  the  angle-of-attack  trace  at  3  sec  is  the  result  of  pilot  commands.  In  the 
remaining  seconds  before  the  flutter  incident,  however,  the  Mach  number  continued  to  increase.  Mildly  divergent 
oscillations  at  20  Hz  are  seen  ut  3  sec  where  Af  -  0.82,  and  rapidly  divergent  oscillations  occur  at  4.5  sec  where 
Al  0.825.  Before  the  5-sec  point,  where  the  FSS  accelerometers  go  off  scale,  the  oscillations  doubled  in  amplitude 
in  six  cycles,  corresponding  to  a  negative  damping  of  £  -  0.02.  The  ailerons  saturated  in  amplitude  two  cycles 
later,  followed  by  the  firing  of  the  tip-mass  release  pyrotechnics  at  5.2  sec.  (The  automatic  and  manual  tip  mass 
release  commands  occurred  nearly  simultaneously.)  The  saturation  of  the  ailerons  resulted  in  an  effective  gain 
reduction  and  the  effect  on  the  wing  stability  is  shown  in  the  Af  -  0.85  gain  root  locus  of  Fig.  3.  The  flutter  mode 
frequency  decreased  from  20  Hz  to  15  Hz,  and  the  coupling  with  the  16-Ilz  fuselage  bending  mode  is  apparent  in  the 
oscillations  seen  in  the  angle-of-attack  trace.  The  rate  of  growth  of  the  oscillations  was  so  large  at  the  time  of  the 
operation  of  the  tip  mass  release  system  that  the  oscillations  were  not  arrested.  Structural  failure  of  the  right  wing 
tip  and  aileron  occurred  at  5.4  sec  followed  by  failure  of  the  structural  attachment  of  the  right  wing  to  the  fuselage 
carrythrough  structure  at  5.6  see.  The  resulting  rolling  gyrations  at  large  angle  of  attack  and  sideslip  caused 
subsequent  partial  failure  of  the  parachute  recovery  system  and  the  vehicle  hit  the  ground. 
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It  has  been  concluded  that  the  primary  cause  of  the  flutter  incident  was  the  one-half  gain  setting  error  in 
the  FSS . 

7.0  REBUILT  ARW-1 

Because  of  an  error  in  the  implementation  of  the  on-board  FSS,  the  ARW-1  encountered  flutter  on  the  third 
test  flight  and  was  subsequently  lost.  At  the  time  of  the  incident,  all  systems  were  functioning  and  the  flutter 
suppression  techniques  applied  'o  the  ARW-1  appeared  capable  of  achieving  the  design  goals.  Following  the 
incident,  a  decision  was  made  to  rebuild  the  ARW-1  and  complete  the  flutter-test  series  to  verify  the  design  goals. 
Although  the  fuselage  structure  of  the  Firebee  drone  was  damaged  beyond  repair,  the  wing  spars  and  many  of  the 
avionics  systems  were  reusable.  The  vehicle  (referred  to  hereinafter  as  ARW-1R)  has  been  rebuilt  with  some 
small  but  important  changes. 

7.1  Aircraft  and  Systems  Modification 

The  fiberglass  skin  of  ARW-1  had  a  significant  variation  of  stiffness  versus  stress  characteristic  because  of 
the  ply  orientation  of  0°  and  90°.  For  ARW-1R,  some  plys  are  oriented  at  45°  which  produces  an  improved  stiff¬ 
ness  versus  stress  relation  (Ref.  13)  . 

An  improved  tip-mass  release  system  has  been  designed  and  implemented  for  ARW-1R  testing.  The  redesign 
was  required  to  provide  a  system  that  would  react  to  a  much  more  rapid  flutter  divergence  than  the  previous 
system.  In  the  new  system,  there  are  three  ways  in  which  the  tip-mass  release  can  be  automatically  activated: 

(1)  if  2/3  control-surface  authority  is  exceeded,  (2)  by  a  12-g  rms  level  over  two  cycles,  or  (3)  by  a  21-g  peak 
value.  Timing  windows  are  used  in  the  logic  to  minimize  any  spurious  triggering. 

An  external  centerline  fuel  tank  has  been  added  to  the  vehicle  and  will  at  least  double  flight-test  time  available. 
This  will  also  permit  a  less  aggressive  testing  procedure  than  was  required  for  the  initial  vehicle. 

The  FSS  system  is  being  redesigned  by  Langley  Research  Center,  and  the  same  accelerometer  locations  and 
control  surfaces  will  be  used.  The  FSS  compensator  will  require  less  high-frequency  gain  than  the  original 
system.  New  actuators  have  been  fabricated  which  have  improved  frequency -response  characteristics. 

7 . 2  Real-Time  Analysis  Modifications 

In  preparing  for  ARW-1R  flight  testing,  real-time  Nyquist  plot  displays  were  investigated  as  a  means  of 
providing  closed-loop  gain  and  phase-margin  information.  For  this  type  of  data  display,  the  exponential  window 
has  a  significant  shortcoming,  in  that  the  phase  curve  of  the  smoothed  transfer  function  has  a  significant  negative 
skew .  This  effect  is  observed  by  comparing  the  raw  phase  curve  of  Fig.  6  with  the  smooth  phase  curve  of  Fig.  7. 
The  result  is  a  rotation  of  the  Nyquist  plot  which  affects  gain  and  phase-margin  determination.  This  effect  is  due 
to  the  asymmetry  of  the  exponential  window  .  Inspection  of  the  impulse  response  function  shows  significant 
(unphysical)  information  contained  in  the  last  half  of  the  record  which  the  exponential  window  suppresses. 

An  early  ad  hoc  approach  to  correcting  the  dominant  effect  of  this  problem  requires  the  addition  of  a  unity  pulse 
at  the  end  of  the  exponential  window  (Ref.  10).  Although  this  modified  window  approach  does  improve  the  phase 
skewing  effect,  it  is  not  readily  applicable  in  a  real-time  process,  since  selection  of  the  unity  pulse  width  is 
highly  data-dependent. 

The  final  smoothing  technique  arrived  at  for  real-time  ARW-1R  testing  consists  of  a  further  refinement  in  the 
window  modification  process.  Instead  of  using  a  unity  pulse  at  the  end  of  the  window  ,  a  time-reversed  exponential 

is  used.  The  net  window  then  consists  of  e  l  over  the  region  f  =  0  to  l  =  T/2,  and  the  region  from  r  =  T/2  to  T  is  a 
mirror  image  of  the  first  half.  Application  of  this  window  eliminates  the  phase-skew  effect  of  the  one-sided 
exponential  window  .  The  effect  of  this  window  is  illustrated  in  Fig.  16  for  the  same  a^/6a  transfer  function  of 

Figs .  6  and  7 .  The  Nyquist  analysis  requires  input  of  the  left  and  right  aileron  servovalve  position  commands  to 
the  Fourier  analyzer. 


For  ARW  1R  testing,  Nyquist  results  will  be  displayed  in  real  time  and  comparisons  made  with  predictions. 
Maneuver  quality  will  also  be  evaluated  from  the  Nyquist  display . 

For  well-defined  resonances,  the  five-point  cubic  fit  of  the  phase  curve  provided  good  damping  estimates; 
however,  for  more  poorly  defined  (i.e.  ,  rough)  transfer  functions,  it  may  produce  poor  damping  estimates,  even 
in  some  cases  with  the  wrong  sign .  The  main  problem  is  that  the  curve  fit  is  very  sensitive  to  the  data  points; 
this  in  turn  affects  the  slope  determination.  For  ARW-1R  testing,  the  slope  will  be  determined  by  a  linear  fit  of 
the  data.  This  produces  a  slope  less  sensitive  to  any  particular  data  point;  however,  it  will  in  general  produce  an 
unconservative,  higher  damping  estimate,  as  shown  in  Fig.  17.  The  slope  estimate  will  be  increasingly  uneonserv 
ative  as  the  number  of  points  used  in  the  curve  fit  increases.  To  compensate  for  the  unconservative  nature  of  the 
estimate,  an  empirical  formula  based  on  a  single-degree-of-freedom  model,  is  applied  to  the  damping  estimate. 

It  should  be  noted  that  the  single-sided  exponential  window  will  produce  a  conservative  estimate  because  of  the 
negative  phase  bias  mentioned  previously  . 

8.0  CONCLUDING  REMARKS 


Flight-test  results  of  the  first  three  flights  of  an  aeroclastic  research  wing  have  been  described.  The  flight 
flutter-test  technique  used  to  obtain  real-time  damping  estimates  from  fast-frequency  sweep  data  was  obtained  and 
the  open-loop  flutter  boundary  determined.  Nyquist  analyses  of  sweep  maneuvers  appear  to  provide  additional 
valuable  information  about  FSS  operation,  both  in  terms  of  phase-margin  estimates  and  as  a  means  of  evaluating 
maneuver  quality .  An  error  in  implementing  the  flutter- suppression  system  resulted  in  a  one  half  nominal  gain 
configuration,  which  caused  the  wing  to  be  unstable  at  lower  Mach  numbers  than  anticipated,  and  the  vehicle 
e«*??r'enCed  c*08ed"l00P  flutter  on  its  third  flight.  Real-time  flutter-testing  procedures  hove  been  improved,  and 
ARW-  1R  testing  is  scheduled  to  begin  in  the  fall  of  1982. 
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TABLE  1.  -NORMAL  MODE  FREQUENCIES  PREDICTED  BY  NASTRAN  ANALYSIS 
AND  MEASURED  DURING  GROUND  VIBRATION  TEST 


Mode 

Frequency 

.  Hz 

NASTRAN 

GVT 

Symmetric— 

First  wing  bending 

9.1 

9.6 

First  fuselage  bending 

16.5 

16.2 

Wing  bending  -torsion 

29.6 

29.1 

Antisymmetric— 

First  wing  bending 

12.3 

13.5 

First  fuselage  yaw 

21.7 

19.3 

Wing  bending- torsion 

30.0 

27.0 

La 


Figure  2.  Flutter-suppression  system  block  diagram. 
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Figure  3.  Predicted  open  loop  Putter  mode  root  locus  and  putter- 
suppression  system  gain  root  Incus  at  II  -  4.57  km  ( 15 ,000  ft) . 
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O  Low  amplitude 
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□  Postflight  analysis 


O  Low  amplitude  1  „  ,  , 

•  High  amplitude  jReaH,meanalysls 
□  Postflight  analysis 


(a)  Symmetric. 

Figure  10.  Bending -mode  frequency  and 


(b)  Antisymmetric . 
damping  at  H  -  7 . 62  km  (25.000  ft) . 


M 

O  0.700 
□  0.750 
c  0.775 

O  0.800 

a  0.825 
0.850 
ts  0.875 
Q  0.900 
o  0.950 

Open  symbols  denote  prediction 
Closed  symbols  denote  measured 
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Figure  11.  Comparison  of  predicted  and  measured  antisymmetrical 
root  loci  versus  Mach  number  at  II  ■-  4.57  km  (15,000  ft). 
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SUMMARY 

Flight  vibration  testing  is  an  important  means  for  studying  the  flutter  behaviour  of 
an  aircraft.  The  paper  gives  a  short  summary  of  the  most  important  flight  excitation 
systems  developed  and  used  in  the  last  twenty  years.  Special  emphasis  is  put  on  the  van 
excitation  system.  This  system  was  developed  for  the  flight  vibration  tests  of  the  A  31 
intermediate-range  transport  aircraft.  The  general,  functional,  and  safety  requirements 
for  this  system  are  described.  Also  the  preliminary  tests,  and  the  set-up  and  handling 
of  such  a  system  are  reported.  Because  the  vane  excitation  can  be  measured  precisely,  the 
tip  vane  method  offers  the  advantage  of  representing  aircraft  response  in  terms  of  trans¬ 
fer  functions  rather  than  only  autospectra.  The  transfer  function  so  derived  together 
with  a  multi-mode  matching  technique  were  then  used  to  determine  the  frequencies  and 
damping  of  the  aircraft  modes.  The  multi-mode  matching  technique  is  also  described.  Tue 
paper  also  reports  some  results  obtained  by  flight  vibration  testing  of  the  A  300  and 
A  310  aircraft. 


1 .  INTRODUCTION 

During  the  development  of  commercial  or  military  aircraft  it  is  standard  procedurc- 
to  perform  flight  flutter  tests  to  show  that  the  aircraft  is  free  of  flutter  within  its 
flight  envelope.  To  determine  the  flutter  behaviour  of  the  aircraft,  the  frequency  am. 
damping  values  of  the  appropriate  flight  vibration  degrees  of  freedom  must  be  measurcu 
for  various  speeds  and  Mach  numbers  within  the  flight  envelope.  This  is  usually  done 
by  installing  transducers,  such  as  accelerometers,  gyros,  potentiometers,  goniometers 
and  strain  gauges  at  various  points  on  the  aircraft;  then  inducing  vibrations  in  the 
airframe  by  various  natural  or  artificial  means;  and  recording  tiie  resulting  oscillation 
amplitudes  and  phase  relations.  The  data  are  recorded  on  magnetic  tape  on  board  the 
aircraft  or  transmitted  by  telemetry  (PCM,  pulse  code  modulation)  to  ground  recording 
equipment,  or  both. 

As  a  means  of  exciting  flight  vibration  modes  control  surfaces,  auxiliary  flaps, 
natural  or  artificial  turbulence,  hydraulic  or  electrodynamic  exciters,  or  bonkers  have 
all  been  used  in  the  past.  The  excitation  process  may  be  harmonic,  impulsive  or  random, 
depending  on  the  excitation  system.  Whenever  possible  the  excitation  force  is  also 
recorded  and  processed.  On  the  ground  the  data  are  usually  filtered,  digitized  and 
transmitted  to  a  ground  computer,  which  calculates  power  spectra,  correlation,  coherence, 
and  transfer  functions,  if  possible.  By  matching  these  functions  to  appropriate  mathema¬ 
tical  models  the  frequency  and  damping  of  each  mode  may  be  obtained.  Figure  1  gives  a 
schematic  view  of  the  excitation,  measurement,  and  evaluation  systems  for  flight  vibra¬ 
tion  testing.  Flight  flutter  tests  are  usually  carried  out  by  advancing  flight  speed  and 
Mach  number  in  discrete  steps.  During  each  speed  advance  the  test  data  is  telemetered  to 
the  ground  for  preliminary  assessment  to  permit  the  aircraft  to  advance  to  the  next 
higher  speed.  Since  each  speed  increase  entails  a  certain  risk  for  aircraft  and  crew, 
the  quick-look  capability  of  telemetry  has  become  a  valuable  tool  in  flight  flutter 
testing . 
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FIG  1  FLIGHT  VIBRATION  TEST  EQUIPMENT  FOR  EXCITATION 
MEASUREMENT  AND  EVALUATION 
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2  . 


EXISTING  METHODS  TO  EXCITE  AN  AIRCRAFT  IN  FLIGHT  [l] 

To  excite  an  aircraft  in  flight,  various  methods  have  been  used  in  the  past  and 
today.  These  methods  may  be  divided  into  roughly  two  groups:  those  for  which  the  deter¬ 
mination  of  excitation  force  is  impossible  or  unreasonable,  and  those  for  which  these 
forces  can  be  determined,  and  where  it  makes  sense  to  correlate  them  to  the  aircraft 
response.  For  the  following  methods  it  is  difficult  or  inappropriate  to  measure  the 
input  forces: 

2.1  EXCITATION  BY  ATMOSPHERIC  TURBULENCE 

Except  for  the  rigid-body  modes  of  the  aircraft  (which  are  mainly  relevant  to 
flight  dynamics) ,  where  knowledge  of  the  turbulence  at  one  location  is  available  by  vane 
measurement,  it  is  not  possible  to  correlate  incident  turbulence  with  aircraft  response 
easily.  The  disadvantages  of  this  method  are  thus  as  follows: 

-  no  discrimination  between  symmetric  and  antisymmetric  modes 

-  many  flights  are  necessary  to  find  turbulence  of  sufficient  intensity 

-  poor  si  '  istical  stationarity  of  turbulence  in  time  and  space 

-  input  rces  unknown 

-  no  choice  of  excitation  level  at  selected  frequencies 

On  the  other  hand  the  advantages  of  the  method  are  the  simplicity  of  the  equipment, 
and  the  capability  of  attaining  a  high  level  of  low-frequency  energy  as  predicted  by  the 
theoretical  von  Karman  spectrum  of  atmospheric  turbulence. 


2.2  EXCITATION  BY  AVAILABLE  CONTROL  SURFACES 

Excitation  by  actuating  the  control  surfaces  that  are  part  of  the  standard  air¬ 
craft  equipment  offers  a  more  selective  choice  than  the  previous  method,  because 
symmetric  and  antisymmetric  modes  can  be  excited  at  will.  The  inputs  are  the  unsteady 
aerodynamic  forces  induced  on  the  wing  by  control  surface  motion,  which,  however,  can¬ 
not  be  measured  in  flight.  It  is  also  necessary  to  modify  the  electrical  or  hydraulic 
control  surface  actuators.  The  method  is  basically  limited  to  low  frequencies  because 
of  the  low-pass  characteristics  of  the  actuator  transfer  functions.  This  disadvantage 
can  be  removed  by  exchanging  the  regular  valves  for  other  valves  with  higher  control 
velocities,  but  this  exchange  will  alter  the  flight  dynamic  behaviour  of  the  aircraft. 
In  any  case  the  interference  between  the  excitation  loop  and  the  pilot  authority  must 
be  suppressed. 

2.3  EXCITATION  BY  BONKERS  [2] 

This  kind  of  excitation  is  probably  one  of  the  oldest  and  most  successful  methods 
developed  for  dynamic  flight  testing.  Small  solid-fuel  rockets  (bonkers)  are  attached 
to  the  aircraft  at  various  points,  which  on  ignition  impart  a  short-duration  impulse 
to  the  aircraft  structure,  thereby  exciting  a  certain  number  of  aircraft  eigen  modes. 
Figure  2  shows  a  number  of  bonkers  for  various  thrust  levels  and  durations.  The  varia¬ 
tion  of  thrust  with  time  produced  by  the  bonker  is  roughly  trapezoidal,  and  is  shown 
in  Fig.  3  for  a  typical  bonker.  Although  the  thrust  cannot  be  measured  directly  in 
flight,  bonkers  may  be  easily  calibrated  on  the  ground,  and  selected  to  furnish  the 
desired  thrust  history.  The  level  of  thrust  depends  on  the  nozzle  diameter  and  propel¬ 
lant  area,  while  the  duration  of  the  thrust  is  governed  by  the  length  of  the  propellant 
charge.  The  duration  of  the  thrust  determines  what  range  of  frequencies  are  going  to 
be  excited.  In  Fig.  4  the  thrust  is  plotted  against  frequency  for  two  propellant 
areas . 

Because  the  bonker  system  can  be  installed  easily  at  a  relatively  low  price,  the 
system  is  used  widely  for  commercial  and  military  aircraft.  The  drawbacks  of  the  method 
are  as  follows: 

-  Interpretation  of  the  results  is  difficult,  because  there  is  no  easy  way  of  identi¬ 
fying  the  individual  vibration  modes  from  the  transient  response  curves. 

-  Degrees  of  freedom  with  small  frequencies  and  large  generalized  masses  cannot  be 
excited  by  bonkers 

-  The  number  of  impulses  per  flight  is  limited 


FIG  2  FLAT  BONKERS 


FIG  3  THRUST  VERSUS  Time 


FlG4  FLAT  BONKER  Thrust 


In  the  methods  described  below  the  input  forces  can  be  measured  for  correlation 
with  the  response. 

2.4  EXCITATION  BY  INERTIAL  SHAKERS 

Another  means  of  imparting  vibrations  to  aircraft  in  flight  is  given  by  inertial 
shakers,  which  exploit  the  acceleration  of  a  more  or  less  freely  oscillating  mass  to 
exert  a  reaction  force  on  the  aircraft  structure.  The  magnitude  of  the  excitation  force 
which  is  supplied  by  this  system  is  proportional  to  the  oscillation  amplitude  and  the 
square  of  the  excitation  frequency.  The  suspension  of  the  mass  is  usually  given  a  low 
stiffness  in  the  manner  of  a  seismic  platform  to  reduce  elastic  coupling  with  the 
aircraft  structure  as  much  as  possible. 


no  7  nyduist  diagram  of 
AIRCRAFT  RESPONSE  TO 
ELECTRODTNAMlf  SHAKER 
E  XCiTATION 


Fig.  5  shows  an  inertial  shaker  of  the  e lectrodynamic  type,  and  Fig.  6  shows  the 
attachment  system  of  the  shaker  to  the  aircraft.  The  electrodynamic  type  lias  a  coil  os¬ 
cillating  between  two  heavy  U-shaped  magnets.  This  arrangement  is  capable  of  producing 
appreciable  forces  in  the  4-15  Hz  range;  but  its  effectiveness  decreases  rapidly  for 
lower  frequencies  because  of  the  amplitude  limitations  of  the  arrangement.  Figure  7 
shows  a  Nyquist  curve  obtained  by  electrodynamic  excitation  for  the  purpose  of  determi¬ 
ning  aircraft  eigen  frequencies . 


FIG  8  ELECTROMECHANICAL  EXCITER  WITH  LARGF  STROKE 


FIG  9  MOUNTING  OF  AN  ELECTROMECHANIC  SHAKER  AT  THE  WING 
TIE’  CAT1 


A  second  type  of  inertial  exciter,  the  electromechanic  shaker,  performs  somewhat 
better  at  low  frequencies,  achieving  typically  200  N  at  2  Hz  (see  Fig.  b  and  9).  There 
a  torque  motor  and  an  eccentric  mass,  instead  of  magnet  and  coil,  produce  the  desired 
forces.  This  arrangement  allows  larger  amplitude  at  low  frequencies,  but  is  bulkier  than 
the  electrodynamics  typo,  and  thus  more  difficult  to  instal  in  confined  spaces  (extc'rnal 
stores ,  tail,  e tc) . 
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The  salient  features  of  this  system  are  thus: 

-  amplitude  and  phase  of  the  excitation  forces  are  easily  determined  and  controlled 

-  performs  well  except  at  low  frequencies 

-  does  not  alter  the  elastic  properties  of  the  aircraft,  but  changes  its  inertial 
properties 

-  difficult  to  instal  in  confined  spaces  because  of  its  bulkiness 


2.5  VANE  EXCITATION  SYSTEM 

Recently  the  choice  of  methods  at  the  disposal  of  flight  vibration  testing  has  been 
expanded  by  the  development  of  vane  excitation  systems,  which  utilize  a  power  (driven 
vane  installed  especially  for  this  purpose  at  a  suitable  point  on  the  aircraft,  to  pro¬ 
vide  the  oscillatory  forces  necessary  for  flight  vibration  tests.  Such  systems  have  been 
developed  in  a  number  of  countries,  particularly  by  the  Boeing  and  Lockheed  corporations 
in  the  U.  S .  . 

By  proper  design  the  following  characteristics  may  be  realized  by  a  vane  system: 

-  The  elasto-dynamic  behaviour  of  the  aircraft  is  not  altered  by  the  vane  installation, 
except  for  its  additional  masses 

-  The  excitation  forces  are  well  defined  and  can  be  measured  and  controlled  easily,  and 
also  correlated  with  the  induced  vibration. 

-  If  the  vane  chord  is  much  smaller  than  the  aircraft  surface  under  investigation 

(e.g.  the  wing)  the  reduced  frequency  of  the  vane  is  much  smaller  than  the  reduced  wing 
frequencies.  This  makes  the  unsteady  vane  airforces  practically  constant  over  the  range 
of  aircraft  frequencies. 

-  Undesirable  moment  and  force  reactions  can  be  reduced  by  vane  mass  balanced  design  and 
a  suitable  choice  of  the  torque  motor  axis  location  near  the  vane  aerodynamic  centre. 


3.  THE  TIP-VANE  SYSTEM 


3.1  GENERAL 

For  the  development  of  a  tip-vane  excitation  for  aircraft,  results  of  two  indepen¬ 
dent  wind  tunnel  tests  in  the  transonic  speed  range  were  used.  One  test  series  was 
conducted  with  a  movable  tip  vane  driven  by  a  mechanism  similar  to  that  on  the  aircraft 
However,  only  the  tip  part  of  the  wing  (scale  1),  was  attached  to  the  tunnel  wall.  In 
this  test  the  lift  of  a  vane  with  an  area  of  0.163  m2  was  measured  for  a  constant  alti¬ 
tude  as  given  in  the  following  table: 

M _ 0.  75 _ 0_J3 _ 0,  84 

Lift  (N)  415  487  558 

2 

I.e.  the  lift  coefficient  L/M  is  nearly  constant-  The  limitation  .m  the  dynamic 
amplitude  is  due  to  two  parameters : 


-  the  flow  rate 

-  the  shaft  torsion  induced  by  the  inertial  moment 

In  the  other  test  series  the  vane  and  its  position  relative  to  the  winy  was  optimi¬ 
zed.  The  following  results  were  obtained: 

-  The  relative  steady  angle  between  the  vane  and  the  wing  tip  does  not  change  the  lift 
curve  slope  (Fig.  10)  for  a  large  range  of  wing  incidence. 

-  The  gap  between  vane  and  wing  tip  was  varied  from  7.9  %  to  15.7  %  of  vane  semispan 
(with  end  plate),  see  Fig.  11.  At  the  same  time  the  wing  incidence  was  varied  from 
-4°  to  6°,  which  took  care  of  virtually  all  flight  conditions.  It  is  evident  that 
the  lift  curve  slope  is  not  sensitive  to  this  parameter. 

-  Adding  an  end  plate  to  the  vane  root  is  a  possibility  to  improve  the  lift  curve  slope 
slightly  (Fig.  12).  The  rate  of  improvement  is  sufficient  for  a  relatively  small  plate. 
To  reduce  the  moment  of  inertia  of  the  vane  it  is  advantageous  to  keep  the  size  of  the 
end  plate  down. 

The  aim  was  to  get  a  large  lift  for  a  vane  with  a  small  area.  To  prevent  flow  separation 
for  small  vane  incidences  due  to  the  high  flow  angle  gradient  of  the  tip  vortex  the 
vane  was  twisted. 
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FIG  10  VANE  LIFT  VERSUS  RELATIVE  VANE 

INCIDENCE  FOR  VARIOUS  WING  INCIDENCES 
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FIG  12  INFLUENCE  OF  VANE  ROOT 
END-  PLATE  ON  VANE  LIFT 


3.2  GENERAL  REQUIREMENTS  [3] 

Without  doubt,  the  optimum  type  of  excitation  for  a  tip  vane,  by  which  the  largest 
magnification  factors  may  be  obtained  between  excitation  and  response,  is  harmonic 
excitation  at  resonance.  Nevertheless,  magnification  factors  close  to  those  of  harmonic 
excitation  can  also  be  attained  by' frequency  sweeps'.  The  only  prerequisite  for  this  is 
that  a  suitable  frequency  sweep  bandwidth  is  selected,  and  that  the  duration  of  excita¬ 
tion  is  large  enough  compared  with  the  period  of  the  eigenmode.  The  vibration  levels  to 
be  generated  in  flight  should  be  larger  than  the  expected  natural  disturbance  level 
(approx,  0.15  g) ,  but  should  not  be  higher  than  the  strength  limit  (2.5  g  rigid-body 
acceleration  by  gusts) .  The  frequency  range  of  the  vibrations  should  include  enough 
eigenf requencies  to  characterize  the  dynamic  behaviour  of  the  wing.  It  will  not  he 
possible  in  general  to  achieve  these  performance  requirements  equally  well  for  all  air¬ 
craft  eigenmodes,  since  the  magnitude  of  the  excitation  acceleration  depends  on: 

-  the  point  of  application  of  force 

-  the  place  of  measurement 

-  the  damping  to  be  overcome 

-  the  mass  to  be  accelerated 

-  the  available  excitation  force 

The  optimum  position  for  excitation  and  measurement  is  without  any  doubt  the  place  of 
maximum  modal  deformation.  This  has  a  different  location  for  every  mode  and  the  mode 
can  change  with  speed  and  M-numbcr.  If  only  one  excitation  system  is  to  be  used,  the 
best  compromise  is  to  arrange  the  aerodynamica 1 ly  effective  surfaces  at  the  wing  tips. 
This  is  where  most  of  the  modes  have  their  maximum  deformation.  For  technical  reasons, 
the  system  must  be  installed  approximately  halfway  between  front  and  rear  spar.  In 
contrast,  the  pick-ups  can  be  positioned  optimally  without  exception.  Their  dimensions 
are  small,  and  several  pick-ups  have  to  be  fitted  in  the  aircraft  anyway. 

As  a  compromise  regarding  the  performance  requirements  for  the  A  110  tip  vane,  it 
was  required  that  at  least  +  1000  N  must  bo  achieved  with  a  steady  incidence  of  ♦  1°  at 
VMO/MMO,  and  that  a  frequency  sweep  of  up  to  20  llz  should  be  possible.  In  this  way, 


most  of  the  modes  can  be  excited  to  measurable  accelerations. 


3.3  FUNCTIONAL  REQUIREMENTS  AND  SECONDARY  CONDITIONS 

-  A  vane  is  installed  at  each  wing  tip. 

-  Each  vane  is  fitted  to  a  torque  shaft. 

-  The  axis  of  the  shaft  is  in  the  wing  plane  and  perpendicular  to  the  flow. 

-  A  static  angle  of  incidence  of  +  12°  with  reference  to  the  last  wing  rib  can  be  set. 

-  A  dynamic  angle  which  can  be  changed  as  a  function  of  time,  with  a  possible  maximum 
amplitude  of  7°  can  be  superimposed  over  the  static  angle. 

-  On  option,  the  superimposition  of  the  dynamic  angle  can  either  be  symmetrical  or  anti 
symmetrical  for  both  vanes. 

-  The  dynamic  angle  can  be  controlled  by  a  frequency  generator  in  such  a  way  that  har¬ 

monic  vibrations  and  vibrations  with  a  frequency  sweep  can  be  generated.  The  amplitu¬ 
des  of  these  vibrations  are  continously  adjustable  between  0°  and  7°.  The  frequencies 
for  harmonic  motion  are  continously  selectable  between  0  and  20  dz.  As  regards  the 
sweep,  the  frequency  can  be  varied  linearly  as  a  function  of  time.  The  initial  and 
final  frequencies  can  be  selected  independently  from  one  another  with  values  of  1.4; 
2.8;  4;  5.6;  8;  11.2;  16;  22.4  llz.  The  rate  of  frequency  change  can  be  selected  with 
12;  15;  20;  30;  40;  60;  180  sec/octave.  The  motion  always  starts  and  finishes  at  an 

angle  of  0^ ,  to  avoid  the  overlap  in  the  FFT.  When  the  selected  maximum  frequency  has 
been  reached,  the  motion  is  continued  with  a  decreasing  frequency  until  the  initial 
frequency  is  reached.  Subsequently,  the  procedure  is  repeated  cyclically.  In  addi¬ 
tion  the  purchased  frequency  generator  has  a  possibility  of  exciting  a  random  vi¬ 
bration.  In  this  case,  step  functions  with  a  c:.,atant  amplitude  are  statistically 
distributed  over  time.  The  frequency  bandwidth  and  the  sequence  length  are  selectable 
The  accuracy  of  the  setting  for  all  types  of  motion  is  better  than  +  0.01°  and 

+  0.01  Hz. 

-  The  motion  is  generated  by  a  hydraulic  swivel  motor,  furnishing  a  pure  torque. 

-  The  lift  force  of  the  vane  is  equally  large  for  positive  and  negative  angles  of 
attack  (symmetrical  profile) . 

-  The  centre  of  force  application  is  approximately  on  the  extended  axis  of  rotation, 
resulting  in  the  minimum  drive  moment  for  vane  motion.  The  unavoidable  wanderings 
of  the  center  of  force  application  due  to  changing  flight  conditions  mainly  take 
place  in  the  downstream  area  of  the  axis  of  rotation. 

-  Buffeting  only  occurs  at  angles  of  attack  exceeding  7°. 

-  All  other  components  were  designed  as  light  as  possible  to  keep  the  additional  weight 
and  thus  any  influence  on  the  vibrational  behaviour  of  the  aircraft  as  small  as 
possible. 

-  The  stiffness  of  the  components  was  selected  to  be  as  large  as  possible. 

-  The  vane  can  be  installed  on,  and  dismounted  from  the  aircraft  from  the  outside. 

-  The  spatial  conditions  in  the  wing  tip  cap  had  to  be  taken  into  account  when  deciding 
on  the  geometrical  design  and  arrangement  of  the  components.  Attachment  is  at  the 
last  wing  rib. 

-  The  system  is  controlled  from  a  console  in  the  aircraft.  This  console  also  incorpora¬ 
tes  a  digital  indication  for  the  lift  forces,  the  static  angle  and  the  maximum  am¬ 
plitudes  of  the  dynamic  angles  at  both  vanes. 


3.4  SAFETY  REQUIREMENTS 

In  addition  to  the  actual  requirements  concerning  the  function,  various  conditions 

that  are  of  relevance  to  the  safety  have  had  to  be  fulfilled. 

-  Neither  through  its  existence  as  such  nor  through  its  operation  shall  the  excitation 
system  be  detrimental  to  the  flight  properties  of  the  aircraft. 

-  When  not  in  operation,  the  tip  vane  is  blocked  in  its  defined  zero  position  by  a 
brake,  thereby  precluding  that  uncontrolled  vane  movements  aggravate  flight  condi¬ 
tions  . 

-  A  self-monitoring  feature  with  an  emergency-off  function  when  a  limit  value  is  excee¬ 
ded  is  provided  for  8  selectable  pick  ups. 

The  monitored  signals  at  each  vane  are  as  follows: 

--  wing  acceleration,  vertical 
--  engine  acceleration,  vortical 
--  vane  angle  measured  signal 

--  reduced  hydraulic  pressure  at  motor  inlet. 

-  The  hydraulic  supply  is  automatically  switched  off  when  the  electrical  power  supply 
fails. 

-  Emergency-off  switches  are  provided  for  the  pilot  and  flight  test  engineers. 

-  The  installation  of  a  pressure  relief  valve  serves  to  prevent  any  excessive  loading 

of  the  vanes  torque  shaft  through  the  drive  motor  in  the  event  of  a  failure. 

-  lift  is  measured  by  a  linear  combination  of  two  unsteady  bending  moments  measured  by 

strain  gauge  bridges  fixed  on  the  rotation  axis. 
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3.  a  SFT-UP  AND 

For  design  and  requirements  reasons  the  tip  vane  excitation  systeni  consists  ol 

-  the  aerodynamica 1 ly  effective  surfaces,  namely  the  tip  vanes 

-  the  support  and  fixtures 

-  the  hydraulic  drive 

-  and  the  control  system  including  control  circuits,  monitoring  circuits,  and  the 
frequency  generator. 

The  tip  vane  itself  is  an  aluminium  sheet  contruction.  Fig.  11  shows  the  arrange 
ment  on  the  aircraft  and  Fig.  14  illustrates  the  drive  system  and  system  components. 
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-  torque  shaft  with  its  bearings 

-  brakes 

-  hydraulic  motor 

are  apparent.  Attachment  is  via  a  bracket  to  the  last  end  rib. 

The  system  is  controlled  from  a  control  unit  arranged  in  the  luselage  of  the  air¬ 
craft. 

Fig.  1  rj  shows  the  airborne  flight  test  work  space:  the  limit  va  1  ue  monitors; 

the  so  called  "operator  control  panels";  the  frequency  generator  and  the  recorder  lot 

monitoring  the  measured  values. 
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4.  TEST  DATA  REDUCTION 


4.1  GENERAL 

During  the  flight  flutter  tests,  the  lift  of  the  port  and  starboard  vanes,  and  the 
torque  was  measured  and  recorded  on  tape.  With  the  lift  of  the  vanes,  the  excitation 
forces  are  known.  Together  with  the  signals  of  the  acceleration  pick-ups  distributed 
over  the  aircraft  all  functions  necessary  for  good  data  evaluation  can  be  calculated, 
such  as  power  spectra,  cross  power  spectra,  transfer  and  coherence  functions.  To  deter¬ 
mine  the  frequency  and  damping  values  for  the  various  flight  vibration  modes  the  transfer 
function  was  used.  Although  the  transfer  function  contains  all  the  information  necessary 
to  calculate  the  frequency  and  damping  values  as  well  as  the  complex  modes,  the  coheren¬ 
ce  function  indicates,  how  far  the  measured  response  of  the  airplane  is  due  to  the  vane 
excitation  or  an  extraneous  input.  One  of  the  most  troublesome  of  these  is  atmos¬ 
pheric  turbulence.  Therefore  the  flight  tests  with  a  vane  excitation  or  another  excita¬ 
tion  which  do  not  use  atmospheric  turbulence  as  an  excitation  must  be  carried  out  at 
small  turbulence.  Nevertheless  it  is  reasonable  to  determine  the  coherence  function  in 
any  case,  to  be  sure  that  the  response  is  mainly  produced  by  the  installed  excitation 
mechanism.  The  values  of  frequency  and  damping  for  the  various  degrees  of  freedom  can 
be  obtained  by  matching  the  theoretical  transfer  function  with  unknown  values  for  fre¬ 
quency  and  damping  with  the  measured  one.  Taking  into  account  the  following  aspects, 
that 

a)  The  measured  transfer  function  is  only  an  estimate  of  the  actual  transfer  function 

b)  The  matching  of  the  theoretical  transfer  function  with  the  measured  one  will  be  done 
by  a  least  square  error  method  within  a  certain  frequency  range. 

c)  The  theoretical  transfer  function  does  not  represent  the  real  one, 

then  it  is  clear  that  the  values  for  damping  and  frequency  obtained  by  the  fitting 
method  are  estimates  with  more  or  less  large  errors.  The  most  difficult  problem  is  to 
determine  these  errors  or,  in  other  words,  the  confidence  intervals  for  these  calcula¬ 
ted  values.  The  coherence  function  alone  is  not  sufficient  to  furnish  an  error  estimate 
for  this  kind  of  output. 


4.2  METHODS  USED  FOR  MATCHING 

Before  showing  some  results  we  will  explain  details  of  the  method  used.  The  trans¬ 
fer  function  of  a  structure  capable  of  oscillation  with  n  degrees  of  freedom  can  lie 
expressed  quite  generally  as  a  polynomial  of  2-nth  order  in  iu  : 

2  n  } 

l  a2n.  (  im)2n 

El  _  __2 _ _ 

"  "  2n  2n 

I  b2n  ■  (  I  El  ) 

The  zeros  of  the  denominator  polynomial  are  the  complex  eigenvalues  of  the  system. 
The  functional  of  analysis  was  formulated  as  a  linear  equation  of  the  polynomial  coeffi¬ 
cients,  i.e. 

H  •  t  b2n  ■  (  iw  )2n  -  l'  <J2n  •  (  iw  )2n  =  0 

0  0 

If  approximate  values  for  the  polynomial  coefficients  are  inserted  into  the  func¬ 
tional,  the  result  deviates  from  the  exact  value  of  zero.  This  deviation  is  called 
residue.  Extremum  values,  including  the  minimum,  of  the  sum  of  the  squares  of  the  resi¬ 
dues  for  a  number  of  frequencies  can  be  found  where  the  first  derivative  of  the  sum  ol 
the  error  squares  goes  to  zero.  These  considerations  lead  to  a  directly  solvable  system 
of  2  x  2  +1  linear  equations  for  the  polynomial  coefficients.  With  the  known  coeffi¬ 

cients  the  eigenvalues  of  the  structure  as  the  zeros  of  the  polynomial  are  calculated  by 
one  of  the  known  methods,  e.g.  by  Rosenbrock  [4  ]  .  Since  it  must  be  assumed  in  general 
that  measured  transfer  functions  contain  errors,  or  contain  mode  components  that  lie 
outside  the  frequency  range  of  interest,  an  iterative  correction  may  be  superposed,  it 
necessary,  on  the  direct  calculation  of  the  eigenvalues. 

For  this  purpose  "offset"  corrections,  which  are  constant  or  vary  linearly  with 
frequency,  are  added  to  the  real  and  imaginary  parts  of  the  measured  transfer  function. 
Their  absolute  values  are  changed  in  such  a  way  that  the  sum  of  the  residue  squares  of 
the  polynomial  coefficients,  which  itself  is  already  a  minimum,  is  further  minimized. 

This  analytical  method  may  be  applied  without  limitations  to  arbitrary  structures.  The 
lowest  number  of  complex  values  of  the  transfer  function  necessary  to  calculate  n  com¬ 
plex  eigenvalue  is  2n  +  1.  The  maximum  number  is  arbitrary.  It  can  be  shown,  however, 
that  the  effects  of  errors,  or  the  extraneous  components  of  the  transfer  function  are 
lowest,  when  the  values  that  are  used  are  taken  from  the  immediate  neighborhood  ol  the 
eigen  frequencies  of  interest.  The  formulation  for  this  method  was  made  by  Kdnig,  Vl'W, 
details  of  which  have  not  yet  been  published,  but  it  appears  that  this  method  is  simi¬ 
lar  to  the  method  of  Dat  and  Meurzec  [ 1 ]  .  Furthermore,  two  other  methods  usim,  a  Hew¬ 
lett-Packard  2  100  and  a  Nicolct  computer  should  be  mentioned.  According  to  J.C.  Copley[t>] 
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we  can  in  principle  distinguish  between  two  methods,  the  one  described  above,  and 
another  method,  which  uses  a  functional  formulated  in  terms  of  the  eigenf requencies  and 
the  damping  of  the  flight  vibration  degrees  of  freedom,  with  a  partial  fraction  repre¬ 
sentation  of  the  transfer  function  for  each  degree  of  freedom.  If  the  latter  functional 
is  used  in  a  least  square  method  it  leads  to  equations  nonlinear  in  the  frequency  and 
damping  values  which  must  be  solved  iteratively. 


5. 


FLIGHT  TEST  AND  TEST  RESULTS 


5.  1 


A  series  of  tests  were  performed  with  the  system  described  above  aboard  two  aircraft. 
One  test  series  was  conducted  on  the  A  300  Nr.  3  aircraft  to  check  the  effectiveness  of 
the  excitation  system,  to  acquire  experience  in  handling  the  system,  and  to  decrease  its 
susceptibility  to  malfunction.  The  second  test  series  was  conducted  with  the  A  310 
Nr.  162  aircraft.  This  test  series  was  conducted  to  show  that  the  A  310  was  free  of  flut¬ 
ter  in  its  entire  flight  envelope.  The  two  test  series  showed  that  the  effectiveness 
of  the  vane  was  higher  than  indicated  by  the  wind  tunnel  tests,  i.e.  the  lift  obtained 
for  a  given  amplitude  was  higher  than  the  estimated  value;  and  that  buffeting  appears 
at  a  larger  angle  than  expected. 
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Fig  16  shows  the  autospectrum  of  the  lift  for  a  sweep  between  1 ,  -1  and  5,6  Hz.  Theoreti¬ 
cally  the  autospectrum  of  the  lift  must  be  rectangular.  But  this  spectrum  drops  with 
rising  frequency.  The  reason  for  this  decrease  comes  from  the  fact  that  the  vane  angle 
decreases  slowly  with  rising  frequency  as  seen  in  fig.  18. 

Tests  with  different  sweep  times  per  octave  show  the  optimum  sweep  rate  to  bo 
30  s/oct.  for  a  complete  sweep  cycle.  The  autospectra  and  transfer  functions  that  wore 
obtained  were  not  improved  for  higher  sweep  times,  and  the  response  of  the  aircraft  was 
nearly  the  same  as  that  for  a  harmonic  excitation.  Therefore  this  sweep  time  was  used 
in  general,  i.e.  for  horizontal  flight  conditions.  In  both  test  series,  it  could  be 
shown  that  nearly  all  modes  with  non-vanishing  amplitudes  on  the  wing  in  the  measured 
frequency  range  could  be  matched  to  those  found  in  ground  resonance  test,  and  their 
type  could  be  identified. 


5.2  VIBRATION  MEASUREMENTS  ON  THE  A  310 

Fig.  17  gives  a  general  view  of  the  connected  pick-ups.  Most  of  them  are  accelera¬ 
tion  pick-ups,  and  position-,  lift-  and  torque  pick-ups  for  the  vane.  The  view  shows 
that  the  pick-ups  are  well  distributed  over  the  aircraft,  so  that  it  was  possible  to 
measure  the  maximum  amplitude  of  all  modes,  and  to  identify  the  type  of  the  mode.  In 
each  case  the  signals  of  half  the  pick-ups  were  stored  on  magnetic  tape  and  the  signals 
of  ten  of  them  were  transmitted  by  PCM  telemetry  to  the  ground  laboratory. 

Fig.  18  gives  a  view  of  measured  excitation  and  response  signals  for  a  Mach  number 
of  0.78  and  330  KCAS.  The  lift  force,  the  tor jue  and  the  position  of  the  vane  are  pre¬ 
sented  in  sequence  followed  by  the  acceleration  at  the  wing  tip,  at  the  engine  in  the 
z-direction,  and  at  the  engine  in  a  lateral  direction.  The  entire  sweep-time  is  nearly 
2,10  minutes.  The  frequency  range  is  between  1,4  and  5,6  Hz,  and  the  sweep  rate  is 
30s/octave.  That  means  that  the  frequency  started  from  1,4  Hz,  went  up  to  5,6  Hz,  down 
to  1,4  Hz,  and  up  again  to  a  stop. 
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In  Fig.  19  to  23  we  find  transfer  functions  in  the  frequency  range  from  1,4  to  5,6  Hz, 
calculated  for  the  lift  of  the  vane  and  the  responses  due  to  the  vane  excitation  at  dif¬ 
ferent  positions  on  the  plane,  for  a  speed  of  360  KCAS  and  a  Mach  number  of  0.78.  The 
dynamic  angle  of  the  vane  was  +  4°.  The  first  four  transfer  functions  are  for  a  symme¬ 
trical  excitation,  the  last  for  antisymmetrical  excitation. 


Fig.  19  shows  the  transfer 
Fig.  20  shows  the  transfer 
Fig.  21  shows  the  transfer 


function  obtained  at  the 
function  obtained  at  the 
function  obtained  at  the 


wing  tip  in  the  z-direction 
engine  in  z-direction 
engine  in  y-direction. 


Frequency  Interval 
1  90  -  2  30 
4  50  -  4  80 


Frequency 


[Damping 


2  22  0  1140 
4  75  0  0526 


Frequency  interval  Frequency j Damping 

3  30  -  3  45  3  44  j  0  0308 

4  60  -  4  80  4  75  |  0  0423 


Frequency  Intervo-  FrequentylDampmq 
1  70  2  10  1  85  10  0608 

1  70  2  10  2  03  jo  0647 
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Note  that  in  figure  21  the  peak  contains  two  degrees  of  freedom,  the  symmetrical  and  an¬ 
ti  symmetrical  lateral  bending  of  the  engine,  which  can  be  seen  in  the  table  above  the 
figure.  Fig.  22  shows  the  transfer  function  obtained  at  the  horizontal  tail  in  the 
z-direction,  and  we  can  notice  frequencies  on  the  tail  not  below  1,5  Hz  in  contrast  to  j 

the  wing  motion.  Fig.  23  shows  the  transfer  function  obtained  at  the  vertical  tail  in  1 

the  y-direction.  It  is  remarkable  that  with  the  vane  excitation  on  the  wing,  tail-modes  I 

are  excited.  At  the  top  of  all  pictures  except  fig.  23  we  see  the  coherence- functions .  j 

The  heavy  solid  lines  are  the  fitted  curves.  The  excitation  is  nearly  without  extraneous  ] 

inputs.  ; 


FIG  22  TRANSFER  FUNCTION  FOR  Z- ACCELERATION 
OF  HORIZONTAL  TAIL.  SYM  EXCITATION 


PIG  23  TRANSFER  FUNCTION  OF  T  -  ACCElER  ATI  ON  OF 
VERTICAL  TAIL  ANT'STMMETRlCAl  EXCITATION 


In  the  next  figure  24  we  see  in  one  figure  transfer  functions  of  the  same  pick-up  obtai 
ned  for  different  speeds  but  for  one  Mach  number  0,78.  The  remarkable  feature  of  these 
pictures  is  the  shift  of  the  peaks  with  speed.  That  means  the  frequencies  decrease  or 
increase  with  increasing  speed.  Figure  25  shows  for  M  =  0,78  the  frequencies  for  the 
symmetrical  degrees  of  freedom:  2-node  wing  bending,  lateral  engine  bending  and  engine 
pitching  versus  speed.  The  solid  lines  are  the  calculated  frequency ;  the  symbols  repre¬ 
sent  frequency  values  obtained  by  the  flight  vibration  test.  The  calculation  results 
are  based  on  a  finite-element  model  for  the  structure  and  the  doublet-lattice  method 
corrected  for  transonic  effects  for  the  unsteady  aerodynamics.  Airforces  are  included 
for  the  vertical  and  lateral  motion  of  the  engine. 


*  Engine  luleral  motion 
0  W  mg  bending  2  node 
O  Engine  pitching 


2V)  100  JSO  400  tSO 
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symmetrical  excitation 
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A  comparison  was  made  between  the  flight  test  results  and  the  calculation  of  the  un¬ 
steady  transfer  function.  This  was  done  by  solving  the  flutter  equation  in  which  the 
right  side  of  the  equation  respresented  the  vane  excitation  at  various  frequencies. 
Sweeps  were  made  from  1  to  4.5  Hz,  with  a  frequency  increment  of  0.02  Hz,  13  modes  were 
included.  The  theoretical  unsteady  force  was  applied  at  the  same  point  on  which  the  va¬ 
ne  lift  acted,  and  the  point  at  which  response  was  measured  was  at  the  top  of  the  wing 
very  close  to  the  vane.  The  results  correspond  to  a  z-displacement  transfer  function. 

It  is  necessary  to  multiply  these  values  by  gj2  before  comparing  them  to  the  flight  test 
acceleration  results. 

Fig.  26  shows  the  calculated  Nyquist-Diagrams  for  speeds  330,  360,  390  and  420  KCAS , 
M  =  0.84.  The  change  in  the  mode  coupling  for  the  first  three  degrees  of  freedom  is 
clearly  recognizable.  Fig.  27  shows  the  calculated  transfer-functions  for  330  and  420 
KCAS,  m  =  0.84.  It  is  easy  to  interprete  the  coupling  as  the  transfer  of  energy  between 
the  different  modes. 


330 KCAS  360 KCAS 


FIG.  26  CALCULATED  NYQUIST  PLOTS  FIG  27  CALCULATED  WING  TIP  TRANSFER  FUNCTIONS 

OF  WING  TIP  RESPONSE  FOR  FOR  TWO  FLIGHT  SPEEDS  AT  M  =  0,8t 

SEVERAL  FLIGHT  SPEEOS  AT 
M  =  0. 8  4 


CONCLUSIONS 

The  vane  excitation  method  developed  by  Airbus  Industrie  for  the  flight  vibration 
tests  of  the  A  310  aircraft  proved  to  be  sucessful,  and  resulted  in  considerable  savings 
of  time  and  expense  in  the  fiight  test  stage. 

It  seems  appropriate  to  recall  the  advantages  offered  by  this  method.  Its  salient 
features  are: 

-  excitation  amplitude  and  phase  can  be  easily  controlled  and  measured 

-  performs  well  at  all  frequencies 

-  does  not  alter  the  relevant  properties  of  the  aircraft 

-  easily  installed  and  dismounted  according  to  need 

-  excitation  force  is  largely  independent  of  frequency 

-  may  be  easily  adapted  to  aircraft  of  different  sizes. 
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SUMMARY 

This  paper  describes  the  methodology  developed  in  AERITALIA  for  a  few  years  and  currently  v:  *  ■  cl<-ar 

the  separation  of  external  stores  from  the  parent  aircraft.  The  tools  used  in  this  process,  r.atLer-.at: 

cal  model,  wind  tunnel  testings,  ground  and  flight  trials,  are  presented  and  their  ad v ant  ages  and  air.  ad van 
tages  briefly  discussed. 

Part icularly, the  role  of  the  matching  phase  between  data  gathered  by  the  different  techniques  rerC  i oriv-.i  a- 
bove  to  increase  the  reliability  on  store  separation  predict i ons, and  hence  to  clear  the  separation  cf  sto¬ 
rey  from  the  parent  aircraft.,  is  presented  and  discussed  with  a  brief  assessment  of  tie  method  use.,:. 

1.  INTRODUCTION 

The  development  of  modern  combat  aircraft,  in  relation  to  the  complexity  of  ♦  he  weapon  system,  i.»-.  th». 
capability  to  carry  and  release  a  wide  range  of  external  stores  and  with  different  loading  coni' igurat  ions , 
has  led  to  extensive  requirements  for  investigation  of  separation  characteristics  with  a  large  share  in 
the  overall  design  effort.  Two  aspects  converge  in  this  design  effort  with  regard  to  external  stores:  safe 
separation  as  the  aircraft  has  to  be  safely  cleared  from  all  stores  in  case  of  emergency ,  and  re  .1  oas»-  ace.. 
racy,  to  satisfy  the  operational  requisites,  for  which  all  parameters  affecting  the  store  trajectory  • 
the  target  have  to  be  carefully  appraised. 

The  present  trend  is  to  design  the  combat  aircraft  as  a  whole  weapon  system  instead,  as  in  the  fast,  f  do 
Signing  the  aircraft  in  isolation  and  adding  at  a  later  stage  the  external  stores,  with  the  eor.soqi.er.ee 
of  having  to  accept  either  compromising  features  or  expensive  and  lengthy  studios  to  optimise  the  matching 
between  store  configurations  and  parent  aircraft. 

The  capability  to  define  design  criteria  of  such  a  weapon  system  in  relation  to  store  separation  characte¬ 
ristics  depends  upon  the  development  and  the  proper  use  of  different  prediction  and  investigation  tools 
and  upon  their  integration.  Experience  has  shown  that  the  proper  use  of  accurate  predictive  methods  will 
not  only  result  in  increased  delivery  capability  and  enhance  the  safety  of  weapon  delivery  and  jettison  du 
ring  flight  testing  and  in  service  operation,  but  considerable  savings  of  time  and  money  can  aiso  be  achie¬ 
ved.  This  technique  gives  in  addition  evidence  of  potential  problem  areas  which,  could  lead  to  shape  mud  if; 
cation  of  the  aircraft/store  interface  and/or  to  the  optimization  of  store  release  sequences  and  intervals 
in  the  early  stage  of  aircraft  design. 

A  further  convenience  of  this  technique  is  the  possibility  to  investigate  and  to  clear  areas  of  the  relea¬ 
se  envelope  which  are  not  flight  tested  or  to  limit  the  extent  of  flight  trials  to  a  selected  number  of 
test  cases,  having  identified  in  advance  possible  critical  areas  in  the  envelope  to  be  cleared. 

? .  TECHNIQUE  TO  PRODUCE  A  STORE  SEPARATION  CLEARANCE 

For  the  reasons  discussed  in  paragraph  1  a  theoretical  and  experimental  technique  has  been  developed  sine, 
several  years  ago  and  continuously  refined  by  AERITALIA  -  Gruppo  Velivoli  da  Combat  t .intent o,  to  assess  the 
characteristics  of  separation  of  external  stores  from  the  parent  aircraft. 

The  method  (see  fig.  1)  is  set  up  in  three  successive  phases,  so  that  at  the  end  of  each  individual  step, 
the  following  milestones  are  achieved: 

-  Build  up  of  "the  best"  theoretical  model 

-  Completion  of  flight  trials  and  matching  to  experimental  results 

-  final  updating  of  the  model  and  theoretical  extrapolation 

P.l  -  First  phase:  build  up  of  the  mathematical  model. 

This  phase  begins  with  the  gathering  of  all  data  that  have  to  be  fed  into  the  mathematical  model. 

They  have  to  be  analysed  respecting  accuracy  and  compatibility  and  further  t o  gain  some  insight  into  t  tie 
problems  which  might  be  encountered  along  the  clearance  process,  and  obviously  have  m  addition  to  he  made 
congruent  to  the  mathematical  model  input  data  format . 

The  data  are  of  different  typo  and  come  from  different  sources  as  detailed  in  paragraph  *. 1 . 

The  mathematical  model,  having  been  fed  with  the  input  data,  is  then  used  to  calculate  the  :  tore  trajecto¬ 
ries  for  the  given  flight  condition;;. 

At  the  same  time,  by  mean;;  of  a  properly  dynamically  scaled  model,  a  senes  of  wind  tunnel  jeMis.-n  tests 
is  carried  out  to  simulate  store  separation  trajectories  at  given  flight  conditions. 

This  new  set  of  trajectories  is  compared  to  those  theoretically  derived  ,  and,  it  necessary ,  t  he  r:.i‘ 
tical  model  is  updated  until  a  good  agreement  between  wind  tunnel  and  theorct  iml  t  r.i  ier  t  ■  r  i  »•;;  i-  obtained. 


The  refining  of  the  model  is  attempted  upon  those  entry  data  which,  by  past  exp#»ri**ne«»f  are  guessed  to  be 
less  reliable. 

At  the  end  of  this  process,  an  "optimum"  model  becomes  available  to  predict  store  separation  characteri¬ 
stics  and  to  conform  a  flight  test  programme  by  selecting  the  test  points  in  the  significant  areas  of  the 
flight  envelope  to  be  cleared. 

The  flight  test  programme  is  formulated  to  start  at  the  flight  conditions  which  have  been  predicted  to  be 
less  critical  and/or  where  the  data,  on  which  the*  theoretical  predictions  are  based,  are  more  reliable; 
further  steps  are  stated  on  the  basis  of  parametric  studies  to  evaluate  the  influence  of  variables,  like 
speed,  incidence,  sideslip,  gun  thrust  etc.,  on  store  trajectory. 

Therefore,  the  flight  test  programme  as  defined  above  is  backed  up  by  store  trajectory  predictions,  which 
also  include  appraisals  of  the  deviation  from  the  standard  trajectory  due  to  tolerances  on  certain  parame¬ 
ters  such  as  sideslip,  load  factor,  ERU  performance,  etc. 

2.2  -  Second  phase:  flight  trials  and  matching  to  experimental  results 

During  flight  the  store  initial  trajectory  is  filmed  by  means  of  on-board  cameras,  and  iddi t ional ly ,  in  ca 
se  of  stores  such  as  bombs,  for  which  the  entire  ballistic  is  requested,  by  range  kinetheodol i tes. 

After  flight,  the  films  are  analysed  and  the  store  separation  trajetory  is  reduced  to  its  six  components 
vs.  time,  and  therefore  in  a  format:  which  is  directly  comparable  with  the  predictions. 

The  analysis  of  the  deviations  between  the  two  trajectories  allows  identification  of  which  input  data  of 
the  mathematical  model  have  to  be  rectified,  with  an  iterative  loop,  to  obtain  a  good  agreement  between 
the  two  trajectories. 

Having  updated  in  this  way  the  model,  the  new  predictions  for  the  next  flight  test  step  are  computed. 

At  this  point,  the  process  (flight  test,  analysis  and  matching)  is  started  and  repeated  again,  until  the 
test  programme  is  carried  out  and  the  model  is  validated  th*  ighout  the  required  flight  ♦  •nvolope. 

In  addition  to  this  excercise,  the  flight  trials  allow  also  an  assessment  of  the  functioning  of  the  arma¬ 
ment  system,  e.g.  arming  sequences,  mechanical  and  electrical  interfaces  etc.  and  an  assessment  of  the  air 
craft  handling  and  structural  response  during  the  ejection  phase. 

2.3  -  Third  phase:  theoretical  extrapolation  and  envelope  clearance 

During  the  third  phase,  which  begins  after  the  completion  of  the  armament  trials,  the  flight,  tested  jetti¬ 
son  envelope  is  theoretically  extrapolated,  by  means  of  the  mathematical  model,  now  matched  to  flight  data 
to  clear  the  jettison  envelope  requested  by  the  customer,  or,  when  limiting  factors  are  found,  to  specify 
the  jettison  envelope  boundaries  whithin  which  safe  separation  can  be  guaranteed. 

Aim  of  the  extrapolation  is: 

a.  To  save  flight  trials,  which  being  money  and  time  consuming,  have  to  be  devoted  to  investigate  only  so¬ 
me  selected  key  points,  as  mentioned  above. 

b.  To  investigate  the  jettison  behaviour  at  those  conditions  which  might  not  be  flight  tested  pending  cur¬ 
rent  limitations  on  the  test  aircraft,  which  often  is  a  prototype  aircraft. 

e.  To  produce  a  complete  set  of  deviations  from  standard  trajectories  due  to  tolerances  on  separat  ion  para¬ 
meters  and  flight  conditions  to  add  a  safe  margin  to  the  clearance. 

In  the  light  of  the  brief  description  of  the  three  phases,  it  is  evident  that  the  results  which  build  up 
during  the  process  allow  for  a  timely  intervention  for  modifications  such  as: 

a.  store  configuration  (e.g.  fins) 

b.  store  aircraft  interface  (e.g.  ERU  characteristics  and  throttle  settings) 

c.  release  sequences  and  intervals 

which  might  bo  necessary  to  improve  separation. 

Though  the  process  is  mainly  devoted  to  define  safe  separation  clearances,  for  those  stores,  such  as  bombs, 
for  which  it  is  of  relevance,  an  effort  is  also  made  during  the  three  phases  to  identify  parameters  affec¬ 
ting  the  separation  accuracy  in  respect  of  ballistics. 

3.  INSTRUMENTS  TO  PRODUCE  STORE  SEPARATION  TRAJECTORIES 

The  definition  of  store  separation  trajectories  from  the  parent  aircraft  and  of  the  consequent  safe  separa¬ 
tion  envelope  are  the  result  of  the  matching  and  of  the  integration  of  results  obtained  from  different  sour 
ces :  mathematical  model,  dynamically  scaled  jettison  tests  and  flight  trials.  A  brief  description  of  those 
three  instruments,  as  well  as  an  analysis  of  their  advantages  and  disadvantages  is  given  below. 

3.1  -  Input  data  of  the  mathematical  model 

To  allow  a  better  understanding  of  the  meaning  of  the  various  input  data  of  the  mathematical  model  and  of 
their  mutual  relations,  it  is  convenient,  to  give  a  picture  of  the  aerodynamic  flow  field  with  which  the  sto 
re  interacts  along  its  separation  trajectory.  It  can  be  schematically  divided  into  the  zones  which  follow 
one  after  the  other  along  the  trajectory: 

Interference  field:  in  this  zone,  which  is  close  to  the  aircraft,  the  aerodynamic  flow  field  is  affected 
by  the  mutual  aerodynamic  interference  exerted  among  the  different  external  stores  and  between  them  and 
th'*  aircraft.  The  consequent  flow  fie’d  is  strongly  distorted  with  non-stat ionary  components  which  can 
not  always  be  neglected  and  which  is  dominated  by  viscous  and  compressibility  effects.  Furthermore,  bear 
ing  in  mind  that,  the  extreme  proximity  of  the  external  stores  causes  the  formation  of  several  reflected 


shock  waves,  especially  in  the  speed  range  in  which  the  modern  combat  aircraft  operate,  it  is  evident 
how  the  flow-flied  is  difficult,  to  be  theoretically  simulated  and  how  the  analyfiis  of  wind  tunnel  re¬ 
sults  should  be  cautious  as  well  as  matching,  for  example,  data  coming  from  different  sources : i .e.  sto¬ 
re  balance  components  and  oil  flow  visualizations  (fig.  2)  to  avoid  misleading  interpretations  of  the 
latter. 

Nevertheless  the  knowledge  of  this  zone  of  aerodynamic  flow-field  is  of  paramount  importance  in  predict 
ing  store  separation  trajectories,  because  the  weapon  release  disturbance,  which  acts  on  the  store  in 
this  zone,  influences  the  outer  trajectory,  particularly  when  the*  store  has  low  density  or  when  it  has 
a  small  aerodynamic  stability  margin. 

-  Near  field:  in  this  zone,  which  extends  from  about  1  meter  down  to  4  +  5  metres  below  the  aircraf  t,  the 
effect  of  the  mutual  aerodynamic  interference  among  external  stores  is  practically  negligible,  and  the 
aerodynamic  flow-field  is  disturbed  only  by  the  presence  of  the  aircraft.  Therefore  the  aerodynamic 
load  acting  or.  the  released  store  in  a  fixed  point  can  be  determined  by  superposi* ion  of  store  free  air 
aerodynamics  and  aircraft  flow-field  characteristics  (expressed  in  terms  of  local  incidence,  sideslip, 
Mach  number  etc.)  at  that  point  in  absence  of  the  store. 

It  is  clear  that,  being  the  flow-field  perturbed,  i.e.  with  its  characteristic  parameters  varying  from 
point  to  point  and  then  also  along  the  store,  the  aerodynamic  forces  and  moments  acting  on  it  are  the 
sum  of  the  contributions  of  the  different  sections  in  which  the  store  is  divided  and  around  which  the 
aerodynamic  flow-field  can  be  reasonably  assumed  constant. 

Far  field:  in  this  zone,  because  of  its  fairly  large  distance  from  the  aircraft,  the  flow-field  can  be 
assumed  to  be  free  stream  and  hence  the  aerodynamic  force  acting  on  the  store  is  calculated  by  superpo¬ 
sition  of  store  free  air  aerodynamics  and  free  stream  characteristics. 

If  the  purpose  of  the  prediction  of  jettison  trajectories  is  limited  to  the  check  of  store  safe  separa¬ 
tion,  this  zone  is  the  less  critical  both  because  the  flow-field  can  be  assumed  to  be  free  stream  and 
hence  constant,  and  because,  being  this  zone  quite  far  from  the  aircraft,  it  has  a  minor  influence  on 
jettison  safety  for  which  the  first  part  of  the  trajectory  is  determinant. 

On  the  contrary,  if  the  purpose  includes  the  extrapolation  of  flight  trials  results  with  regard  to  the 
ballistics  of  the  stores,  this  zone  is  perhaps  the  most  important  because  it  influences  for  longer  time 
the  store  trajectory  and,  hence  assuming  the  flow-field  as  constant,  it  might  no  longer  lead  to  satisfac¬ 
tory  predictions.  Therefore  more  detailed  informations  about  flow  field  characteristics  versus  altitude 
(velocity  profiles)  are  needed. 

3.1.1  -  Store  free  air  aerodynamics 

The  aerodynamic  force  acting  on  a  store  along  its  separation  trajectory  plays  a  fundamental,  and  in  some 
case  decisive,  role  in  determining  the  jettison  safety:  a  fundamental  role,  because  among  the  forces  of 
different  nature  acting  on  a  store  when  dropped,  the  aerodynamic  action  is  never  secondary;  a  decisive  role 
when  low  density  stores  (empty  fuel  tanks,  multiple  store  carriers,  etc.  are  jettisoned  as  the  aerodynamic 
force  is  by  far  predominant  over  others. 

It  is  therefore  evident  the  primary  importance  of  the  knowledge  of  th^  static  aerodynamic  forces  and  mo¬ 
ments  acting  on  the  isolated  store  and  the  accuracy  required  to  measure  *hem.  Much  care  has  to  be  taken, 
and  a  certain  experience  is  also  required,  for  example,  in  positioning  transition  bands  on  models  (f'g.  3 
shows  a  tipical  arrangement)  with  the  aim  of  approaching  in  the  best  possible  way  the  flow-field  around 
the  full  scale  body.  Another  critical  problem  is  to  minimize  or  in  any  case  to  quantify  the  aerodynamic  in¬ 
terference  of  the  model  support,  particularly  on  the  normal  force  and  on  the  pitching  moment  for  a  suspen¬ 
sion  from  the  floor  and  on  the  axial  force  using  a  rear  sting.  A  well  known  technique  to  quantify  this  in¬ 
terference  consists  of  using  a  dual  sting  (fig.  4),  with  which  it  is  possible  to  calculate  the  interference 
of  the  dummy  sting  by  difference.  This  problem  is  however  made  worse  by  the  particular  incidence  range  re¬ 
quired  for  some  external  stores  (in  a  case  it  has  been  necessary  to  measure  the  aerodynamic  force  for  an  in 
cidence  traverse  from  0°  to  360°  and  a  sideslip  range  from  0°  to  180°).  This  implies  that  the  information 
about  the  sting/wall  aerodynamic  interference  obtained  by  means  of  the  usual  wind  tunnel  calibration  models 
is  often  not  sufficient  to  solve  the  problem.  A  valid  help  sometimes  comes  from  aerodynamic  numerical  codes 
(panel  method),  which  for  selected  speed/incidenc^  ranges  allows  the  simulation  of  the  effects  of  the  sup¬ 
porting  strut  and  then  to  quantify  its  interference  on  model  aerodynamics. 

Another  important  set  of  input  data  of  the  mathematical  model  are  aerordynamic  damping  derivatives,  whose 
knowledge  is  very  useful  to  have  a  complete  appraisal  of  store  aerodynamics.  These  coefficients  are  normal¬ 
ly  obtained  by  wind  tunnel  tests  using  the  forced  oscillations  method  (a  pilot-plant  has  been  tested  at  AE- 
RITALIA),  but  sometimes  they  are  theoretically  calculated  using  standard  methods  such  as  Datcom.  The  theore 
tical  evaluation  of  aerodynamic  damping  derivatives,  which  at  high  incidence  is  little  reliable,  implies 
however  an  increase  of  the  subsequent  matching  activity  at  least  for  the  first  drops. 

3.1.2  -  Aircraft  aerodynamic  flow-field 

The  jettisoned  store  crosses  along  its  trajectory  a  region  of  highly  perturbed  flow,  mainly  due  to  the  pre¬ 
sence  of  the  parent  aircraft;  it  is  therefore  of  paramount  importance  to  know  in  each  point  of  this  region 
the  characteristics  of  the  flow. 

It  would  be  necessary,to  carry  out  this  research  in  the  best  way,  to  measure  the  flow-field  for  all  the  ex¬ 
ternal  store  configurations  or  at  least  for  some  selected  key  configurations  and  to  read  across  the  others. 
As  this  approach  is  extremely  expensive,  it  is  preferred  to  measure,  or  in  some  cases  to  calculate  theore- 
retically  (panel  method)  but  with  results  not  always  satisfactory ,  the  flow  field  relevant  to  the  clean  air 
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craft,  (fig.  5)  and  to  delegate  to  other  types  of  wind  tunnel  tests  the  measure  of  the  mutual  aerodynamic 
interference  among  stores  and  between  them  and  the  aircraft. 

During  the  MRCA  Tornado  project  the  flow-field  was  measured  in  the  A.R.A.  transonic  wind  tunnel  utilizing 
a  rake  of  16  five  hole  pressure  measuring  probes  which  swept  the  region  beneath  the  aircraft  model.  In 
each  measuring  station  (10  underwing  and  8  underfuselage)  the  local  characteristics  of  flow-field  were  ta¬ 
pe-recorded  and  then,  by  means  of  a  reduction  program,  the  local  values  of  incidence,  sideslip,  Mach  num¬ 
ber,  total  and  dynamic  pressures  were  obtained  for  different  flight  conditions  l  (X®  ,D®  ,M®  )  and  for 
two  values  of  tailplane  setting.  These  data  were  then  cross  plotted  to  allow  a  check  of  the  congruence  a- 
mong  them,  especially  on  the  overlap  regions  of  the  measure  points,  and  afterwards  they  were  stored  in  or 
der  to  permit  an  easy  read-across  by  the  mathematical  model.  The  greatest  difficulties  experienced  during 
these  tests  were  the  correct  positioning  of  the  rake  close  to  the  model  due  to  the  geometrical  interferen¬ 
ce,  as  well  as  the  measure  of  the  aerodynamic  disturbance  caused  by  the  rake  itself. 

3.1.3  -  Installed  store  loads 

This  kind  of  wind  tunnel  tests,  together  with  store  trajectory  load  measurements,  which  will  be  described 
in  the  following  paragraph,  is  the  most  effective  tool  to  derive  the  mutual  aerodynamic  interference  among 
external  stores  and  between  them  and  parent  aircraft.  In  fact  with  this  technique  it  is  possible  to  measu¬ 
re,  for  different  flight  conditions  and  external  store  configurations,  the  aerodynamic  forces  and  moments 
acting  on  a  certain  store  when  it  is  installed  on  the  aircraft.  The  advantage  of  these  wind  tunnel  tests 
is  that  they  allow  a  fairly  accurate  measurement  of  the  forces  and  moments,  because  there  are  no  problems 
of  sting  interference,  being  the  balance  mounted  inside  the  store  consequently  being  able  to  simulate  cor¬ 
rectly  the  configuration  geometry.  On  the  other  hand  they  are  rather  expensive  because  of  the  great  number 
of  configurations  to  be  tested.  In  fact  their  number  is  the  product  of  the  number  of  key  configurations  ti¬ 
mes  the  number  of  possible  configurational  variants  (which  come  out  from  the  release  sequence  combinations 
allowed  by  the  Store  Management  System)  and  times  the  number  of  selected  aircraft  configurations  and  flight 
conditions  (wing  sweep  angle,  tailplane  setting,  Mach  number  etc.).  In  addition  the  results  obtained  from 
these  wind  tunnel  tests  can  be  misleading,  if  not  used  with  caution,  in  the  theoretical  prediction  of  sepa¬ 
ration  trajectories,  because  the  aerodynamic  force  acting  on  the  store  just  jettisoned  can  be  different 
from  that  acting  on  the  installed  store.  A  typical  example  is  the  case  of  two  bombs  carried  on  a  twin  car¬ 
rier  and  flying  at  transonic  speed  (fig.  2).  In  all  probability  the  channel  between  bombs  will  be  choked 
with  a  consequent  increase  of  pressure  on  stores  forebody,  and  this  blockage  effect  will  persist  for  reaso¬ 
nable  variations  of  upstream  flow.  On  the  contrary,  when  one  bomb  is  dropped,  the  blockage  effect  vanishes 
and  hence  the  longitudinal  components  of  the  aerodynamic  force  acting  on  the  store  change  very  quickly,  as 
well  as  the  lateral  ones  due  to  the  mutual  suction. 

Consequently  the  informations  obtained  from  store  installed  load  measurements  can  be  useful 1  input  data  in 
producing  separation  trajectory  predictions  only  if  very  carefully  analysed  and  when  possible  matched  to 
results  coming  from  other  sources. 

3.1.4  -  Store  trajectory  loads 

These  wind  tunnel  tests  are  a  generalization  of  the  previous  tests,  in  that  they  allow  the  measure  of  the 
aerodynamic  load  acting  on  a  store  not  only  in  the  installed  position  but  also  along  the  separation  tra¬ 
jectory.  The  facility  used  is  the  same  as  the  one  employed  for  the  Captive  Trajectory  System,  i.e.  utiliz¬ 
ing  a  dual  sting  (fig.  6).  In  this  case  however  position  and  attitude  of  the  store  model  are  not  controlled 
by  the  computer  solving  the  motion  equations,  but  they  are  varied  with  a  grid  scheme  through  the  volume 
expected  to  be  crossed  by  separation  trajectories  of  that  store. 

The  advantage  of  these  tests  is  to  provide  a  rather  accurate  measure  of  the  mutual  aerodynamic  interference 
between  jettisoned  store  and  aircraft  or  other  weapons,  providing  therefore  an  useful  1  term  of  comparison 
for  results  obtained  from  the  matching  of  the  previous  wind  tunnel  tests.  On  the  contrary,  besides  the  di¬ 
sadvantage  of  having  to  test  many  configurations,  similarly  to  the  tests  descri bed  before,  and  here  made 
worse  by  the  need  to  sweep  several  positions  and  attitudes  for  each  external  store,  this  technique  presents 
additional  disadvantages: 

dual  support  method  may  require  alteration  to  the  store  afterbody  to  accomodate  the  sting  and  also  rais¬ 
es  the  question  of-sting  effect  on  the  store  loads 

the  possibility  to  reach  high  store  attitudes  due  to  the  geometric  interference  between  secondary  sting 
and  aircraft  model 

the  possibility  to  measure  the  aerodynamic  forces  and  moments  of  one  store  at  the  time  only 

weapon  trajectories  are  often  relatively  short  in  duration  because  of  the  geometrical  constraints  of  the 

support. 

3.1.5  -  Store  inertial  characteristics 

Store  inertial  characteristics,  expressed  in  terms  of  mass,  center  of  gravity  position  and  moments  of  iner¬ 
tia  along  the  three  principal  axes,  are  important  input  parameters  in  predicting  separation  trajectories. 
Particularly,  for  low  density  stores  and/or  with  narrow  aerodynamic  stability  margins,  the  center  of  gravi¬ 
ty  position  with  respect  to  the  centreline  of  the  ejection  release  unit  is  determinant,  for  jettison  safety, 
because  it.  produces  the  initial  pitching  moment,  on  the  store  (nose  up  «r  down)  from  which  the  course  of  the 
trajectory  depends.  For  this  reason,  while  for  non  critical  stores  with  regard  to  safe  separation  (high  don 
sit.y  stores  or  with  a  large  separation  velocity)  it  is  sufficient  to  know  the  inertial  characteristics  mens 


sured  on  some  standard  samples,  for  critical  stores  it  is  necessary  to  measure  with  the  highest  accuracy 
the  inertial  characteristics  of  each  store  to  be  released. 

3.1,6  -  ERU  performances  and  missile  booster  thrust 


There  are  basically  two  types  of  bomb  ejection  racks  in  common  use,  those  with  single  ejection  piston  and 
those  with  dual  ejection  piston.  The  latter  {a  typical  impulse  performance  is  shown  in  fig.  7A)  usually 
have  orifices  which  are  ground  adjustable  to  meter  the  flow  of  ballistic  gas  from  the  cartridges  to  the  e- 
jection  pistons.  This  feature  permi ts  the  force  of  each  ejection  piston  to  be  indipendently  varied  from 
completely  closed  to  fully  open.  Thus  the  ejection  forces  and  moments  imparted  to  the  store  can  be  control 
led  over  a  wide  range.  The  knowledge  of  the  ERU  performances  versus  different  parameters  like  throttle  set 
ting,  atmospheric  temperature,  rack  supporting  structure  flexibility  etc.,  is  of  paramount  important?  in 
predicting  store  separation  behaviour.  Performance  curves  (as  shown  in  fig.  7B)  are  determined  during  a 
ground  rig  test  and  are  normally  provided  by  the  ERU's  manufacturer  without  calibrations  for  temperature 
and  corrections  for  store  aerodynamics  loading  or  dynamic  and  elastic  effect  of  rack/store  carrier/  pylon/ 
wing.  Adequate  guidelines  do  not  exist  for  correcting  static  bomb  rack  ejection  data.  The  only  known  pro¬ 
cedure  to  evaluate  dynamic  and  elastic  effect  of  rack  supporting  structure  on  ERU's  performances  are  pit 
drop  tests  which  are  detailed  in  the  next  paragraph. 

As  far  as  the  propelled  weapon  is  concerned,  the  necessary  input  data  for  a  correct  trajectory  simulation 
regard  the  state  of  booster  thrust  versus  time,  of  which  figure  8  shows  a  typical  trend,  and  its  changes 
with  atmospheric  temperature,  as  well  as  some  information  about  launcher/missile  mechanical  constraints 
and  intervals/sequence  of  booster  ignition. 

These  data  arc  normally  provided  by  the  missile  suppliers. 

3.1.7  -  Pit  drop  tests 

The  information  which  is  gathered  from  pit  trials  is  ERU  performances  (in  terms  cf  ejection  force,  ejec¬ 
tion  velocity  and  initial  store  trajectory).  The  advantage  of  the  pit  drop  trials  is  that  several  cases 
can  be  tested,  at  low  cost,  when  applicable,  for  different  wing  sweep,  ERU  throttle  setting,  store  centre 
of  gravity  positions  etc. 

The  separation  data  obtained  from  pit  drop  tests  are  fed  into  the  mathematical  model  during  the  first  pha¬ 
se  (see  paragraph  2.1). 

The  separation  data  are  obtained  by  processing  and  analysing  the  film  records  of  the  cameras  which  have 
been  run  during  the  separation  of  stores  from  the  aircraft.  For  this  purpose,  cameras  are  installed  both 
in  the  aircraft  (fuselage  fairings  and  camera  pods)  at  the  same  locations  which  are  us«d  for  the  flight 
trials  and  externally  at  suitable  positions  to  obtain  the  best  camera  coverage .  The  cameras  are  run  at 
high  speed  (200  +  500  frames  per  second)  and  the  pictures  from  the  different  cameras  are  correlated  bet¬ 
ween  them  and  with  the  aircraft  on-board  instrumentation,  which  normally  records  the  armament  events  as 
release  button  press  and  weapon  gone's,  to  allow  the  triangulation  analysis  to  output  the  store  trajectory 
and  attitudes  in  the  aircraft  axis  reference  system. 

The  most  accurate  analysis  is  on  the  very  initial  trajectory,  i.e.  up  to  the  end  of  the  ERU  gun  stroke 
(normally  0.1m),  which  provides,  after  further  analysis,  the  actual  ERU  performance  data. 

The  camera  film  readings  are  made  by  means  of  a  film  analyser,  which  outputs  store  and  reference  points  po¬ 
sition,  recorded  on  cassettes,  which  are  then  processed  at  the  Data  Processing  Center. 

Details  of  the  film  analysis  are  given,  being  similar  to  the  flight  trials  analysis,  in  the  paragraph  3.4. 
Beyond  the  separation  analysis,  the  pit  drop  tests  are  envisaged  to  provide  an  assessment  of  the  armament, 
loading  procedures  armament  ancillaries  operation  and  the  evaluation  of  the  aircraft  structural  response 
when  jettisoning  external  stores,  as  reference  to  the  flight  trials  data. 

3.2  -  Mathematical  model 


The  definition  "mathematical  model",  whose  lay  out  is  shown  if  fig.  9,  does  not  include  just  the  computer 
program  which  solves  store  motion  equations  and  then  calculates  store  jettison  trajectories  from  the  parent 
aircraft,  but  also  comprises  all  input  data  which  define  store  aerodynamic/inertial  characteristics,  ejec¬ 
tion  rack  performances,  aircraft  flow-field  to  allow  the  numerical  simulation  of  separation  trajectories. 
Therefore,  after  having  described  in  the  previous  paragraphs  the  mathematical  model  "data  bank"  itself  sto¬ 
red  in  the  computed  memory,  the  numerical  code  and  its  outputs  are  briefly  illustrated.  Knowing  the  flight 
conditions  at  which  the  drop  will  be  performed  (and  they  can  be  the  most,  various  as  the  numerical  code  al¬ 
lows  a  representation  of  aircraft  manoeuvres),  aerodynamic  forces  and  moments  acting  on  store  are  calculat¬ 
ed  by  superposition  of  store  aerodynamic  characteristics  and  aircraft  flow-field.  Installed  store  loads, 
which  ai e  reduced  from  the  installed  position  to  zero  at  a  depth  where  it  is  considered  that  interference 
effects  are  negligible,  are  then  summed  up  t.o  the  previous  aerodynamic  loads,  which,  on  the  contrary,  are 
increased  from  zero  to  their  actual  values  at  the  same  depth  and  the  results  of  the  sum  are  matched  to  sto¬ 
re  trajectory  loads,  when  they  are  available. 
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Aerodynamic  forces  are  combined  with  physical  forces  such  as  store  mass,  ejection  forces  or  missile  thrust 
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etc.,  and  then  the  store  velocity  and  displacement  components  are  computed  sol ving  the  Euler  equations  of  rno 
tion  for  a  body  with  six  degrees  of  freedom.  The  differential  equations  of  motion  are  transformed  in  fini¬ 
te  difference  equations  and  then  integrated  by  means  of  an  iterative  loop  whose  formulas  are  listed  in  fi¬ 
gure  10. 

The  output  of  the  mathematical  model  is: 

position  and  attitude  of  the  store  versus  time  referred  both  to  a  ground  frame  and  to  a  frame  fixed  to 
the  aircraft  which  of  course  during  separation  can  be  manoeuvering 

-  six  component  store  velocity  versus  time  referred  to  a  body  frame 

-  components  of  forces  and  moments  acting  on  store  versus  time  referred  to  the  same  reference  frame 

-  plots  of  the  three  orthogonal  projections  of  store  trajectory  referred  to  a  reference  frame  fixed  to 
the  aircraft.  A  typical  example  of  these  plots  is  shown  in  figure  11. 

The  experience  gained  till  now,  mainly  from  the  Tornado  project,  has  proved  that  the  use  of  the  mathemati¬ 
cal  model  to  co-ordinate  different  types  of  wind  tunnel  test  data  and  to  match  flight  trial  results  is  in 
general  very  reliable  (fig.  12). 

In  addition,  the  mathematical  model  is  an  instrument  to  predict  separation  behaviours  of  a  store  from  pa¬ 
rent  aircraft  much  more  flexible,  quick  and  cheap  than  dynamically  scaled  jettison  tests  and  even  more  so 
than  flight  trials. 

Therefore,  thanks  to  the  good  simulation  that  can  be  obtained  with  this  tool  after  an  adequate  matching 
with  experimental  results,  the  basic  study  has  to  be  performed  with  the  mathematical  model,  delegating  to 
experimentation,  especially  in  flight,  only  the  check  of  the  most  critical  conditions  or  at  least  of  the 
most  meaningful  ones.  Moreover  the  flexibility  of  the  mathematical  model  permits  the  study,  in  relative¬ 
ly  short  time  and  cheaply,  of  the  possible  variants  of  store  shape  and/or  aircraft-weapon  interface  as 
well  as  changes  in  release  intervals/sequences  and  then  to  test  only  the  solution  found  to  be  the  most  con 
venient . 

On  the  other  hand  the  mathematical  model  is  not  an  instrument  which  can  straight  fordwardly  predict  or 
match  the  jettison  trajectory  for  whatever  flight  condition  or  load  configuration.  Often  instead,  for  Iran 
sonic  flight  conditions  or  for  critical  stores  regarding  safe  separation,  where  compressibility  or  aerody¬ 
namic  interference  effects  are  dominant,  a  considerable  amount  of  analysis  of  the  mathematical  model  in¬ 
put/output  and  of  matching  to  experimental  results  is  necessary  to  understand  in  depth  aerodynamic  inter¬ 
ference  mechanisms  and  their  effects  on  store  jettison  trajectory  behaviour. 

3.3  -  Dynamically  scaled  jettison  tests 

The  aim  of  these  wind  tunnel  tests  is  to  gain  a  better  insight  into  store  separation  behaviour  and  to  ob¬ 
tain  some  experimental  results  with  which  to  calibrate  the  mathematical  model.  In  particular  in  the  early 
stage  of  a  project  the  complete  set  of  mathematical  model  input  data  is  sometimes  not  available,  or  at 
least  some  data  have  been  guessed  or  theoretically  derived  (especially  store  aerodynamic  damping  derivati¬ 
ves)  and  the  effect  of  the  aerodynamic  interference  is  not  quite  clear;  in  these  conditions  an  accurate 
analysis  of  wind  tunnel  jettison  test  results  can  provide  an  useful  key  to  identify  the  typical  characte¬ 
ristics  of  store  separation  in  a  certain  configuration  and  the  relationships  which  link  them  with  the 
flight  conditions  at  which  the  jettison  has  been  performed. 

The  geometry  similarity  between  separation  trajectories  obtained  both  from  fl ight  and  wind  tunnel  test,  re¬ 
quires  that,  besides  the  obvious  geometrical  similarity  between  full  and  model  scale  stores  configuration, 
also  the  dynamic  similarity  (i.e.  involved  forces  and  moments  are  in  the  same  ratio  both  at  full  and  model 
scale)  be  complied.  Three  dynamic  similarity  laws  are  normally  used  in  this  kind  of  tests:  heavy  body, 
light  body  and  Froude's;  each  of  them  do  not  allow  to  duplicate  all  the  involved  parameters,  so  the  choice 
depends  upon  the  problem  to  be  solved,  the  gained  experience  and  wind  tunnel  facilities.  At  Aeritalia, 
Froude's  similarity  law  (seldom  light  body  law),  is  normally  used,  and  the  ratios  between  full  and  model- 
scale  quantities  are  enlisted  in  fig.  13.  This  law,  as  known,  does  not  permit  to  duplicate  Mach  number,  so 
the  simulation  is  limited  to  moderate  speeds  where  compressibility  effects  can  be  neglected. 

A  dynamically  scaled  jettison  test  is  set  up  in  the  following  steps  (fig.  14): 

the  model  of  external  store  to  be  dropped  is  hung  to  the  aircraft  model,  respecting  the  full  scale  load 
ing  configuration 

the  flight  conditions  at  which  the  jettison  has  to  be  performed  are  reached  in  ’  llarity 

-  the  store, pushed  by  two  pneumatically  driven  pistons,  leaves  the  aircraft 

the  store  positions  along  the  separation  trajectory  are  photographed  by  two  cameras  mounted  in  front 
and  laterally  to  the  aircraft  model.  Multiple  exposures  on  the  same  frame  are  obtained  by  means  of  a 
stroboscope 

from  the  front  and  side  views  of  the  store  trajectory  so  obtained,  the  six  components  of  store  motion 
versus  time  are  derived. 

A  typical  output,  of  wind  tunnel  jettison  tests  is  illustrated  in  figure  lb  which  shows  also  the  comparison 
with  theoretical  results. 

The  main  advantages  of  free-drop  tests  are  the  following: 

the  possibility  of  simulating  correctly  store  jettison  trajectory  from  the  parent  aircraft,  being  able 
to  duplicate  the  full  scale  store  configurations,  because  there  are  no  problems  of  sting  aerodynamic  in 
t.erference 

the  possibi 1 i ty  to  perform  multiple  releases 

the  wind  tunnel  facilities  necessary  to  carry  out  these  tests  are  not  so  sophisticated  as  those  requi¬ 
red  by  other  techniques 

On  the  contrary  dynamically  scaled  jettison  tests  presents  typical  disadvantages: 
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the  possibility  to  simulate  store  releases  only  at  straight  and  level  flight  conditions 

-  weapon  trajectories  are  often  relatively  short  in  duration  because  of  the  geometrical  interference  of 
wind  tunnel  walls 

-  the  difficulty  encountered  in  some  cases  in  manufacturing  dynamically  scaled  models  (expecially  those 
representing  low  density  stores)  which  implies  the  use  of  various  materials  to  respect  the  required  i- 
nertial  characteristics 

-  the  necessity  to  built  many  store  models,  being  thece  damaged  and  therefore  not  re-usable,  in  general, 
after  every  three  or  four  drops. 

3.4  -  Flight  trials 

3.4.1  Preflight  activity 

Before  armament  flight  trials  commence,  a  certain  amount  of  work  has  to  be  carried  out  on  ground  to  make 
the  acquisition  system  able  to  acquire  with  the  necessary  accuracy  all  the  trajectory  data  needed  to  pro 
perly  match  the  mathematical  model  results  to  flight  data.  This  work  is  illustrated  below. 

-  As  the  appraisal  of  the  store  trajectories  is  made  by  means  of  cameras  installed  in  the  aircraft  (fig. 

16  -  fuselage  fairings  and  camera  pods),  the  first  step  is  the  selection  of  the  cameras  to  be  used  f c r 
every  planned  drop.  The  selection  is  made  on  the  basis  of  the  camera  coverage,  which  should  be  at  least 
8  metres  of  vertical  trajectory,  taking  into  account  the  aircraft  configuration  (e.g.  wing  sweep),  the 
obscurations  which  may  occur  from  other  stores  and/or  pylons  and  the  expected  store  trajectory.  At 
least  two  cameras  are  needed,  to  allow  triangulation,  but  in  general  up  to  five  cameras  are  used  lor 
each  drop. 

-  Special  markers  have  to  be  painted,  at  suitable  positions  relative  to  the  cameras,  on  the  aircraft  fu¬ 
selage  and  pylons. 

The  X,  Y,  Z  coordinates  of  the  markers  have  then  to  be  accurately  measured,  as  they  will  be  used  as  fix¬ 
ed  reference  for  the  store  trajectory  analysis. 

-  In  the  case  of  a  forward  trajectory  (missile  firing  trajectory  analysis),  the  forward  looking  cameras 
have  to  be  "harmonized",  i.e.  the  camera  optical  axis  orientations  have  to  be  determined  using  a  beard 
with  markers  at  known  positions  in  respect  to  the  aircraft  axes  reference  system.  The  board  is  positio¬ 
ned  at  right  angles  to  the  aircraft  axis,  at  a  distance  from  the  cameras  of  about  30  metres. 

-  The  stores  should  have  a  special  painting,  to  ease  the  measurements  of  the  pitch,  yaw  and  roll  motions: 
special  markers  will  be  therefore  painted  at  every  30  deg.  around  the  store  circumference  at  relevant 
sections  (e.g.  centre  of  gravity).  The  coordinates  of  the  markers  have  to  be  measured. 

-  The  stores  to  be  dropped  must  have  the  weight,  centre  of  gravity  position  and  moments  of  inert  ia  deter¬ 
mined  . 

3.4.2  Flight  testing 

The  flight  trials,  for  each  external  store  configuration,  are  then  started,  at  the  test  conditions  predic¬ 
ted  by  means  of  the  mathematical  model,  to  be  significant  or  less  critical. 

After  flight  the  trajectory  data  are  analyzed  (fig.  17)  and  compared  to  the  predictions.  The  mathematical 
model  will  then  be  updated,  if  necessary,  so  that  an  agreement  is  obtained  between  experimental  and  theore¬ 
tical  results. 

The  flight  trials  then  progress,  with  a  matching  phase  at  every  step,  till  the  mathematical  model  is  confi¬ 
dently  validated. 

3.4.3  Postflight  ana  lysis 

The  store  trajectory  is  obtained  by  reading  out  the  camera  fi ims  from  a  Him  analyser  whose  output  is  proces¬ 
sed  through  a  computer  programme  (fig.  18).  Basically  two  programmes  are  currently  in  use  for  the  analysis, 
in  order  to  have  some  flexibility  depending  on  the  type  of  store  and  the  expected  trajectory. 

The  two  programmes  care  for  the  following  store  separations: 
a  -  vertical  separation  of  light  and  large  stores, 
b  -  vertical  separation  of  heavy  .tores  and  light/small  stores, 
c  -  horizontal  separation  (missiles  and  rockets). 

The  programme  for  the  separation  of  light  and  large  stores  (e.g.  empty  tanks)  works  on  the  concept  of  over- 
imposion  (form  fitting)  of  sequential  store  positions  in  the  space  (with  six  degrees  of  freedom):  it  compa¬ 
res  the  initial  position  of  the  store  with  those  resulting  during  separations,  and  the  accuracy ,  even  in 
the  case  of  large  lateral  movements  coupled  to  roll  motions,  isveryhigh. 

The  trajectories  produced  are  computed  individually  from  each  camera  (from  1  to  ■>)  and  then  compared;  the 
output  will  be  a  minimum  deviation  calculated  trajectory.  Each  individual  camera  trajectory  ran  also  ho 
printed  out  to  monitor  the  dispersion  and  hence  the  accuracy  of  the  analysis. 

The  other  programme  (fig.  19),  for  the  separation  or  heavy  stores  (e.g.  bombs),  light /small  stores  and  mis¬ 
siles  has  several  loops  for  computation;  it  is  based  on  a  t  ri.mgulatinns  concept  and  the  positions  of  each 
store  marker,  during  separation,  is  calculated  simultaneously  from  two  selected  cameras,  which  have  to  hr 
perfectly  syncronised  and  correlated.  The  motion  of  the  store  is  obtained  by  measuring  from  the  fi  lm  frame  the 
coordinates  or  3  store  markers;  the  markers  have  to  lie  the  same  Tor  both  cameras,  from  ground  harmonisa¬ 
tions,  the  coordinates  of  the  markers  are  known  in  I  tie  aircraft  axis  reference  system,  and  therefore  the  mo¬ 
tion  ran  be  referred  to  this  system.  This  process  requires  the  in-flight  harmonisation  of  the  two  cameras. 
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i.e.  the  alignement  of  the  cameras  in  respect  of  the  aircraft  axis  system:  tor  this  purpose  at  least  two 
aircraft  fuselage  markers  have  to  be  visible  from  both  cameras  (fig.  20). 

During  the  film  reading,  the  store  markers,  whose  coordinates  are  measured,  ran  be  changed  (this  is  obviou 
sly  necessary  in  presence  of  large  yaw  and  roll  motions),  provided  that  the  markers  are  always  the  same 
for  both  cameras. 

4.  GROUND/FLIGHT  TEST  RESULTS  CORRELATION 

The  ground/flight  test  results  correlation  is  presented  here  in  two  sections:  the  first  will  show  the  tech 
nique  to  match  the  theoretical  predicitions  to  the  experimental  results  from  both  wind  tunnel  and  flight 
trials;  the  second  section  will  present  a  case  history  to  demonstrate  how  that  technique  was  oapah.e  oi  »•— 
videnti a ting  the  characteristic  separation  behaviour  of  a  store  from  the  parent  aircraft  and  honor  to 
clear  the  separation  envelope. 

4.1  -  Matching  technique 

The  correlation  process  which  is  carried  out  after  every  in-f light  test  has  three  purposes: 

-  To  evidentiate,  on  the  basis  of  the  accurate  analysis  of  the  time-histories  of  the  six  motion  compo¬ 
nents,  the  peculiar  characteristics  of  the  store  separation  trajectories. 

-  To  correlate  those  characteristics  to  the  parameter:-  which  may  affect  them  (flight  conditions  at  relea¬ 
se,  store  aerodynamics,  ejection  force  etc.) 

To  update  accordingly  the  mathematical  model  input  data  in  order  to  duplicate  the  experimental  trajecto¬ 
ries. 

At  the  end  of  the  trials,  and  having  fulfilled  entirely  the  above  purposes,  beyond  the  validation  of  the 
mathematical  model  a  further  important  resul t  has  been  achieved,  i.e.  the  knowledge  of  the  "weight*’  of  each 
parameter  in  determining  the  store  separation  characteristics. 

The  matching  process  begins  with  the  re-computation  of  the  trajectory  theoretical  prediction,  but  with  the 
flight  conditions  corresponding  to  the  actual  experimental  release  conditions.  This  is  obviously  necessary 
as  in  fligth  the  release  conditions  may  slightly  differ  from  those  for  which  the  theoretical  prediction 
was  computed.  Though  little  changes  to  some  of  the  flight  test  conditions  (e.g.  -  5  t  10  KCAS,  -  2000  ft 
height)  do  not  produce  noticeable  effects  on  the  trajectories,  even  little  deviations  from  the  nominal  data 
of  other  flight  conditions  (e.g.  -  0.5  deg.  incidence  or  sideslip)  cannot  be  neglected  as  they  might  heavi 
ly  influence  the  store  trajectory. 

The  second  stop  of  the  matching  process  is  the  comparison  between  the  theoretical  predictions  and  the  expe¬ 
rimental  results.  The  comparison  is  made  at  the  same  time  over  the  store  six  motion  components  time  histo¬ 
ries,  as  in  greater  or  less  extent  there  is  always  a  connection  between  the  six  components. 

A  typical  example  of  this  behaviour  is  given  by  a  large  empty  external  fuel  tank  which,  because  of  a  great 
difference  between  lateral  and  pitch  stability  caused  by  the  asymmetry  of  the  tail  fins,  shows  a  nose  up 
tendency  when  rolled  of  about  90  degrees.  Another  typical  characteristic  of  the  motion  of  this  tank  is  that 
it  couples  an  inner  fin  down  rolling  movement  with  a  nose  out  yawing  rotation  and  vieeversa. 

Therefore,  when  analysing  the  differences  between  the  individual  theoretical  and  experimental  motion  compo¬ 
nents,  one  ought  to  be  very  cautious  and  able  to  put  in  evidence  those  independent  variables  on  which  the 
greatest  part  of  the  matching  process  is  centered.  In  the  typical  case  indicated  above  it  was  shown  that, 
by  matching  correctly  the  tank  roll  motion,  the  deviations  between  the  theoretical  and  the  experimental  re¬ 
sults  of  tank  pitch  attitude  and  of  vertical  displacement  were  largely  reduced.  It  is  clear  that  the  grea¬ 
test  care  should  be  applied  when  matching  t.hc  early  flight  test  results  as,  alter  having  gathered  confiden¬ 
ce  on  the  separation  characteristics  of  a  store  in  a  given  configuration  during  trials  progress,  the  mat¬ 
ching  process  becomes  generally  straight  forward. 

The  third  step  of  the  matching  process  consists  in  the  investigation  of  the  reasons  for  tin*  deviations  bet¬ 
ween  the  theoretical  and  experimental  six  motion  components,  i.e.  to  find  the  correlation  of  each  typical 
separation  trajectory  behaviour  with  one  or  more  mathematical  model  input  parameter.  As  every  individual 
effect  on  trajet.ory  may  be  apparently  produced  by  several  causes,  as  shown  in  fig.  21,  it  is  necessary  to 
proceed  during  this  phase  with  a  comparative  analysis  of  the  input  data  of  the  model  to  individuatr  the  pa¬ 
rameter,  or  sometimes  those  parameters,  which  really  determines  the  deviation. 

Also  in  this  phase  of  the  analysis  it  is  of  paramount  importance  to  examin  the  entire  trajectory  set  becau¬ 
se,  as  a  patternfnight.be  produced  by  different,  causes,  in  the  same  way  the  variation  of  a  given  input  para¬ 
meter  to  the  model  might  end  with  several  different  effects  on  as  much  different  motion  components;  it  i  *- 
therefore  necessary  to  correlate  the  deviations  between  theoretical  and  experimental  results  to  discrimina¬ 
te  the  one,  or  more,  input  data  responsible  for  the  deviation. 

A  further  rule  for  the  selection  of  the  input  parameters  to  be  changed  into  the  mathematical  model  is  based 
on  the  level  of  their  reliability,  i.e.  whether  they  have  been  valued  theoretically  on),  or  measured  expe¬ 
rimentally  (e.g.  during  wind  tunnel  and  pit  drop  tests)  and,  in  the  latter  case,  with  which  level  <>j  accu¬ 
racy  (number  of  tent  points  etc.).  Again  this  analysis  work  might  he  rather  extensive  in  t he  early  stage 
of  the  experimental  phase,  hut,  as  trials  progress,  even  towards,  the  critical  areas  <»t  the  flight  envelope 
where  the  effects  produced  by  the  different  input  data  are  more  remarkable,  t  tie  matching  activity  ami  tin- 
corresponding  updating  of  the  mathematical  model  become  straight  forward  and  less  difficult  because 
experience  gained  on  the  role  played  by  the  several  input  parameters.. 

i 
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4.2  -  A  typical  case  history 

The  value  of  using  the  matching  process  and  a  wide  range  of  information  inputs  to  the  mathematical  model 
can  best  ho  demonstrated  by  describing  a  typical  case  history  for  a  practice  weapon  dispenser.  'Hie  reason 
for  which  this  store  has  been  selected  among  the  many  that  have  been  cleared  for  the  TORNADO  aircraft,  is 
that  the  dispenser  has  shown  to  be  critical  and  has  required  a  relevant  matching  activity. 

It  would  be  little  significant  to  present  a  case  history  for  a  body  non-critical  from  a  separation  point 
of  view  (and  fortunately  most  of  stores  were  tion-cri t ical , ,  us  the  relation  between  theoretical  prediction 
activity  and  envelope  clearance  is  purely  a  straight  forward  matching  activity  because  of  the  good  agree¬ 
ment  between  predicted  and  experimental  trajectories. 

The  practice  weapon  dispenser,  i  .  spite  of  the  limited  required  jettison  envelope,  was  a  rather  difficult 
body  to  be  cleared  for  separation  because  of  the  following  reasons: 

-  it  had  to  be  cleared  with  different  practice  bomb  loading  configurations,  including  the  asymmetric  ones. 

-  in  some  of  above  configurations  it  is  a  Low  density  store  with  a  tendency  to  float  in  the  air 
in  some  attitude  ranges  the  dispenser  becomes  aerodynamical ly  unstable  being  without  tail  fins 

-  the  dispenser  longitudinal  centre  of  gravity  position  in  respect  to  the  ejection  release  unit  centro-li 
ne  does  not  permit  to  achieve  the  necessary  nose  down  pitching  moment . 

In  addition,  the  theoretical  prediction  itself  was  made  more  difficult  because  of  the  lack  of  some  input 
data  as: 

store  instal led/t rajectory  loads; 

-  store  aerodynamic  damping  derivatives; 

-  ejection  release  thrust,  reduction  duo  to  wing  and  pylon  .'lex  i  bi  1  i  t  y ; 

-  actual  data  on  ERU  performance  when  asymmetric  throttle  setting  is  applied  (for  the  dispenser  the  nomi¬ 
nal  thrust  was  100%  for  the  forward  ERU  gun  and  2C%  for  the  rear  one); 

-  the  limited  range  of  attitudes  ( ♦  60  ^  CX  ^  -  60  deg,  +  30  *£  13  *5  -  30  dog)  for  which  the  store 

free  air  aerodynamics  were  measured.  In  general  this  range  of  attitueds  is  adequate  to  cover  all  attitu 
des  of  a  store  along  its  trajectory,  but  not  for  the  dispenser  which,  being  aerodynamical ly  unstable, 
separates  from  the  aircraft  rolling  mainly  in  the  longitudinal  plane. 

Having  therefore  estimated  theoretically  the  missing  input  data  for  the  mathematical  model,  the  safe  sepa¬ 
ration  envelope  of  the  dispenser  was  predicted.  Already  from  the  preliminary  prediction  work  it  became 
clear  the  need  to  change  the  throttle  setting  of  the  ejection  release  init,  that  was  originally  planned  to 
be  full  thrust,  to  improve  the  separation  characteristics  of  the  dispenser  in  some  loading  ronf igurai ions 
(i.e.  empty  or  with  two  forward  practice  bombs,  with  the  consequent  advance  of  centre  of  gravity  in  respect 
of  the  ejection  release  unic  centre-line  which  produced  the  dispenser  nose  up  pitching  moment  at  release 

-  see  fig.  22) . 

A  parametric  study  indicated  that,  by  applying  an  asymmetric  ejection  thrust  (100%.  forward  and  20%  rear), 
the  separation  characteristics  for  the  above  loading  configurations  were  largely  improved  (fig.  23  i ,  hut 
with  detrimental  effects,  when  the  dispenser  was  loaded  with  only  two  rear  practice  bombs:  in  this  case 
the  dispenser  afterbody  showed  a  tendency  "to  lean"  on  the  aircraft  pylon,  obviously  because  of  the  grea¬ 
ter  pitch  down  moment,  produced  by  the  ejection  release  unit  in  addition  to  that,  one  developed  because  of 
the  dispenser  rear  centre  of  gravity  position. 

Several  proposals  were  made  to  overcome  the  problem,  as: 

to  find  an  average  throttle  setting  suitable  for  the  different  loading  configurations 
to  fit  a  rubber  fairing  to  the  rear  end  of  the  dispenser. 

At.  the  end,  the  Customer  recognized  that  the  <  **,orgcney  jettison  of  the  dispenser  with  t  wo  rear  bombs  repre 
sented  only  a  consecutive  double  failure  case  and  the  requisite  to  clear  that  particular  loading  configura 
tion  was  dropped. 

The  results  obtained  with  the  dynamically  scaled  jettison  tests  had  confirmed,  in  general,  the  theoretical 
predictions  both  with  regard  to  the  safe  separation  envelope  and  to  the  need  of  an  asymmetric  throttle  set 
ting  (compare  fig.  23  with  24). 

The  analysis  of  the  deviations  between  theoretical  and  experimental  trajectories  further  revealed  some  in¬ 
formation  on  the  mutual  aerodynamic  interference  between  the  dispenser  and  the  aircraft  thus  allowing  the 
updating  of  the  mathematical  model  input  data.  No  data  was,  in  the  other  hand,  achievable  on  the  actual 
ERU  performance  with  asymmetric  throttle  setting  .arid  on  the  effect  of  flexibility  of  the  wing/pylnn  si  me 
t.uro  as  they  are  input  data  for  the  wind  tunnel  jettison  tests. 

Having  the  Customer  dropped  the  requirement  for  the  dispenser  side  rocket  panniers,  the  mathematical  model 
had  to  be  set  up  again  in  relation  to  the  store  aerodynamic:?  and  a  new  safe  separation  envelope  had  to  be 
recalculated.  The  results  which  have  been  obtained  revealed  an  improvement  of  the  separation  characteri¬ 
stics  of  the  dispenser  for  all  practice  bomb  loading  configurations,  because  of  t  lie  reduced  lifting  area. 
Similarly  to  the  previous  tests,  from  the  analysis  of  the  results  of  the  dynamically  scaled  jettison 
tests,  in  agreement  with  the  theoretical  predictions,  some  useful l  data  on  store  and  aircraft  mutual  inter 
feronce  have  been  derived  to  update  the  mathematical  model.  At  the  end  of  the  process,  the  most  reliable 
model  has  become  available  and  it  has  been  possible  to  conform  the  relevant  flight  test  programme  by  se¬ 
lecting  key  tests  points  in  the  significant  areas  of  the  jettison  envelope  and  some  loading  configurations, 
starting  of  course  from  those  predicted  to  be  less  critical. 

As  flight,  trials  progressed,  the  comparison  between  heoretjcal  and  experimental  trajectories  evident i at ed 
the  need  to  modify  same  of  the  mathematical  model  input  data  to  achieve  a  good  agreement  between  the  tra¬ 
jectories.  At,  first,  it  became  clearly  evident  that  the  ERU  ejection  forcer,  were  higher  than  expected,  due 
to  the  excessive  reduction  to  the  nominal  thrust  envisaged  to  take  into  account  the  wing,  and  pylon  flexihi 
l i t  y  which  in  turn  was  lower  than  expected.  An  early  sign  of  this  problem  had  in  fact  already  been  given 
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from  the  previous  trials  on  other  stores  and  because  of  this,  the  ejection  force  input  data  had  to  be  in¬ 
creased,  almost  zeroing  the  reduction  estimated  for  the  flexibility.  In  the  practice  weapon  dispenser*  ca¬ 
se  this  reduction  had  to  be  almost  totally  neglected  because  of  the  low  mass  of  the  store. 

A  further  source  of  problems  came  from  the  selection  of  differential  throttle  settings  due  to  the  non-1 i 
nearity  between  ejection  release  forces  and  throttle  size. 

The  analysis  of  the  flight  trial  results  also  provided  some  indications  on  the  mutual  aerodynamic  inter!'*- 
rence  between  the  dispenser  and  the  parent  aircraft,  and  on  the  modifications  to  be  applied  to  the  esMma 
ted  damping  derivatives,  which  allowed  for  a  further  updating  of  the  mathematical  model. 

The  preliminary  flight  trial  results  also  put  in  evidence  the  poor  reliability  of  the  store  free  air  aero 

dynamic  data  fed  into  the  mathematical  model,  which  where  measured  in  a  relatively  limited  (X  and  0  range 

and  than  theoretically  extrapolated.  The  evidence  of  this  problem  came  out  from  the  difficulty  to  match 

the  experimental  trajectory  trend  and  in  particular  the  vertical  displacement  and  the  pioth  attitude  so 

that.,  for  example,  the  typical  rotation  in  the  longitudinal  plane  could  not  be  the  'ret ical ly  reproduced 

(fig.  25).  This  behaviour  was  not  revealed  by  me  dynamically  scaled  jettison  tests  because  of  the  relatj 

vely  short  duration  of  the  trajectories.  For  this  reason  the  dispenser  free  air  aerodynamics  has  been  fur 

+ 

ther  measured  for  an  <x  traverse  of  ^60°and  R  traverse  of  -  90°.  Having  updated  the  model  with  the  now 
store  aerodynamics  a  good  matching  was  finally  achieved  (compare  fig.  25  with  fig.  26)  thus  allowing  the 
extrapolation  of  the  flight  tested  jettison  envelope  to  clear  the  required  dispenser  jettison  zone  of  ope 
ration,  with  an  adequate  level  of  reliability  and  with  a  sufficient  set  of  data  to  cover  the  tolerance  ca 
ses . 


5.  CONCLUSIONS 

From  the  discussions  and  the  case  history  presented  above  it  appears  convenient  to  integrate  theoretical 
and  experimental  work  in  the  exercise  of  clearing  the  safe  separation  of  a  large  range  of  external  stores 
from  the  parent  aircraft.  The  achievement  of  the  theoretical  and  experimental  joint  work  will  be,  besides 
the  saving  in  terms  of  number  of  flights  and  time  to  provide  the  clearance,  a  thorough  knowledge  of  the 
various  items  governing  the  separation  pattern  of  different  stores  and  from  that  the  background  for  fur¬ 
ther  developments. 
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HELICOPTER  AIR  INLETS  : 

DESIGN  PROCESS,  WIND  TUNNEL  TESTING  AND  CORRELATIONS  WITH  FLIGHT  DATA 


by 

F.  TOULMAY 

AEROSPATIALE  (FRANCE) 


ABSTRACT 

The  increasing  demand  for  fuel  efficient,  high  speed  helicopters  has  triggered  considerable  research  on  engine  air  inlet  design  in 
the  past  five  years  at  AEROSPATIALE  .  Wind  tunnel  testing  was  found  to  be  the  most  flexible  and  powerful  too)  in  the  long 
iterative  process  that  leads  from  the  very  first  project  drawings  to  certification. 

This  paper  emphasizes  major  inlet  design  problems  and  ways  of  solving  them  through  down-scaled  models  : 

-  ressure  loss 

-  ynamic  pressure  recovery 

-  i  ressure  distortion 

-  hot  air  re-ingestion 

compatibility  with  FOD,  sand  and  icing  protection 

-  external  drag 

-  constraints  due  to  engine  and/or  aircraft  architecture. 

Indications  are  given  concerning  the  selection  of  model  parameters,  test  procedure  and  real-time  processing.  Pending  or  unsolved 
questions  are  be  mentioned  along  with  future  developments. 


ENTREES  D’AIR  D'HELICOPTERES  : 

CONCEPTION,  ESS  A  IS  EN  SOUFFLERIE,  CORRELATIONS  AVEC  LES  RESULT  ATS  DE  VOL 

par 

F.  TOULMAY 

AEROSPATIALE  (FRANCE) 


RESUME 

La  demande  croissante  pour  des  heiicopteres  rapides  et  consommant  peu  a  dccienche  un  important  effort  de  recherche  sur 
les  entries  d’air  depuis  cinq  ans.  Les  essais  en  soufflerie  sont  consideres  comme  I’outil.  le  plus  souple  et  le  plus  puissant  dans 
le  long  processus  iteratif  qui  conduit  de  1’avant-projet  k  la  certification. 

Cet  article  insiste  sur  les  probtemes  majeurs  de  conception  et  les  moyens  de  les  rtsoudre  k  l’aide  de  maquette  a  dchelle  rfduite  : 

-  pertes  de  charge 

-  recuperation  de  pression  dynamique 

-  distorsion  de  pression 

-  reingestion  d’air  chaud 

-  compatibilite  avec  les  protections  contre  les  corps  etrangers,  le  sable,  le  givre 

-  trainee 

-  contraintes  d’architccture  du  moteur  et/ou  de  l’appareil. 


Des  indications  sont  foumies  concemant  le  choix  des  parametres  de  la  maquette.  la  conduitc  d’essai  et  le  depouillement  en  temps 
reel.  Les  probiemes  non  resolus  sont  mentionnes,  ainsi  que  les  developpements  envisages. 
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J.  INTRODUCTION 

Au  debut  de  la  courte  histoire  des  helicopteres,  les  entrees  d'air  des  moteurs  ne  faisaient  pas  I’objet  de  beaueoup  d’attention  dans 
les  bureaux  d’etude.  Ceci  tenait  a  deux  raisons  :  d’une  part,  tous  les  efforts  etaient  focalises  sur  les  problemes  crueiaux  propres  a 
ee  type  d’apparei!  (endurance  des  pieces  mecaniques,  vibrations,  pilotage  du  rotor)  ;  d'autre  part,  lea  moteurs  a  pistons,  alors 
utilises  exclusivement,  necessitaient  des  debits  d’air  faibles  et  montraient  une  tolerance  relativeinent  grande  aux  mauvaises 
conditions  d’alimentation.  Aucun  probletne  de  fonctionnement  comparable  au  pompage  n’etait  a  craindre  el  1’influence  des  pertes 
de  charge  sur  la  puissance  delivree  restait  liniitee. 

Avec  (’introduction  des  turbines  ( 1 05 S  -  Alouette  II),  certaines  precautions  elementaires  devinrent  necessaires  afin  d’assurer  le 
fonctionnement  correct  des  compresseurs  :  adapter  un  pavilion  d’entrce  pour  reduire  les  pertes  de  charge  et  evitcr  les  decollements 
s’assurer  que  les  gaz  d’echappement  ne  sont  pas  reingeres  par  le  inoteur.  C'es  precautions  etant  prises,  le  fonctionnement  etait 
assure.  Les  performances  en  vol  de  translation  restaient  cependant  mediocres.  Le  jeu  de  la  concurrence  a  alors  pousse  les  fahricants 
a  ameliorer  les  perfonnances  de  leurs  helicopteres  :  les  vitesscs  de  croisiere  passerent  progressiverient  de  80  a  140  noeuds. 

A  forte  vitesse,  les  entrees  d’air  simples  qui  donnaient  jusqu’alors  satisfaction  comincnqerent  a  creer  des  problemes  de  pompage. 
Ceux-ci  etaient  d’autant  plus  &  craindre  que  les  marges  au  pompage  des  moteurs  avaicnt  parfois  tendance  a  diminuer.  du  fait  de  la 
recherche  de  consommations  specifiques  plus  faibles. 

Avec  I’augmentation  brutale  du  prix  du  petrole,  I’objectif  d’economie  sur  le  carburant  s’imposa  egalement  pour  1’helicoptere  lui- 
meme  (ref.  I  et  2).  Tandis  que  Ton  s’efforcait  d’atneliorer  I’aerodynamique  des  rotors  et  des  fuselages,  il  devint  Evident  que  des 
gains  importants  pouvaient  aussi  etre  obtenus  par  (’amelioration  des  entrees  d’air.  A  I’AEROSPATIALE,  un  effort  de  recherche 
lance  en  1977  s'est  poursuivi  jusqu’i  cc  jour,  apportant  des  resultats  tres  significatifs.  Parmi  les  moyens  mis  en  oeuvre,  la  soufflerie 
de  Marignane  integree  au  Bureau  d’Etude  offrait  une  souplesse  d’emploi  qui  en  a  fait  un  instrument  privilegie  . 

Parallelement  i  la  recherche  proprement  dite  et  grace  a  celle-ci,  une  methodologie  ntoderne  de  conception  et  d’essai  vit  le  jour  et 
s’insera  au  fur  et  a  mesure  des  progres  enregistres  dans  le  cycle  normal  de  dcveloppement  des  appareils.  Mais  le  temps  etant  un 
element  determinant  pour  la  reussitc  d’un  programme,  il  fallait  d’urgence  ameliorer  la  conduite  d'essai  afin  de  respecter  les  delais 
imposes  tout  en  minintisant  les  risques  d Ychec.  L’automatisation  des  essais  et  du  depouillement  a  pennis  d’approcher  cc  but.  si 
bien  qu'en  retour,  la  taehe  du  personnel  des  essais  en  vol  a  ete  considerablement  allegee  :  la  mise  au  point  en  vol,  entpirique, 
couteuse  parfois  fort  longue,  a  pu  etre  evitee  pour  plusieurs  appareils  recents.  Le  travail  effectue  en  vol  s’est  limite  a  un  simple 
controle  de  eonformite  aux  normcs  du  manuel  d’instailation  du  moteur.  Les  essais  de  soufflerie,  effectues  sur  maquette  a  echeile 
reduite,  done  peu  couteux  ont,  de  meme.  pennis  d'eviter  le  recours  a  un  bon  nontbre  d’essais  au  sol  elassiques.  C'est  seulement 
lorsque  la  realisation  technologique  des  pieces  (etancheite  des  joints,  par  exemple)  pose  des  problemes  que  les  essais  sol  sont 
strictement  indispensables  et  c’est  Id  l’occasion  de  pratiquer  des  correlations  interessantes. 

Cet  expose  a  pour  but  de  decrire  I’cnsemble  des  methodes  utilisees  i  I’AEROSPATIALE  dans  la  conception  et  la  mise  au  point  en 
soufflerie  des  entrees  d’air  d ’helicopteres. 


2.  HISTORIQUE 

L'originalite  et  I’avantage  determinant  de  I’helicoptere  par  rapport  aux  autres  aerodynes  resident  dans  son  aptitude  au  vol  station- 
naire.  Pour  profiter  de  cette  caracteristique  unique,  les  premiers  utilisateurs  (seeours  en  liter,  en  montagne,  police,  transport  de 
troupes)  s’accomodercnt  de  perfonnances  modestes  en  vol  de  translation.  Les  missions  s’cffectuaient  sur  de  courtes  distances  si 
bien  que  le  but  dans  I’etudc  des  appareils  de  cette  epoque  etait  essentiellement  d’augmenter  la  charge  payante  decollable  afin  de 
rentabiliser  le  cout  enornte  represent^  par  I'achat  et  la  maintenance  de  ee  materiel.  On  gagnait  de  la  masse  en  eliminant  tout 
earenage,  ce  qui  n'avait  guere  de  consequences  sur  la  vitesse.  laquelle  etait  plutot  limitee  par  les  vibrations  et  la  mecanique  du 
rotor. 

Dans  ce  contexte.  les  entrees  d'air  devaient  etre  adaptees  au  vol  stationnaire,  et  rester  legcres.  Les  premiers  appareils  (Djinn.  Alouette 
II  et  III)  furent  dotes  d’un  simple  pavilion  en  tolc  (Fig.  1 )  dont  le  fonctionnement  est  parfait  en  vol  stationnaire  :  (’acceleration 
progressive  de  I’air  grace  i  un  rapport  R/D  tres  grand  (wll  rc'duit  les  pertes  par  frottement  a  une  valeur  tellement  faible  (<  1  mb) 
que  les  performances  du  moteur  ne  sont  pas  sensiblement  modifiees  par  rapport  au  fonctionnement  au  banc  d’essai.  En  translation. 
I’ecoulement  dans  tel  pavilion  se  degrade  considerablement  mais  les  consequences  etaient  limitees  par  la  faible  vitesse  de  croisiere 
tie  ces  appareils. 

Sur  les  appareils  plus  lourds  (exemple  :  Puma),  l’architecture  generalc  facilite  naturcllement  la  conception  des  entrees  d’air  :  les 
moteurs  situes  devant  la  BTP  *  permettent  de  placer  les  entrees  &  I'avant  du  fuselage  (Fig.  2).  Elies  sont  bien  orientees.  degagecs 
de  tout  sillage,  et  les  pavilions  se  raccordent  sans  discontinuite  au  profil  des  capotages  C.TM  *.  Dans  ces  conditions,  I’alimentation 
des  moteurs  est  quasiment  parfaite  aussi  bien  en  translation  qu'en  vol  stationnaire.  Toutcfois.  la  trainee  aerodynamique  peut  vaner 
tres  sensiblement  suivant  le  soin  apporte  .1  la  forme  du  raccord  entree  d’air  -  capot.  La  reingestion  de  gaz  chauds  qui  parait 
intuitivement  improbable  etant  donne  la  position  avanc6c  des  entrees,  peut.  paradoxalement.  creer  des  problemes  sous  1’effet  du 
champ  des  vitesses  induites  par  le  rotor  en  effet  de  sol.  Ce  phenomene  identifie  sur  le  Super-Puma,  a  egalement  ete  signale  par 
d’autres  heiicopteristes  dans  des  cas  analogues  (Ref.  3,  4,  5). 


*  Bofte  de  Transmission  Principale 
£  Groupe  Turbo-Moteur 
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V 


Plus  ricemment,  une  nouvelle  generation  de  petits  appareils  (Ecureuil  -  Astar)  a  vu  le  jour,  pour  lesquels  I’analyse  de  la  valeur 
(design  to  cost)  fut  appliquie  avec  rigueur.  Le  moteur  etant  place  4  I’arriire,  I'entree  est  constituie  par  une  simple  decoupe  rectan- 
gulaire  dans  la  face  superieure  du  capot  derriire  le  mat  rotor.  Cette  decoupe  vient  se  raccorder  au  conduit  d’amenee  du  moteur  lors 
de  la  fermeture  du  capot.  La  surface  de  cette  entree  est  choisie  suffisamment  large  pour  que  les  decollements  prenant  naissance  sur 
les  aretes  vives  soient  rapidement  elimines  par  le  gradient  de  vitesse  positif  dans  le  conduit  (Fig.  3a).  Ce  dessin,  satisfaisant  en  vol 
stationnaire,  conduit  4  un  type  d’ecoulement  tris  defavorable  en  translation.  Une  large  zone  dicollie  obstrue  les  2/3  de  I’entree  en 
translation  rapide,  avec  des  pertes  de  charge  et  des  fluctuations  de  pression  importantes.  A  ce  probleme  s’ajoute  la  reingestion  d’air 
chaud  du  compartiment  BTP  qui  s’echappe  par  la  large  ouverture  autour  du  mat  et  de'  Melles  de  commande.  Les  moteurs  des  deux 
versions  ( Arriel  1 A  et  LTS  1 0 1 .600)  disposent  de  marges  suffisantes  pour  accepter  ces  conditions  de  fonctionnement  mediocres  au 
prix  toutefois  de  pertes  d’avionnage  importantes. 

Un  appareil  bimoteur  (Twinstar  SA  355)  a  iti  derive  de  cette  famille.  L’augmentation  de  consommation  resultant  de  la  configu¬ 
ration  bimoteur  est  partiellement  compensee  par  la  reduction  des  pertes  d’entree  en  vol  de  translation,  ceci  dans  le  but  de  sauve- 
garder  un  rayon  d’action  suffisant.  A  cette  fin,  les  entrees  sont  montees  latiralement  (Fig.  4),  hors  des  perturbations  du  mat  rotor 
et  orientees  vers  I’avant.  Le  flux  d’air  chaud  issu  des  radiateurs  d’huile  est  ejects  4  I’arriere. 

Pour  les  appareils  de  taille  moyenne  (3000  4  4000  kg  de  masse  maximale  au  dicollage ),  les  exigences  du  marche  civil  ont  pousse 
I’AEROSPATIALE  4  rechercher  le  meilleur  compromis  entre  les  objectifs  de  rapidite,  grande  distance  franchissable  et  economie  de 
carburant.  Ces  objectifs  exigent  un  fonctionnement  d’entrie  d’air  optimise  pour  le  vol  de  croisiere.  Dans  ce  but,  les  entrees  du 
Dauphin  365  N  (Fig.  5)  sont  placees  a  l’avant  des  capotages  et  reliees  aux  moteurs  situes  derriere  la  BTP  par  des  conduits  longs 
d’un  metre  environ.  La  perte  de  charge  propre  aux  conduits  est  compensee  par  l’absence  de  sillage.  de  couche  limite  et  de  recircula¬ 
tion  de  gaz  chauds.  Ce  concept  s’est  revile  globalement  plus  performant  que  celui  du  Dauphin  365  C,  version  antirieure  dont  les 
entries  d’air  dites  «statiques»  affleurent  le  profil  du  capot  derriire  le  mat  rotor. 

Enfin.  il  convient  de  rappeler  que  les  hilicopteres  volent  friquemment  dans  des  conditions  d’environnement  tres  severes  telles  que  : 

-  vol  4  basse  altitude  avec  risque  d ’ingestion  d’oiseaux 
atmosphere  givrante 

-  atmosphere  chargie  de  sable  ou  poussiere. 

Tres  tot,  s’est  imposie  la  nicessiti  de  protiger  les  moteurs  par  des  dispositifs  appropriis  :  grilles  sur  les  appareils  au  standard  sirie 
et  filtres  anti-sables  sur  option.  L’adaptation  des  filtres  anti-sable  ,  en  particular,  ginire  des  contraintes  supplimentaires  sur  la 
conception  de  la  cellule  de  base.  Leur  mise  au  point  souleva  des  problemes  sur  de  nombreux  appareils  du  fait  de  pertes  de  charge 
aux  consiquences  indisirables  sur  les  performances,  et  surtout  de  la  difficulti  d’obtenir  une  efficacite  de  filtrage  suffisante. 


3.  CONCEPTION 
3.1.  Section  d’entrie 

Comme  illustre  pricidemment,  le  choix  d’une  configuration  d’entrie  d’air  relive  d’un  compromis  entre  de  nombreux  facteurs 
dont  certains  sortent  des  compitences  de  l’aerodynamicien  : 

-  itendue  du  domaine  de  vol  (vitesse) 

-  qualitis  dominantes  rccherchies 

-  architecture  de  l’hilicoptere 

-  architecture  du  moteur. 

Ce  choix  itant  effectui,  I’airodynamicien  a  pour  mission  d’optimiser  le  fonctionnement  en  pricisant  les  paramitres  giometriques: 
surface  de  1’entrie,  forme  des  livres,  giomitrie  du  conduit . 

Deux  cas  sont  4  distinguer  : 

-  le  plan  d’entrie  du  conduit  est  parallele  4  la  direction  ginirale  de  I’icoulement.  on  parle  alors  d’entrie  d’air  «statique» 

-  il  fait  face  4  l’icoulement,  on  parle  alors  d’entrie  d’air  «dynamique». 

Les  appareils  les  plus  ricents  itant  tous  iquipis  d’entries  dynamiques,  les  mithodes  dicrites  dans  la  suite  s’appliquent  dirccte- 
ment  4  celles-ci,  toutefois  elles  pourraient  facilement  etre  adapties  aux  entries  statiques. 

En  vol  stationnaire.  Fair  brassi  par  le  rotor  est  animi  d’une  vitesse  qui  peut  toujours  etre  considirie  comme  nigligeable  par 
rapport  4  la  vitesse  de  I’icoulement  dans  I’entrie.  L’air  est  aspird.  dans  toutes  les  directions,  par  1’entrie  d’air  comme  par  un 
puits,  si  bien  que  la  vitesse  ne  s’accroft  notablement  qu’au  voisinage  immidiat  de  celle-ci.  (Fig.  6a). 

Les  lignes  de  courant  provenant  de  I'avant  aboutissent  au  centre  de  l’entrie.  avec  une  acciliration  uniforme  de  Fair  de  V  =  0  a 
V  =  V  j.  Celles  provenant  de  I’arriire  aboutissent  pris  des  parois  en  suivant  leur  courbure.  L’accildration  centripite  due  4  la 
courbure  est  obtenue  grace  4  une  dipression,  done  4  une  acciliration  autour  des  livres.  jusqu’4  une  certaine  vitesse 
Le  ralentissement  de  4  V  |  s’accompagne  d’une  recompression  qui  peut  conduire  4  un  dicollement  si  le  gradient  de  pression 
est  trop  fort.  La  survitesse  /  V j  est  d’autant  plus  riduite  que  le  rapport  e/h  est  plus  grand.  Le  dicollement  peut  done  itre 
iviti  en  augmentant  I’ipaisseur  relative  des  livres.  De  plus,  la  forme  des  livres  influe  igalcment  sur  la  vitesse  maximaie  et 
sur  le  gradient.  Pour  une  meme  ipaisseur,  certains  profils  donnent  une  pointe  de  vitesse  importante  sur  une  courte 


23-4 

distance,  tandis  que  d’autres  donnent  une  vitesse  Vy  plus  faible  sur  une  distance  plus  longue  avec  une  recompression  egalement 
plus  douce.  Ce  dernier  cas  est  preferable  afin  d'e viter  !e  decollement. 

En  vol  de  translation,  le  chani|fde  vitesse  autour  de  1’entree  d’air  est  determini  par  la  valeur  du  coefficient  de  debit  : 

Ao  Q  V , 

— — — —  fe--  -  en  ecoulement  incompressible) 

A,  e0v0A,  v0 


A  faible  vitesse,  £  est  grand  et  le  point  d’arret  se  situe  sur  la  partie  exterieure  de  la  levre  coinme  en  vol  stationnaire,  une  sur- 
vitesse  apparaft  4  I’interieur.  A  grande  vitesse,  £  diminue  et  le  point  d’arret  se  situe  sur  la  partie  interieure  de  la  levre.  Une  sur- 
vitesse  apparaft  cette  fois  sur  la  partie  exterieure.  Le  decollement  qui  peut  survenir  dans  ce  cas  n’affecte  pas  le  moteur,  mats 
augmente  la  trafnee  parasite  du  fuselage.  L’optimum  consistent  a  choisir  A  j  de  telle  faqon  que  £  =  I  a  la  vitesse  de  croisiere. 
Toutefois,  avee  la  vitesse  elevee  des  appareils  actuels.  ce  calcul  conduit  4  une  surface  A  j  faible,  ce  qui  augmenterait  excessivement 
les  pertes  de  charge  en  vol  stationnaire.  Le  compromis  actuellemen!  en  usage  consisle  4  choisir  A|  de  telle  sorte  que  C  =  0,8. 

Pour  le  dessin  de  projet  d’une  nouvelle  entree  d’air,  nous  utilisons  une  methode  de  calcul  par  transformation  conforme  (methode 
de  I’hodographc-  Ref.  6)  qui  permet  de  specifier  (’evolution  du  vecteur  vitesse  le  long  des  parois  et  foumit  la  forme  de  la  levre. 
Cette  methode  bi-dimensionnelle  (2D)  en  ecoulement  plan,  necessite  une  interpretation  delicate  des  donnees  et  des  resultats  car 
I’ecoulement  reel  est  toujours  fortement  tri-dimensionnel. 

Diverses  mdthodes  directes  3D  et  2D  -  axisymetriques  permettent  de  verifier  que  le  dessin  choisi  ne  conduit  pas  a  une  survitesse 
excessive.  Le  critere  utilise  est  le  suivant  : 


pas  de  risque  de  decollement 


risque  de  decollement.  Investigations  supplementaires  necessaires 


decollement  quasi-certain.  Modifications  du  dessin  necessaires 


Un  calcul  couple  de  couche  limite  3D  permettra  d’affiner  considerablement  la  prediction  des  decollenrents.  des  qu’une  telle 
methode  se  sera  montrecsuffisanrment  souplc  pour  une  utilisation  operationnelle. 


3.2.  Conduit 

Le  dessin  du  conduit  depend  de  la  position  relative  de  l'entrec  et  du  plan  de  raccordement  au  moteur,  de  l’orientation  de  ces 
deux  sections  et  de  leurs  surfaces.  L'architecture  moteur  peut  conduire  4  deux  cas  tres  different*  (Fig.  7). 

Si  le  compresseur  est  situ*  4  I'avant  du  moteur,  1’arrivee  de  fair  est  axiale  et  le  diametre  de  fextremite  du  conduit  correspond  au 
diametre  du  premier  etage.  Cette  section  As,  toujours  plus  reduite  que  Aj  permet  4  I’ecoulement  d’accelerer  dans  le  conduit. 

Le  gradient  de  pression  negatif  qui  en  resulte  evjte  tout  decollement  et  amortit  considerablement  les  perturbations  presentes  a 
l’entree.  Pour  reduire  les  pertes  de  charge,  il  est  possible  de  garder  une  section  constante  et  egale  4  A]  sur  la  plus  grande  partie 
du  conduit,  et  de  reduire  rapidement  la  section  de  Aj  4  A->  sur  une  courte  distance  devant  le  compresseur  (Fig.  8).  Le  desaligne- 
ment  des  extrdmitds  du  conduit  et  I’encombrement  des  organes  mecaniques  obligent  souvent  4  courber  son  profil  mais  cela 
n’entrafne  pas  d’inconv6nient  tant  que  la  section  est  constante  ou  convergentc  et  que  le  rapport  R/D  est  supCricur  4  2  (Fig.  9). 

Si  le  compresseur  n’est  pas  situ£  4  I’avant  du  moteur.  l’alimentation  ne  peut  etre  que  radiale.  L’air  est  puise  dans  une  chambre 
qui  entoure  le  carter  d’entrce.  Plus  le  volume  de  cette  chambre  est  important,  plus  I'alimentation  a  des  chances  de  se  repartir 
uniformement  4  l’entrec  du  carter.  Encore  faut-il  pour  cela  que  la  vitesse  4  I’entree  de  cette  chambre  soil  suffisamment  faible. 
Le  motoriste  propose  done  gdneralement  une  section  Aj  tres  large  et  orient^e  perpcndiculairement  4  I’axe  de  rotation  du 
compresseur.  (Fig.  10).  Le  conduit  reliant  A|  4  A->  sera  done  divergent  et  comportera  un  coude  4  90°.  L'encombrement  de 
ce  coude  devra  la  plupart  du  temps  etre  rcduit  au  minimum,  ce  qui  necessite  un  rayon  de  courbure  tres  faible  (R/D  de  I’ordre 
de  1 ).  Dans  un  coude.  si  prononcc,  revolution  des  sections  ne  peut  en  aucun  cas  etre  divergente.  On  retrouve  done  4  l’entree 
du  coude  une  section  A’2  superieure  ou  egale  4  A2.  Entre  I’entree  A|  et  le  coude  At  .  revolution  des  sections  diverge.  Ceci 
favorise  de  faibles  pertes  de  charge  mais  destabilise  ('ecoulement.  Pour  un  divergent  rectiligne  dont  la  forme  des  sections 
dvolue  peu,  I’angle  de  divergence  moyen  : 


ne  devra  pas  exceder  6  4  7°.  Si  les  donnees  A  j  ,  A,  ,  L  conduisent  4  une  valeur  de  cX  ^  superieure  4  7°.  on  peut  envisager  les 
actions  suivantes  : 


1)  augmenter  la  longueur  L  en  avangant  le  plan  d’entree  Aj 

2)  choisir  une  surface  Aj  plus  grande  en  enfreignant  la  regie  du  E  =  0,8. 
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La  premiere  solution  implique  une  augmentation  de  masse  et  de  complexity  technique,  la  seconde  a  1’avantage  de  reduire  les 
pertes  de  charges  mais  conduit  k  epaissir  fortement  les  levres  pour  eviter  un  decolletnent  exteme  en  vol  de  translation  et  (’aug¬ 
mentation  de  trainee  qui  lui  est  liee 

Si  de  plus,  les  extremites  du  conduit  ne  sont  pas  alignees  ou  si  la  forme  des  sections  evolue  fortement.  Tangled  5  maximum 
devra  etre  nettement  inferieur  a  6°,  ce  qui  complique  encore  la  decision  de  I’aerodynamicien.  Dans  ce  cas.  le  recours  a  des 
essais  au  sol,  ou  en  soufflerie  devient  iniperutif  avant  de  figer  les  plans  de  definition  de  I’appareil.  En  effet,  aucune  methode  de 
prevision  n’est  aujourd'hui  suffisamment  sure  pour  s'en  dispenser. 


4.  ESSAIS  EN  SOUFFLERIE 


4.1.  Moyens  materiel.x 

Le  Bureau  d’Etude  de  1' AEROSPATIALE  dispose  dans  l’enceinte  de  l’usine.  d’une  soufflerie  basse  vitesse  <  Vmax  =  50  nt  si  a 
retour  non  guide  de  type  Eiffel.  La  veine  cylindrique  non  guidee  a  un  diametre  de  3  metres. 

L’echelle  des  maquettes  utilisees  pour  les  etudes  d’entrees  d'air  varie  de  1/2  a  1/3  suivant  la  taille  de  I’appareil  a  representer. 

La  partie  haute  du  fuselage,  les  capots  supeneurs,  le  moyeu  rotor  et  le  circuit  d'entree  d’air  sont  conformes  a  l’appareil  ;  par 
contre,  la  partie  inferieure  du  fuselage  et  la  poutre  de  queue  sont  supprimees  afin  de  limiter  le  hlocage  de  la  veine.  Le  debit  des 
ventilateurs  qui  simulent  le  flux  moteur  varie  de  0,2  a  0.3  kg/s  suivant  les  pertes  de  charge,  ce  qui  concorde  oien  avec  la  dimen¬ 
sion  des  entrees  et  la  vitesse  du  vent.  Le  debit  peut  etre  mesure  k  tout  instant  grace  a  un  venturi  situe  dans  le  circuit  de  retoule- 
ment.  L’instrumentation  permettant  de  mesurer  les  performances  de  I’entree  d’air  est  regroupee  dans  un  plan  appele  section  de 
mesure  et  qui  coincide  le  plus  souvent  avec  I’entree  du  premier  etage  du  compresseur  a  simuler.  File  se  compose  de  pnses  de 
pressions  statiques  parietales  et  de  plusieurs  (6  ou  8)  peignes  comportant  chacun  4  k  6  prises  de  pressions  totales.  Elle  est 
conforme  a  l’installation  prdconisee  par  le  motoriste  pour  les  essais  en  vol  lorsque  cela  semble  souhaitable.  ou  bien  elle  peut  etre 
remplucee  par  un  peigne  toumant  qui  offre  1’avantage  d’augmenter  considerablement  la  finesse  du  sondage  en  permettant  le  trace 
de  cartes  de  pression,  vitesse,  Mach  .  .  . 


Le  nombre  de  pressions  a  mesurer  etant  eleve,  on  utilise  un  commutateur  de  pressions  automatic  et  un  unique  capteur  pour  toutes 
les  pressions,  y  compris  la  mesure  du  debit  ventilateur.  et  du  vent  soufflerie.  Cette  methode  permet  d’annuler  pratiquement 
I’influence  d’une  erreur  d’etalonnage  ou  d’une  derive  du  coefficient  de  sensibility  du  capteur.  En  effet.  le  depouillement  des 
resultats  passe  toujours.  de  maniere  explicite  ou  non.  par  le  calcul  de  coefficients  de  pression  : 


Cp- 


_ P  **ref.  I 

^ref.2-  ^ref.  1 


ou  Pref.  1.  Pref.  2  sont  des  pressions  en  deux  points  de  reference  de  I'ecoulement 


On  constate  aisement  qu’une  erreur  d’etalonnage  du  capteur  unique  se  repercute  de  fai;on  identique  sur  le  numerateur  et  le  domi- 
nateur,  si  bien  que  Cp  reste  inchange.  A  la  limite,  on  peut  totalement  ignorer  le  coefficient  d’etalonnage  et  cependant  foumir  des 
resultats  exacts  I  On  doit  toutefois  s’assurer  de  la  linearity  de  la  chaine  de  mesure  et  connaftre  a  chaque  instant  la  derive  du  zero 
electrique  (tension  d’offset)  qui  sont  sources  d’erreurs. 

Outre  les  mesures  de  pression,  on  mesure  quelquefois  la  trafnee  de  la  maquette.  Ces  mesures  nc  sont  significatives  que  par  contpa- 
raison  avec  d’autres  entries  d’air  montecs  sur  la  meme  maquette,  puisque  les  formes  du  fuselage  ne  sont  que  partiellcment  re¬ 
presentees. 


4.2.  Regies  de  similitude 

Entre  autres  nombres  sans  dimension,  il  est  bien  connu  que  le  nombre  de  Mach  et  le  nombre  de  Reynolds  sont  les  deux  para- 
metres  fondamentaux  a  respecter  pour  s’assurer  de  la  similitude  de  I’ecoulement  soufflerie  par  rapport  a  I’ecoulement  autour  de 
I'hylicoptere. 


4.2.1 .  Nombre  de  Mach 

Dans  le  cas  particular  des  entries  d’air,  la  compressibility  intervient  Iris  peu  dans  le  champ  etudie  sauf  au  voisinage  immedi.it 
du  compresseur  oil  I’ecoulement  acceiere  rapidement  jusqu'd  Mach  M  =  0.5  a  0,b  (Fig.  12). 

On  peut  partager  fictivement  le  champ  aerodynamique  en  deux  zones  : 

une  zone  «compressible»  au  voisinage  immediat  du  compresseur 
une  zone  ((incompressible®  cnglobant  lout  le  reste. 

Les  phenomenes  etudies  (decollements,  tourbillons,  pertes  de  charge,  turbulence)  trouvent  tous  leur  origine  dans  la  zone  in¬ 
compressible.  En  effet,  dans  la  zone  compressible.  I’acceieration  assure  un  gradient  de  pression  favorable  qui  ne  risque  pas  de 
provoquer  de  tels  probiemes.  La  partie  interessante  de  I’ecoulement  se  situe  done  enlierement  dans  I'ecoulement  incompres¬ 
sible,  pout  lequel  le  nombre  de  Mach  n’a  pas  d’influencc  sensible.  Toutefois.  il  est  necessairc  d’effectuer  des  corrections  de 
compressibility  sur  les  pressions  statiques  dans  la  zone  compressible  en  utilisant  pour  cela  les  formulcs  dcs  ecoulements  isen- 
tropiques. 


r — r - 1 

Les  coefficients  de  pressions  totales  sont  considers  comme  independants  du  nombre  de  Mach.  L’impossibilite  de  respecter  ■ 

le  nombre  de  Mach  decoule  du  fait  que  la  vitesse  soufflerie  ne  peut  pas  atteindre  les  80  m/s  des  helicopteres  modemes.  1 


4.2.2.  Nombre  de  Reynolds 

Le  respect  du  nombre  de  Reynolds  sur  des  maquettes  k  echelle  reduite  ne  peut  pas  etre  observe  en  soufflene,  sauf  dans  les 
souffleries  cryogeniques  ou  pressurisees.  On  opere  done  a  un  nombre  de  Reynolds  reduit  dans  un  rapport  de  4  a  10. 

En  atmosphere  non  turbulente,  il  devrait  en  resulter  un  recul  (vers  I’aval)  de  la  transition  de  la  couche  limite  dans  les  zones  non 
decollies,  ainsi  qu’une  augmentation  des  coefficients  de  perte  de  charge.  Or,  ces  variations  ne  sont  generalement  pas  observees 
lorsque  I'on  fait  varier  le  nombre  de  Reynolds  sur  une  maquette  de  soufflerie  ou  lorsqu’on  compare  les  essais  sur  maquette 
avec  des  essais  en  vol.  Cette  constatation  surprenante  peut  s’expliquer  par  de  nombreuses  causes,  qui  sont  toutes  liees  a 
I’effet  de  la  turbulence  : 

la  soufflerie  de  Marignane  presente  un  taux  de  turbulence  particulierement  eleve  :  1 ,8  '!< 

-  I’etat  de  surface  des  maquettes  n’est  pas  parfait  :  leur  fabrication  par  moulage  d’un  stratifie  de  resine  et  tissu  de  verre  sur 
un  moule  perdu  en  mousse  synthetique  laisse  de  legeres  ondulations  dont  I’amplitude  est  de  quelques  centiemes  de  milli¬ 
metres.  Les  raccordements  entre  les  pieces  peuvent  donner  lieu  k  des  discontinuity  de  surfaces  de  quelques  dixiernes  de 
millimetres. 

-  la  plupart  des  essais  sont  effectues  avec  une  grille  de  protection  sur  I’entree  d'air  qui  genere  une  turbulence  supplemental. 

La  representation  correcte  de  la  grille  4  echelle  reduite  pose  des  difficulty  particulieres  :  la  reduction  geometrique  dans  le 
meme  rapport  (1/2)  que  les  autres  dimensions  conduit  k  un  Reynolds  (rapporte  au  diametre  du  fil )  inferieur  au  Reynolds 
critique  de  2000  (Fig.  17),  done  A  une  augmentation  des  pertes  de  charge  :  +  15  L’augmentation  de  la  maille  de  fai;on  a 
conserver  le  meme  Reynolds  qu’en  vol  conduit  k  une  disproportion  entre  la  maille  et  I’entree.avec  des  interactions  modifiees 
et  des  problemes  de  realisation  des  pieces  de  fixation.  Des  mesures  comparatives  ont  permis  de  conclure  que  la  solution 
intermediate  consistant  4  conserver  sur  la  maquette  la  meme  maille  que  sur  l'appareil  donne  les  meilleures  correlations. 


4.2.3.  Angles  d’incidence  et  de  derapage 

L’attitude  de  la  maquette  peut  etre  reglee  il  volonte  dans  les  limites  suivantes  : 

Incidence  t  10° 

Derapage  -  1 0° 

Des  hearts  supeneurs  sont  techniquemcnt  possibles,  mais  I'augmentation  importante  du  bfocagc  de  la  veine  d’essai  conduit  a 
des  resultats  peu  significatifs. 

La  dissymetrie  d’ecoulement  resultant  du  souffle  rotor  sur  le  fuselage  apparait  de  maniere  flagrante  sur  de  nombreux  resultats 
d’essai  en  vol  (Fig.  19).  Le  rotor  de  la  maquette  ne  comprenant  pas  de  pales,  les  essais  soufflerie  effectues  a  derapage  nul 
foumissent  des  resultats  symetriques,  done  incorrects.  C’est  pourquoi  un  derapage  calcule  d’apres  les  caractCristiques  du  rotor 
peut  etre  applique  k  la  maquette  de  faqon  k  simuler  la  dissymetrie  du  vol.  Cette  technique  n’est  pas  ulilisee  systematiqueitient 
du  fait  de  sa  validity  approximative. 


4.2.4.  Coefficient  de  debit 

La  condition  de  similitude  fondamentale  est  le  respect  du  coefficient  de  debit  Equi  fixe  la  frontiere  du  tube  de  courant 
pinetrant  dans  l’entree  d’air.  Chaque  point  du  domaine  de  vol  k  simuler  est  caracterise  par  un  coefficient  de  debit  qu’il  convicnt 
de  restituer  en  soufflerie.  Au  debut  de  chaque  essai,  le  reglage  de  £  peut  se  faire  de  la  maniere  suivantc  : 

a)  mesure  du  debit 

b)  calcul  de  la  vitesse  vent  necessaire 

c)  reglage  du  vent 

d)  mesure  du  debit 

e)  si  le  debit  a  varie.  recommcncer  k  I’etape  b). 

Le  couplagc  vent  -  debit  rend  cette  operation  delicate  et  longue.  Les  conditions  ambiantes  variant  d’un  essai  4  I’autre.  les  re- 
glages  obtenus  doivent  etre  repris  souvent. 

On  prefere  generalement  regler  I’alimentation  des  ventilateurs  une  fois  pour  toutc  et  effectuer  plusieurs  essais  k  vitesse  crois- 
sante  sans  chercher  k  ajuster  £  k  une  valeur  determine.  On  trace  alors  les  resultats  en  fonction  de  E .  cc  qui  permet  d’apprecicr 
la  coherence  et  la  precision  des  mesures  au  vu  de  I’ecart  des  points  par  rapport  k  une  courbe  bssec  statistiquement. 

Les  resultats  correspondant  k  un  cas  de  vol  precis,  sont  obtenus  sur  la  courbe  avec  une  fiabilite  bien  superieurc  k  la  premiere 
methode. 
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4.3.  Conduite  des  essais  el  exploitation 

Le  but  des  essais  soufflerie  consiste  a  mesurer  les  performances  d'une  entree  d’air  et  4  les  comparer  avec  les  performances 
privues  lors  de  la  conception  et  avec  celles  des  autrcs  entries  connues.  On  doit  en  particular,  s’assurer  que  la  distorsion  reste 
dans  les  limites  fixees  par  le  motoriste,  ceci  dans  tout  le  domaine  de  vol. 

11  y  a  une  dizaine  d’annees,  les  moyens  informatiques  limites  et  centralises  ne  permettaient  pas  de  depouiller  rapidement  les  re- 
sultats.  Ceux-ci  etaient  enregistris  sur  bande  magnetique  sous  forme  analogique  ou  numerique  et  traites  en  temps  differe  avec  un 
delai  atteignant  parfois  plusieurs  jours.  On  ne  disposait  en  temps  reel,  que  de  mesures  brutes  difficilement  exploitables. 

L’arrivee  des  micro-calculateurs.  souples  et  autonomes.  a  considerablement  diminue  les  delais  d'exploitation  en  reunissant  sur 
une  mime  machine  les  fouctions  suivantes  (Fig.  13)  : 

-  controle  des  conditions  d’essais  :  calcul  et  afFichage  de  la  masse  volumique  de  Fair,  des  debits,  de  la  vitesse  du  vent 
acquisition  des  mesures  (valeurs  electriques  en  Volt) 

pre-dipouillement  et  edition  des  resultats  en  valeurs  physiques 
stockage  sur  cartouche  magnetique  des  resultats  en  valeurs  physiques 

conversion  des  resultats  a  I’echelle  appareil.  calcul  des  parametres  globaux  :  perte  de  charge,  indice  de  distorsion 

edition  des  resultats  numeriques  et  de  courbes  directement  au  format  du  rapport  d’essai  dans  les  3  minutes  suivant  la  fin  de 
I’essai. 

La  maniere  dont  sont  presentees  les  informations  finales  revet  une  grande  importance.  Flics  s’adressent  en  effct  a  des  specialistes 
des  turbomachines  et  des  responsables  de  projet  qui  preferent  des  nombres  relatifs  a  I'appareil  lui-mcme  plutot  qu'a  une  maquette 
4  echelle  reduite.  L'interpretation  des  coefficients  de  pression,  par  exemple.  necessite  des  calculs  et  la  connaissance  de  conventions 
relatives  &  la  maquette  qui  deviennent  superflus  si  ce  travail  d ’interpretation  est  deja  inclus  dans  le  traitement  des  donnees.  C'est 
pourquoi  une  philosophic  a  ete  adoptee  au  service  Aerodynamique  de  FAEROSPATIALE.  Elle  s'exprime  de  la  fas'on  suivante  : 

-  les  essais  soufflerie  simulent  des  essais  en  vol 

done,  toutes  les  grandeurs  doivent  etre  exprimees  comme  si  elles  etaient  le  resultat  de  mesures  sur  appareil  reel  ou  d ’essais  en 
vol  (dimensions  geometriques,  vitesse.  debit,  pressions,  .  .  .) 

-  afin  d’eiiminer  toute  confusion,  aucun  resultat  a  I’echelle  de  la  maquette  ne  figure  dans  les  documents  d’exploitation  (sauf 
mention  contraire  clairement  indiquee).  Y  tlgurent  par  contre  les  limites  de  validite  de  la  simulation  :  echelle  reduite.  non 
respect  du  Mach  et  du  Reynolds,  maquette  partielle  .  . . 

Les  grandeurs  suivantes  sont  gdneralement  fournies  (voir  Fig.  14  -  15  -  16  et  Annexe  1)  : 

les  conditions  altitude-pression  et  temperature  :  toujours  le  standard  sol 

le  debit  rfduit  du  moteur  :  ce  parametre equivalent  a  un  nombre  de  Mach,  intervient  directement  dans  Jc  calcul  des  perfor¬ 
mances  du  moteur 

la  vitesse  de  vol  reduite  :  elle  equivaut  4  un  nombre  de  Mach  et  ne  correspond  a  la  vitesse  propre  et  a  la  vitesse  equivalcntc 
indiquee  par  l’anemometre  que  dans  les  conditions  standard  sol 

-  la  recuperation  de  pression  dynamique  (ou  perte  de  charge  en  vol  stationnaire)  :  r  -  ^1  Pp  en  7< .  P|  :  pression 

totale  devant  compresseur  Pq 

Ce  parametre  intervient  directement  dans  le  calcul  des  performances  du  moteur 
I’indice  de  distorsion  :  selon  la  definition  fixee  par  le  motoriste 

-  une  carte  de  pression  totale  au  niveau  de  la  section  de  mesure. 

Naturellement,  les  resultats  archives  sur  bande  magnetique  sont  les  mesures  brutes  a  l’echelle  maquette  et  ils  peuvent  etre 
consultes  4  tout  moment  afin  de  verifier  la  validite  du  depouillement. 


5.  CORRELATIONS  SOUFFLERIE  /  VOL 

La  comparison  se  trouve  facilitee  par  la  presentation  adoptee  pour  les  resultats  soufflerie  :  il  suffit  de  reporter  les  points  d’cssais 
en  vol  sur  le  meme  graphique  (apres  corrections  pour  les  conditions  atmospheriques  si  celles-ci  different  scnsiblcment  du  standard 
sol).  On  a  ainsi  constate  plusieurs  cas  de  ties  bonne  correlation  sur  I’indice  de  distorsion.  la  perte  de  charge  en  vol  stationnaire  et  la 
recuperation  de  pression  dynamique  en  vol  de  translation.  On  a  egalement  pu  comparer  des  cartes  de  pression  totale  rclcvees  grace 
&  des  instrumentations  parfaitement  semblables  (Fig.  20  -  21  -  22). 

Ces  cas  sont  naturellement  prtcieux  puisqu’ils  permettent  d’evaluer  la  validite  des  hypotheses  et  approximations  diverses  postulees 
lore  des  essais  soufflerie  et  de  leur  interpretation.  Ces  recoupcments  positifs  ayant  ete  constates,  la  soufflerie  est  courammenl 
utilisee  sans  que  de  telles  correlations  soient  systematiquement  etablies.  ceci  pour  deux  raisons  : 

a)  soit  que  les  essais  sur  maquette  soient  consideres  comme  un  simple  outil  de  recherche  dans  le  but  de  completer  les  moyens  de 
calcul  encore  insuffisants,  auquel  cas  il  n’y  a.  bien  sur.  aucun  essai  en  vol  correspondant. 
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b)soit,  4  l’inverse.  que  ces  essais  remplacent  purement  et  simplement  des  mesures  impossibles  ou  ties  difficiles  k  pratiquer  correcte- 
ment  dans  I’environnement  du  vol  :  sondage  dans  le  plan  d’entrte  du  compresseur,  peigne  toumant,  ou  prises  de  pression  tres 
nombreuses.  La  quality  des  resultats  que  pennet  le  calme  et  la  sicuriW  de  la  terre  I'emie,  compense  alors  largement  les  imperfec¬ 
tions  de  similitude.  Ces  motifs  ont  permis  de  justifier  la  quality  de  ('installation  motrice  pour  la  certification  de  plusieurs  appareils 
sur  la  seule  foi  de  resultats  de  soufflerie  (et  en  I’absence  de  problemes  de  fonctionnement  en  vol). 

Une  etude  systematique  et  rigoureuse  des  correlations  entre  les  differents  moyens  d’essai  necessiterait  des  essais  specifiques  au  sol 
simulant  des  essais  en  vol  effectuis  antlrieurement  et  dans  des  conditions  parfaitement  identifiees.  Or,  il  est  evident  que  si  Ton 
dispose  deji  de  tels  resultats  de  vol,  les  essais  soufflerie  deviennent  superflus  du  point  de  vue  du  developpement  de  I’appareil.  C’est 
pourquoi  les  correlations  soufflerie  /  vol  ne  concernent  qu'une  faible  proportion  des  travaux  effeclues. 


6.  RESULTATS 

L 'amelioration  des  methodes  de  conception  et  d’essai  a  debouclte  sur  des  gains  importants  de  perfonnance.  mesures  en  soufflerie  et 
confirmes  en  vol  : 


1 )  Perte  de  puissance  a  I’avionnage  des  moteurs. 


Exemple  : 


vol  stationnaire 


SA  365  C 

(1974*1 

00 

SA  365  N 

(1978) 

_ 

2)  Distorsion 
Exemple  : 

reduite  par  un  facteur  3  sur  SA  365  N  par  rapport  au  SA  365  C 

3)  Trafnee  parasite 
Exemple  : 

reduction  de  10  r<  de  la  trafnee  du  fuselage  du  AS  332  par  affinement  des  entrees  d’air 


II  semble  que  la  poursuite  de  ces  efforts  permette  prochainement  de  rdduire  la  perte  de  puissance  a  moins  de  1 ,5  en  vol  station¬ 
naire,  avec  une  recuperation  de  pression  dynamique  en  croisiere  de  I'ordre  de  2  ''■< . 


7.  CONCLUSION 

Les  essais  de  soufflerie  constituent  le  complement  ideal  des  methodes  de  conception  dans  la  recherche  de  performances  toujours 
accrues  pour  les  entrees  d’air.  L'introduction  de  la  micro-informatique  dans  la  conduite  d'essai,  (’acquisition  et  le  depouillement 
permet  de  reduire  les  delais  et  de  presenter  des  resultats  directement  comparables  aux  essais  en  vol  el  expioitables  aisemcnt  pour 
le  calcul  des  performances  moteur.  Les  essais  en  vol  reels  confirment  globalement  les  progres  enregistres  en  soufflerie  mais  les  cas 
oii  Ton  dispose  simultanement  de  resultats  de  vol  et  de  soufflerie  dans  des  configurations  rigoureusement  sentblablcs  ne  re- 
prescntent  qu’une  faible  proportion  du  travail  effectue  au  sol  et  en  vol. 


*  AnnCe  de  conception 


ANNEXE  1 

Passage  des  variables  maquette  aux  variables  appareil 


Introduisons  d’abord  les  notations  suivantes  : 

xm  -  valeur  de  la  variable  x  mesuree  sur  la  maquette 

xa  -  valeur  de  la  variable  x  au  point  homologue  de  1’appareil 

X 

x  _  — —  -  facteur  d’ichelle  sur  la  grandeur  x 
xm 

xs  —  valeur  standard  sol  de  la  variable  x 


La  similitude  du  coefficient  de  debit  s’icrit  : 


Em 


DO 


V’  _  V 
v  a  -  m 

Q’a  . 

E2  . 

Qm 

Qm 

es 

Q’ 


a 


V’ 


a 


Ps  =  debit  riduit  du  moteur 
Pa 

=  vitesse  reduite  de  l'appareil 


E  =  ichelle  de  la  maquette 


(1) 


Cette  relation  permet  de  calculer  la  vitesse  de  l’appareil  pour  un  ddbit  donni  du  moteur  dans  le  cas  de  vol  correspondant  4  un  essai 
soufflerie  donni. 


Les  pressions  sont  converties  4  l’ichelle  de  l’appareil  en  utilisant  la  relation  de  conservation  du  coefficient  de  pression  : 


Or,  d’apris  la  similitude  du  coefficient  de  dibit  : 

/\ 

Of)  _  *  5m 

P0  a  Ps  5s 


Z!L2 


d’ou  : 


[  p  -  pq\ 

-  (P  -  Po> 

i 

5m 

£>2  * 

V  Po  h 

w  m 

Ps 

Qm 

Cette  relation  est  valable  pour  toute  pression  p  (totale  ou  statique)  mesurie  dans  la  zone  incompressible.  Elle  reste  applicable  dans 
la  zone  compressible  pour  les  pressions  totales.  II  n’existe  pas  de  mithode  ginirale  permettant  de  corriger  les  pressions  statiques  pour 
les  effets  de  compressibiliti.  Toutefois,  dans  le  cas  ou  les  pressions  statiques  et  totales  sont  regroupies  dans  une  mime  section  de 
mesure,  il  est  possible  d’appliquer  la  procidure  suivante  : 


a)  calculer  la  pression  statique  moyenne  (pj )  comp  connaissant  le  dibit,  la  section,  la  tempirature  totale  (igale  4  la  tempirature 
amont),  la  pression  totale  moyenne. 

bl  calculer  les  pressions  statiques  en  chaque  point  par  la  formule  (2),  (done  sans  tenir  comptc  de  la  compressibiliti)  et  leur  moyenne 

*Pp  incomp.  _ 

(pi) 

c)  corriger  les  valeurs  incompressibles  par  le  fact  _ _ _ e-  _ 

^Pp  .o.np. 
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KUCHEMAN  &  WEBER  -  Mac  Graw-Hill  -  New-York  1979 

Relaxation  methods  for  solution  of  elliptic  problems  in  domains  with  arbitrary  boundary 
Applications  to  computation  of  subcritical  flows 

M.  FENAIN  Journal  of  Applied  Mechanics,  Vol  1  No.  I  -  1977.  p.  37-67 
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SYNTHESIS  OF  RESPONSES  TO  AGAidJ-Hg  QUESTIOiaiAIEE 
ON  "PREDICTION  TECHNIQUES  AND  FLIGHT  CORRELATION" 


Johr.  Williams* 

Formerly  of  Aerodyiiamics  Department, 
Royal  Aircraft  Estallisliment,  U»  K. 


SUM'ARY 


In  connection  with  the  Symposium  of  the  AGAKD  Flight  Mechanics  Panel  on  "  jround/Fli  ,-ht  lest 
Tecliniques  and  Correlation"  (Turkey,  October  I9S2),  the  FHF  Tech-r.ical  Program.  Committee  issued  a 
five-item  questionnaire  about  prediction  techniques  and  flight  correlation.  Part  A  of  this  paper 
introduces  the  basis  of  the  FMT  questionnaire,  the  key  to  the  origins  of  the  responses  received  from 
nationally  selected  experts,  and  the  broad  scope  of  aircraft  design,/ prediction  needs.  Part  collates 
the  detailed  written  responses  received  during  the  period  end-Jur.e  to  late-Septemier  19 ‘2,  with  minor 
technical  editing,  but  with  essential  re-arrangements  and  translation  for  consistency  of  presentation. 
This  paper  was  initially  prepared  to  stimulate  contributions  to  the  'Round-Table  Discussion'  at  the  Flu 
Symposium.  Part  C  now  also  presents  further  edited  comments  based  or.  some  'Contributors'  Notes' 
received  soon  after  the  Symposium. 


PART  A  -  INTRODUCTION 

1.  NATURE  OF  FHP  QUESTIONNAIRE  AND  RESPONSES 

In  connection  with  the  Symposium  of  the  AGARD  Flight  Mechanics  Panel  on  "Ground/Flight  Test 
Techniques  and  Correlation"  (Turkey,  October  1982),  the  appointed  Teclinical  Program  Committee 
(Ph.  Poisson-Quinton  and  F.  N.  Stoliker)  issued  a  five-item  questionnaire  concerr.iur  the  status  and 
prospects  of  prediction  techniques  and  correlation  against  aircraft  flight  results.  Ar.  immediate 
synthesis  of  written  comments  received  in  the  period  July/August/September  1952,  from  the  experts 
selected  nationally  by  six  NATO  Countries  (US,  UK,  HE,  IT,  CE  ,  FR)  was  prepared  initially  as  an  up- 
to-date  overview  to  stimulate  the  'Round-Table  Discussion'  towards  the  end  of  the  Symposium. 
Subsequently  the  further  inclusion  of  some  constructive  written  comments,  received  from  Round-Table 
Members  and  one  other  participant  after  the  Symposium,  proved  possible  in  tine  for  publication  as 
part  of  the  Symposium  Proceedings. 


Th 

1. 

2. 

3. 

results 

4. 

5. 


e  five  specific  questions  were  phrased  as  follows  by  the  FMT  Technical  Program  Committee 
What  are  the  advantages/disadvantages  of  different  prediction  techniques? 

What  portions  of  the  flight  regime  cannot/should-not  be  addressed  by  ground-based  tec: 
Are  there  areas  where  analytical  prediction  can  be  better  than  wind  tunnel  ar.J/or  simvb 
;  or  vice-versa? 

Are  there  methods  of  reducing  differences  between  prediction  and  flight-test  results? 
Are  there  any  new  prediction  tecliniques  that  should  be  emphasised? 


.r.iques  ? 
avion 


A  Key  to  the  various  Respondents  is  provided  by  the  next  Section  (Part  A,  §  2) ,  tailing  the  nations 
for  corrvenience  in  reverse  alphabetical  order,  which  fortuitously  correlates  with  the  time-sequence  in 
which  most  of  the  replies  were  received,  ranging  from  the  end-June  deadline  to  late  September!  The 
remaining  Section  of  this  Introduction  (Part  A,  §  3)  broadly  serves  to  stress 

-  The  interdependency  of  aircraft  design  factors  and  the  variation  of  allied  prediction  require¬ 
ments  according  to  the  character  and  time-scale  of  the  particular  project. 

-  The  variation  in  levels  of  sophistication  and  reliability  of  the  required  prediction  metho¬ 
dology  according  to  the  stages  reached  in  the  development  of  the  particular  project. 

Hie  complementary  nature  of  the  prediction  tools  available  to  the  aircraft  designers  and  the 
potential  operators. 


In  posing  the  questions,  no  special  guidance  appears  to  liave  been  given  to  the  recipients 
concerning  the  intended  scope  or  precise  meaning  of  the  particular  teclinical  terms  used.  Perliaps  this 
freedom  has  led  to  somewhat  differing  interpretations  of  the  questions,  but  probably  lias  allowed  wider 
and  stronger  expressions  of  personal  interests  and  opinions.  Indeed,  the  informal  nature  of  the 
responses  has  been  very  gratifying;  while,  in  the  short  time  available  for  synthesis,  the  extent  has 
been  literally  overwhelming  -  comprising  over  10,000  words  even  without  some  supporting  published 
papers . 

The  collated  detailed  responses  are  provided  for  the  Questions  1  to  5  in  Sections  1  to  5 
respectively  of  Part  B;  for  each  question,  the  responses  are  taken  in  the  same  ordc-r  as  listed  in  the 
'Key  to  Respondents'.  My  editing  there  has  been  properly  restricted  to  some  points  of  clarification/ 
translation  without  introducing  any  intentional  bias  on  my  part,  though  some  re-arrangement  of  the 
material  has  been  at  times  necessary  to  attempt  consistency  of  presentation.  Likewise,  Part  C  presents 
some  edited  comments  based  on  'Contributors  notes'  received  soon  after  the  Round-Table  Discussion.  The 
primary  areas  of  interest  and  views  expressed  during  the  whole  Symposium  will  of  course  be  summarised 
and  analysed  further  in  the  Technical  Evaluation  Report,  to  follow  up  publication  of  the  Symposium 
Proceedings. 


•Visiting  Professor  (part-time),  Aeronautics  and  Astronautics  Department,  Southampton  University, 
Southampton,  Hants  S09  5MH,  U.  K„ 


KEY  Bj  RESPONDED 


2.1  United  states 


-  UG/NAGA  -  Prepared  by  NASA  Ames  Research  Center;  Langley  Research  Center  electee.5  not  to 
respond,  but  to  allow  the  Ames  comments  to  represent  NASA’s  views  on  the  questions.  Kecei\ed  t'nrourh 
G.  ii.  Kayten  of  NASA  HQ  (Washington  DC). 

-  Uo/AFFiC  -  Provided  by  K.  G.  lloev,  Chief  of  Office  of  Manned  Vehicles,  Air  Force  Fli.-i.t  Test 
Center  (Edwards  AFI: ) . 

-  US/llATC  -  Prepared  by  the  Naval  Air  Test  Center  (Patuxent  River,  Mar:-’.),  .deceived  t:  vourh 
K.  C.  AMlarrah  of  Naval  Ai"  Development  Center  (Warminster,  Pa.). 

~  US/IIAVAIR  -  Prepared  by  E,  Co  Mooney  of  Naval  Air  Systems  Command  (Uashir.rtor.  PC),  deceived 
t  hr  our};  R>  Co  AMlarrah  of  NADC. 

-  US/AVKADCOH  -  Prepared  by  I.  C.  Ctatler  of  Army  Kn-T  Lais,  to  represent  current  opinions  of 
both,  the  Aeromechanics  Lab.  (Amec  Research  Center)  and  AEFKA  with  respect  to  rotary-wine  aircraft. 

-  US/Bell  Hal  -  Prepared  by  T.  Wood  (Aerodynamics)  of  Pell  Helicopter  Textron  (Fort  Worth). 

-  UH/AIfV/AL"  ‘  -  Provided  by  R.  G •  Anderson  of  Wright-Fat terson  Air  Force  Ease  (Dayton),  comprising 
three  separate  inputs  on  Stability  and  Control,  Handling  qualities,  and  Ground-based  Simulators. 

Mote  that  F.  IP.  Stoliker  of  Computer  Sciences  Corp  (Oxnard,  Ca)  stimulated  and  coordinated  these 
US  actions. 


2.2  United  Kingdom 

-  UK/D A e  -  Provided  by  T.  E,  Saunders  of  British  Aerospace  (Wart on  Division):  comprising 
separate  inputs  from  D.  C.  Ley land  ( Propuls ion/Performance ) ,  J.  E.  Jovey  (Aerodynamic  loading), 

D.  Booker  (Stability  and  Control),  M.  Ormerod  (Dynamics)  and  A.  F.  Darrocli  (Store  release). 

-  HK/RAE  -  Prepared  by  A.  J.  Ross  of  Royal  Aircraft  Establishment,  and  relating  specifically 
to  Flight  Dynamics. 


2 .3  Netherlands 


-  IIE/F okker  -  Prepared  by  E.  Obert  (Aerodynamics)  of  Fokker  BV  (Schipol,  Amsterdam). 

-  IIE/NLR  -  Prepared  by  A.  Elsenaar  of  IJLR  High  Speed  Tunnel  (Amsterdam). 


Note  that  both  these  contributions  were  received  through  II.  A.  Mooii  of  IILR  (Amsterdam) . 


2.4  Italy 


-  IT/AER1T 


Prepared  by  J.  Mautino  and  A.  Filisetti  of  Aeritalia  (Napoli). 
Prepared  by  G„  P.  Marconi  of  the  'Hinistero  della  Difesa1  (Roma). 


2.5  Germany 

-  GE/DFVLR  -  Prepared  by  P.  Hamel  (Flight  Mechanics)  of  DFVLR  (Braunschweig) . 

2.6  France 


-  FK/SinAS.H 

-  FR/SNIASoT 

-  FR/SNECMA  ’ 
“  fvmdba 


Prepared  by  Ph  Roesce  (Aerodynamics)  of  Aerospatiale/Helicopters  (Marignar.e) . 
Provided  by  Aerospatiale/Air craft  (Toulouse) . 

Prepared  by  J.  M.  Hardy  of  SNECMA  (Villaroche) . 

Provided  by  Jo  Czinczenhein  of  Marcel  Dassault-Breguet  Aviation  (Saint-Cloud) . 


Note  that  these  four  contributions  were  received  through  Ph.  Poiss on-Quint on  of  OUERA 
(Cliatillon) ,  the  first  three  being  originally  in  French. 


3  3ACKGK0UIK)  TO  PREDICTION/DESIGN  NEEDS 
3.1  Increasing  Technical  Demands 

Apart  from  the  problems  arising  due  to  limitations  of  knowledge  in  particular  disciplines 
(eg  aerodynamics,  structures),  the  aircraft  engineer  is  continually  faced  with  enormous  difficulties 
in  predicting  and  guaranteeing  the  flight  charact eristics  of  new  projects  to  the  definition  levels  and 
time-scales  demanded,  and  of  course  in  specifying  optimum  aircraft  configurations.  His  problems  are 
usually  aggravated  by  a  variety  of  complementary  factors  over  some  of  which  he  lias  no  direct  control. 
For  example: 


i  Estimates  of  performance  and  dynamics  for  conventional  configurations  at  least,  are  usually 
expected  to  be  given  to  much  higher  levels  of  accuracy  and  confidence  than  previously,  to  reduce  any 
shortfall  in  ultimate  aircraft  performance  and  minimise  development  costs,  or  comply  with  more  complex 
or  more  severe  certification  requirements. 


ii  Improvements  in  aircraft  performance  or  mission  effectiveness  are  invariably  required,  often 
with  reduced  or  only  small  increase  in  operational  costs,  to  ensure  aircraft  competitiveness  on  entry 
into  service  and  throughout  subsequent  developments. 

iii  There  is  often  a  tendency  towards  introducing  a  wider  range  oi  speed/altitude  maneouvre 
requirements  for  greater  mission  effectiveness  or  flexibility;  thus  the  aircraft  design  cannot  be  biased 
so  heavily  towards  one  or  two  predominant  aerodynamic  conditions,  or  estimations  for  off-design  conditions 
allowing  extensive  flow  separations  or/and  severe  shocks  becorc  important. 


i 


J 


iv  From  time-to-time,  new  engine/airframe  concepts  iave  to  be  explored  and  optimised, 
simultaneously  taking  into  account  possil  le  :.e\:  operational  cam:  ilitiec  and  novel  aircraft  control 
teclmiquee.  Here,  the  rossi:  le  significant  errors  in  accuracy  of  prediction  need  to  be  well 
appreciated,  particularly  for  comparative  assessments  with  competitive  conver.tio.ml  designs. 

v  The  inters  lac-'  1  e  :v.een  or.  increasingly  iarme  r.urrd  er  of  design  parameters  and  diverse  flimht 
requirements  necessitates  even  more  careful  studies  in  more  wldely-ranrir.'  disciplines,  not  only  wit:. 

a  viev:  to  optimisation  for  operatior^ii  cost  effectiveness,  but  also  in  order  to  assess  sensitivities  to 
possible  later  deviations  in  practice  from  tie  orisiml  technical  asstssptil&c  and  the  mission 
specification, 

vi  The  available  prediction  a:.:  lesi.-n  cnpa:  ill  ties  which  can  :  e  exploited  for  aircraft  project 
work  will  differ  significantly  accorlin.’  t '  L*  e  jovolutiorray  or  evolutionary  nature  of  the  particular 
aircraft  project.  Correspondingly ,  there  :r  .  :  e  .'-eat  differences  in  the  Red)  time-scales  and  in  the 
related  efforts  required  to  e:.sure  relia;  le  estimates  for  the  different  dec  ion  philosophies, 

11. e  foregoing  list  doer  not  represent  more  than  a  few  of  the  general  corxtraints  and  needs  of 
project  studies,  '  ut  it  is  important  that  their  existence  and  nature  should  be  appreciated,  not  merely 
by  those  directly  engaged  on  specific  project  estimates,  but  equally  by  any  research  v:crker  desiring 
practical  application  of  his  results, 

i  ,2  Influei.ee  of  Project  Pesign  Stage 

The  levels  of  sophistication  and  relia';  ility  of  the  prediction  methodology  needed  will  also  vary 
significantly  according  to  t’ne  stage  reache. I  in  the  dec i g: ./dev el opmer.t  of  ti.e  particular  aircraft 
pro ject/coi^structior.  and  in  the  associate.-,  military  (or  cl',  il)  requirement/application.  Using  simplifie 
illustrative  terminology  for  brevity  here,  I  shall  recall  only  t -at  the  technical  de-sign  stages  may 
progress  from  preliminary  assessments,  throw *h  feasibility  studies,  detailed  prefect  definition, 
engineering  development,  to  1  prototype— \  atch*  construction.  Cimultar.eously,  ti.e  related  ’  opeiatioial 
stares  may  proceed  from  outline  concerts,  thrown:.  declared  operational  tar rets,  definitive  operational 
requirements,  aircraft  system  specification, to  flight-proving  trials.  Moreover,  even  before  full 
production  capa?  ility  and  in-service  allocation  have  ; eer.  established,  improvements  to  the  or i final 
aircraft  design  and  operation  may  already  be  sought;  demanding  refined  prediction  techniques  in  ti.e 
lirht  of  the  updated  experience  from  .-round-;  ased  and  flight  research  -  including"  that  from  prototype 
testing. 

J'. Z  2c ope  of  leci-nical  Considerations 

The  interdependent  elements  of  aircraft  flight  prediction  falling  within  the  province  of  the  AGAhh 
Flight  Mechanics  lanel  naturally  relate  to: 

-  Aircraft  Performance;  ec  airfield,  range/radius/loiter,  climb/ comb  at . 

-  Aircraft  Dynamics;  eg  -.andling  qualities,  manoeuvre  limitations,  spin  and  recovery . 

-  Store  Behaviour;  er  carriage,  release,  delivery. 

In  setting  up  a  particular  prediction  capability,  a  variety  of  practical  considerations  must  be 
borne  ir.  mind,  for  example: 

-  Primary  prediction  goals  and  technical  outputs  required. 

-  Flight  conditions  to  be  examined  and  relative  importance. 

-  Accuracy  desired  and  error  implications. 

-  Relevant  prediction  tools  available  or  needed. 

-  Time  scale  and  effort/funding  allowed. 

-  Possible  follow-on  prediction  demands  ana  probability. 

Specialised  prediction  techniques  separately  involving  theoretical  calculations,  wind tin  in els, 
flight  or  simulators  can  profit  often  from  a  measure  of  direct  competitiveness.  Moreover,  their 
relative  priority  will  vary  in  the  preferred  treatments  fer  different  practical  problems  of 
performance  or  dynamics.  Nevertheless,  the  complementary  nature  of  all  these  preaictior./ design  tools 
now  available  to  the  aircraft  designer  and  the  potential  operators  should  be  emphasised  (see  Figure  A.l) 
The  profitability  of  their  joint  improvement  as  well  as  individual  advances  must  frequently  be  re¬ 
assessed,  so  that  prediction  efforts  can  continually  be  directed  towards  their  better  integration  and 
interdependent  usage. 


PART  2  -  COLLATED  DETAILED  RESPONSES  TO  QUESTIONNAIRE 

ORGANISATIONAL  NOTE 

Hie  detailed  responses  on  the  FMP  Questions  1  to  5  are  presented  with  some  editing  in  this 
Part  B,  Sections  1  to  5  respectively.  Under  each  Question/Section  Heading,  the  responses  are  taken  in 
the  same  order  (country  by  country)  as  listed  in  the  *  Key  to  Respondents1  of  Part  A.  For  example, 
Section  4.1  here  contains  the  responses  received  from  the  USA,  while  a  typical  designation  US/NASA  (4) 
then  reveals  the  particular  US  source  and  the  bracketed  digit  confirms  the  relevant  question  number. 
'Two  Respondents  preferred  to  ignore  the  direct  questions,  so  for  convenience  their  comments  are 
included  here  under  Section  1,  where  they  are  indicated  without  a  bracketed  number,  ie  by  (-). 
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-•'■auUA  Cl) 

1  rediction  of  flight  motions  depends  on  knowi nr  the  correct  mathematical  representation  or  node! 
oi*  the  aerodynamic  terms  in  the  equations  of  motion  and  an  accurate  assessment  of  the  values  of  the 
various  static  and  dynamic  aerodynamic  coefficients  which  marie  up  the  math  model,  There  ai*e  a  num.'s  er 
of  v:ays  to  obtain  some  of  the  aerodyjiamic  coefficients,  including  loth  computational  and  experimental 
tecimiques.  home  of  the  aerodynamic  coefficients  ore  impoccii  le  to  compute,  and  some  of  the  dynamic 
coefficients  are  presently  impossible  to  determine  experimentally.  Fli.-ht  manoeuvres  of  modern  day 
fi  -hters,  for  example,  require  large  anglec-cf-attack ,  which  are  accompanied  by  highly  separated  and 
complicated  interactive  vortex  flows.  We  ai*e  only  l eg inning  to  understand  experimentally  the  fluid 
mecianics  phenomena  which  produce  these  complex  flows,  and  it  v;ill  ie  some  time  before  they  can  le 
calculated,  d'e  are  in  an  even  earlier  stare  of  :  eing  able  to  predict  the  full  2'lig.kt  dynamics  of 
vehicles  whose  flight  is  rove  rued  by  complex  flows,  and  the  total  data  base  is  inadequate  to  assess 
the  advantages/ disadvantages  of  different  techniques . 

During  our  experience  with  the  Upper  Surface  Mowing  Concept  (QERA)  and  ti.e  Augment or  Wing  <iet 
hi' OL  Concept  (AWJd KA) ,  we  save  not  evaluated  different  prediction  teciniquee .  V.re  put  wind tunnel  data 
and,  where  necessary,  estimated  data  into  standard  math  models  for  both  simulation  and  prediction  of 
performance.  In  general,  agreement  of  flight  results  with  predictions  has  been  rood,  but  a  signi¬ 
ficant  amount  of  flight  development  was  required  to  achieve  predicted  values  of  parameters  such  as  lift 
coefficient. 

Ud/APFI C  (1) 

bind tunnels 

Advantages  -  very  effective  provided  proper  attention  is  given  to: 

a.  matching  all  potential  flight  conditions  and  control  positions,  and 

b.  ensuring  tb.at  the  model  configuration  truly  represents  the  veliicle  "as  built",  not  "as 
designed11 . 

Disadvantages  -  very  expensive  for  certain  flight  regimes  (eg,  high  Mach,  or  high  ar.gle-of- 
attack) .  Could  be  traded  off  in  many  cases  with  conservative  flight  test  approach*  Lon.*  lead  time  for 
last  minute  model  updates,  scheduling,  setup,  rerun  and  oi-alysis  often  result  in  correct  winutumel 
data  being  unavailable  prior  to  first  flights.  Transonic  data  (0.9  to  1.7  Mach  number)  not 
consistently  correct  for  all  vehicles,  all  configurations*  Inability  to  simultaneously  duplicate  all 
important  flight  environment  parameters  (Mach,  Keynolds  number,  density,  real  gas,  viscosity,  etc). 
Caution/Conservatism  still  required  in  use  of  windtunnel  results. 

Simulation  (as  prediction  teciuiique) 

Advantages  -  combines  several  prediction  techniques  to  predict  total  outcome.  Effective  in 
uncovering  system  integration  problems  (eg,  deficiencies  tliat  result  from  interaction  of  several 
subsystems  or  tecimical  disciplines).  Real  time  simulations  can  involve  man-in-the-loop  and  are 
becoming  invaluable  for  crew  training. 

Disadvantages  -  only  as  good  as  math  models  used.  Potential  for  generating  higher  level  of 
confidence  tlian  really  warranted .  Complex,  full-mission  simulators  are  expensive  and  usually  become 
work -saturated  thus  forcing  a  fall-back  to  part  task  simulations  or  other  prediction  tecimiques  for 
lower  priority  simulator  work* 

Theory  (excluding  computational  aerodynamics) 

Advantages  -  related  to  design  parameters  and.  is  therefore  useful  in  desi*-n  phase.  Only  practical 
source  for  rotary  derivatives. 

Disadvantages  -  not  precise  for  complex  configurations.  Interaction,  otb.er  local  effects  often, 
missed . 

In-flight  Simulation 

Advantages  -  real  world  environment  for  man-machine  interface  predictions.  Still  best  approach 
for  landing,  other  high-pilot-gain  tasks.  Valuable  as.  final  proof-of-concept  before  flight* 

Disadvantages  -  relatively  expensive.  Only  as  good  as  math,  models  of  acr  dynamics  and  flight 
control  system  (thus  sensitive  to  all  supporting  prediction  schemes).  May  le  limited  in  ability  to 
simulate  all  aspects  of  flight  (visibility,  side  force,  etc). 

USA/NAIC  (1) 

Parameter  identification  prediction  tecimiques  can  be  categorized  by  two  criteria  -  the  compu¬ 
tational  method  and  generalized  systems  approach.  Computational  methods  can  be  subdivided  into  three 
areas  -  the  equation  error  methods,  output  error  methods,  and  advanced  methods.  Equation  error  methods 
assume  perfect  measurements  and  optimize  cost  functions  that  arc  based  on  an  assumed  form  of  modelling 


error  (process  noise).  Output  error  techniques  assume  that  the  model  of  the  system  is  correct  and 
optimise  cost  functions  tliat  are  based  on  measurement  system  error  models.  Advanced  methods  are  those 
that  account  for  both  process  and  measurement  noise.  Examples  of  equation  error,  output  error  and 
advanced  methods  are  least -squares,  Newton-Kaplison,  and  maxinne:i-likelibood/Kal::.an-Fiiteriug  technique.  , 
respectively.  If  either  process  or  measurement  noise  is  present,  then  one*  of  the  first  two  methods 
can  be  in  error;  however,  when  using  tb.e  advanced  methods  these  error  sources  are  taken  int_>  account 
and  unbiased  estimates  can  theoretically  be  obtained. 

Any  of  these  three  techniques  can  be  adapted  into  a  general i red  systematic  approach  to  system 
identification.  A  generalised  approach  used  at  NAVAIKTEL XH!  is  a  vj.igue  ii.te.  rate,:  system  identi- 
fi cat  ion  procedure.  This  integrated  approach  to  system  identification  is  composed  of  the  fcllc-vin.* 
steps! 

-  Test  input  design.  Flight  data  processim-  and  analysis.  Model  structure  detcrmi:.nt5 on. 
Parameter  identification.  Model  verification. 

Any  system  identification  or  parameter  identification  approach  that  does  not  -u-c  this  five  stej 
process  will  be  less  successful  than  tb.e  approach  outlined.  For  example,  if  care  is  not  used  in  input 
design.the  flight  test  measurement  set  yener a ted  will  not  have  the  information  content  required  to 
estimate  or  predict  critical  parameters. 

In  the  approach  used  at  NAVAIKTKM TCEIi  a  maximum  likelihood  parair.e ter  identification  algorithm 
has  been  modified  to  perform  flight  data  processing  prioi*  to  the  estimation  of  model  parameters* 

This  step  involves  estimating  scale  factor  errors  and  l  iases  and  ot  taininr  a  kinematically  consistent 
set  of  measurements.  Any  prediction  technique  t!.at  does  not  Lave  this  feature  will  introduce  errors 
into  model  parameter  estimates. 


Model  structure  determination  is  the  next  stop  in  this  process  and  its  major  purpose  is  to  identify 
significant  terras  of  a  math  model.  Optional  sul set  regression  is  the  model  structure  approach  used  at 
IIAVAIRTESTCEN.  This  type  of  approach  is  necessary  in  order  to  have  a  systematic  method  of  defining 
tb.e  significant  pai’ameters  of  nonlinear  aerodynamic  models.  If  the  model  structure  phase  is  ignored  in 
the  identification  process,  then  the  model  will  be  over  or  under  parameterized  and  errors  will  ;  e 
introduced  into  the  final  model  parameter  estimates. 

barometer  identification  is  the  final  data  processing  step  and  provides  the*  refined  estimates  of 
the  model  pai'ameters.  A  maximum  likelihood  algorithm  is  the  parameter  identification  technique  used 
at  IIAVAIRTESTCEN  and  is  the  technique  most  widely  used  in  flight  test  applications  in  the  United  States. 
Failure  to  use  an  advanced  parameter  identification  technique  like  tb.e  maximum  likelihood  method  will 
result  in  biased  estimates  if  both  process  and  measurement  noise  are  present. 

The  final  step  is  the  verification  of  the  model  and  partuneter  estimates  and  involves  the  use  of 
estimation  uncertainty  bounds  anti  the  prediction  of  aircraft  responses.  Engineering  Jud.ur.ent  air 
plays  i\  role  in  the  verification  process. 

This  five-step  approach  to  integrated  system  identification  is  extremely  critical  when  attorn:  li’  - 
to  predict  the  model  ajid  parameters  of  a  highly  nonlinear  system.  Tliis  approach  has  l  een  successfully 
demonstrated  on  predicting  the  nonlinear  model  parameters  of  the  VAK-191B  vertical  short  takeoff  and 
landing  (VSTOL)  aircraft  and  the  F-45  fighter  aircraft.  In  the  VAK-191B  application  the  pro;  lem  war  to 
model  ti.e  nonlinear  aerodynamic,  engine  thrust  and  reaction  control  system  during  conventional, 
transition,  and  hover  flight.  Data  reconstruction,  model  structure  determination,  and  parameter 
identification  were  applied  to  this  problem  and  a  sample  of  final  parameter  estimates  i r  a  'ailaMc-. 

The  application  of  this  technology  in  tlie  F-4S  program  was  specifically  aimed  at  the  nonlinear 
high  angle-of-attack  flight  regime.  Diu’ing  this  program  high  angle-of-attack  stall  and  departure 
manoeuvres  v;ere  analyzed.  Results  from  the  instrumentation  system  analysis,  model  structure  deter¬ 
mination  parameter  identification  and  verification  process  are  available. 

U.j/MAVAIK  (1) 

All  five  FIS’  questions  could  relate  to  many  aspects  of  aircraft  ground/flight  test  techniques  and 
correlations;  ie,  aerodynamics,  structures,  propulsion,  flying  qualities,  etc.  The  Vf/N‘AVAli\  responses 
are  based  on  the  particular  area  of  experience  in  the  prediction  and  flight  documentation  pr  ccrr  of 
air  vehicle  performance  for  US  Navy  aircraft. 

Analytical  prediction  procedures  vary  greatly  in  degree  of  complexity,  accuracy  and  c.x  •.  The 
accuracy  of  the  results  is  dependent  on  the  applicability  of  the  method  of  the  aerodynamic  configu¬ 
ration  \  eing  analyzed.  The  simpler,  less  costly  methods  are  based  on  the  component  iuild-uj  pr  cess 
using  geometric  information.  These  procedures  may  not  account  for  (at  least  adequately)  important 
interactions  (ie  airframe/inlet  and  exhaust  or  ro  tor-inf  low  and  rotor-bladc/t  ip- vortex  ir.terfvrer.ee)  • 
These  procedures  may  be  adequate,  however,  for  less  complex  aei'odyjiamic/propulcion  confif-nrat  i.v.s 
where  interactions  ore  expected  to  le  small.  When  interactions  must  be  considered,  more  r . lhistl- 
cated  analytical  progi'ams  exist  lut  require  judgment  in  modelling  the  interactions  and  are  more 
costly.  Errors  in  model  Ling  the  interactions  may  result  in  large  errors  in  tb.e  result.  V.’indtunnv 1 
based  prediction  processes  are  very  expensive  but  have  the  advantage,  at  least  potentially,  of 
evaluating  the  exact  nerodyiiomic  configuration  including  interactions.  The  accuracy  of  ti.e  wind- 
tunnel  i  ased  prediction  may  ie  affected  by  the  windtunncl  test  techniques,  the  effort  expended  to 
isolate  and  account  for  all  aerodynamic  and  provision  forces,  the  scale  effects  adjustment  to  ful  1  • 
scale  Reynolds  number  and  the  accountability  foi*  items  not  represented  on  the  wind  tunnel  model. 
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In  general,  all  of  the  prediction  tecliniques  foi'  rotary-wing  aircraft  (whether  they  he  for 
rotor-l lade  aerodynamic  characteristics,  aerodynamic  interference  effects,  or  r jtor  airloads  prediction) 
ai’e  all  empirical  or  at  least  semi -empirical.  Each  lib  helicopter  company  has  its  own  prediction 
technique  faced  on  its  own  set  of  experimental  data  that  is  usually  somewhat  uniquely  oriented  to  the 
re tor craft  configurations  developed  by  that  company.  It  is  impossible  to  discuss  in  any  generality 
the  advantages  a; id  disadvantages  of  the  prediction  methods  tliat  are  employed  by  the  i.elicopter  industry. 
Mostly,  the  differences  relate  to  the  modelling  of  the  rotor  wake  and  these  range  from  very  simple 
uniform  inflov:  to  highly  complex  free-vake  analyses .  Even  the  uniform  inflow  model  is  adequate  for 
some  prediction,  lilt  even  the  most  sophisticated  free  wake  is  still  inadequate  for  other  application. 

lib/hell  Uel  (l) 


For  rctarv-winr  aircraft,  prediction  techniques  depend  largely  upon  empirical  factors  tc  achieve 
satisfactory  results.  borne  teciuiiques  depend  upon  theory  until  the  limits  of  the  mathematical  model 
are  readied.  After  that  point,  the  difference  is  made  up  with  empirical  corrections.  ’.These  correction 
factors  tend  to  make  the  analysis  good  for  configurations  tiiat  do  not  vary  too  far  from  the  confi.-u- 
rations  used  to  determine  the  correction  factors.  An  example  of  such  corrections  is  the  interference 
of  the  rotor  wake  on  the  fuselage,  tail  rotor,  elevator,  and  vertical  fin.  This  interferer.ee  can 
produce  significant  handling  qtialities  effects  which  would  :  e  missed  in  most  prediction  tecimiquec. 

!flie  ad  van  tage/disad  vantages  of  different  prediction  tecimiquec  then  becomes  a  jud.-ment  call  on  the  part 
of  the  engineer  based  on  the  stated  problem. 

US/AF.-/AL  (1) 

As  regards  liability  and  Control  prediction  techniques,  the  comments  are  as  follows: 

-  Empirical  -  Accurate  over  data  base  range.  Very  limited  in  apt  Ideation. 

-  Semi-empirical  -  ben  orally  a  little,  lees  accurate.  More  widely  applicable  especially  ref 
conf iguration  geometry . 

-  Theoretical  -  Within  range  of  restrictive  assumptions  ca.n  handle  completely  arV  itrary 
geometry.  Can  handle  limited  complexity;  no  separation,  no  high- ot i  etc.  (At  the  present  time, 
some  of  these  limitations  may  disappear  as  computers  continue  to  "improve".) 

For  Handling  Qualities  the  various  short-period  handling  parameters  we  investigated  (for 
MXL-F-07S^  are  discussed  in  AFv/AL- TR-S 1  - 1 09 ,  the  forthcoming  back-up  document  fer  S/S^C.  Calspan 
(in  AFFDL-TR-72-4l)  and  311  (in  AFFDL-TR-7 3-76 )  had  each  proposed  different  roll-yaw  coupling  require¬ 
ments,  but  we  adopted  neither.  While  they  should  be  useful  for  design  guidance,  Calspan' s  revised 
definitions  and  boundaries  and  STI's  rudder  coordination  parameter  are  still  complicated  and  seem  to  be 
no  more  adequate  than  the  present  requirements  for  specification  use.  Of  complementary  interest  is 
Mooij  and  van  bool's  discussion  of  a  number  of  alternative  longitudinal  and  lateral -directiozial  flying 
qualities  parameters  in  NLR  TKs  79127b  and  S0103L. 

broimd-based  Simulation  fills  the  gap  between  paper/off-line  computer  analysis  and  flight  testing. 
Its  advantage  is  to  introduce  the  human  factor  elements  early  in  the  aircraft/ subsystem  design  phase  to 
determine  flying  qualities,  crew  station  design  capab Llities,  to  validate  digital  flight  control  laws 
and  software,  to  establish  redundancy  management  logic  under  a  multitude  of  single  and  combination 
failures  and  to  explore  the  boundaries  of  departure  emu  flight  envelope  which  would  be  high  risk  in 
flight.  Its  primary  disadvantages  arc  perceptual  limits  in  visual  and  motion  cues  which  may  lead  to 
loss  of  fidelity  and  the  introduction  of  false  cues.  Computational  and  transport  lags  can  also 
introduce  unrealistic  dynamic  effects.  However,  the  advantages  of  ground-based  simulation  far  outweigh 
the  disadvantages.  Thorough  paper  analysis  is  necessary  to  validate  and  understand  the  limits  of  the 
simulation.  Als. ,  the  simulation  model  should  be  updated  to  correlate  with  early  flight  test  results 
to  provide  fidelity  for  expanded  simulation  investigation.  Simulation  is  a  cost  effective  method  to 
investigate  large  numbers  of  mission  sorties,  to  conduct  parameter  variation  sensitivity  studies,  and 
to  obtain  statistical  results  from  a  variety  of  experienced  or  inexperienced  crew  members.  Flight  test 
cost:-  arc  prohibitive  for  obtaining  large  sample  testing. 

1  :  Uni  tea  Kingdom  (l) 

i  j-./LAc  (1) 

From  i  ropulsion/l  erfomance  viewpoints,  it  is  considered  that: 

Theory  is  usually  quicker  and  cheaper  than  testing,  at  leant  for  changes;  therefore  good  for 
he:, in.  sluMon;  but  test  needed  to  give  spot  confirmation  and  overall  answer. 

-  .v  imitunnei  offers  a  controlled  environment  and  is  wood  for  covering  nuige  of  parameters;  needs 
mode!  des i-'i.  for  convenient  ear_v  configuration  development. 

-  i’lL-  i.t  testing  appears  nominally  good  1  e cause  it  is  a  real  aircraft;  Jut  there  are  difficult ion 
in  >';  tniniz.g  accuracy  and  conditions  re  In  table  to  a  us.eful  mathematical  model,  hue:,  work  requires 
concentration  or.  reliable  rather  than  many  results. 

K  >r  Acr  xlyuamic  h ladings ,  the  relevance  or  otherwise  of  theoretical  predictions  is.  dependent  on  the 
ran.  t.  >f  incidence  anil  Mach  numi  or  t o  which  the  aircraft  ♦..•ill  be  r,\u  fee ted  at  high  dynamic  pressures, 
b  r-  j i ■« - 1  i ca !  methods  are  inadequate  for  high  values  of  (nW/ba^). 
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From  Stability  and  Control  experience  comes  the  fundamental  point  that  a  sound  data  base  and 
application  model  is  essential  for  correct  interpretation  of  flight  measurements •  The  range  of  flight 
measurements  which  can  be  taken  is  usually  restricted  by  cost  and  timescales,  also  possibly  by  safety 
considerations*  The  latter  implies  a  good  framework  is  needed  on  which  to  base  extension  of  clearances 
to  corner  points*  Care  with  instrumentation  and  flight-testing  pays  dividends  in  avoiding  need  for 
repeat  testing.  ‘Hie  pros/cons  in  respect  of  different  prediction  techniques  include: 

-  Data-Sheet  Methods  -  Restricted  in  applicability  (although  cheap)  because  of  tiie  information 
on  which  they  are  based. 

-  Computational  Fluid  Mechanics  -  Limited  generally  to  potential  attached  flow. 

-  Wind tunnel  testing  -  Restricted  by  tunnel  interference,  support  system  interference  (except 
free- flight ) ,  model  distortion  to  fit  support,  usually  low  Reynolds  number,  and  difficult  repr<“.  ci.iation 
of  intake/nozzle  flow. 

-  Free-Flight  Models  -  Limited  usually  to  low  speed,  while  Reynolds  number  nee  L.  to  be  watched 
and  internal  flov;  representation  difficult. 

For  Dynamics  prediction  the  status  of  structure  and  aerodynamics  treatments  are  respectively: 

-  Basic  lineal*  dynamic  behaviour  of  the  Structure  is  v/ell  understood  and  can  be  accurately 
modelled,  while  simple  nonlinearities  (backlash  etc)  can  be  represented  and  assessed.  But  structural 
damping  (crucial  in  the  clearance  of  heavy  underwing  stores)  is  not  well  understood  and  at  present  is 
arbitrarily  treated.  Ground  Resonance  Test  (GRT)  measured  values  are  suspect  because  of  deficiencies 
in  modal  excitation,  unrepresentative  a/c  suspension  and  complex  modal  interaction. 

-  Current  Aerodynamic  lifting^Surface  theories  are  adequate  for  isolated  wing/tai 1/f in  in  pure 
attached  subsonic  and  supersonic  flows.  Predictions  are  very  poor  transonically  and  very  careful 
flight  flutter  testing  is  required.  Windtunnel  tests  help  here  but  there  are  severe  difficulties  in 
designing  and  building  a  sufficiently  accurate  (and  strong)  dynamically-scaled  model. 

From  Gt ore-release  considerations  purely  theoretical  methods  are  not  really  adequate  for  store 
load  estimation  since  non-linear  effects  due  to  separation  at  incidence  are  needed  for  most  calculations. 
They  can  be  used  for  aircraft  flowfield  in  some  configurations  at  low  incidence  and  sub-critical  Mach 
numbers.  But  potential  flow  methods  give  poor  answers  in  the  wing  downwash  and  upwash  fields  close  to 
the  leading  and  trailing  edges.  -Some  of  these  methods  are  also  very  expensive  to  use.  Empirically- 
based  methods  with  non-linear  effects  represented  are  better  for  store  load  prediction. 

Wind tunnel  tests  are  currently  the  most  reliable  source  of  data  for  trajectory  calculations  especially 
if  used  in  combination  to  build  up  and  validate  a  mathematical  model,  as  in  the  Warton  "broad-based” 
technique.  Windtunnel  tests  are  considered  essential  prior  tc  flight  releases  unless  the  store  is 
"heavy"  and  stable,  eg  a  fixed  geometry  bomb.  Disadvantages  of  windtunnel  tests  on  stores,  in  addition 
to  the  usual  scale  worries,  are: 

-  Cost. 

-  Sting  interference/distortion  in  Two-sting  testing  in  the  presence  of  the  aircraft  or  in 
isolated  store  testing. 

-  Gravity  deficiency  in  "light  model"  jettison  testing. 

-  Repeatability  and  accurate  trajectory  measurement  in  jettison  testing. 

UK/RAE  (1) 

This  response  relates  to  prediction  of  flight  dynamics  behaviour  and  is  provided  as  Tables  I  and  II 
at  end  of  text  (pages  29  and  30). 

1.3  Pettier  lands  (l) 

NE/F okker  (l) 

These  remarks  concern  primarily  Subsonic  Transport  aircraft,  as  is  also  true  for  Fokker  responses 
to  the  complementary  questions. 

1  Zero-Lift1  drag  coefficient  -  The  only  useful  method  is  the  "flat -plate  drag  times  shape  factor" 

method  (K  x  C-  x  S  )  with  shape  factor  either  from  model  tests  on  particular  configuration  or  from 
r  i  wet; 

generalized  data.  The  really  difficult  item  remains  "roughness  and  miscellaneous"  drag.  Furthermore 
shape  factors  are  less  well  defined  than  one  would  expect.  (Fairly  large  variations  exist  between 
different  data  sources.) 

Induced  drag  factor  ("e")  -  For  modern  jet  transports  with  high  wing  loading,  induced  drag 

forms  an  important  contribution  to  total  climb  and  cruise  drag-  'Hie  induced  drag  factor  can  be  taken 
both  from  reneralized  data  and  from  windtunnel  tests.  Both  lave  lower  accuracy  than  is  desirable.  For 
low-speed  high-lift  conf i durations  the  windtunnel  seems  to  be  the  only  useful  tool  up  to  now. 

Low-speed  Cj and  stall  characteristics  -  High  Reynolds  number  tests  ( ke-  >  3  *  10l  )  produce 
the  most  accurate recu ltd.  uiter.  available  for  initial  design  studies.  2-D  theory  may  produce 
useful  data  on  treu.de. 

High-speed  drag  -  Re-capability  of  present  windtunnels  is  insufficient  for  accurate  determination 
of  drag  creep  and  drag  rise. 


J. 
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t  Simulation  of  high-Re  conditions  in  present-day  windtuunels  by  varying  the  location  of  the  transition  1 

band  is  questionable-  Programmes  such  as  FL022  seem  to  give  useful  indications  on  the  effect  of  Re  on  J 

|  drag  creep  and  drag  divergence  Mach  numbers.  E'J ft.'  should  give  an  improvement.  Induced  drag  at  high  C, 

may  remain  a  problem  (tunnel  wall  effects). 

buffet  onset  boundary  -  As  buffet  onset  is  a  combination  of  flow  phenomena  and  structural 
damping  its  determination  prior  to  first  flight  will  always  be  approximate.  At  present  the  emphasis 
i  in  any  analysis  lies  on  the  aerodynamic  component.  The  same  can  then  be  said  about  buffet  onset  as 

j  abjut  high-speed  drag.  Again  at  present, modern  transonic  computer  codes  seem,  to  give  the  only 

indication  of  Reynolds  nunuer  effects  up  to  flight  Re-numbers. 

i  Flight  cliaracteristics  at  conditions  beyond  the  onset  of  flow  separation  -  Unless  the  attention 

is  focussed  on  controlled  flow  separation  (vortex  flow),  this  subject  lies  still  largely  outside  the  i 

capabilities  of  our  theoretical  methods.  For  the  determination  of  flying  characteristics  beyond  buffet 
r.  onset,  both  at  cruise  Mach  numbers  and  between  M.^  and  the  wind  tunnel  seems  to  be  the  most  useful 

|  tool  although,  an  increase  in  Re-numbers  capability  is  highly  desira’*  le. 

1  Stability  and  control  ciiaract eristics  in  the  normal  flight  regime  -  Apart  from  handbook  methods, 

the  estimation  of  lateral  and  directional  stability  and  control  derivatives  on  a  theoretical  basis  ir 
practically  non-existent,  in  particular  angular-rate  derivatives  for  take-off  and  landing  configu¬ 
rations.  Although  various  wind tunnel  facilities  are  nowadays  equipped  wit::  dynamic  test  rigs  the  Reynolds 
number  in  tests  on  these  rigs  is  by  necessity  very  low  except  perhaps  with  the  new  test  rig  in  the 
OIJERA  SI  tunnel  at  Ilodane.  In  particular,  in  view  of  the  increasing  interest  in  active  control 
technology  and  in  flight  simulation,  a  much  larger  interest  exists  nowadays  for  an  accurate  knowledge 
of  all  stability  and  control  derivatives.  It  would  be  worthwhile  if,  on  this  new  test  rig  in  the 
OHEKA  SI,  a  few  configurations  representative  for  modern  transport  aircraft  could  be  investigated  as 
a  check  arid  an  extension  of  the  present  handbook  methods • 

Iropeller/s Upstream  effects  -  In  terms  of  required  accuracy  for  design  purposes  the  present 
theoretical  methods  do  not  go  further  than  the  preliminary  design  stage.  Although  the  wind tunnel  is 
here  a  much  more  effective  tool  a  limitation  can  be  the  scale  of  the  model.  This  may  severely  limit 
the  power  output  of  the  propulsion  unit  and  therefore  the  achievable  Reynolds  number, in  particular 
when  high  tlirust  coefficients  have  to  be  simulated. 

IE/HLR  (1) 

The  ItLR  note  that  their  answers  are  based  on  experience  in  windtunnel  testing  and  close  contact 
with  computational  aerodynamics.  Also  tiiat  unfortunately,  v.indtunnel  engineers  have  only  a  very 
limited  insight  in  the  subsequent  processing  of  windtunnel  data  and  a  comparison  with  flight  tests  by 
the  aircraft  factories. 

t,TrendoIogylt  -  In  this  technique,  (well)  established  trends  in  the  variation  of  different  aircraft 
characteristics  are  used  to  extrapolate  wind tunnel  data.  Examples  are  the  variation  of  C,  -buffet  with 
Reynolds  number,  profile  drag  with  airfoil  thickness , etc.  ’These  trends  can  be  based  on  "data-sheets”, 
windtunnel  tests  or  "in-house"  vind tunnel/ flight- test  comparisons.  A  typical  example  is  the  A  -approach • 
the  observed  difference  between  windtunnel  and  flight  for  a  particular  aircraft  (and  a  particular 
windtunnel;)  is  added  to  the  windtunnel  results  for  the  new  designed  aircraft.  The  advantages  of  this 
technique  are  that  it  is  (most  often)  straight  forward.  It  is  very  re-assuring  to  use  well-established 
I  techniques  based  on  "integrated"  experience.  A  main  objection  is  tiiat  it  is  (very  often)  based  on 

poor  physical  modelling.  For  that  reason  it  does  not  exploit  the  full  limits  of  present  day'  knowledge. 

Hi  is  might  be  risky  in  the  extrapolation  of  windtunnel  data  of  designs  that  make  use  of  new  technologies. 

A  classical  example  is  the  prediction  of  Reynolds  effects  for  supercritical  airfoils. 

"Boundary -layer  fixation  manipulation"  -  The  state  of  the  boundary  layer  (laminar  or  turiulcnt) 

;;as  a  great  influence  on  the  aerodynamic  ci*aract eristics.  This  is  generally  considered  as  a  problem 

but  in  some  cases  it  has  become  practice  to  select  by  artificial  tripping  suck  a  boundary  layer  1 

development  that  "full-scale"  results  are  obtained  in  the  windtunnel.  A  typical  exor.pl e  is  "shocn-  . 

fixation"  to  determine  buffet  boundaries.  The  great  advantage  ir  tiiat  full  scale  results  are  measured  t 

directly.  Objections  are  that  it  is  difficult  to  select  the  proper  transition  location  Oared  or.  ; 

windtunnel/flirl.t  correlation  or  computational  aerodynamics)  and  tiiat  each  point  in  the  flight  envelope  j 

requires  a  different  fixation  location  (making  windtunnel  measurements  more  expensive).  In  principle,  j 

one  might  argue  if  the  method  is  justified  at  all  on  theoretical  grounds.  This  teclmiquc  is  not  I 

recommended,  unless  it  is  used  as  an  additional  tool  to  investigate  the  sensitivity  to  changes  in 
1  oundary  layer  development. 

"Computational  aerodynamics"  -  At  present  the  mathematical  modelling  of  flow  around  aircraft 
configurations  has  not  readied  the  state  where  computational  aerodynamics  alone  are  able  to  predict 
flight  test  results,  however,  when  used  on  a  relative  i  as is  and  only  for  specific  characteristics 
(eg  draw)  they  might  le  useful  or  even  essential  to  complement  experiments,  especially  where  the 
j  experiment  is  limited  by  accuracy  or  model  design  considerations. 

"i’hyslcal  modelling"  -  understanding  of  the  problem  should  be  the  basis  for  flight  prediction. 

This  can  be  achieved,  iy  careful  designed  experiments,  phenomenological  studies  and  sul  sequent  (improve¬ 
ment  of)  mathematical  modelling.  A  typical  example  is  M;e  prediction  of  buffet  boundaries  based  on  an 
empirical  correlation  of  shock  Mach  number  and  local  boundary  conditions,  rather  than  a  C.  -buffet  vr. 

Re-trend.  In  fact  this  technique  should  be  viewed  as  a  "marriage"  l  e tween  windtunnel  test i nr  and 
computational  aerodynamics.  Its  main  disadvantage  is  that  the  time  scale  for  this  type  f  res rare:  is 
.  much  larger  t!*nn  the  available  time  for  aircraft  development.  There f  ro  a  c-.:r.i  loin* ion  "t.rer.  y" 

methods  with  special  attention,  to  }  roi  lorn  areas,  in  conjunction  with  "physical  model1::.."",  re;  rc  s v:.’ 
tr./i  ably  the  most  appropriate  technique. 


Computational  Fluid  Dynamics  is  a  fundamental  tool  for  design  when  used  appropriately;  offer!:.;; 
lot;,  rapid  flexiile  methods  for  preliminary  evaluations,  and  most  complete  modes  for  final  evaluations. 

-  Advantages;  Quick  analysis  and  possil  ilities  to  carry  out  a  nurd  er  of  trade-offs  for  different 
cor.f  i*-urations  • 

-  Disadvantages;  Impossibility  at  present  to  simulate  separated.  flow  conditions  or  tc  duplicate 
correctly  detailed  vortex  flows.  Also  difficulty  for  data  evaluation  of  com:  let e  and  complex 
configurations . 

bindtunnel  tests  provide  an  essential  tool  for  aerodynamic  confi guratior.  analysis  and  for  lata 
collection. 

-  Advantages :  Possibility  to  simulate  mit}.  ri od  approximation  the  complete  aero dynamic  behaviour 
of  an  aircraft  configuration  includin.-  mutual  ir.terference,  vortex  detachments,  non-linear  resulting 
effects;  thei.  can  collect  all  the  data  required  in  aerodynamic  design,  flight  mechan.ics  ar.d  loads 
analysis. 

-  Disadvantages:  Long  time  for  model  desi.-n  and  manufacturing,  high  cost  of  transonic  test, 
sophisticated  facilities  for  simulation  of  Mach  and  Kevnolds  numbers. 

For  IVnamics  studies  ( ae ro  by : iami c/ s t in; c t nral ) ,  21  Theoretical  calculations  are  cost  effective  in 
parametric  studies  for  preliminary  design  and  development.  ?D  theoretical  calculation  are  more  accurat 
but  limited  to  checks  of  frozen  conf igurat ions  1  ecauce  of  hi  oh  cost,  b  ut  not  sufficient  to  wive  the  fin 
clearances  with  the  required  approximation  without  matching  against  flight  results.  While  theoretical 
unsteady  aerodynamics  is  effective  for  analysis  of  subsonic  and  supersonic  fields,  it  is  very  expensive 
and  inaccurate  in  transonic  -  ’./here  windtvumel  models  (complete  or  partial)  are  :  referred,  even  if 
expensive  and  not  flexible  in  usage.  High- incidence  conditions  may  Vo  tested  on  specialised  windtunuel 
models,  now  constructed  in  carl  on  fib  re  ensuring  accurate  definition  of  the  profile. 

IT/HdD  (1) 

The  main  ground- prediction  teclmiques  are  v/indtunnel  and  digital-computer  calculations.  Overall, 
the  aeronautical  industries  are  still  compelled  to  use  v/indtunnel  tests  widely  when  non- I in ear  effects 
are  involved.  Digital  computer  calculations,  nevertheless,  have  the  advantage  of  a  low  cost  of  CPU,  a 
low  cost/effectiveness  ratio,  and  a  higher  flexibility.  Thus,  with  the  computers  used  to  reduce  the 
number  of  windtunnel  test  provrantr.ee,  an  attractive  solution,  of  the  problem  can  !e  the  coupled  ~se  of 
v/indtunnel  and  computers. 

1.5  Germany  (l) 

IlE/DFVLP  (1) 

There  are  two  kinds  of  prediction  techniques.  Firstly,  those  which  predict  the  flight  dynamics 
and  flight  performance  and,  secondly, methods  which  predict  flight  critical  \  e saviour  (110,  instabilities 
Die  first  kind  of  prediction  objectives  is  heavily  related  to  simulation  procedures  (dynamics)  as  well 
as  v/indtunnel  and  analytical  tools  (performance).  Die  latter  kind  need  criteria  which  have  tc  be 
derived  from  equations  of  motion  or  winu tunnel  measurements. 

If  prediction  techniques  are  understood  as  various  different  experimental  investigation  methods 
(er-  static  and  dynamic  v/indtunnel  measurements ,  flow  visualisation,  model  flight  testing),  the  final 
results  obtained  yield  more  confidence  the  more  of  these  techniques  have  been  applied. 

1 .(.  Prance  (l) 

FiydlilAh.M  (1) 

W'e  share  entirely  the  opinion  expressed  in  the  response  US/AVKADCOM  (1)  concerning  ti.e  empirical 
character  (or  at  least  semi-empirical)  of  the  prediction  techniques  for  helicopter  load  calculations 
currently  used  by  the  Firms.  We*  agree  equally  to  the  comments  made  about  the  tailoring  of  the 
theoretical  model  used  to  the  nature  of  the  problem  posed;  very  often,  a  simple  physical  model 
correctly  tuned  to  experimental  results  is  better  for  prediction  than  a  complex  mathematical  model 
whose  application  would  prove  too  lor.r  and  costly  for  some  complete  parametric  studies. 

i-yrdOATgi'  (1) 

These  remarks  relate  ji.Ly  to  the  flying  qualities  and  ti.e  aerodynamics  of  transport  aircraft.  To 
predict  ti.e  \  ehaviour  of  oj.  aircraft  ir.  flight,  three  principal  complementary  techniques  are  employed: 

-  Theoretical  calculation  .y  computer;  model  testing  in  wir.dtunnels;  simulator  studies. 

a.  Flying  qualities  and  piloting  coiictraintc 


Calculation  is  very  efficien*  and  not  costly,  nevertheless,  it  is  ir capable  of  represent inr  the 
M. ehaviour*  of  a  human  pilot,  while  its  reliability  is  tied  to  the  quality  of  the  aerodynamic  cocfficien' 
and  structural  (aercelast icity)  coefficients  which  are  used  for  calculation,  hlmulntion  is  lduianricntnl  1; 
essential  to  take  into  account  ti.e  iehavinir  and  judgement  of  the  human  pilot. 
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t  b.  Aerodynamics  - 

Theoretical  calculation  permits  a  first  choice  of  * interestinr  coi.fi  .-.u*at ions*  without 
however  furnishing  reliable  values  for  the  set  of  aerodynamic  coefficients  needed  in  tne  prediction  : 
flying  qualities  and  perfonnauce.  by  contrast,  it  permits  in  most  cases  a  rood  prediction  of  tic- 
aerodynamic  loads  necessary  for  structural  calculations  (including  aeroelastic  effects).  It  remains 
deficient  for  the  treatment  of  transonic  viscous  flows  and  of  strongly  sep  ara teu  flows.  Its  imp;x  ve::.c  * 
and  reliability  ore  tied  to  the  alimentation  of  coi:iputer  power;  nevertheless,  it  is  never  likely  ‘  ; 
provide  a  complete  set  of  aerodynamic  coefficients  which  are  roll  a-  le  tio’ouyi.out  ti.e  entire  flirht 
domain. 

Wjndtunnel  testing  is  the  necessaiy  ind i spent ai le  complement  t_  specify  tine  nei'odyr.cur.ic  charac¬ 
teristics  of  an  aircraft  before  its  first  flipht.  Exist inr  low-speed  windtiemels  capable  of  hirh 
Reynolds  numbers  (f  VENERA,  flm/RAE)  permit  rood  predictions,  though  without  currently  takinp  proper 
account  of  engine  efflux  effects  (in  contrast  helicopter  rotor  flow  can  :  c*  simulated) .  Transonic 
vrindtuimels  still  remain  deficient  for  corrections  in  respect  of  Reynolds  murders  effects,  wall 
constraints  and  model  supports;  in  contrast  they  do  permit  satisfactory  account  to  be  taker,  of  earine 
efflux  (by  compressed  air,  or  air-turbines  IT'S) •  The  improvement  of  results  obtained  in  wind tunnels 
is  inherently  dependent  on  reduction  of  tiie  following  deficiencies  -  much  l  etter  k/x>wledge  of  the 
actual  model  forms  under  high  aerodynamic  loads  (taking  into  account  model  deformat ions)  and  the  future 
development  of  a  transonic  cryogenic  tuimel.  In  conclusion,  the  winutunnel  will  remain  for  a  loiif  time 
the  best  means  of  providing;  a  complete  set  of  reliable  aerodynamic  coefficients  close  to  those  of  the 
z'eal  aircraft  in  flight. 

FR/SNECMA  (1) 

|  For  propulsion  studies,  windtiumel  tests  and  numerical  simulation  of  the  flows  are  complementary. 

\  Numerical  simulation,  hein**  less  onerous  than  windtiumel  testing,  permits  definition  and  refinement  of 

[  shapes;  the  wind tunnel  experiments  may  tlien  be  made  on  optimised  geometries  to  verify  their  performance. 

The  windtunncl  test  usefully  gives  projmlsion  nosr.lo  coefficients  in  a  directly  integrated  form,  from 
direct  measurement  of  airflow  and  forces;  by  contrast  it  rives  only  an  approximate  knowledge  of  the 
aerodynamic  field.  Tlius  numerical  simulation  of  ti:e  test  can  lead  to  a  very  profound  knowledge  of  the 
aerodynamic  field;  comparisons  of  theory  and  experiment  in  respect  of  surface  i  res cures  permi ts 
identification  of  aerodynamic  phenomena.  However,  when  three-dimensional  characteristics  are  especially 
marked  because  of  jet-entrainment  effects  sue),  as  winr-enrine  integ  ration  with  civil  aircraft,  or  when 
flight  conditions  lead  to  transonic  mixed  flows  with  flow-reversal  sue!:  as  rear- fuselage  conditions 
v/i tli  a  combat  aircraft  near  M  l,  then  tlie  current  state  of  calculation  methods  does  not  lead  to  valid 
predictions.  Windtiumel  testing  allows  the  better  approach  to  the  problem# 

Fiyi-IbBA  (-) 

Ferformance  and  flight  clioract eristics  prediction  is  an  absolute  necessity  i  efore  the  flirht- 
t eating  of  any  air-vehicle.  Therefore,  in  oui’  opinion,  t !-e  main  problem  is  not  to  list  t!:e  advantages 
and  disadvantages  but  to  improve  and  refine  our  prediction  techniques  for  every  new  aircraft,  on  the 
same  grounds,  lot);  wind tunnel  testing  and  analytical  predictions  must  Ve  done  and  combined  together  to 
solve  adequately  most  of  the  aerodynamic  problems. 

It  can  also  be  stated  that,  up  to  now,  there  is  not  an  ai  solute  confidence  in  the  results  obtained 
by  each  individual  prediction  procedure.  Our  experience,  1  ased  on  comprehensive  flight  test  results 
of  many  different  prototypes,  indicates  that  x:»e  prediction  methods  -  which  seemed  sufficiently  valid 
for  one  prototype  -  were  not  adequate  for  another  one  although  belonging  to  t):c  sane  aircraft  family. 

The  came  experience  indicates  also  that,  by  using  loti,  sources  of  information,  risks  of  prediction 
erroi’c  are  significantly  reduced. 

Here  its  a  definite  need  anti  possibility  of  improvement  in  loti;  prediction  procedures 5  for 
example  more  Information  must  be  extracted  from  unsteady  flow  measurements  in  wind tunnels  and  more 
detailed  flow  information  must  be  derived  from  computations  based  on  a  more  precise  mesh  system  or  on 
a  better  viscous  flow  model. 

Is.  conclusion,  for  any  flight  regime  and  whatever  the  confij-urat ion,  a  maximum  effort  to  obtain 
an  accurate  prediction  must  be  made;  while  the  feel,  for  constant  improvement  of  pre<iiction  methods 
and  also  of  the  quality  of  the  flight  test  data  must  !o  shoved  by  all  engineers  involved  in  air- 
vehicle  development#  Minimisation  of  prediction  errors  is  vital,  because  any  si  gn i f leant  modification 
required  after  the  first  flights  of  a  prototype  lias  !:oi:  Uo  dramatic  consequences  on  programme  cost  and 
time  schedule.  Finally,  it  should  be  mentioned  that  the  l\>rogoj.:;g  discussion,  limited  I. ere  to  compu¬ 
tational  aerodynamics  and  windtiumel  prediction  techniques,  is  also  relevant  to  techniques  l  asod  on 
simulators  (ground -l  ased  >r  in-flight)  and  fly  inr  models,  ns  well  as  or.  s  tine  turn!  analysis  and  tcctiur, 
etc. 

bORlluilh  OF  'TILE  FLIGHT  REGIME  NOT  ADUididdAidX  BY  GRUUNh-BAMEB  TEClOU^iiEd 
- ’ •  1  United  b fates 
kb/iiABA  (;•) 

There  is.  no  part  of  the  fllrht  rcrime  that  should  not  ic  a  candidate  for  improved  ground-1  ased 
techniques,.  However,  there  are  flight  diameter i st.ics  and  phenomena  which,  at  the  present  time,  cannot 
ie  adequately  predicted  using  ground-1  nsed  techniques#  Flirht  motions  that  are  governed  ly  aerodvnnmi c 
intuits,  which  are  highly  nonlinear  with  rotational  rates  or  wl  ich  have  strong  dynamic  crorr-couplii.r 
l  etweeu  loiii'i  tudi  nal  and  later-directional  modes'  of  motion  cannot  he  properly  addressed  either 
experimentally  or  computational ly  yet. 

; 


i 
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Lome  oT  the  other  problem  area*;  ore: 

-  Hiph  anple- of- attack  dynamics  in  conti'olleu  and  uncontrolled l  flipht • 

-  Total  vehicle  performance  (ep  L/D) . 

-  Flying  qualities  of  superau£mented  aircraft  whose  dynamics  are  uomijiated  iy  the  flipht  control 
system,  especially  in  hiph  pilot  pain  tasks, 

-  Aeroservoelastic  characteristics,  especially  for  aeroelastically  tailored  composite  structure 
and  especially  in  the  transonic  repine. 

-  Static  flexibility  correctiotis. 


For  a  propulsive-lift  airplane,  such  as  trie  (#>KA  and  Ql.TLJvA,  it  appeal's  tliat  all  jarts  of  the  fli -l.t 
repine  are  appropriate  for  evaluation  with  p round-based  facilities  us  a  prelude  to  a  flipht  propromme. 
Limitations  relative  to  Flipht  Dynamics  and  lerformance  and  manoeuvre  loads  are  ir.  evidence,  1  ut  the 
predictive  accuracy  based  on  pround  testinp  is  sufficient  to  make  this  a  cost  effective  endeavour  prior 
to  flipht,  or  as  a  prelude  to  extensive  desipn  ciianpes-  Measurement  of  pround  effect  appears  to  ie  the 
only  area  where  wind tunnel  results  liave  been  sipnificantly  at  variance  with  flipht  data.  It  also  scene 
that  simulation  of  the  land inp- flare  and  touchdown  is  not  as  pood  as  we  would  desire. 

Kotorcraft  manoeuvre  and  transient  loads  cannot  le  adequately  determined  iy  : -round -based  techniques • 
The  detailed  flipht  dynamics  and  performance  limits  durinp  manoeuvres  are  not  yet  predicted  with, 
sufficient  accuracy  to  be  duplicated  on  a  flipiit  simulator.  Furthermore,  pust  loads  and  na.no euvres  are 
not  adequately  simulated  in  a  windtunnel  because  thetotal  vehicle  dynamics  involved  in  flipht  control 
cannot  be  duplicated  in  the  windtunnel.  The  sipnificance  of  tills  premise  is  often  overlooked.  Further, 
rotorcraft  vibration  cannot  be  adequately  assessed  from  proiuid-b ased  testinp,  because  the  total 
coupled  rotor  airframe  response  cannot  le  simulated  in  a  windtiumel • 

liS/AFi’TC  (2) 

-  The  hiph  altitude,  hipi.  Macs  number  i'epime  is  very  costly  to  duplicate  even  partially . 
iarameterc  of  importance  cannot  le  simulated  simultaneously. 

-  Mere  pressure,  wciphtless  (space)  environment  cannot  be  duplicated  adequately.  Exotic, 
inteprated  test  setups  often  create  questional  le  results. 

-  Dtall/spin  ropimo  i  eyond  the  initial  departure.  Key  drivers  arc  tiwe/expense  not  necessarily 
feasibility,  dub scale  test  vehicles,  manned  or  aniiiahned,  often  cheaper. 

-  Lee-side  aero  thermodynamics  at  hiph  Mac:,  nurd  er  ai’e  poorly  hand  Led  by  all  proiaici  prediction 
techniques. 

-  Ground  based  simulators  are  often  inadequate  for  aseossinp  haudlii:p  characteristics  in  a  i.ipi. 
pilot  stress  environment  (sue),  as  land!:..-,  air-to-air  cord  at),  i  i  Lot  induced  oscillations  are 
occasionally  experienced  which  were  not  predicted.  Coni  inod  motion  and  visual  cues  are  required. 

Hiph  fidelity,  larpe  amplitude,  motion  simulators  appeal*  to  le  essential  to  evaluate  there  jvxrticular 
tasks,  but  in-flipht  simulation  appeal's  lest. 

All  flipht  repimes  should  :  e  addressed;  for  prove  id-based  technique:-  tut  on  directive  trade-off 
reparuinp  costs  of  pround  vs  flipht  opt  ions ,  should,  le  made.  There  are  many  areas  where  .-round  and 
flipht  teotinp  can  complement  caci.  other  (ie  simple  prounci  test  to  verify  a  safe  startlin'  point  for 
flipht  test  to  proceed).  Cost  of  aviation  fuel  is  increasin',  but  :  ■  is  the  windtu.a.ei  electric  liili 

Ub/IlATC  (2) 


Accent  experience  in  a  hip:,  performance  Mavy  fi- hter  dove' lei  ntu.L  ;  r  •  -varme  has  s':  m.  that  sip:: 
ficant  prol  lems  still  exist  in  predict  in.*  the  any!  e—..f-at  tack  sta1. iepartu'e/s.)  *.  characteristic::, 
droundbased  simulation  techniques  ueinp  analytical  and  model  test  results  at  the  data  5  are  fail  d  ts 
predict  all  of  the  spin  modes  of  this  hiph  performance  fish  ter.  ::ow<;cr,  f  ilowlnp  re.  oral  incident: 
in  the  flipht  programme,  additional  windtunnel  and  dry  model  tests  were  used  update  the  Simula t i  en 
data  base  with  some  improvement  in  the  ability  to  predict  al i  of  the  si  in  modes..  The  lesson  learned 
in  this  programme  wa c  that  the  hiph  anple-ol'-attack  response  characteristic:  of  modern  fi.-i.U-r  aircraft 
are  still  difficult  to  predict. 

L'L/MAVAj-K  (2) 


Available  correlations,  between  prounci  l  ased  and  flipht  data  indicate  psoi  lems  associate.;  wit:  r.r.c 
windtunnel.  derived  aerodynamic  characteristics  in  the  transonic  and  supersonic  fl.i.ht  rc.mr.es,  2.*: 
lack  of  vri ud tunnel/ flipht  correlation  in  these  areas  is  most  likely  caused  l.\  win.d tuiir.el  wnl  1/model 
interference  effects.  Correlation  of  helicopter  computer  proprams  with  flipht  data  is  de,  raied  as 

rotor  blade  stall  is  approached.  The  lack  of  correlation  of  there  it crus  should  not  imply  that  they 

should  not  be  addressed  in  the  particular  prediction  method,  1  ut  that  the  results  must  : e  interpreted 
ox*  modified  1  ased  on  actual  flipht  experience  of  prior  aircrafts. 

UL/AVKADCOK  (K) 

In  peneral,  wind  tunnels  do  not  work  very  well  fox*  rotary-winy  aircraft  at  very  low  forward  speed, 

because  of  the  recirculation  of  the  rotor  wake.  For  appropriate! v  sired  rotors  in  the  Ames  P 

windtunnel,  this  minimum  speed  is  about  60  knots.  A  similar  rotor  in  the  new  n  ]f\ '  ft  win  Hume! 
can  to  tested  to  at  out  ?0  knots.  Static  performance,  ic  hover  of  a  in- tor  is  particularly  difficult  to 
measure  accurately.  Most  whirl  tower  facilities  arc  hampered  by  vary  ins  ambient  coia.it  ion:  a:.-;  irro.-uiar 
surroxuidj n>-s  structures  includinp  (and,  in  some  cases,  ('specially)  the  rotor  stand  and  lrlve  system. 
Testi.ni;  i.  r*  a  hover  cliarni  or  ir  limited  \y  roc  ircu  la  t  i  effects.  This  has  lees  avoided  in  the  unique, 

hover  test  facility  of  the  Aeromechanics  Jab oi’a t  >ry  at  Ante  i  \  us;  ns  a  se  i  f-ener.  T  rod  .i  i  ft  user  to  ca»  ture 
ti.o  wake  and  exhaust  it  throuph  openihj  *s.  in  the  wills,  l!  enl  ;■  minimisln,'  the  reel  rculatl  •  ;  roi  lem. 


-Mi: 


Nevertheless,  Lt  still  remains  that  it  is  extremely  difficult  to  oi  tain  highly  accurate  meaauremer.tr  of 
rotor  performance  at  low  speeds  in  {-round-based  facilities.  Until  recently,  it  was  impossible  to 
obtain  such  data  in  flight  as  v:ell  because  the  instrumentation  was  inadequate  to  separate  the  effects 
of  the  rotor  from  the  fuselage,  'fills  problem  is.  addressed  by  the  r.ev:  Kotor  Systems  he  search  Aircraft 
at  ciie  Ames  Ke search.  Center  in  which  all  components  of  the  aircraft  are  joined  through  1  alro.ee  systems. 

Of  course,  just  as:  in  the  case  of  fixed-winy  aircraft,  it  is  impossible  to  obtain  accurate  measurements 
of  manoeuvring  loads  in  ground-based  techniques, 

bd/hell  Hel  (2) 

For  Kot ary -wing  aircraft,  highly  transient  manoeuvres  are  difficult  to  be  addressed  by  ground- 
based  tecluiiques.  Such  manoeuvres  include  high~g  manoeuvres  where  the  rotor  is  close  to  stall  and 
reacting  to  unsteady  aerodynamics,  'flie  limitations  of  th.e  mathematical  model  bey  in  to  be  very  apparent 
in  this  area  resulting  in  poor  agreement  between  ground-lased  and  flight  results.  In-g round-effect 
manoeuvres  require  special  attention  to  properly  account  for  th.e  ground  vortex  and  the  non-uniform 
downwash  of  the  rotor.  If  these  areas  are  properly  represented,  then  manoeuvres  in  this  area  may  1  e 
satis  factory.  In  any  manoeuvre  where  the  interference  effects  of  the  rotor  on  the  fuselage  lias  a 
significant  effect,  th.e  ground-based  technique  will  differ  from  the  flight  data. 

UC/AFWAL  (?) 

As  regards  Stability  and  Control,  there  are  of  course  areas  where  * ground-based 1  results  are  less 
accurate,  more  difficulty  eg,  high- a  (difficult  to  yet  correct  flow  fields  at  ground-test  Ke) , 

Prediction  is  far  more  limited  than  ground-test.  Cost  is  a  factor,  however,  and  may  be  prohibitive  in 
some  cases. 

Manned  simulators  remain  deficient  in  motion  cues  (fixed-base  is  sometimes  better  to  spurious 
motion)  and,  at  low  altitude  at  least,  outside  visual  cues.  While  high-gaii:  tasks  sue):  as  landing 
should  be  addressed  in  simulators,  account  must  be  taker,  of  these  inadequacies.  We  would  also  be  somewhat 
sceptical  of  aerodynamics  at  extreme  angles-of-attack  and  in  ground  effect  -  although  of  course  these 
factors  must  be  addressed  in  the  wind tunnel . 

Additional  comments  are  tliat: 

-  Automatic  terrain  following,  landing  systems,  fire  control  systems,  etc,  must  be  validated  in  a 
variety  of  weather  conditions,  mission  tasks,  and  combined  environmental  conditions  to  validate  effects 
oj:  sensors.  Sensor  modelling  effects  under  these  adverse  conditions  are  not  sufficiently  adequate  to 
depend  entirely  on  simulation. 

-  Stall/departure/spin  characteristics  -  Model  methods  are  inadequate  to  totally  define  highly 
nonlinear  aerodynamic  effects  under  very  large  angles-of-attack  and  sideslip  flight.  Certain,  modes 

can  be  predicted,  but  it  is  essential  to  fly  in  these  adverse  conditions  with  a  spin  chute  to  positively 
identify  all  modes  of  departure  and  to  determine  recovery  control  methods  (if  they  exist). 

-  It  is  widely  recognised  that  ground-based  simulators  can  not  totally  predict  flying  qualities 
with  100  percent  assurance.  Better  simulation  equipment  (primarily  wider  field-of-view  visual  systems) 
and  improved  experimental  test  processes  can  provide  higher  fidelity  results.  In-flight  simulators 
have  had  much  greater  success  in  predicting  PIO  effects  and  actual  stress  conditions  than  ground-based 
simulators. 

<1.2  United  Kingdom 

I’K/PAe  (2) 

For  Aerodynamic  Loadings  an  attempt  must  be  made  to  predict  all  portions  of  tnc  flight  regime 
achicveatle  by  an  aircraft.  Ouch  predictions  must  be  based  on  any  available  means  and,  where  those  means 
are  believed  to  have  shortcomings,  tolerances  must  be  applied  to  ensure  safety  before  committing  ar. 
aircraft  to  such  conditions.  When  safety  is  involved  predictions  must  be  backed  up  by  progressive  flight- 
data  analysis  and  extrapolative  re- prediction. 

For  dynamics ,  transonic  predictions  are  especially  poor.  In  general,  all  flutters  can  be  identified. 

■  y  cal c u lot i oi \r/ > K i'  V u t  need  to  be  quantified  in  flight. 

For  2 1 or c— release  given  appropriate—1 wind tunnel— testing  and  trajectory  modelling,  it  is  considered 
that  all  parts  of  the  flight  envelope  car  be  addressed.  However,  the  accuracy  of  the  prediction  will 
lc  reduced  in  the  transonic  regime,  or  whore  flow  separations  are  affecting  the  release  (eg. high 
incidence),  or  where  behaviour  is  strongly  influenced  by  close  store-to— store  or  store-to-aircraft 
interference • 

■  ‘h/KAK  (2) 

Piloted  simulators  cannot  adequately  represent  some  critical  aspects  of  the  aerodynamic  charac¬ 
teristics  in  the  mathematical  model  used  and  cannot  fully  present  all  the  necessary  physical  cockpit 
cues  to  the  pilot. 

fho  determination  of  handling  qualities  at  and  near  manoeuvre  boundaries  therefore  cannot  1  c 
addressed  properly  by  ground-based  techniques. 


1 

:4-i? 

2  •  5  Netherlands 
ME,  Fokker  (2) 

The  leliaviour  of  the  aircraft,  once  separation  starts,  l  e  it  at  or  beyond  the  low-speed  stall  or 
at  or  beyond  Link-speed  buffet  onset,  will  always  be  an  area  where  a  detailed  fii.-i.t  test  analysis 
will  be  required  because  of  the  interrelations  bc-tueen: 

-  Reynolds  number  effects;  The  dynamic  characteristics  of  the  aircraft;  The  pilot's  reactions; 

Static  and  dynamic  aero-elastic  effects. 

furthermore  hi£k  and  lov;-cpeed  performance  (single  and  multi -engined  climb,  cruise  flight)  will 
always  be  a  critical  period  in  the  flight  testing  of  any  aircraft, because  of  the  complicated  relations 
between  aerodynamics  and  propulsion  on  one  liana  and  an  increasing  ti ,-htenin.-  of  performance  puaranteec 
on  ti;e  other  hand. 

NF/NLR  (2) 

No  comment. 

2.^  Italy 

IT/AKRIT  (2) 

In  Aerodynamics,  the  real  problem  is  not  the  possibility  or  convenience  of  investiratir.r  flioht- 
envelope  portions  by  f:round-based  tecliniques,  but  the  reliability  of  th.e  results.  The  most  difficult 
areas  to  predict  with  ground  tecluiiques,  including  computational  fluid  dynamics  and  wir.dtuJ.uel  methods 
are: 

-  Hi/*.  incidence  characteristics,  including  problems  of  incipient  spin  or  spin  resistant 
parameters. 

-  Interference  between  propulsion  and  external  aerodynamics;  e»-  induced  effects  of  air-intakes 
flow  on  C  of  Tornado  at  hit.*:;  M,  on  AIDC  longitudinal  control  at  low  speed,  and  Tornado  ;et  effects 
or.  afterbody. 

-  Combinations  of  hi»;h  Mach,  numbers  and  kirk  and  ti.e  re  levant  limitations ;  cr  flow  charac- 
teristicc  and  loads  of  Tornado . 

Moreover,  the  reliability  of  aerodynamic  load  evaluation  In  the  transonic  field  may  l e  quite  poor  - 
even  with  windtunnel  data,  owirr  to  frequent  different  benaviour  of  the  flows  or.  wiad^-uxel  models  and 
or.  t.he  real  aircraft,  due  to  Reynolds  murder  effects,  and  possibly  from  non-linear  hiph  * /'. 1  conditions. 

Ar-ai n  £o"  Jhmamics,  the  transonic  field  is  very  difficult  and  experjsive  to  deal  with,  either  by 
theoretical  calculations  or  by  wiJidtuimel  tests,  and  ti.erefore  fli.-ht  tests  are  necessary  in  this  case. 

it/m dD  (a) 

There  are  a  number  of  flight  conditions,  ie  hi.-h  anrles-of-a4  Muck  or.-.  transonic  Mach  or,  that 
exhibit  larse  deviations  from  fld.-ht  test  results  if  studied  wit:  -*w.m '  prediction  :ec:j;i  :uor  only . 

2.5  -ermany  (2) 

d,K/DFVLR  (2) 

It  is  hi flily  recommended  that  all  portion  of  t:.c  f  1  *:  t  re.  h  i  r-.  ;  .  c-  a  h. reuse  d  ;y  prour. de¬ 

based  teclmiques.  Otherwise  technical  risks  remain  ’.u.ti.  t  e  nc’ua.  friduti;:.  of  the  fui  1 -scale 
flight  vehicle  can  he  approached.  Technical  problem  area.*  d.<  nr-.,:  fie  >:.*  c  ..trei  power  run;.-  then  ic 
cured  only  by  hifh  cost  solutions.  If  there  are  r:\yr  in  the  rn  .  ienti .  n  f  -r  un  used  techniques, 
these  techniques  i;ave  to  ie  improved. 

2.0  France 


F1/MN1A.M-M  (2) 

To  the  specific  problems  already  raised  in  ti.e  ;-.ospo:.sc  .  /Vhvh-JuO  M  (d)  concerning  windtunncl 
testing  of  helicopters  in  stationary  and  low-speed  fliu.t,  we  wl  !  1  add  t  nose-  porCvi  for  ti.e  precise 
determination  of  manoeuvre  loads  on  the  rotor  in  turning  mud  pull-up  motions.  Equal" y  td.erc  are  ti.e 
prob  lems  relating  to  the  dynamic  studies  about  wake  stability  and  v  Li  rat  ions  of  aerodynamic  oripin, 
where  aeroelastic  couplings  play  an  important  role  and  for  which  ti.e  similarity  lavs  arc  cither  poorly 
understood  or  difficult  to  comply  with. 

If  for  the  1  internal*  flows  of  rear  bodies  (generally  of  revolution),  one  ucknowi od,-es  tliat  neither 
windtunnel  testing  r.or  numerical  simulation  .have  particular  dominance,  this  is  not  so  for  external 
flown*  In  the  transonic  domain,  with.  the  b oundarv-laycr  significant  due  to  i  ouiidarv -layer/:  uock -wave 
interaction,  or  for  flows  below  a  free  or  forced  separation,  numerical  si  :m;  Lat  i.  u.  is  curre  nt  ip 
insufficient,  indeed,  inapplicable. 
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AREAS  InEFKE  ANALYTICAL  PREDICTION  BETTER  THAN  WXIJUTUiaiKL  A ND/OK  SIHDLATION  RESULTS,  OR  VICE  VERSA 


g.l  United  States  (}>) 
Ub/iiAGA  (3) 


Analytical  prediction  methods  are  useful  where  the  aerodynamics  are  reasonably  linear  with 
attitude  and  where  the  flight  vehicle  is  a  fairly  simple  siiape.  Complicated  configurations ,  flight- 
attitudes  where  the  configuration  experiences  highly  separated  or  interactive  flows,  manoeuvres  at  high 
rotational  rates,  etc  all  tend  to  drive  the  means  of  assessing  the  aerodynamics  to  depend  heavily  on 
wind t mine 1  experiments.  Analytical  predictions  should  be  used  in  conjunction  with  experiments  when 
possible  on  an  interactive  basis  to  optimize  the  value  of  the  results  and  to  minimize  the  test  matrix. 

lo/AKFlC  (3) 


-  Only  analytical  predictions  are  available  for  real  gas  effects  at  high  altitude  and  had.  number. 

-  Rotary  derivatives  are  best  obtained  from  analytical  sources  although  windtmmels  have  ;  eeu 
effective  in  obtaining  some  of  the  rotary  derivatives  (C  +  C  ,  etc). 

'“a 

-  It  is  too  early  to  assess  the  role  of  computational  aerodynamics,  lut  it  is  expected  to  provide 
some  powerful  tools  to  ground  prediction  capability. 

b'S/KAIC  (3) 

Assuming  that  the  analytical  prediction  techniques  are  parameter  or  system  identification  methods, 
then  significant  improvements  can  be  achieved  in  prediction  capability,  These  methods  are  used  in 
conjunction  with  flight  test  data  to  calibrate  wind tunnel  or  analytical  predictions.  .These  tecimiques 
could  also  be  used  directly  on  windtunnel  data  to  provide  a  more  consistent  and  accurate  set  of  aero¬ 
dynamic  estimates. 

US/NAVAIR  (3) 

Analytical  predictions  may  be  better  than  windtunnel  predictions  when  propulsion  interactions  are 
small  but  a  very  small  scale  model  is  employed  for  the  windtunnel  tests.  In  this  case  the  windtunnel 
results  could  be  misleading,  because  the  fidelity  of  the  model  nay  have  to  be  compromised  and  vein- 
large  scale  effects  (of  questionable  .magnitude)  must  be  applied  to  the  results.  For  optimum  configu¬ 
rations,  windtunnel  testing  is  required. 

US/AVRADCOH  (3) 

For  Rotary-wing  aircraft,  tine  prediction  methods  rely  to  a  large  extent  on  fli.-ht  or  windtunnel 
test  data  because,  as  stated  previously,  all  of  the  prediction  methods  are  at  least  semiempirical. 

Well  designed  and  executed  wiudtuimei  tests  c?;i  provide  accurate  results  for  many  flight  conditions. 

If  by  simulation  we  mean  man-in-loop  flight  simulation,  then  of  course  there  are  no  adequate  mathe¬ 
matical  models  for  the  human,  and  so  we  must  rely  on  man-in-loop  simulation  (le  it  .-round- i ased  or 
in-flight) • 

Uo/Bell  Hel  (3) 

For  Rc^my-winy  aircraft,  care  must  be  exercised  in  using  all  three  approaches,  find tunnel 
testing  car.  indicate  some  problems  which  do  not  exist  in  flight.  Therefore ,  a  carefv.lly  consti-acted 
windtunnel  programme  must  be  run.  The  simulation  results  really  depend  on  the  math  model  and  th.e  method 
by  which  the  inputs  were  generated.  Generally,  these  come  from  a  combination  o:  windtunnel  and;  analy¬ 
tical  results.  In  conclusion,  it  takes  a  combination  of  all  tioree  rather  than  depending  on.  any  one 
area.  Paper  1 6  of  AGARD  CP-1S7  is  relevant 9  by  J.  II.  Drees  on  1  The  Art  and  Science  of  Rotary-ling  Data 
Correlation' • 

US/AFV/AL  (3) 

For  Stability  and  Control,  the  windtunnel  is  generally  better  than  ajuilytical  predictioix*  Ivon 
so,  v;indtunnel  results  can  be  misapplied  or  misinterpreted,  ie,  poor  results  can  be  use,;  (and  not 
recognised) .  Ref  Simulation,  there  may  be  situations  where  flu  can  be  predicted  but  not  found  in 
simulation  because  of  fixed  based  and/or  motion  washout,  etc.  Again.,  analytical  result::  nay  ;e  "'.otter" 
for  some  applications  if  cost  is  a  factor. 

We  know  of  pilot-induced  oscillations  in  flight  which,  had  not  been  seen  in  .‘round-based  simulation. 
Yet  we  know  of  several  analytical  methods  which  should  be  able  to  predict  many  such  PIOs*  Mckuer  *uid 
Aslikenas'  pilot-vehicle  analysis,  Neal  and  Smith's  peak  resonance  and  pilot  lead,  equivalent  or  effcctiv 
time  delay,  Gibson's  0/  \  attenuation  around  -180  phase,  and  Ralph  Smith's  n  / a  plane  at  the 
frequency  of  a  closed-loop  pitch-control  oscillation,  for  example. 

Analytical  design  analysis  is  essential  to  fully  understand  the  bound*  oi  rta: iiity  (main  and  phase- 
margins)  and  the  sensitivity  to  parameter  variations.  There  lave  been  numerous  cases  of  simulation 
experimental  designs  which  had  major  deficiencies  that  adequate  analysis  and  comparison  with  existinr 
flying  quality  criteria  would  have  quickly  identified  before  flight  testing. 


"Theory  pood  for  local  shape  chanpe ;  tut  test  for  complex  peometry  and/or  viscous  flew 
dependence,  er  external  stores,  controls,  after;  odies." 

For  aerodynamic  loading  considerations  at  least,  a  comprehensive  analytical  prediction  is  a 
pre-requisite  for  any  aircraft  design,  partly  as  a  basic  model  in  which  to  fit  data  from  other  sources 
and  partly  because  not  all  required  informati or.  is  obtainable  from  windtunnel  models,  so  that  recourse 
to  theoretical  methods  is  inevitable.  Therefore  foi’  data  which  is  o';  tairatle  from  windtunnel  models, 
trie  most  vulnerable  areas  are  those  associated  with*  inadequate  scale  representation  and  transonic 
conditions.  More  attention  is  required  for  the  correlation  of  flight  data  versus  windtunnel  results 
in  these  areas  to  evolve  empirical  methods,  or  empirical  corrections  to  windtunnel  data.  Theoretical 
methods  in  the  areas  most  affected  by  scale  or  transonic  conditions  are  totally  inappropriate.  More 
pene rally  .  there  are  numerous  areas  where  theory  may  be  used  as  a  puide  or  tool,  acid  indeed  seme  small 
effects  can  later  be  predicted  usinp  (simple)  theoretical  methods  rather  than  ly  windtunnel  results 
where  the  resolution  acciu^acy  of  the  v;ind  tunnel  balance  may  be  inadequate. 

In  3:<C/i>ynamics ,  it  is  noted  th-at  * 

-  Simulation  results  are  only  as  pood  as  the  mathematical  model  on  which  it  is  lased. 

-  l\xre  subsonic  and  supersonic  flutter  pi^eductions  are  probably  more  accurate  and  certainly 
more  flexible  and  economic  tliar.  wand tunnel  tests. 

For  Store-release  predictions ,  v.-indtunnel  testir.p  is  considered  to  !e  the  most  reliable  laris 
currently . 

UK/kAK  (;’Q 


In  manoeuvring  flipht ,  a  purely  analytical  approach  can  never  be  as  reliable  as  experimental 
methods  (to  the  same  level  of  sophistication) • 

3-3  Motherlands 

IIE/Fokker  (3) 

Comment  covered  by  Response  IJE/Fokker  (l). 

ihe/iilr  (3) 

'Hie  question  really  is  to  what  extent  computational  and  experimental  aerodynamics  arc  com;  Mo¬ 
mentary  with  respect  fo  flipht  prediction.  (There  is  no  doubt  that  they  are  with  respect  to  aircraft 
desipnl)  In  peneral  experimental  aerodynamics  will  liave  "the  lead",  especially  for  those  flipht 
conditions  where  separations  are  involved  (most  off-desipn  boundaries  buffet-intensity  r nd  so  on), 
or  for  complex  confi .mirations  (stability  and  control).  However,  there  are  some  areas  where  ti.e 
experiment  is  severely  limited  by  accuracy  or  model  desipn  considerations.  In  those  cases  compu¬ 
tational  aerodynamics  are  not  only  complementary  but  essential.  Typical  examples  are  drap-prcJict ions 
(and  drap  breakdown)  and  more  complex  flutter  testing  (where  2-D  experimental  results  may  le  used  as  ar. 
input  to  a  5-P  calculation  method  to  predict  flifht  characteristics) . 

3-4  Italy 
Il/AERIT  (3) 

For  Aerodynamic  loads  prediction  by  wdndtunnel  measurements,  aeroelastic  factors  eim  lation 
requires  very  complicated  and  expensive  models.  Therefore  in  suck  cases  analytical  prediction  could 
i’ive  cost  and  time  advantages,  valuable  at  least  in  the  preliminary  desipn  phases. 

for  Dynamics ,  analytical  prediction  can  pive  better  results  when  studyiup  the  influence  of 
structural  damping  factors,  difficult  to  simulate  in  a  model.  The  same  applies  to  the  effects  of  tr.e 
control  systems  kinematics.  Present  analytical  methods  find  their  limitations  in  dealinp  with,  non¬ 
linear  behaviour,  both  structural  and  aerodynamic.  Topical  cases  are  free-play,  friction,  variable 
stiffness,  etc. 

Another  particular  case  where  analytical  prediction  can  be  letter  tliar.  windtunnel  rcsi;lts  is 
the  external -stores  drop  or  ejection  test,  where  the  effects  can  be  introduced  of  the  mauoeuv rinp  load 
factor  at  the  ejection  point  and  the  correct  correlation  between  flipht  Hack  and  Froude  numbers.  Ar. 
opposite  case,  in  critical  flipht  conditions,  is  the  PIC  evaluation,  when  theoretical/cmpirical  criteria 
are  existinp,  based  on  previous  research;  from  these  it  is  possible  to  obtain  a  letter  evaluation  of 
aircraft  fly i up  qualities  compared  to  wliat  can  be  developed  with  prounci  simulation  where  the  110  is 
difficult  to  reproduce. 

IT/MdL)  (3) 

If  analytical  prediction  does  not  include  numerical  calculations,  then  it  cannot  be  letter  than 
windtunnel  and/or  simulation  results,  unless  very  particular  problems  not  concerning  the  aircraft  "as 
n  whole"  are  considered. 
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Analytical.  :  red  Let  Lons  are  based  or  the  available  methods  of  computational  fluid  dynamics. 

Lic.u'.  met hour  in  -orerul  take  only  'potential  theory*  into  account*  Friction  effects  may  nowadays  le 
included  only  for  rim:  7.e  mathemat ical  'Vodiec*  and,  !;ence,  applicable  in  the  preliminary  desiwr 
yi.Li.CQ*  evert. .elc-ss,  deni:"::  parameter  ciianwee  are  more  easily  implemented  on  a  computer. 

■'  •  c  Fra;  ice 


fr/uiulat*:-:  (Q 

>is  regards  the  aerodynamic  characteristics  of  helicopter  airframes,  the  windtunnel  certainly 
still  constitutes  today  a  test  method  irreplacatle  as  much  for  the  quality  of  tie  measurements  achiev¬ 
able  as  for  the  detailed  knowledge  of  the  complete  aerodynamic  field  v.'h.ich  it  permits;  current 
analytical  techniques,  even  the  most  developed,  are  still  far  from  its  equal.  E*y  way  of  example  *  we 
would  cite  the  fundamental  but  relatively  banal  problem  of  ti.e  calculation  of  ti.e  aerodynamic  draw  of 
a  helicopter  fuselage,  which  even  tiie  most  developed  of  analytical  methods  are  still  incapable  of 
resolvinr  in  a  satisfactory  manner,  alth.ourh  such,  methods  have  been  classically  in  use  for  convent ior-al 
aircraft  for  a  lour;  time,  This  relates  in  a  larwe  part  to  ti.e  particular  'arcritecture*  of  helicopters 
whose  'tormented*  siiapes  engender  difficulties  in  the  model  1  in-  of  their  wakes  (even  without  intro¬ 
ducing  the  interactions  with  the  rotor  wake) . 

Ac  regards  the  means  of  simulating  th.e  helicopter  in  real  time,  we  still  do  not  have  at  our 
disposal  in  Aerospatiale  such,  an  operational  testing  method,  although  such,  a  study  s isolator  is  current 
under  development.  Our  experience  is  limited  today  to  simulation  methods  in  'non-real*  time,  to  help 
with  the  conception  and  development  of  our  equipment  and  onboard  systems. 

Fiy/SIIECMA  (p) 

Comment  covered  !  y  Response  Fiydla-XJhA  (l). 
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4.1  United  States 
I'S/NASA  (4) 

Differences  between  fli  -i.t  test  results  aid  prediction  will  le  reduced  only  if  t:.e  aer: dynamics 
of  the  flight  vehicle  are  proper?. y  represented  mathematically,  and  if  the  quantitative  values  of  the 
aerodynamic  coefficients  can  be  accurately  assessed  eith.er  through  experiments  or  fro:-,  computations. 

It  is  also  important  that  ti.e  determination  of  the  aerodynamic  parameters  le  made  in  th.e  same  Reynolds 
number  ranee  as  flight,  or  that  the  data  can  be  extrapolated  to  full-scale  Key  no  Ids  numbers  with  hi.-h 
confidence. 

The  purpose  of  prediction  is  to  know  (or  attempt  to  know) ,  a  priori,  what  flirnt  test  rendu  will 
le.  Obviously,  improved  prediction  techniques  will  reduce  ti  e  differences  ;  etween  predictions  and 
flifht  test  results.  The  essential  step  in  impro*  inw  prediction  techniques  is  validation,  tiircu  1 
p round  and  flirh.t  tests,  ultimately,  flight  testing  must  le  used  to  validate  the  prediction  technique; 
•The  data  pained  from  testing  must  le  correlated  with  predicted  results  to  see  whore  ti.e  vre.l  c tiui.v 
fai  i . 

One  way  to  reduce  differences  between  prediction  and  flirht  test  would  .  o  with  more  accvr-'v 
larve-scale  windtunnel  models.  In  ti.e  case  of  ti.e  Ain -men  tor  V.'ln.-r  and  v’KA,  ti.e  ii  l’fcreucc  o  nrre- 
t  eric  tics  of  the  larpe-scale  model  engines  and  ‘he  airplane  eurlv.ee  resulted.  1:;  si  r:.i  fiennt  iiiierenc. 
which  had  to  be  resolved  in  a  fli  i.t  development  programme.  The  *v-  ly  IDO- ft  wf  nvt'uuu-l  uunl  ni- 
full-scale  testim-  with  flight  engines.  In  the  case  of  the  relatively  small  OV-1."  Kotalin, •  Oylln  er 
Research  Aircraft  and  the  XV- 15  'Tilt  Kotor  Research  Aircraft,  ti.e  actual  vehicles  ..ere  teste,  In  hut. 

40-  by  SO- ft  windtunnel. 

Another  aspect  of  this  question  is  tlie  ability  to  measure  and  analyse  fl ipht-iest  a  for 
correlation  v/ith  predicted  results.  While  it  is  easy  to  predict  component  and  me.! el  element  results, 
it  is  not  always  easy  to  measure  them.  This  is  why  a  fli.:? it  test  vehicle,  such  as  the  K  -  tor  System;- 
Research  Aircraft  with  its  unique  force  and  moment,  balance  systems,  is  essentia!  to  ti.is  vail. wit  ion 
cycle.  Additionally,  new  flight  test  data  analysis  techniques,  sue*:  as  parameter  identi float i arc 
starting  to  be  effectively  used  to  prlean  results  fro:::  flidit-tect  data  which  were  n.-t  previously 
obtainable  with  standard  data  reduction  methods* 

US/AFFTC  (4) 

An  energetic  v/indtunnel  model  configuration  control  profrnnme  should  be  implemented  .-did  maintained 
through  th.e  early  developmental  pb.ase  of  a  new  veh.icle. 

Special  empliasis  should  be  placed  on  fine-cut  windtunnel  tests  and  complete  coverage  over  ti.e 
expected  flight  spectrum  and  beyond. 

A  better  closed-loop  exciian.se  of  informal  ion  between  the  windtunnel  and  fliwit-ter-  technical 
disciplines  should  be  encourared.  Aftcr-thc-fact-vindturrcl  tests  could.  ;o  very  !  enel  icial  *  •  a  letter 
understanding  of  differences  but  they  are  usually  not  performed. 
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Using  the  system  identification  t&clu:iftue  outlined  In  Kecpo2.se  UM/IiAIC  (l),  this  problem  can  be 
directly  addressed.  The  flight  test  aerodynamic  estimates  ob  tailed  using  system  identification  car.  be 
compared  to  analytical  or  windtunnel  predict ions  to  develop  an  empirical  or  systematic  approach  to 
Including  the  calibration  factors  in  the  analytical  prediction  method. 

ij/xvtair  00 


••.'her.  tire  opportunity  exist:;  in  flight  research  or  nov:  aircraft  development  programmes,  an 
assessment  of  the  predict ion/f 11. pit  documentation  i  rocerses  should  b  e  made  for  the  purpose  of  isolating 
:u:y  error  sources  in  the  prediction  process.  An  improved  prediction  procedure,  whether  rased  on 
analytical  calculation  or  wind tunnel  data,  is  then  available  for  future  application.  Die-  important 
eiemer.ts  and  details  of  any  research  or  development  programme  which  include  this  objective  are  as 


Irediction  hrocess .  Atter.t Lou  to  detail  is  required  in  the  techniques  and  procedures  used  in  tine 
prediction  process.  For  v:indtu:mol  based  predictions,  ti.ese  details  include  a  thorough  unde rs t ar.di n 
of  the  wind  tunnel  test-section  flow  field;  the  fidelity  of  the  model;  proper  accountability  for  tares 
(support  system  and  incremental  balance  force  measurements  not  applicable  to  the  aerodynamic  configu¬ 
ration);  number  of  models  and  location  of  metric  split  lines  required  for  evaluation  of  all  aerodynamic 
forces  and  propulsion  system  related  force  increments  ( may  require  separate  and/or  combined  force  and 
pressure  measurements) ,  and  accountability  for  i o unc ary -layer  transition,  scale  effects  and  items 
applicable  to  tine  full-scale  vehicle  v/hich  are  not  incorporated  on  the  model  (leakage,  ventilation, 
pivtrub  erer.ces,  excrescences,  roughness,  etc). 

Flight  iocumentation  I  roc ess.  Accurate  measurement  of  vehicle  excess  thrust,  propulsive  force 
and  t:u*ottle  related  force  increments  is  required  for  definition  of  the  full-scale  aerodynamic 
characteristics.  State-of-the-art  improvements  ir.  accelerometer  measurement  capabilities  have  enhanced 
the  accuracy  of  vehicle  excess  thimst  measurement.  Measurement  of  power  output  for  shaft  engines  is 
straightforward;  but  the  adequacy  of  propeller  and  rotor  data,  required  for  the  conversion  of  engine 
power  output  to  propulsive  thrust,  may  cause  problems.  For  turbojet  and  turbo  far.  powered  aircraft, 
Ln-fli.dit  thrust  currently  must  be  deduced  from  in-flight  engine  measurements  (such  as  temperature, 
pressure,  RMM,  etc)  and  correlation  of  these  measurements  with  load  ceil  force  measurements  in  an 
Altitude  lest  Facility  (AXF).  The  accuracy  of  this  procedure  may  be  affected  by  the  engine  test  cell/ 
flight  instrumentation  and  data  transmission  (the  data  system  resoiutio..  and  predefined  through  use 
of  uncertainty  and  error  propagation  analysis  procedures);  the  degree  of  coverage  of  the  vehicle  Mach/ 
altitude  envelope  in  the  AXF;  and  the  accountability  for  any  environmental  effects  between  flight  and 
the  A  IF  on  instrumentation  measurements  and  the  propulsion  system  performance  (required  because  engine 
performance  is  evaluated  in  quiescent  air  in  the  AxF,  with.. out  flew  around  the  propulsion  system), 
because  of  these  problems,  redundancy  of  in-flirht  tb.rust  measurement  methods  and  iterative  testing  of 
enrines  between  the  A  IF  and  flight  may  be  required  to  isolate  and  correct  any  bias  errors  in  the  in¬ 
flight  thrust  measurement  process. 

Thrust/brag  Accounting.  A  useable  thrust/drag  bookkeeping  procedure  must  V e  employed  which  is 
consistent  between  the  prediction  and  flight  documentation  processes.  7b is  procedure  must  be  capable 
of  isolating  all  forces  which  are  desired  for  comparison  between  the  prediction  and  flight  documentation 
processes . 

Predict ion/Flight  document at ion  Correlations.  As  many  elements  as  possible,  consistent  with  the 
chosen  thrust/drag  accounting  system  and  detail  capa-  iiity  incorporated  in  the  combined  prediction  or.  i 
flight  documentation  processes,  should  be  compared.  Juggested  comparison:-,  as  developed  from  prior 
programs,  are  as  follows: 

-  Minimum  drag  variation  with  Mach  number  (level  and  trends  in  the  subsonic,  transonic  and 
supersonic  flight  regimes) . 

-  Induced  drag  (variation  with  lift  coefficient  and  Mach  number). 

-  Lift  variation  with  angle-of-attack  (lift-curve  slope,  Mach,  and  Reynolds  number  effects,  onset 
of  buffet  and  maximum  lift). 

-  Skin  friction  drag  variation  with  Reynolds  number  (laminar  or  turbulent  t  our.tiory  layer  theory 7 
Flat  plate  or  curved  surface?) 

-  Throttle  dependent  inlet  spillage  drag  variation  with  inlet  mass  flow  ratio. 

-  Throttle  dependent  nozzle/nacelle  or  nozzle/airframe  interference  as  affected  by  no.vlc  pressure 
ratio  and  nozzle  geometry  (if  variable). 

-  Trim  drag  increments  due  to  variations  in  vehicle  center-of-rravity. 

-  Accountability  for  the  effects  of  items  not  included  on  the  wind tunnel  model  (leakage, 
ventilation,  protruterences,  excrescences,  roughness,  etc) - 

US/AVRADCOM  (A) 

After  the  flight  test,  the  data  obtained  can  be  used  of  course  to  modify  the  empirical  constants, 
and  this  has  invariably  shown  an  improvement  in  the  accuracy  of  prediction. 

US/Bell  Hel  (4) 

Provide  more  detailed  measurements  from  flight  test  on  the  areas  where  prediction  techniques  are  the 
most  empirical.  This  will  allow  better  empirical  factors  while  the  physics  of  the  problems  are  being 
understood  and  the  mathematical  model  developed. 


'4-1  S 


This  is  a  .\ioii  question  since  it  acknowledges  that  difi'evencer  ■  exist. 

As  rewards  stability  and  Control  considerations: 

-’here  are  means  of  reduciuy  di  ffe reace:-  o  tween  prediction  or. ;  i ;  1  -ht-test  ri-sa. is . 

Improvements  car  he  made  in  l  ot:,  predict! a;:.*'  of  flisni  choracterist i cs  m.  \  In  the  extract!  n  f 
i:: format ior.  from  fliykt-test  data. 

-  These  methods  lac  ic  ally  involve  very  careful  attention  to  detail,  not  making  rimy  li  fy  in  • 
assumptions  without  understandir.y  the  impact  of  the  simplification  and  understand!:;.-  vast  ; i rerep on c :  o; 
co  they  are  not  repeated. 

Should  note  that  for  various  reasons  come  differences  are  ei.-nif  Leant  and  others  arc-  not.  r  r 
example,  stability  and  control  derivations  (or,  moment  due  to  \  )  extracted  from  fii  -ht  data  typicahiy 
have  scatter,  which  is  usually  inversely  pr  port ional  tc  their  importance  in  definin.*  the  aircraft 
dynamics.  hf  course,  a  iaryer  amount  of  scatter  in  data  extracted  from  fli.-ht  maker  ‘  t  difficult  t. 
compare  v;ith  predictions  and  reduces  the  confidence  in  the  data  Vase. 

-  The  repeatability  of  flight-extracted  parameters  can  he  improved  lv  ur.ino  several  methods: 

(i)  usir.y  manoeuvres  that  excite  ail  the  significant  parameters  that  are  to  i  e  extracted,  (.^)  us;  - 
an  extraction  pros  mm  that  models  the  flexible  lady  equations  instead  of  riyiri  body  equations  and 
(•’)  usinr  semi-empirical  weiwhtinw  factors  based  on  the  importance  a  parameter  has  on  the  aircraft 
dynamics  versus  the  confidence  (relative  accuracy)  of  ectimat inw  t:at  parameter. 

-  A  significant  discrepancy  occurred  durinr  a  recent  fi.-hter  development  in  that  a  dee::  stall 

trim  point  was  obtained  that  v:as  not  predicted.  Factors  that  contributed  to  the  pit  chirr  moment 
discrepancy  (  ^0.1  at  *  ~  (-0  )  v:ere  Reynolds  number  corrections,  wir.dtunr.el  model  discrepancy 

(en.-ine  r.our.le  position)  and  wind tunnel  model  support  interference. 

Euriny  the  developme:.t  of  another  fi.-hter,  a  discrepancy  appeared  between  simulation  an:  fii.-ht 
time  histories  of  abrupt ,  kirn- rate  manoeuvres,  This  discrepancy  could  Le  reduced  Gut  not  eliminate.;) 
by  reducing  the  horizontal  tail  pitchinr-moment  effectiveness.  subsequent  studies  resolved  this 
discrepancy  by  including  inertial  effects  in  tb.e  flexibility  corrections  to  horizontal  tail  effects  an. 
.  y  includinr  an  aerodynamic  lap  I'actor  to  the  tail  effectiveness.  Studies  also  showed  that  the  acro:y* 
namic  lay  is  very  important  for  highly  augmented,  statically  vox  tab le  aircraft. 

For  Hand  in.*  Qualities  in  some  areas,  calibration  factors  can  be  applied  with  rrme  confidence* 
tou  -hd  own  rate  of  sink  a  fev:  feet  per  second  less  in  flight,  lest  roll  sensitivity  half  or  less  the 
optimum  simulator  valve  (see  Fort  V.'orth  paper  lv  Foyer  Smith).  lenerally,  attention  to  rettinr  up  a 
ri“orous  task,  well  defined  and  ayyrecsively  performed,  will  improve  correlation. 

Increased  fidelity  in  /-round -based  simulation  car.  le  obtained  throuyh  letter  /.ide  field-of-viow 
visual  systems,  more  accurate  motion-base  systems,  and  carefully  validated  nonlinear  computer  modeilin.- 
teenuiquee*  The  engineer  must  carefully  validate  the  simulation  in  bandwidth,  physical  effects  and 
environmental  mcdellinm.  Experimental  processes  and  performance  metrics  must  be  carefully  selected 
with!::  a  reasonable  sine  test  :natrix  to  scientifically  extract  the  results  desired.  Experimental 
;  rocedures  should  be  sufficiently  severe  to  identify  any  "cliffs''  or  regions  of  instability  in  fly  in* 
qualities  for  a  variety  of  weatb.er  conditions  and  manoeuvres.  Increase  emphasis  or.  fliyht  test  in- 
procedures  for  improved  parameter  identification  for  improved  correlation  wit},  wind  tunnel  and  -roiu.d- 
;  used  aimu  hit  ions,  document  flight  test  results  thoroughly  or.d  distribute  results. 

l.d  bnited  Kinydom 

:  ■•/•  Ac  W 

in  i  ropulsi  cr/l  erformar.ee  prediction,  it  is  ad’  anta -ecus  to  include  as  much  detail  as  possible  in 
a  mathematical  model,  even  if  some  values  must  be  assumed,  or  include  all  ermine-dependent  terms  in 
thrust  account  and  allowance  for  all  known  items  in  a  dra  •  account.  Similarly,  apply  comprehensive 
corrections  to  Flirht  Test  data  even  if  they  may  be  siynificant  only  in  extreme  areas.  Adopt  arreed 
datum,  conditions  and  datum  methods  so  that  differences  in  increments  can  ••  e  studied  wherever  possible. 
Equally ,  arrange  measurement  of  increments  and  request  a  datum  condition  regularly.  Measurement  of 
afterbody  dram  rather  tian  tlirust -minus-dray  is  much  preferable,  ever,  with  some  compromise  on  norule 
simulation.  Adopt  1  mistakes*  analysis,  on-line  in  a  particular  test  and  post-test  before  proceed  in.- 
to  further  staye •  i're-test  analysis  for  mistakes  is  wort:;  more  than  post-test  analysis  of  uncertainty  • 

For  h.-C/Dynamics  in  particular,  predictions  must  always  include  sufficient  parameter  variation  to 
cover  the  tolerances  associated  with  unknown  or  badly  dcscrid  ed  elements  and  local  non-linearities. 
These  uncertainties  must  be  identified  and  sufficient  fliyht  test  instrumentation  specified  to  enab  Le 
the  effects,  to  be  assessed  in  fliyht •  Moreover,  rake  sure  any  drounJ/Flirht  differences  are  real,  take 
care  in  -atheriny  information  from  both  sources,  and  make  sure  that  comparisons  arc  pus til’ial  le. 

For  h tore-release,  a  comprehensive  series  of  wind tunnel  tests  can  lead  to  very  accurate  trajectory 
i redictions  us in.*  a  "broad-based"  prediction  method.  In  all  but  a  few  cases,  however,  ti.c  cost  of  this 
approach  cannot  ;  e  .justified.  The  ueyree  of  accuracy  required  and  hence  the  level  of  wind tunnel 
tostln  -  is  usually  defined  on  the  basis  of  enyinceriny  judgement  of  the  difficulty  of  the  task;  ie  a 
compromise  between  oot  and  accuracy,  culminatiny  in  a  balance  l  e tween  cost  and  risk.  A  further  source 
)f  differences  between  prediction  and  fliyht  is  the  definition  of  EKU  performance.  lit  drop  tertiny  t. 
define  performance  losses  due  to  aircraft  structural  flexibility  plus  development  work  ly  manufacturers 
to  reduce  the  scatter  in  EiCll  performance  are  both  needed  to  improve  tb.e  accuracy  of  predictions  and 
reduce  the  scatter  in  store  behaviour  in  fliyht. 
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UK/KAK  (4) 

To  reduce  differences  between  prediction  and  flight  test  results  with  respect  to  fliriit 
dynamic  behaviour,  v:e  need  to  improve: 

-  The  standard  of  mathematical  models  used,  especially  at  hi gh  angles -of -attach . 

Estimation  methods,  especially  for  changes  in  aerodynamics  due  to  changes  in  configurations. 
The  ability  to  measure  ongle-of-attack  and  sideslip  in  flight,  and  to  adopt  better  calibration 
standards  for  flirht  instruments. 

The  accuracy  of  estimation  of  inertia  chai*act eristics. 

4 .  *  Netherlands  (4) 

I.H/l'okker  (4) 


Comment  covered  Ly  Response  NE/Fokker  (l)  find  (5)* 
NE/NLR  (4) 

No  comment. 

4.4  Italy  (4) 

IT/AENTT  (4) 


Aerodynamic  Load  prediction  could  be  improved  possibly  by  adopting  sopiiisticated  computational- 
f lu i d-dv ! lami cc  data,  but  there  could  be  an  unacceptable  increase  of  cost  to  evaluate  the  large  number 
of  flirht  cases  which  need  analysing  for  selecting  tlie  critical  loads.  Another  possible  approach  i:;  to 
set  up  a  large  file  of  test  results,  as  available  in  the  Tornado  aircraft  programme,  and  to  then  use  it 
for  the  definition  of  1  adjusting  parameters*  to  the  theoretical  calculation  procedures. 

For  Flutter  predictability  improvement,  it  is  essential  to  increase  the  accuracy  and  flexibility 
of  ti'.e  theoretical  unsteady  transonic  methods,  and  to  reduce  their  cost  and  computing  time.  Allied 
improvements  are  also  required  in  the  structural  representation,  to  account  for  control  laws  of  actuators, 
dampers  control  loops  and  any  kind  of  non-linearities. 

IT/MdD  (4) 

The  lowest  and  acceptable  differences  between  tlie  predicted  ana  flight  test  results  can  i.e 
obtained  if  the  accuracy  of  the  evaluation  of  aerodynamic,  propulsive  and  inertial  coef^/^e  s 
are  improved  for  any  test  condition. 

4.5  Germany 


GE/DFVLK 


Tlie  accuracy  of  a  mathematical  model  can  only  be  verified  by  flight  tests;  but  the  results  of 
flight  test  programmes  are  flight  test  data  which  have  to  be  analysed  critically.  If  all  aspects  of 
the  flight  test  aircraft  are  not  well  documented  (weight,  inertias,  CG  position,  sensor  positions  and 
dynamics,  filter  dynamics,  etc),  then  the  danger  of  identifying  erroneous  aircraft  parameters  from 
flight  tests  is  high.  Especially,  more  importance  should  be  paid  to  improved  instrumentation  including 
documentation  as  well  as  manoeuvres  for  aircraft  parameter  estimation  methods.  Not  only  the  aircraft 
model  parameters  but  also  tlie  model  structure  iias  to  be  verified.  Tlie  last  viewpoint  is  especially 
important  for  highly  augmented  aircraft. 

In  order  to  improve  the  quality  and  reliability  of  wind tunnel  data,  it  is  highly  recommended  to 
use  more  redundant  measuring  techniques.  It  should  become  a  standard  practice  to  measure  not  only 
standard  strain  gauge  6-component  wind tunnel  data,  but  to  acquire  and  analyse  also  all  signal-time 
histories  from  tapes. 

Also,  for  redundancy  reasons,  dynamic  model  testing  for  the  estimation  of  standard  rotary 
derivatives  from  dynamic  balances  should  include  the  measurement  of  the  model  motions  by  accelerometers. 

In  addition,  control  surface  inputs  and  simulated  gust  inputs  can  improve  the  information  content  of 
dynamic  model  testing  in  windtunnels.  Finally  so-called  confidence  levels  should  be  superposed  on 
measured  data  in  order  to  give  the  analyst  a  better  means  of  evaluating  the  correlation  of  vindtunnel 
vs  flight  data. 

4.6  France 

FK/SHIAS.M  (4) 

As  a  general  rule,  the  helicopter  calculation  models  (semi-empirical)  are  re-adjusted  each  time 
tliat  extra  measurements  from  flight  will  permit.  The  prediction  models  are  therefore  under  continual 
refinement  and  the  correlation  of  calculation/experiment  are  constantly  being  improved.  The  organisation 
of  data  banks,  which  is  taking  place  currently,  should  facilitate  such  revisions  thanks  to  the  systematic 
utilisation  of  statistical  exploitation  procedures,  it  is  nevertheless  important  to  stress  here  the  diffi¬ 
culties  which  are  sometimes  presented  in  the  interpretation  of  certain  flight  measurements,  notably  the 
correlations  of  calculation/experiment  for  the  torsional  loads  of  the  blades.  To  the  poor  knowledge  of 
the  elastic  behaviour  of  the  materials,  and  to  the  imperfections  related  to  the  modelling  of  the  aero¬ 
dynamic  moments  of  the  profiles,  above  all  in  stalling  and  in  the  unsteady  domain,  may  be  added  the  special 
difficulties  of  flight  measurement  of  the  torsional  deformations  of  the  blades,  which  greatly  impede  the 
cross-c liecking  between  calculations  and  experiments. 
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FR/GHECMA  (It) 

One  of  the  important  sources  of  error  in  the  prediction  of  flight  performance  can  arine,  wiles:: 
special  cai'e  is  taken,  in  tlie  use  of  propulsion  nozzle  coefficients  deduced  from  model  tests.  Ajmrt 
from  scale  effects,  hot  rases ,  and  teclinological  losses  which  can  he  evaluated,  as  uncertaistv  remain 
associated  with  the  determination  of  the  'mean'  generating  quantities  of  the  engine.  In  ;  ract let 
there  exists  a  heterogenity  of  pressure  and  of  temperature,  radial  and  circumferential,  tc  '..hies  are 
added  fluctuations  of  pressure  and  temperature.  The  knowledge  of  the  'mean  quantities'  at  a  limited 
number  of  points  (comb  traverse)  in  the  flow  at  the  gas-generator  exit  is  insufficient  to  completely 
characterise  the  flow. 


The  method  which  seems  to  us  the  most  efficient  is  to  adapt  the  model  coefficients  to  the  engine 
by  re-adjustment  of  the  genera t ing  conditions.  The  ground-test  of  the  engine  with  f first,  rear-body 
and  flight  instrumentation  permits  not  only  knowledge  of  t!ie  reference  generating  conditions,  but  also 
of  the  thrust  and  flow-rate.  In  bringing  toyeti.ei'  these  elements  ar.u  the  nor.r.le  coefficients  obtained 
during  model  tests,  one  can  determine  two  adjustment  coefficients  of  upstream  conditions,  one  relating 
to  the  grouping  (D  J  T) ,  the  other  to  the  rate  of  expansion. 


NEW  PREDICTION  TECIilgQUES  'THAT  SHOULD  PE  EMPHASISED 


5.1  United  States  (5) 

US/KASA  (5) 

Since  the  success  of  predicting  flight  depends  on  knowing  the  proper  aero-math  model  and 
determining  the  numerical  values  of  the  model's  coefficients,  the  empliasis  for  improvement  in  the 
prediction  of  flight  histories  should  be  in  the  derivation  and  validation  of  proper  aero-mat!,  models 
and  the  means  to  determine  the  appropriate  coefficients. 


US/AFFTC  (5) 

Computational  aerodynamics  offers  a  potentially  powerful  tool  to  fill  tiie  gap  between  windtwmels 
and  the  flight  environment.  It  could  eventually  replace  all  but  very  basic  windtunncl  testing'.  It 
currently  requires  extensive  computer  capacity,  thus  high  cost  ir.  today's  environment.  Computational 
aero  is  relatively  unproven  and  will  require  parallel,  alternate  predictions  until  well  established. 

US/HA TC  (5) 

The  integrated  system  identification  approach,  as  discussed  in  the  Response  US/NATC  (l),  should  be 
emphasised. 

US/HAVAlk  (5) 

No  new  techniques  tliat  would  enhance  the  accuracy  of  the  prediction  processes  are  known. 
Development  and  improvement  of  existing  techniques  through  predictions  versus  flight  comparisons ,  as 
discussed  wider  Response  US/HAVAIK  (4),  should  be  emphasised. 

US/AVRADCOH  (5) 

I’erhaps  it  is  not  clear  what  the  term  "prediction  techniques"  means  in  this  general  connotation. 

It  would  seem  tliat  a  prediction  teclmique  for  air-loads  or  aircraft  performance  is  either  purely 
analytical,  semi-empirical,  or  empirical.  These  are  the  only  categories,  unless  one  becomes  concerned 
with  the  details  of  the  mathematical  models  themselves  as  they  affect  the  computer  codes.  As  stated 
previously,  all  of  the  prediction  techniques  for  rotary-wing  aircraft  currently  used  are  at  least  semi- 
empirical.  What  is  badly  needed  is  the  development  of  reliable  and  generally  applicable  analytical 
methods  that  are  not  dependent  on  experimental  data.  A  concerted  effort  needs  to  l e  made  to  establish 
the  experimental  data  base  tliat  is  needed  in  order  to  develop  the  reliable  mathematical  models.  This 
is  particularly  evident  in  the  case  of  modelling  the  rotor  wake,  where  there  lias  i  een  a  great  deal  of 
effort  in  developing  highly  sophisticated  computer  codes  but  where  there  are  very  few  rood  experimental 
data  that  can  be  used  for  validation.  Some  of  the  new  experimental  facilities  such  as  tt.e  RSKA,  the 
40  x  80  x  120  ft  windtunnel,  and  the  anechoic  hover  test  chamber  will  le  oriented  to  this  problem. 


Efforts  should  be  made  to  incorporate  some  of  the  now  fundamental  aerodynamic  developments  into 
the  future  prediction  codes  for  rotor  airloads.  However,  these  must  le  simplified  l ocause  already  the 
rotor  computer  programs  are  very  elaborate.  While  significant  advances  liave  been  made  in  recent  yearn 
towards  understanding  and  predicting  individual  aerodynamic  events  such  as  rotor  blade  aerodynamic 
characteristics  and  aerodynamic  interference  effects,  much  of  this  new  information  lias  yet  to  le 
incorporated  into  the  large  prediction  codes  for  rotor  airloads.  Moreover,  ns  stated  previously,  the 
comprehensive  and  sophisticated  analyses  lave  generally  not  1  een  tested  rigorously  against  the  most 
complete  and  advanced  sets  of  experimental  data,  furthermore,  none  of  the  data  sets  appears  to  include 
all  of  the  information  that  would  be  needed  to  completely  validate  the  latest  global  computer  models. 
While  additional  and  more  comprehensive  data  are  needed,  we  should  also  point  out  tliat  even  the  existing 
measurements  tend  to  be  under-utilized.  With  the  increasing  complexity  in  the  computer  codes,  emphasis 
must  also  be  given  to  structuring  and  managing  these  codes  in  a  more  wiified  and  organised  maimer.  A 
current  program  sponsored  by  the  US  Army  Aviation  RflD  Command  called  Second  Generation  Comprehensive 
Helicopter  Analysis  System  (2GCJ1AS)  is  directed  to  a  concept  tliat  will  consist  of  modular  subsystems 
that  can  be  individually  modified  to  allow  new  technology  to  be  introduced  or  corrections  to  be  marie  with 
minimum  effort  and  expense.  The  greatest  limitation  to  the  current  generation  of  helicopter  airloads 
prediction  programs  seems  to  be  in  extrapolating  a  given  program  to  a  new  or  unrelated  rotor  design. 


t  «...  .  A 
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I'DAcll  Hel  (5) 

For  rotary -wing  aircraft;  tlie  prediction  of  the  rotor  wake  in  all  flight  regimes  especially  during 
non-steady  manoeuvres  should  be  emphasised.  A  reliable  math  model  would  then  allow  the  proper  inter¬ 
ference  effects  to  be  predicted.  Tlius,  improvements  in  predicting  liandling  qualities  would  allow  better 
design  prior  to  flight  evaluation.  Another  area  of  interest  is  that  of  the  tip  region  of  the  rotor  from 
a  performance  and  noise  point  of  view. 

US/Af¥AL  (5) 

As  regards  Stability  and  Control,  recommendations  are: 


-  More  Euler  code  solutions  to  reduce  the  amount  of  empiricism  ir.  some  engineering  methods . 
Missile  Datcom  will  be  a  new  tool  that  should  be  of  come  value. 

-  A  fast,  efficient,  interactive  panel-type  aerodynamic  prediction  program  that  will  predict  a 
complete  set  of  stability  and  control  parameters. 

For  Handling  Qualities  we  would  recommend  our  current  specification,  KIL-F-S7S5C.  be  are  working 
on  a  complete  review  and  a  're-do',  and  shortly  will  be  recommending  that ,  sec  Fort  V.'orti.  paper  !.y 
Noorhouse  and  Woodcock. 


Also  require  emphasis  on. 

-  Analysis  of  digital  effects  (w* domain  analysis). 

-  Flying  quality  criteria  for  higher  order  systems. 

-  Atmospheric  effects  models  (turbulence,  wind  shear,  wake,  etc). 

-  Non-linear  modelling. 

5.2  United  Kingdom 


For  Propulsion/Performance  predictions  there  is  a  need  for  implementation  of  new  CFH  techniques 
for  easier  and  therefore  more  frequent  use  by  the  engineer.  Also  more  use  of  high-response  pressure 
instrumentation  in  windtunnel  and  flight  testing  to  monitor  for  buffet,  bur.::,  vi!  ration,  intake  flow 
distortion,  at  least  to  provide  figure  of  merit  if  not  absolute  measurements. 

S&C/Dynamics  need  in  particular  better  treatment  of  unsteady  transonic  aerodynamics  using  semi- 
empirical  techniques,  and  of  high  angle-of-attack  aerodynamics  prolally  !y  increasing  use  of  free- 
flight  models. 

Store-release  predictions  require: 

-  Incorporation  of  non-linear  effects  and  the  effects  of  viscosity  in  theoretical  methods  so 
that  they  can  be  used  with  more  confidence  in  a  typical  store  release  environment. 

-  Development  of  supersonic  and  transonic  theoretical  methods  for  off-lody  flow-field  predictions 
and  mutual  interference  effects. 

-  Development  of  windtunnel  teclmiques  for  accurate  and  repeatable  jettison  testing  and  simulated 
gravity. 

-  Development  of  in-flight  trajectory  recording  to  increase  accuracy  ar.d  allow  real-time  tr:c.cfcr 
of  the  recorded  trajectory  to  the  ground. 

-  Development  of  fast,  accurate  trajectory  analysis  to  complement  real-time  transfer  of  recording 
and  allow  the  possibility  of  multiple  releases  in  one  flight  with  clearance  for  envelope  expansion 
between  releases. 

UK/KAE  (5) 

As  regards  the  prediction  of  flight  dynamics  characteristics,  the  new  higher  standards  of  He  now 
available  in  windtunnels  should  be  used  for  stability  and  control  measurements,  particularly  to  predict 
the  boundaries  at  high  angles- of-attack.  The  use  of  dynamic  rigs  for  directive  measurements  should  be 
extended  into  these  high  Re  tunnels  and  free-flight  models  which  employ  active  control  systems  should 
be  used  wherever  possible  to  take  ttie  prediction  process  further.  This  is  particularly  important  for 
projects  having  relaxed  levels  of  static  stability  which  rely  on  the  design  of  such  systems  critically. 

5.3  Netherlands 

IJE/Fokker  (5) 


Possibly  a  more  intensive  use  of  dynamic  rif;c  with  larre  models  in  windtunnels. 

Perform  much  more  repeat  runs  in  windtunnel  tests  on  a  routine  l as is  in  order  to  introduce  an 
element  of  statistics  into  the  test  data. 
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HE/ttLK  (5) 

The  emphasis  should  be  towards  the  improvement  of  mathematical  modelling  through  letter  physical 
understanding  -  supported  by  specially-designed  experiments.  Quote  also  J.  D.  Whitfield  (AIAA-paper 
81-2474):  "However,  careful  studies  of  Reynolds  number  trends,  wall  temperature  effects,  Mach  number 
trends,  configuration  clianges  and  turbulent  effects  are  not  as  common  today  as  they  were  years  ago. 

This  could  be  dangerous  for  future  systems  tliat  require  fundamental  knowledge  in  the  development  cycle". 

We  are  heading  for  more  integration.,  not  only  of  basic  experimental  and  computational  aerodynamics 
but  also  of  the  analyses  of  windtunnel  and  flight  test  results.  An  effort  should  be  made  to  close  the 
present  gap  between  flight  test  evaluation  and  analysis  of  windtunnel  data. 

5.4  Italy 

IT/AEKIT  (5) 

Host  of  the  remarks  made  in  respect  of  "Methods  of  reducing  differences  between  prediction  and 
flight  test  results"  inherently  imply  which  new  prediction  teclmiques  should  be  empliasised. 


IT/MdD  (5) 

The  areas  to  be  emphasised  are: 

-  The  non-linear  optimisation  teclmiques. 

-  Any  fast  and  correct  computer  simulation  technique  of  aircraft  kinematics  and  dynamics,  with 
special  reference  to  the  non-linear  range  of  the  aircraft  'as  a  whole*. 

Special  mention  is  made  of  a  'Real-Time  Flight  Dynamic  Simulator'  envisaged  in  the  context  of  the 
AGUSTA  helicopter  programme,  to  be  utilised  in  both  the  design-development  pliase  and  the  operational- 
development  phase  of  a  prototype. 

5*5  Germany  (5) 

GE/DFVLR  (5) 

Absolutely  new  prediction  techniques  cannot  be  empliasised.  The  experimental  techniques  can  be 
improved  by  fully  using  the  application  potential  of  modern  micro-digital  electronics  and  instrumentation. 

5.C  France 

FK/SI1IAS.M  (5) 

We  believe  that  an  important  effort  should  be  made  to  develop  the  tools  of  statistical  treatment 
for  measurements  effected  in  flight.  This  can  take  place  through  establishing  data  banks  which  will 
permit  a  systematic  exploitation  of  all  the  existing  test  results,  results  which  up  till  now  remain 
under  utilised,  in  the  absence  of  use  of  an  adequate  system  of  information  acquisition,  of  data 
management,  and  of  treatment  of  the  appropriate  parameters.  As  regards  the  exploitation  of  tests  on 
flying  qualities  (where  much  remains  to  be  done),  it  would  be  necessary  to  develop  the  application  of 
modern  techniques  of  parametric  identification  to  the  determination  of  the  aerodynamic  characteristics 
of  helicopters  (obtainnent  of  stability  coefficients) . 

These  analysis  tools  are  cruelly  absent  for  the  stage  of  aircraft  development  and  would  be 
particularly  useful  for  refining  simulation  models.  Finally,  it  is  undeniable  tliat  an  important 
theoretical  effort  remains  to  be  made  in  order  to  improve  the  reliability  of  pure  analytical  models 
and  to  set  up  the  experimental  data  banks  necessary  for  the  elaboration  and  qualification  of  these 
models. 

FR/5HECMA  (5) 

The  introduction  of  heterogenity  considerations  into  the  methods  of  calculation  for  the  engine 
efflux  (gas-turbines)  should  permit  quantification  of  these  effects.  Additionally,  the  utilisation  of 
a  unique  algorithm  to  exploit  tho  results  of  theoretical  calculation,  windtunnel  test,  engine  tests, 
and  flight  tests  should  lead  to  a  reduction  of  prediction  errors. 

PART  C  -  EXTRACT  FROM  HOUHD  TABLE  DISCUSSION 
1.  LIST  OF  ROUI ID-TABLE  COhTHlBU'TIOHS 


The  final  half-any  session  of  the  FMP  Symposium  began  with  a  40-minute  survey  of  the  background  and 
national  responses  to  the  FMP  Questionnaire  concerning  prediction  techniques  and  correlation  against 
aircraft  flight  results;  see  Parts  A  and  B  of  this  paper.  Prepared  overviews  were  next  given  on 
pre-selected  topics  by  the  'Round-Table'  members  in  the  order  shown  below,  and  complemented  Ir¬ 
relevant  comments  expressed  by  other  participants  (  os  also  listed). 

1.  Ph  Poisson-Quinton  (OlfERA,  Chatillon/FR)  -  'Chairman's  Introduction'  of  Round-Table 
Members  and  the  chosen  topics. 

2.  F.  N.Stoliker  (CSC,  Oxnard/US)  -  'Flight  test  technique  developments'. 
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%  X.  C^incaeukeim  MDBA,  Et  Cioud/FK)  -  ' Performance  prediction  tecljiiques'  • 

Extra  comment  by  C  de  la  Foye  I'aris/FK)  • 

4#  H.  w’unnenberr  (Dornier,  FriedrichsH-afen/FiE)  -  *  How  to  cope  with  restrictions  on  time  and 
money 1 . 


Extra  comment  by  E.  OVert  (Fokker,  Aamterdam/^) . 

5*  A.  Filisetti  (Aeritalia,  i'orino/lx)  -  ' Hew  aspects  of  structural  dec i . 

!1 

Extra  comment  by  A.  Lot:-.e  (MS-P,  Muncuen/GE) . 

6.  C.  Bore  (BAe,  Kxsigston/UK)  -  'Fluid  Dynamics  Panel  aspects'. 

7.  II  Mooij  (NLR,  Amsterdam/!-  1)  -  ' Modelling  and  measurement  in  , -round  effect  dynamics'. 

Extra  comment  by  I.  C,  Ctatler  (UBAK  11,  Ames  RC/UB) . 

3.  J.  Williams  (3U,  Bouthampton/LK)  -  'Supplementary  remarks'. 

Extra  comments  by  J.  Kenaudi  (CEV,  Breti,-ny/FK) ,  J.  W.  Britton  and  1).  0.  Matey  (RAE,  BedfordA'K) 
and  P.  G  ,  Ley land  (BAe,  Warton/b'K) . 

shortly  after  the  Round-Table  some  'Contributor's  notes'  were  received  for  the  foregoing  Items  .1, 

4,  5,  6  and  8.  Corresponding  edited  comments  could  th.erefore  b  e  added  here  as  the  followup-  Lections  .1 
to  6  respectively,  in  time  for  publication  with:  the  Symposium  Proceedings;  Section  7  relates  likewise 
to  another  written  Note  received  from  k.  K.  Lynn  (hell  lie.,  Fort  Worth/bB).  Later,  these  and  other 
expressed  views  during  the  whole  Symposium  will  be  analysed  (from  tape-recordings)  for  the  preparation 
of  the  filial  Tecimic.nl  Evaluation  Report. 

P  BLIGHT  'TEST  TECHNIQUE  DEVELOPMENTS  (F.  N.  Stoliker) 

both  Flight  and  Ground  Test  Techniques  have  certainly  chan.-ed  since  I  (FKS)  started  in  flight  test 
it:  195G.  The  standard  instruiiientation  system  at  tl.at  time  was  a  photo-panel  and  the  standard  means  of 
processing  data  was  a  slide  rule.  Correlation  of  data  just  from  flight-to-fli.-ht  '..'as  often  a  difficult 
task,  while  the  correlation  of  ground  and  flight  data  was  primarily  for  performance.  Handling  qualities 
flight-tect  results  were  largely  qualitative  and  based  heavily  on  pilot  comments.  Bystem  tests  were 
almost  totally  qualitative;  you  flow  the  system  till  it  would  not  work  and  then  tried  to  find  out  vom¬ 
it  broke  and  how  to  fix  it l 

As  this  Symposium  has  noted,  flight  and  ground  test  techniques  have  become  vastly  more  sophisticated, 
and  more  sophistication  is  coming  with  cryogenic  vsindtunnelc  and  new  computer  tecluiiques.  We  now 
perform  dynamic  manoeuvres  to  gather  performance  data,  much  more  data  is  gathered  per  flying  hour  with 
greatly  improved  instrumentation  and  systems,  and  the  data  repeatii ility  is  much  letter.  With  the 
advent  of  the  letter  instrumentation,  high  capacity  computers,  and  powerful  software  tooxs  such  as  MMLE, 
we  can  now  routinely  extract  SRC  derivatives  from  flight  tost.  T!:is  in  turn  allows  us  to  utilise 
simulators  more  confidently  and  thereby  to  support  handling  qualities  tests  in  areas  of  high  hazard. 

For  example,  in  the  F-'lG  high  angle-of-attack  tests,  ti.e  simulator  was  updated  with  flight  tost 
derivatives  on  an  almost  daily  basis  to  ensure  the  best  match  between  flight  and  simulator.  Test 
pilots  would  then  spend  as  much  as  four  hours  in  the  simulator  to  prepare  for  a  one-hour  flight. 

Bince  the  mid-60's,  there  lias  been  an  immense  increase  in  the  on-ioaru  avionics  capability  that  is 
combined  with  a  computer.  Of  course,  this  can  lead  to  large  amounts  of  on-l  oard  software  tint  must  i  c 
evaluated,  often  under  adverse?  conditions.  Avionics  simulators  arc  in  use  or  under  construction  in 
several  A  GARB  countries  to  improve  test  capability.  Overall,  fii.-ht-test  engineers  are  nowadays  much 
better  prepared  for  avionics  and  computer  applications,  while  data  reduction  is  n.-w  often  possible  at 
the  flight-test  centre  itself  and  even  in  real  flight  time  -  at  least  for  programme  ruidonce. 

Unfortunately,  as  H  Wood  pointed  out,  more  sophist: cate-1  ground  and  flight  test  tccijiiques  have 
not  necessarily  improved  our  prediction  capal  ilities  even  for  up-and-away  flight.  In  part,  poor- 
correlation  of  predicted  data  to  flight  test  data  can  result  from  the  various  data  evaluators  not 
properly  knowing  all  the  assumptions  made  iv  another  in  preparing  data  for  presentation.  Additionally, 
in  areas  where  pilot  technique  is  a  large  factor  in  determining  aircraft  ability,  prediction  becomes 
iocs  certain.  For  example,  1(  Wood  lias  mentioned  that  with,  a  recent  attack  aircraft  a  10!>  increase 
in  take-off  roll  could  result  if  the  pilot  over-rotated  ly  1°  rather  than  being  able  to  rotate  precisely 
to  10  pitch  attitude. 

Capabilities  for  obtaining  ground  and  flight  test  data  ixxve  certainly  improved  dramatically  in 
the  pact  ti.irty  years.  In  some  cases  predicted  and  flight  data  have  been  shown  to  match  very  well. 

In  other  cases  there  is  still  room  for  improvement,  some  of  which  hopefully  can  come  from  the  discussions 
at  thin  meeting  and  similar  future  meetings. 

HOW  10  COLE  WITH  RESTRICTIONS  QN  TIME  AND  HONEY  (11.  Wunnenberg) 

This  question  will  be  discussed  in  the  following  from  the  manufacturers  point  of  view,  '.-."nat  are 
the  main  tasks  a  manufacturer  has  to  fulfill  concerning  aerodynamic  -lata  within  the  development  pljxso 
of  a  new  aircraft  project. 


To  got  all  necessary  i  erforcance  Data  to  ie  ai  le  to  ,-uarantee  the  required  i  erformaj.ee  values 
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To  ret  all  necessary  stability  and  control  coefficients  arid  derivatives  to  be  able  to  design 
the  control  system,  define  the  trim  and  control  effectiveness,  and  with  that  fulfill  the  required  HQ 
Criteria  or  Specifications, 

The  required  accuracy  of  the  Performance  Data  depends  on  the  allowed  scatter  range,  plus  and  ::.inu: 
values,  which  may  be  part  of  the  contract.  Hie  required  accuracy  of  the  stability  and  control  data 
may  depend  on  the  flexibility  of  the  design  to  chanj-ec  during  the  flight  tests  or  due  to  the  insensi¬ 
tivity  of  the  Stability  System  Design. 

To  illustrate  this  a  little  bit,  the  design  procedure  for  a  simpler  aircraft  project  for  which  the 
time  scale  for  the  development  and  the  budget  to  be  spent  is  limited,  is  discussed  roughly: 

-  Fast  evaluation  of  a  first  set  of  performance  data  without  HQ  constraints  by  Handbook  Methods 
and  Sizing  Computer  Programs  based  on  own  experience  and  available  knowledge  to  define  a  first  low- 
speed  WT  Model. 

-  Low  Speed  WT  Tests  to  update  the  data*  Checking  of  ti.e  performance  and  evaluating  the  HQ 
problem  areas. 

-  Revised  aircraft  configuration  ana  definition  of  a  high-speed  WT  Model.  In  this  phase  already 
the  project  office  will  try  to  mainly  freeze  the  aircraft  geometry  for  starting  the  structure  desL  n. 

-  High  Speed  and  engine  interference  tests  and  parallel  theoretical  calculations  to  define  problem 
areas  and  possible  solutions  in  the  non-linear  high.  angle-of-attack.  and  the  transonic  flight  regime. 

-  Hie  geometry  will  be  frozen  during  this  phase  with  minor  changes  open  to  improve  further 
problems. 

-  Repetition  or  additional  'WT  tests  if  necessary,  eg  high  Re-number  tests. 

-  Data  collection  and  basic  definition  of  Performance  and  Handling  Qualities  before  the  first 
flight • 

'Hie  procedure  leads  to  an  extreme  pressure  on  the  aerodynamic  design  engineer  to  find  a  proper 
configuration  as  early  as  possible  with  usually  a  fixed  amount  of  money  to  be  spent  within  this 
process.  Hie  prediction  methods  to  be  used  liave  to  be  selected  therefore  according  to  the  answers  of 
the  following  questions: 

-  Wliat  is  the  amount  of  time  for  preparation,  and  how  accurate  the  geometry  and  overall 
definition  lias  to  be  for  a  successful  use  of  the  different  prediction  methods? 

-  Is  the  information  and  its  accuracy  level  worth  the  amount  of  time  and  money  to  be  spent  on 

them? 

-  Does  the  accuracy  level  of  the  prediction  methods  for  the  requested  Performance  and  Handling 
Cl uxract eristics  correspond  to  the  accuracy  of  the  flight  test  equipment. 

In  answering  these  questions  the  following  requirements  for  further  improvements  of  the  presented 
state  of  the  art  in  numerical  methods,  WT  test  techniques  and  Flight  test  techniques  can  be  given. 

-  Further  improvements  of  the  Handbook  methods  as  DATCOM,  DATA  Sheets,  EHDU  ...  and  its  computerized 
versions,  for  more  precise  definition  of  a  reasonable  first  conf iguration  based  on  the  given  geometry. 

-  Improvements  of  the  numerical  methods  to  solve  the  Navier-Stokes  equations  for  high  angles-cf- 
attack  and  the  transonic  Potential/Euler  equation  at  lower  data  preparing  and computer  cost  for  a  fas’; 
and  precise  finding  of  the  problem  areas  and  its  possible  solutions. 

-  Improvements  of  the  WT  techniques  in  respect  to  WT  error  reduction,  interference  effects  of  the 
propulsion  system,  faster  data  reduction  and  data  plotting. 

-  More  comparison  between  prediction  and  flight  test  results. 

-  Further  improvements  of  the  F'arametric  Identification  Methods  and  perhaps  a  standardisation  of 
the  adequate  accuracy  of  the  flight  test  equipment  in  relation  to  the  WT  accuracy.  Maybe  the  latter 
could  be  a  task  for  AC1ARD. 

4-  HEW  ASPECTS  OF  STRUCTURAL  DESIGN  (A.  Filisetti) 

Trying  to  summarize  the  results  of  the  Session  IV  on ‘Structure  Design  anc;  Test',  we  can  stress 
the  following  points: 

-  There  is  the  capability  to  develop  an  aircraft  to  the  limits  of  its  true  envelope  with  no 
margins  left  and  no  associated  costs. 

This  is  accomplished  through  a  process  of  theoretical  prediction,  ground  tests  (W/T  ■*  static  tests 
+  URT  +  load  calibration)  and  flight  tests. 

-  Such  a  process  is  based  on  the  common  reference  of  mathenat ical  models,  used  from,  prediction 
up  to  extrapolation  of  flight  test  results.  These  models  are  updated  i  y  matching  the  experimental 
results.  Static  and  dynamic  loads,  flutter  and  stresses  can  follow  this  technique.  A  clear  example 
lias  been  given  for  rapid  rolling  testing  in  flight,  where  interpretation  of  the  previous  results  is  'one 
by  matching  the  mathematical  model  with  them,  to  enable  the  sul  sequent  flight  test  predictions. 

The  prediction  capabilitv  of  the  aeroelactic  stability  of  a  tilt-rotor  aircraft  is  encouraging. 


Major  shortcomings  which  appear  in  the  state  of  the  art  may  be  recalled  as. 

-  Door  reliability  in  prediction  of  structural  loads  in  transonic  region,  owing  to  Reynolds 
effects  and  structural  deformations. 

-  Difficulty  in  flutter  analysis  to  account  for  non-linearities  loti,  structural  (friction, 
free-play),  and  aerodynamics  (M  and  nr  effects). 
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-  Interpretation  of  flutter  flight-test  results  in  critical  conditions. 

-  Not  achievement  of  a  satisfactory  integration  in  the  flutter  theoretical  analysis  of  the  control 
system  characteristics. 

-  Obvious  consideration  for  the  future  is  to  propose  improvement  of  the  lad  things  tij-ougi.  improved 
analysis  and  test  methods,  taking  advantage  of  the  present  and  future-generation  electronic-computer 
capabilities;  in  any  case  engineering  judgement  will  be  always  a  iasic  requirement. 

but  future  operational  requirement;  for  military  aircraft  and  the  technological  advances  will 
demand  the  design  of  the  new  weapon  systems  by  an  integrated  view,  as  illustrated  by  the  following 
examples : 


-  The  speed  and  manoeuvre  performance  of  an  interceptor  and  the  radar  detection  performance  must 

be  defined  in  connection  with  the  range  capabilities  of  the  5K  missiles  to  maximize  combat  effectiveness. 

-  The  Fire  and  the  Propulsion  control  systems  will  be  integrated  in  the  Flight  Co:  rol  System  to 
improve  survivability  and  reduce  pilot  workload. 

-  Active  Control  Teclmology  will  alleviate  the  conventional  requirements  for  aerodynamics  design 
(relaxed  stability)  and  structural  design  (load  alleviation,  flutter  suppression,  etc)  to  reduce  weight 
and  cost  o'  the  aircraft. 

Cross  feeding  of  the  new  technologies  is  in  fact  an  outstanding  way’  to  improve  coct/effecti veness. 

Having  set  the  general  requirements,  the  structural  design  of  a  new  aircraft  must  follow  an  automatic 
iteration  process  ori  the  computer,  following  the  subsequent  steps;  load  analysis,  stressing,  weight 
and  stiffness  computation,  aeroelastic  deformations,  aeroelastic  loads;  and  with  the  constraints  of 
flutter  and  static  aeroelastic  requirements.  Here  the  problem  is  now  stressed  by  the  fact  that  we  have 
to  cope  with  a  new  kind  of  structures,  made  of  advanced  composite  materials.  We  all  know  that  we  are 
living  through  a  technological  jump  in  the  structural  design  and  manufacturing,  paramount  for  the 
aeronautical  future . 

The  new  composite  structures  are  cliaracterized  by  high  specific  resistant  anisotropic  material, 
able  to  be  tailored  to  the  load  path,  with  potential  saving  in  weight  and  cost  of  about  25  to  h . 

The  allowable  may  be  of  the  order  of  the  best  aluminium  alloys,  but  with  specific  weight  remarkably 
lower.  The  design  criteria  must  really  take  into  account  at  first  the  manufacturing  techniques,  the 
possibility  to  qualify  hybrid  structures,  the  non-destructive  tests  methods,  the  known  allowable 
defined  by  the  non-linearity  of  the  strain  versus  stress  and  by  the  hot  and  we  l  conditions,  which  could 
be  quite  severe  in  a  supersonic  combat  aircraft.  There  is  plenty  of  work  to  be  done  in  order  to 
effectively  exploit  the  new  material  and  part  of  tliat  could  be  solved  ly  a  structural  opt ini nation 
process.  A  more  detailed  presentation  of  an  optimization  programme  can  now  le  giver,  by  Mr  Albert  Letre. 

5.  FLUID  DYNAMICS  PANEL  ASPECTS  (C.  L.  Bore) 

5.1  Introduction 


What  excuse  do  I  (CLB)  have  for  being  here?  I  am  an  interloper  -  a  meml  er  of  the  Fluid  Dy.’iamJcs 
Panel  -  sent  to  ensure  fair  play  for  fluid  dynamics  interests  -  but  as  usual  I  will  discuss  whatever 
I  fancy*.  What  have  we  learnt  from  30  or  so  papers  by  experts  from  all  over  IJA3DV  Quite  a  lot:  so 
much  that  I  need  some  way'  of  putting  the  many  different  points  into  some  older.  I  will  try'  to  set  up 
a  framework  appropriate  for  aircraft  designers,  rather  tlizui  specialists.  Let  un  consider  the  aircraft 
design  background  for  a  minute. 

The  cost  of  every*  new  design  tends  to  double  (after  allowing  for  inflation)  relative  to  the  previous 
one,  and  the  time  intervals  are  lengthening.  Civil  airlines  are  losing  money,  and  governments  arc 
reluctant  to  pour  much  money  into  new  military  aircraft,  or  tiie  Ur*I>  necessary'.  So  our  most  basic 
objective  is  to  provide  more  value  for  money  in  future  aircraft.  That,  I  believe,  is  the  ’’name  of  the 
game".  Civil  aircraft  fly  for  so  long  every  year  tliat  fuel  consumption  and  maintenance  costs  arc 
dominant.  So  we  have  strong  incentives  to  reduce  drag  and  to  reduce  fat  true  loading  actions,  and  to 
increase  confidence  in  performance  estimates. 

Military  aircraft,  however,  fly  perhaps  only  about  1/10  as  long  each  year  as  the  civil  machines, 
and  therefore  fuel  consumption  affects  costs  less.  Even  the  cost  of  buying  the  aircraft  amounts  to  only 
perhaps  20#  of  the  lifetime  cost  of  on  airforce  -  so  our  scope  for  giving  better  value  for  money  lies 
far  more  in  increasing  the  value  (or  effectiveness)  of  the  airforce  than  in  reducing  the  costs.  Thus 
a  25#  increase  in  effectiveness  gives  just  as  much  improvement  in  effectiveness/cost  as  giving  the 
aircraft  to  the  airforce  free.  Now  the  military  value  or  effectiveness  is  proportional  to  a  number  of 
factors,  related  to:  load  transport  capability;  accuracy  of  delivery;  and  availability  (including 
all-weathers,  the  availability  of  take-off  pads  after  runway  denial  weapons  have  been  used,  and 
vulnerability  on  the  ground  and  in  air).  All  these  capabilities  are  competitive,  so  they  have  to  be 
assessed  in  relation  to  the  capabilities  of  the  enemy,  or  perhaps  an  allied  competitor.  Our  risks 
include  not  only  the  uncertainties  of  the  enemy  (in  10  years  time)  but  also  our  own  uncertainties 
about  the  precise  capabilities  we  will  actually  deliver. 

In  our  present  context,  we  can  pick  out  some  areas  where  there  is  still  room  for  improvement, 
namely:  1 

-  High  I/D,  better  engine  sfc  and  lower  weight  of  aircraft  are  always  welcome. 

-  For  military  aircraft,  better  controllability,  more  accurate  weapon  delivery  and  more  agility 
are  primary  aims.  Here,  buffet  and  post-stall  behaviour  enters. 

-  For  all  aircraft,  better  knowledge  of  loading  actions,  closer  prediction  of  performance  and  more 
reliable  aeroelastic  calculations;  all  add  up  to  fewer  mistakes.  In  this  group,  fatigue  loading  actions 
are  important  (and  I  do  not  believe  we  yet  have  full  confidence  on  the  relationship  between  load  spectra 
and  service  endurance  of  structures  of  all  kinds). 


Wliat  we  have  learnt  here 
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'..'ind  tunnel 


Hie  windtunnel  data  production  rate  lias  gone  up  by  a  factor  of  10  in  10  years,  and  windtunnel 
repeatability  is  better.  Optimisation  of  configurations  in  the  windtunnel  lias  been  demonstrated. 

Reynolds  number  uncertainties  are  being  reduced  with  great  determination,  by  means  of  high  Reynolds 
number  wind tunnels,  and  improved  understanding  of  boundary  layers.  We  know  adapt able-wall  windtunnelc 
are  being  developed.  Turbine  power  units  for  windtunnel  models  are  in  regular  use. 

BUT  I  have  some  reservations:  firstly  the  high  Reynolds  windtunnels  will  not  be  magic  - 
especially  the  cryogenic  windtunnelc.  There  will  be  problems  to  solve:  involving  the  effects  on 
boundary  layer  of  heat  transfer,  aircraft  waviness  and  skin  joints,  and  excrescences.  Support  inter¬ 
ferences  will  not  disappear.  Hie  models  will  be  expensive,  and  will  take  a  long  time  to  make  and  to 
alter.  I  have  high  hopes  of  adaptable  wall  windtunnels,  when  they  come  into  regular  use.  We  should 
hear  a  good  deal  more  about  all  this  in  next  year's  FDP  Symposium  on  Windtunnels  and  Testing  Techniques' 
t  be  held  at  CESME  (Turkey)  26-29  September  19^3. 

Computers 

We  all  know  how  these  are  making  enormous  advances  -  invading  windtunnels,  design  itself  (tlirough 
optimisation  and  CAD),  and  the  cockpit  itself  (through  active  control).  More  and  more  of  the  design 
process  -  and  eventually  the  flight  operations  -  will  integrate  computers.  Here  it  is  worth  looking 
again  at  Rubbert's  diagram  (Taper  No  1).  But,  for  a  long  time  to  come,  the  engineer  will  have  to  be 
vigilant  to  watch  out  for  all  the  things  tiiat  can  cause  trouble  ar.d  yet  are  not  yet  computable.  For 
example,  many  sorts  of  flow  separations,  buffet,  shockwaves,  gross  separations  such  as  occur  in  the 
narrow  spaces  near  close-spaced  stores,  or  those  that  attend  military  stores  attaining  hip!:  incidences 
when  released. 

Remotely  Piloted  Research  Vehicles 

It  is  interesting  to  find  positive  discussions  of  remotely  piloted  research  aircraft,  to 
investigate  problems  not  adequately  addressed  by  windtunnel,  or  computer,  or  flight  or.  full-scale 
aircraft.  Hiey  are  clear  of  support  interferences  and  wall  constraints,  and  they  can  undertake  researches 
which  might  take  far  too  long  on  a  piloted  aircraft,  and  some  researches  which  might  be  hazardous  - 
such  as  flight  buffet  or  flutter  work.  If  these  can  be  made  much  quicker  and  less  expensive,  they  seem 
likely  to  come  into  more  general  use. 

5.3  Miscellaneous  Points 

Handbook/Chart  Production 

Despite  all  the  progress  made  on  major  new  techniques,  like  computer  programs  ar.d  major  windtunnels, 
there  remains  a  need  to  present  concise  concentrated  data  -  such  as  design  charts  and  tables  and  hand¬ 
books  -  to  guide  the  early  stages  of  designs  and  to  help  access  the  effects  of  proposed  variations  in 
design.  Here  the  ESDU  is  a  valuable  example,  and  some  of  the  AGARD  Working  Groups  also  play  a  useful 
role. 

Buffet  and  Wing  Rock 

Despite  extra  glimmerings  of  understanding  on  buffet,  I  suspect  we  have  a  long  way  to  go  before 
we  can  predict  the  magnitudes  to  be  expected  in  flight  with  full  understanding.  Indeed,  other  post¬ 
stall  behaviours  remain  to  be  understood  thoroughly. 

1 

Spin 

We  have  heard  interesting  observations  on  spin  recovery  -  but  I  wonder  why  so  little  is  said  of 
spin  prevention?  In  the  design  of  the  Harrier  wing,  I  went  to  a  lot  of  care  to  ensure  tnat  the  spread 
of  boundary  layer  separation  across  the  wings  was  slow,  and  was  the  same  on  both  wings.  This  was  to 

avoid  the  phenomenon  of  wine  rock  (in  our  case  this  was  an  unsteady  aerodynamic  forcing  motion)  and 

was  achieved  by  a  carefully  evaluated  set  of  leading-edge  wine  fences,  sawteeth  and  vortex  generators* 

However,  the  flow  remains  symmetrical  to  high  incidence  -  so  much  so  that  one  can  only  spin  the  Harrier 
deliberately,  by  pitching  up  rapidly  to  30  or  more  and  putting  on  full  pro-spin  controls.  It  then 

spins  gently,  and  comes  out  immediately  on  centring  the  controls.  So  I  ask  again:  why  accept  spin? 

Why  not  make  the  flow  stay  symmetrical? 

Store  Release 


Finally,  you  will  expect  me  to  comment  on  store  release.  After  all,  for  military  aircraft, 
accurate  delivery  is  the  whole  aim  of  the  airforce.  There  is  no  point  in  liavinr  aircraft  which  manoeuvre 
marvellously  all  the  way  to  the  target  and  then  spew  their  weapons  in  a  wide  scatter  (or  damage  the 
parent  aircraft  on  releasing  stores).  Progress  lias  been  made,  of  course,  1  ut  this  is  a  very  big 
subject,  on  which  I  have  been  trying  to  get  on  FDP  symposium  to  itself  -  if  only  I  can  persuade  the 
smaller  HA TO  countries  without  military  aircraft  industries  to  support  this  sul  ject  of  sue),  practical 
importance. 


24-27 


6.  suitijimentary  HtmuKD  (j„  williams) 

In  advance  of  the  Technical  Evaluation  Report,  I  will  add  only  t}.ree  major  comments  of  personal 
concern  from  tr.y  synthesis  presented  earlier. 

1.  The  individual  prediction  tools  available  (Figure  A.l)  must  be  continually  revised,  and 
employed  as  complementary  tecliniques  towards  minimisation  of  overall  flight  prediction  errors.  As 
part  of  this  continual  process,  it  is  nevertheless  revealing  to  analyse  and  assess  the  relative 
advantages  and  disadvantages  (merits  and  demerits)  of  the  individual  prediction  tools  and  of  their 
cost-effective  bias  in  combination. 

2.  Wider  appreciation  and  use  must  now  be  made  of  parametric  identification  techniques  for  data 
analysis  in  windtunnels  as  well  as  in  flight.  At  the  same  time  we  met  continue  to  improve  our 
physical  understanding,  as  a  sound  basis  for  theoretical  framworks  and  calculations,  even  to  the  extent 
of  testing  special  experimental  and  mathematical  models  for  this  purpose.  Moreover,  particularly  in 
flight,  we  need  better  information  as  to  detailed  airframe  ar.d  propulsor  bei-aviour  under  flight  load 
conditions#  For  reliable  comparisons ,  a  realistic  framework  for  modelling  the  specific  aircraft  in 
flight  is  essential. 

3#  There  is  a  regrettable  absence  here  of  any  paper  or.  the  implication  of  lower  noise 
requirements/prediction  as  regards  aircraft  performance  and  design  considerations,  including  both 
aeroplanes  and  helicopters.  Externally  propagated  noise  can  cause  not  only  civil  annoyance  at  ground 
level,  but  can  also  promote  the  military  risks  of  early  acoustic  detection  -  particularly  if  the  radar/ 
infra-red/vi cual  signatures  have  been  reduced  already.  Internal  noise  and  high-frequency  vibration 
is  important  in  both  civil  and  military  operations  from  ride-comfort  and  communication  aspects,  while 
also  affecting  flight  operational  effectiveness  in  respect  of  aircraft  combat  and  weapon  delivery. 

Indeed  aircraft  noise/vibration  now  presents  an  inherent  prediction  problem  in  aircraft  flight 
performance  and  dynamics* 

7  .  A  HELICOPTER  RESEARCH  ENGINEERING  VIEWPOINT  (R.  R.  Eynn) 

Although  a  variety  of  interesting  and  informative  topics  have  been  covered:  here  by  woli -prepared 
papers,  there  has  been  no  hard  look  as  to  how  we  really  stand  in  our  ability  to  calculate  performance, 
stability',  structural  loading,  and  the  host  of  other  parameters  involved  in  de\ eloping  new  aircraft 
and  weapon  systems;  this  is  time  irrespective  of  aircraft  type.  Consequently,  we  may  have  painted  d.n 
aura  of  capability  tliat  is  incorrect,  leading  our  governments  to  expect  system  developments  to  go 
exactly  as  predicted,  and  thus  exposing  ourselves  to  unmerciful  castigation  when  we  carry  out  ti.e  normal 
development  activities  associated  with  problems  which  are  expected  in  all  programmes. 

Here  are  some  examples  of  where  I  (RKL)  believe  the  helicopter  industry  stands  in  respect  of  test 
correlations  with  prediction. 

-  Hovering  out  of  Ground  Effect ;  _T3ft  gross  weight  based  on  engine  limit. 

-  OEI  Service  Ceiling:  Minimum  power  requirement  +6ft  (lil  )  •  Service  ceiling  +2 3ft  (ft). 

-  Vmax .  . 

-  Noise:  Flyover  4ldb.  Approach  ji^db.  Take-off  +pdb*  The  last  two  totally  empirical. 

-  Oscillatory  loads  at  Vmax! iTediction  area  is  about  30ft  at  design  stage.  Usually  underpredict 
blade  inplane  loads.  Hie  area  is  reduced  to  about  10ft  when  prediction  is  made  of  changes  from  a  baseline 
blade. 


-  Maximum  Vibration  Level:  With  a  good  model,  about  30ft  to  5 Oft.  Using  full-scale  shake  tests 
for  modifications,  about  30ft. 

-  Aeroelastic  Stability:  Damping  predictions  are  within  about  1ft  of  critical.  For  air  and  ground 
resonance,  predicted  damping  is  about  1ft  conservative  at  the  least  damped  condition. 

-  HAS  TRAN  Analysis  (simple,  tailboom):  About  3ft  error  in  frequencies  for  low  frequency  modes. 
Frequency  range  of  6  to  20  Hz  -  error  about  8ft.  Higher  frequency  modes  vary  depending  on  representation 
of  damping  and  input  force. 

-  Handling  Qualities:  Flight  mode  stability,  very  poor  correlation  due  to  rotor  fuselage 
interference  effects  and  pylon  control  system  coupling. 

-  Engine  Compressor  Stall  -  Altitude  effects,  trend  data  only.  Rearward  flight,  no  analytical 
techniques  available. 

Overall,  if  we  ore  faced  with  having  to  carry  out  such  predictions  for  a  new  vehicle,  then  an 
understanding  of  where  we  are  analytically  is  essential.  This  subject  should  have  been  debated  much 
more  at  the  meeting. 
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of  the  whole  Symposium. 
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